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INVESTIGATION OF WING CHARACTERISTICS AT
A MACH NUMBER OF 1.53. I — TRIANGULAR
WINGS OF ASPECT RATIO 2

By Walter G. Vincenti, Jack N. Nielsen,
and Frederick H. Matteson

SUMMARY

As part of a general study of wing characteristics at supersonic
speed, wind—tunnel tests were conducted of three sharp-edge wing
models having a thickness ratio of 5 percent and a common triangular
plan form of aspect ratio 2. The models were designed to study the
eftects of variation in thickness distribution and camber with the
apex of the plan form both leading and trailing. Measurements were
made of Llift, drag, and pitching moment at a Mach number of 1.53
and a Reynolds number of 0.75 million. The experimental techniques
are described and the measured data compared with the calculated
results of the inviscid, linear theory.

The experimental 1ift and moment curves were found to conform
essentially with the superposition principle of the linear theory.
The lift—curve slopes for the swept-back and swept—forward winge (apex
leading and trailing, respectively) agreed with each other and with
the common theoretical value within an over—all range of about
10 percent. For the swept-—back triangles, the moment—curve slopes
(as referred to the centroid of plan-form area) were essentially zero
as glven by theory; for the swept—forward triangles, the experimental
slopes indicated positions of the aerodynamic center noticeably
forward of that predicted by the linear theory. For the cambered
wings, the experimental values of the angle and moment at zero 1ift,
the camputation of which was not attempted, were seen to be in quali-

;:tﬁ: accord with what 1s known of the general nature of the flow
e, ™

Displacement of the maximum thickness for the swept—back
triangles forward from the 50-percent to the 20-percent chordwise
station did not reduce the measured minimum total drag in the way
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that theoretical considerations of the pressure drag alone predict.
Supplementary liquid—film tests indicated that this condition was
the result of changes in the extent of turbulent flow in the
boundary layer. For a given wing model the measured minimm drag
was found to be essentially independent of the direction of sweep.

Rounding the leading edge of the swepi—back wing with maximum
thickness at 20-percent chord reduced the drag due to angle of
attack by a small amount and correspondingly increased the maximum
lift—-drag ratio, demonstrating the possibility of aerodynamic gains
from the leading-edge suction predicted by theory.

INTRODUCTION

The problem of the finite—span wing at supersonic speeds is
currently the subject of study by numerous investigators. At the
present time, methods for the theoretical treatment of the problem
have been firmly established and are receiving increasing applica—
tion in design. Experimental investigation is, however, at a
relatively undeveloped stage. To aid in this development an experi-
mental study has been made at supersonic speed of approximately 30
wings of varying plan form and section. The present paper, which is
concerned primarily with the effects of section variation for wings
of a given triangular plan form, is the first of several papers
covering this general study. Subsequent papers will discuss the
influvence of aspect ratio, taper, and angle of sweep for a wide
range of wings. The present paper also constitutes part of a
coordinated study of triangular wings of low aspect ratio through-—
out the range of possible flight conditions (references 1, 2, and 3).

The material included in the present report is concerned with
triangular wings of aspect ratio 2, both swept back and swept
forward, at a Mach number of 1.53, a combination which places the
leading edge of the swept—back wing well within the Mach cone from
the apex. The experimental data are analyzed to check the results
of the linear inviscid theory, to determine how the predictions of
theory concerning the relative merits of wings of different section
are modified by the effects of viscosity, and to learn something

of the effects of camber. As a basis for both this and later papers,

matters of general experimentel or theoretical importance are
described in detail.

The wing of triangular plan form was chosen for the most
intensive consideration in the general supersonic study both because
of the attention such wings are receiving for practical application

and of the relative ease with which they can be analyzed theoretically.
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The triangular wing with apex leading, which for convenlence will be
called the "swept~beck triangle," has already been studiled by a
number of investigators on the basis of the linear theory, which
allows separate consideration of the effects of thickness, camber,
and angle of attack. dJones, in reference 4, has calculated the
characteristics of a flat plate of this type on the assumption of
constant pressure along radial lines passing through the apex
together with a small apex angle. It was found that the pressure
distribution over the surface shows an infinite peak at the leading
edge and that the aerodynamic center coincides with the centroid of
plan-form area. It was also found that, as a result of the leading-
edge suction assoclated with the pressure peak, the resultant force
lies halfway between the normal to the undisturbed air stream and
the normal to the surface. Certain of the results of this theory
have been checked experimentally by Ellis and Hasel as reported in
reference 5.

Jones' simple theory for the 1ift has subsequently been extended
by Stewart (reference €), on the basis of the conical-flow theory of
Busemann (reference 7), to include any apex angle contained within
the Mach cone. The 1ift distribution for this case is found to be
the same as that determined by the gimpler theory except for
multiplication by a factor which depends on the ratio of the tangent
of the wing semiapex angle to the tangent of the Mach angle. This
result has since been derived by other investigators using different
mathematical methods (references 8 and 9). The drag duve to 1lift for
the same case has been given by several authors (references 8, 10, and
11). It is found that as the semlapex angle Increases relative to
the Mach engle, the resultant force inclines progressively beck from
its previous position midway between the normals to the air stream and
the surface. When the leading edge reaches the Mach cone the
resultant coincides with the normal to the surface.

The 1ift of a swept—back triangle with leading edge ahead of
the Mach cone has been discussed by Puckett (reference 12) who
found thaet, despite its nonuniform 1ift distribution, such a wing
has the same lift—curve slope as a flat plate in two-dimensionsl
supersonic flow. As in the two—dimensional case, the resultant
force is normal to the plate.

The drag due to thickness for a swept—back triangle of uncambered
double—wedge section has been determined by Puckett (reference 12)
and by Puckett and Stewart (reference 11) for the complete range of
sweepback angles of both the leading edge and the ridge line. It 1is
found that the pressure drag coefficient of such a wing may be either
greater or less than that of a two-dimensional airfoil. If the
leading edge and the ridge line are both swept sufficiently behind
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the Mach cone, the pressure drag may be less than half the two—
dimensional value,

The triangular wing with apex trailing, which will be referred
to as the "swept—forward triangle," has received little attention
elther theoretically or experimentally. Von Kérman (reference 10)
indicates that to a first order the minimum pressure drag for an
uncambered wing of given shape is independent of the direction of
motior. Thus a swept—forward triangle should have the same minimum
pressure drag as the corresponding swept—back triangle already
considered by Puckett, The effect of camber for triangular wings
has received little attention, except for the special case of the
uniformly loaded swept—back triangle (reference 9).

SYMBOLS

b wing span

c wing chord measured in streamwise direction

_ 5 R

Cq mean asrodynamic chord (é u/ c2 db>

0

Eg meen geometric chord (S/b)

Cr wing root chord

Cp total drag coefficient

CDpg pressure drag coeflicient of flat surface due to own
pressure field

CDae pressure drag coefficlent of flat surface due to pressure
field of cambered surface

Chec pregsure drag coefficient of cambered surface due to own
pressure field

Chea. pressure drag coefficient of cambered surface due to
pressure field of flat surface

CDr friction drag coefficient

Cpy rise in drag coefficient above minimum (CD<CDpip)

Chnin minimum total drag coefficient
Cpy, pressure drag coefficient due to thickness
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Cfturb

C'f1am

]
C ' turd

Cy,

CLla=0

CLa

Clo

pt

dCr,

do
LCT,

Do

low—speed skin-friction coefficient for turbulent flow at
Reynolds number based on mean geometric chord of entire wing

low—speed skin—friction coefficient for laminar flow at Reyrolds
number based on mean geometric chord of laminar area

low—speed skin—friction coefficient for turbulent flow at Reynolds
number based on mean geometric chord of laminar area

1ift coefficient

1ift coefficient at zero angle of attack
1ift coefficient of flat lifting surface
lift coefficient for maximum lift—drag ratio

lift—curve slope (per radian unless otherwise specified)

change in 1lift coefficlent from value for minimum drag,
(CL-CLD=min)

pitching-moment coefficient ebout centroid of plan—form area
with mean aerodynamic chord as reference length

moment coefficient at zero lift

moment coefficient at zero angle of attack

moment—curve slope

maximum lift—drag ratio

ratio of tangent of wing semiapex angle to tangent of
Mach angle (fa/My3-1)

free—stream Mach number
local-static pressure
local wing loading

free—stream static pressure

pressure coefficient <?€;lﬁ2>
0
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9y free—stream dynamic pressure .
Re Reynolds number based on mean geometric chord of wing

S wing plan—form area

Siam area of laminar flow on one surface of uncambered wing at

zero angle of attack

t maximum wing thickness

x distance back from leading edge of root chord

x distance back from leading edge of root chord to aerodynamic
center

a angle of attack, radians

ar-0 angle of attack at zero lift, radians

Qg rearward inclination of force due to angle of attack on

uncambered wing, radians

k, angle ratio (ay,/a)

APPARATUS AND TEST METHODS

Wind Tunnel and Balance

The investigation was conducted in the Ames 1— by 3-foot
Supersonic Wind Tunnel No., 1, which is fitted temporarily with a
fixed nozzle designed for a Mach number of 1.5 in a l-~ by 2% —foot
test section. The tunnel, as well as the balance and other instru—
mentation, is described in detail in references 13 and 14. A cut—
away drawing of the strain—gage balance is given in figure 1. The
balance as used in the present investigation was the same as in the
tests of reference 13, except that the pitching moment was obtained
from strain—gage measurements of the bending moment in the sting
support rather than from the reactions on the main balance springs.
This bending moment, together with the 1lift as measured by the
springs, determines the pitching moment about the reference axis of
the model with greater accuracy than did the previous arrangement.

Models and Supports

A photograph of the models and the support body is given in
figure 2. The dimensions of the models and body are shown in figure 3.
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Three wing models were employed in the investigation, all having

a triangular plan form of aspect ratio 2. The airfoil sections for

all three models were of the double—wedge type with a maximum
thickness of 5 percent of the chord but with different thickness dis—
tribution and different camber. For the uncambered models (T—1 and
T2), the position of maximm thickness was located 20 and 50 percent
of the chord, respectively, from the swept edge of the triangular plan
form. Maximum thickness for model T-3 was at 50 percent of the chord,
but the airfoil was cambered such that the section profile was an
isosceles triangle.

The models and support body were designed so that a given model
could be tested either as a swept—back or swept—forward wing. The
two different wings so obtained are distinguished by adding the
prefix "SB" or "SF," respectively, to the model designation. When
considered as a swept—back triangle, the plan form has a sweep angle
of 63926' at the leading edge, which places this edge well within
the Mach cone from the apex at the test Mach number of 1.53. Wings
SBT—-1 and SBT-2 were laid out with the ridge line swept respectively
behind and ahead of the Mach cone to check Puckett's theoretical
results concerning the minimum drag of swept—back triangles. The
swept—forward wings SFI-l and SFI—2 then provide examples for
checking von Karman's theorem that the pressure drag due to thickness
for a wing or body of pointed profile is to a first order independent
of the direction of motion. Wings SBT-3 and SFT-3 afford an indica—
tion of the effects of camber for the swept—back and swept—forward

triangles.

The models were made of hardened, ground tool steel with the
leading and trailing edges maintalned sharp to less than a one—
thousandth~inch radius in most of the tests. In later tests of wing
SBT--1, the leading edge was progressively rounded in an attempt to
realize the leading—edge suction predicted by theory. In one test
the 1idge of wing SBT-1 was also rounded for a distance of 5 percent
of the chord fore and aft of the ridge to investigate the effects of
such change on the minimum drag.

The body used to support the wings consisted basically of an
oglve nose of approximately 19 caliber followed by & cylindrical
afterbody the base of which was somewhat enlarged to fit the support—
ing sting. The body was kept as small as possible consistent with
the requirements that it could be used with a wide range of plan
forms and that it would allow a given wing model to be tested in two
directions. The body used in mogt of the tests was mounted on the
sting at an angle of incidence of 3°, which, together with the +5°
angle range of the balance, provided a range of nominal angles of
attack for the wings from —2 to 8°, For a single test of wing SBT-3
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at higher angles, a second body with an angle of incidence of 11°
was used to provide a range from 6 to 16°. To accomplish this an

increase in the size of the base was necessary on the 11° body.

The wings and body were mounted on the balance as illustrated
in figure 4, which shows wings SBT—3 and SFT-3 installed for testing.
The location of the models in the test section was the same as for
the wings reported in reference 13. The sting supporting the model
wag enclosed in a conical balance cap which extended to within
3/64 inch of the base of the body. The interforence of this cap was
taken into account as described later.

Test Methods

Force tests.— The force tests, which constituted the major part
of the experimental investigation, were made in essentially the same
manner as the tests of references 13 and 14, As in reference 13, the
measurements were confined to the determination of 1lift, drag, and
pitching moment. In the present investigation the specific humidity
in the tunnel was maintained at all times below 0.0002 pound of water
per pound of air.

Because of the possibility of error due to the appreciable
deflection of the support system under load, two independent methods
were used to determine the angle of the model relative to the
horizontal center line of the tunnel. The primary method was by
observation with a telescope of the rotation of a reference line on
the model during the test, the zero angle having first been established
under static conditions by means of a dial indicator and a carefully
leveled surface plate on the floor of the test section. This optical
method has the advantage of directness but depends to a large degree
upon the gkill of the operator. The secondery check method, described
previously in reference 13, entalled the addition to the nominal
angular setting of a deflection allowance calculated from the
measured 1lift and a predetermined elastic constant. The results of
the two methods were compared in each test; in those cases in which
a discrepancy was apparent the test was repeated. The measured
angles were finally corrected for a small, experimentally determined
stream angle as described later.

Liquid~film tests.— As a supplement to the force tests,
observations were also made of the location on the wings of the
transition from laminar to turbulent flow in the boundary layer.
This was done by an adaption of the liquid—film method originally
developed by Gray (reference 15) for use in subsonic investigations.
This method utilizes the fact that the rate of evaporation of a
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liquid film on the surface of the model is generally greater where
the boundary layer is turbulent than where it 1s laminar.

In the present tests, the model was first coated with flat black
lacquer of the type used on photographic equipment, the lacquer being
applied with an air brush after having been thinned sufficiently to
meke this possible. Immedlately prior to installation in the tunnel,
the model was again sprayed by means of the air brush with a liquid
mixture composed of glycerin, alcchol, and a liquid detergent in the
ratio of 1:9:2 parts by volume. The glycerin is the actual evaporating
agent In the test; the alcohol, which disappears quickly after appli—
cation, 1s added as a thinner to allow spraying with the air brush;
the detergent is used to facilitate the wetting of the model surface.
As a control experiment, the lacquer and liquid coatings were tested
on a body of revolution for which the transition from laminar to
turbulent flow could be detected, as described in reference 1k, by
schlieren observation of the shock—wave configuration at the base.

It was found that the coatings do not themselves alter the flow in
the boundary layer.

After application of the liquid f£ilm, the model wae run at the
desired test condition for a sufficient time to cause the film to
evaporate completely in the turbulent region but remain moist over
most of the laminar area. The difference in rate of evaporation
between the two areas was sufficiently great to allow considerable
variation in this time without essential alteration of the results.
Upon removal from the tunnel, the model was dusted with coarse talcum
powder which adhered to the laminar but not to the turbulent area,
thus increasing the visual contrast between the two regions. The
excess powder was then blown off with a dry Jet from the air brush,
and the model photographed.

Photographs of both a body of revolution and a wing after testing
in this manner are given in figure 5. A band of salt crystals was
applied on both the body and the wing to cause transition to
turbulence in a region in which the flow would otherwise be laminar.
The dry area downstream of the salt crystals is apparent. Small
dry areas also appear just aft of the nose on the body and of the
leading edge on the wing, regions in which the laminar boundary
layer is very thin and the surface shear accordingly very high. This
local drying is the result of the viscous scouring and the high
localized rate of evaporation which accompany this condition. In
some cases, the otherwise dry turbulent area aft of the transition
point may be streaked with streamers of excess liquid blown back
from the laminar region. These streamers may at times be used as a
valuable indication of the direction of flow within the turbulent
boundary layer.

CONFIDENTIAL
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Schlieren observations.— Side-view schlieren photographs of the
wings throughout the angle renge were taken concurrently with the
force tests. Plan—view photographs at zero angle of attack were taken
during special additional runs.

ANALYSIS OF DATA
Corrections to Experimental Results

Interference of support body.— The results of the force tests

have been reduced to coefficient form by the procedure described in
reference 13. No correction has been applied for the tare and
interference effects of the support body. For the minimum drag in
particular, such effects may be considerable and must be taken into
account before a conclusive comparison ¢an be made between the
measured values and the theoretical results for the wings alone.

A detailed study was made in an attempt to accomplish this; however,
because of the present uncerteinty of the numerous drag correctlons
which it is possible to name or estimate, it was concluded that
corrected drag values would not constitute a necessarily closer
approximation to true wing-alone data than do the uncorrected results.
More important, it was found that consistent inclusion or omission of
any or all of the corrections does not alter in any way the general
conclusions of the investigation. The drag data are therefore

presented uncorrected and must be regarded as gqualitative in comparison

with the theoretical calculations. To be consistent, the lift and
moment data are likewise presented uncorrected, although 1t was
apparent from the detailed study that the corrections to these
quentities would not be large and could be made with reasonable
accuracys

As a matter of interest, the aerodynamic characteristics of the
support body tested with a flush filler strip in place of the wing
are shown in figure 6 for the bodies of both 3° and 11° angle of
incidence. For comparison with the characteristics of the combine—~
tions, the coefficients are referred to the geometry of the wing plan
form (see Results and Discussion); the moments are here taken about
the transverse axis indicated in figure 3. The failure of the curves
for the two bodies to join is caused by the differences in geometry
Jjust forward of the base. The 1lift on the body alone is relatively
small; but, as can be seen by comparison with later results, the
minimm drag is equal in certain cases to a third of the drag of the
wind—body combination. The moment taken about the body reference
axis is small. Vhen referred to the position of the axes for the
wings (fig. 3), it is negligible for the 3° body and very small for

the 119 body.
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It should not be assumed that direct subtraction of the aero—
dynamic coefficients for the body alone from those for the wing-body
combinations will give an accurate approximation of what would be
obtained if a wing could be tested alone. The detailed study of the
problem indicates, in fact, that in the present case such a procedure
would lead to overcorrection of the results. In reference 13 the
reverse process of adding the results from individual tests of two
wings of aspect ratio 4 and several relatively large bodies was
found to give 1lift and drag curves in reasonable agreement with those
obtained by tests of the wing-body combinations. This result may,
however, be peculiar to wings and bodies of the general type considered
in that investigation and is not necessarily applicable to the config—
urations of the present study. The reasons behind this are discussed
under General Remarks near the end of the report.

Interference of balance cap.— Independent tests of the effect
of & rear support upon the drag of bodies of revolution (reference 1l)
indicate that for a body without boattailing the interference effect
of the support is confined to the base of the body. It therefore
appears reasonable to assume in the present tests that the inter—
ference of the balance cap is not appreciable except with regard to
its effect on the pressure on the base of the support body. This
latter effect may, however, differ for the various wings as the
result of differences in the wake from the wing and the wing-body
Juncture. In order to make the results comparable in this regerd,
the base pressure was measured in each test and the drag data
corrected to a common base pressure equal to the static pressure of
the free stream.

Stream angle.— A correction of always less than +0.15° has been
applied to the measured angles of attack to account for differences
in stream angle at the positions occupied by a model at different
nominal angular settings. This condition was noted when the
uncorrected results for tests of the sams airfoil at two longltudinal
stations in the test section disagreed by approximately 1l percent
with regard to the slope of the lift curve. Application of the
stream-angle corrections, which were obtained by measurements of
the presswre difference between two sides of a calibrated wedge,
brought the slopes into agreement.

The stream—-angle correction was found necessary subsequent to
the tests of reference 13. For comparison with the results of the
present tests, the slope of the 1ift curves in reference 13 should
be reduced by 5 percent at the Reynolds number of the present report.
The absolute value of the 1lift coefficient at an angle of attack of
+3° remains unchanged, since at this angle the model ig at the
tunnel center line where the stream angle is zero.
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Drag corrections for the longitudinal gradient in the stream
were calculated on the same basis as in reference 14 and found to
be negligible.

Altered geometry of wodified wings.— The modification of wing
SBT-1 by rounding the leading edge was accompanied by a small change
in the plan form. The aerodynamic coefficients for the modified
wing were computed in each case on the basis of the true geometric
properties of the altered plan form. The modification also entailed
a small unavoidable increase in the thickness ratio of the wing
section. This increase in thickness ratlio results in an increase in
the pressure drag which is not properly attributable to the leading
edge rounding as such. To correct for this effect the measured drag
of the modified wing was adjusted back to the original thickness
ratio of 5 percent by subtracting from the measured drag coefficients
a small correction

2
A Cp = Cpy L7 1 TR Cpy, (t/c)r- _ 1 (1)

(t/c)a 0.0025

Here Cpt 1is the theoretical drag due to thickness for the original
wing, and the subscripts r and a refer to the real and adjusted
thickness ratios for the modified wing. This assumes that for the
thickness distribution of the modified wing the pressure drag is
proportional to the square of the thickness ratio, and that the
constant of proportionality has the same theoretical value as for the
thickness distribution of the original wing. Remaining differences
between the drag of the original and modified wings are then reasonably
attributable to the change in thickness distribution itself; that is,
to the leading—edge rounding. The resulting correction, while
significant for later wings in the general investigation, amounts

to only 1 percent of the measured minimum drag for wing SBT-l.

Precision

The precision of the experimental data has been evaluated by
estimating the uncertainty involved in the determination of each
item which affects the results. The uncertainty of the final results
is then taken as the square root of the sum of the squares of the
individual values. A detailed account of this evaluation 1s given
in Appendix A. The following table lists the final uncertainty for
two values of the 1lift coefficient:
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i Uncertainty Uncertainty
Quantity ForyCig=a0 for CL'= 0.4
Lift coefficient +0.,002 +0.005
Drag coefficient * 000k t ,0016
Pitching—moment coefficient 002 Ee O
Angle of attack + 2110 £ 159

The uncertainty for the lift—drag ratio is +0.24 for values in the
vicinity of the maximum. The estimated uncertainty in the Mach
number ig +0,01 and in the Reynolds number *0.01 million.

The magnitude of the experimental scatter characteristic of the
investigation is indicated in several of the figures (e.g., figs 9(c)
and 10(b)) which include the results of check runs made at wide
intervals of time by different operating personnel. The accuracy
of the present results is in general superior to that of the wing

s data of reference 13 for the same level of tunnel pressure. No
comparison should be made between the moment data of the present
report and those of reference 13, since the latter results are now

. known to be unreliable as the result of defects in the balance.

THEORETICAL CALCULATIONS

The theoretical characteristics of most of the wings of the
general investigation have been calculated using the linear theory
of supersonic flow. As a basis for the detailed computations of this
and later papers, a preliminary review of the general results of the
theory is advantageous.

General Considerations

To the order of accuracy of the linear theory, a given cambered
wing at angle of attack may be treated, so to spesk, ags the sum of
three component wings all of the same plan form as the given wing
but differing in airfoil section. This procedure can be illustrated
as follows:

' CONFIDENTTAL
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The given wing at angle of attack
equals
(1) an uncambered wing of the

same thickness distribution as
the given wing and at zero angle

of attack,
+ plus
(2) a cambered surface of the same
A ... S N contour as the mean surface of the
glven wing and at zero angle of
attack,
o
plus

(3) a flat 1ifting surface at
the angle of attack of the given

wing.

It is convenient to denote the theoretical pressure distributions for
the three component wings as the pressure distributions due to thick~
ness, camber, and angle of attack, respectively. The pressure distri-
bution for the complete wing is the sum of the pressure distributions
for the component wings.

On this basis, the equation for the 1ift curve of the complete
wing can be written

0- (@) uo) -(22) [ooBmng] o

The lift-curve slope (4Cr/da) 1is determined completely by the plan
form of the flat lifting surface; the 1lift at zero angle Cr, .o
depends on the plan form and contour of the cambered surface. The
engle of zero lift ar=0 1s likewise a function of both plan form and
camber.
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The equation for the curve of moment versus 1lift can be written

Cm C”‘L=0+<ch CcL ;i)

where

ac
Cug—0 = Cmap - (EC_IID CLa-0 (4)

Here, as before, the slope of the curve (dCm/dCL) depends solely
on the plan form. It is numerically equal to the distance (taken
positive toward the leading edge) from the moment axis to the
aerodynamic center expressed in terms of the mean aerodynamic chord.
The moment at zero angle Cma=o and hence also the moment at zero
11ft Cpp,_q depend on both the plan form and camber.

To derive a drag curve which includes the effects of friction,
it is assumed that the viscous forces may be introduced without
altering the pressure distribution given by the linear theory. It
1s then convenient to divide the total drag obtained by integration
of the pressure and viscous forces over the complete wing into six
components according to the equation

Cph= CDf + CDt + CDCC - CDaa + CDac + CDca

The friction drag coefficient Cpr 18 assumed to be independ—
ent of the angle of attack. For the uncambered wings of the present
report its value at zero angle was estimated from the equation

2 |
Cpp = 2 [Cfturb - = <C'fturb = C'fla.m>J (5)

This assumes that the characteristics of the boundary layer after

transition are the same as if it were turbulent the entire distance
up to the transition point.

The terms Cpt, CDge, and CDgg are the contributions to the
pressure drag of the three component pressure fields each acting on
its own elementary wing. The first two are independent of angle of
attack. The term CDac represents the drag of the elementary flat
wing due to the pressure field of the cambered surface, and CDcaq,
is the reciprocal effect upon the cambered wing of the pressure
field of the flat surface. In general, the integrations for the
four components of pressure drag associated with the lifting surfaces
will involve singularities in the pressure distribution and the slope
of the streamlines at the leading edge, and care must be taken to
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evaluate the proper leading—edge suction for each component.

For most of the wings of the general study, the leading—edge
suction may be disregarded and the drag equation can be written

dCp
Cp = Cpp + CDy + CDge + LLg + % Lg0 + a< d(fa> (6)
The expression (dCDca/dcx) is a constant for any given wing. It is
found by evaluating the drag, exclusive of the effects of leading-
edge suction, for the elementary cambered wing when subjected to the
pressure field which exists on the flat 1ifting surface at unit angle

of attack. Using the notation Cp3=(CD<CDpin) and ACL=(CL~CLp=min),

equation (6) can be transformed, with the aid of equation (2), to
the form

Cp
CD = CDpip + ——= (CL—<CLp=min)® (7)
(&Cr,)
where the various quantities are given by the relations
- ac 4
1 Dca !
© = Cpe + Cps + CD.pp — ————o [CL_+< > (8)
Cp
L4 (9)
(acp)®  (dcp/de)
e
[ 4Cp
o 4t - (28]
D=min = % | CLa=o — | i (10)

For the wings of the present paper, the effect of leading—edge
suction is of interest. For the wings of zero camber, this effect
can be included by simple modification of the foregoing equations.
In this case, all quantities of equation (10) become zero, the last
term of equation (8) disappears, and equation (9) for the drag-rise
factor may be replaced by .

(ac)?  (dCp/da)

where kg defines the rearward inclination of the force on the flat
lifting surface as a .fraction of the angle of attack, that 1s,

kg = % (12)
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The theoretical value of kg depends only on the geometric
characteristics of the flat lifting surface. For any lifting surface
with a supersonic leading edge the pressures at the leading edge are
finite, the resultant force on the wing is normal to the surface, and
ko has a value of unity.! For a wing with a subsonic leading edge,
linsar supersonic theory indicates infinite suction pressures at this
edge Just as in purely subsonic flow. This leading—edge suction
exerts a finite component of force on the wing in the direction of
motion, thus causing the resultant force to be inclined somewhat
forward of the normal to the lifting surface. The theoretical value
of ka in any given case is determined by the plan form of the wing
in relation to the accompanying pattern of Mach lines.

For the uncambered swept—back wings of the present report,
exigting analytical results are sufficient for a rigorous determina—
tion of the pertinsnt terms in the foregoing equations for the 1lift,
moment, and drag curves. For the corresponding swept—forward wings
it is necessary to employ certain approximations as outlined in
Appendix B. Where advantageous, detailed pressure distributions have
also been calculated for correlation with the experimental results.
For the cambered wings the computation of the complete theoretical
characteristics was not attempted. The methods used for specific
wings are described briefly in the following paragraphs.

Swept—back Triangles

The pressure distribution due to angle of attack for the swept—
back plan form was computed from the equations of Stewart
(reference 6). The resulting 1lift distribution is shown in the
upper portion of figure 7. For use in equation (2), the lift—curve
slope corresponding to this 1lift distribution is given by Stewart
(in radian measure) as

o TR . (13)
da Moz E

where E is the complete elliptic integral of the second kind for

1

17 leading or trailing edge is described as "subsonic" or "supersonic”
depending on whether the component.of free—stream velocity normal to

‘the edge 1s subsonic or supersonic — or, in other words, whether the

local angle of sweep is greater or less than the sweep angle of the
Mach cone. The terms are equally useful to describe the ridge line.
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the argument @/1-m2). Since according to theory the aerodynamic .
center coincides with the centroid of area for the swept-back plan

form, the value of (dCm/ACL) in equation (3) is zero for the swept—

back wings.

The pressure distributions due to thickness for wings SBT-1 and
SBT-2 were calculated by the method of Jones (reference 16). For
these computations, the conical pressure field due to a pair of semi-
infinite "pressure sources" at the leading edge was superposed on the
conical field due to a pair of semi—infinite "pressure sinks” at the
ridge line. The resulting pressure field, which is nonconical in
nature, will be described in detail later in the paper. The values of
Cpy corresponding to these pressure distributions were taken from the
graphical results of Puckett (reference 12).

The value of k, required in equsztion (11) for the evaluation
of the drag~rise factor for the uncambered wings was teken as unity
for those computations in which no leading—edge suction was assumed,
For the computations in which the full theoretical suction was
included, k, was computed from the equation

e )

2B

which is readily derived from the results of reference 8, 10, or 1l.

Swept—forward Triangles

The pressure distribution due to angle of attack for the swept—
forward plan form wes computed as described in Appendix B. The
resulting 1ift distribution is shown in the lower portion of figure T.
The negative 1ift which theory predicts behind the points of inter-—
section of each trailing edge and the Mach line from the opposite
t1p is apparent. Since it is'not possible with existing theory to
compute the pressures in the area aft of the first disturbance
reflected from these intersections, the 1ift is not indicated in this
region. If 1t is assumed that the 1ift in this region has the value
(indicated by the dotted outline) that it would have if the reflec—
tions had no effect, the lift distribution can be integrated as in
Appendix B to obtain for the lift—curve slope in equation (2) the
approximate relation 7,
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dCy, __& / 8m _1 (15)
o Jizg \V1+m

For the present plan form and Mach number the value calculated from
this equation for the swept—forward case is essentially equal to

that calculated for the swept—back triangle from equation (13).

This interesting result is discussed in Appendix B. The slope of

the moment curve for use in equation (3) can be similarly approximated
as

Wn (1-m)/Zm/T+m (16)
daCy, N 8m/lam - 1

This result is readily derived from equation (10B) of Appendix B.

The pressure distributions due to thickness for wings SFT-1 and
SFI-2 were again calculated by the method of reference 16. The
necessary source—sink pattern is shown in figure 8; the results are
described in the later discussion. By virtue of von Karman's
independence theorem (reference 10), the values of Cpy correspond—
ing to the calculated pressure distributions are identical with those
obtained from Puckett's results for the same wing model in the swept—
back attitude. This fact was confirmed by independent integration of
the pressure distributions.

For the uncambered swept—forward triangles, the value of ks in
equation (11) for the drag-rise factor must be taken as unity in view
of the supersonic leading edge of these wings,

RESULTS AND DISCUSSION

The results of the force tests are presented in the usual form
of 1ift, drag, and pitching-moment coefficients. The coefficients
are referred to the plan-form srea of the wings, including the portion
of the plan form enclosed by the support body. Moments are taken
about the centroid of the plan form with the mean aerodynamic chord
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as the reference length. (For a triengular wing, the mean aero-—

dynamic chord, as defined in the section on Symbols, is equal to

two—thirds of the root chord.) All of the data presented are for
a test Mach number of 1.53 and a Reynolds number of 0.75 million

based on the mean geometric chord of the wing.

The measured characteristics of the swept—-back triangles,
including the results for wing SBT-3 through the high-angle range,
are given in figure 9; the characteristics of the swept—forward
triangles are presented in figure 10. In all cases, the experi-
mental data of these figures are for wings with a sharp leading
edge and a distinct ridge line. (It should be noted that the scale
of drag coefficient for the high-engle test of wing SBT-3 (fig. 9(a))
is one—half of that in the other plots.) For the uncambered wings,
theoretical curves obtained as described in the preceding section
are included in figures 9 and 10. The theoretical drag curves shown
here are for pressure drag only and assume no leading—edge suction.
The data of figures 9 and 10 are also summarized in tabular form
in table I. In each instance, the value determined from the faired
experimental curve 1s given first and the corresponding theoretical
value indicated in parentheses directly below.

The results of one test of wing SBT-1 with the leading edge
rounded (in this case to a radius of 0.25 percent of the chord)
are given in figure 11. In this case the calculated pressure drag
is shown for both zero leading—edge suction and the full theoretical
value. Since the single test of wing SBT-1 with the ridge rounded
revealed no effect of this modification on any of the aerodynamic
characteristics, the results for this case are not included.

In the discussion of the results, it is convenient to consider
first the 1lift and pitching moment for all of the wings, since these
charactsristics depend primarily on the distribution of normal
pressure over the surface. The consideration of drag and lift—dr=g
ratio, which depend equally upon the frictional forces, will be
taken up later.

Lift and Pitching Moment

It is apparent from figures 9 and 10 that the experimental
1ift curves for all the wings are linear within the range tested and
that the pitching-moment curves, except for wing SFT-1, are very
nearly so. The experimental data given in table I are thus
sufficient in most cases to define completely the 1ift and moment
characteristicse.
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Lift.— It follows from the previous consideration of equations
(2), (13), and (15) that the lift—curve slope predicted by the linear
theory is essentlally the same for all of the wings tested, regardless
of the thickness distribution, camber, or direction of sweep. The
experimental values of table I confirm this conclusion very closely
insofar as the effects of thickness and camber are concerned for a
given direction of sweep. They do, however, reveal a general secondary
difference in slope between the swept-back and swept—forward series
of wings.

For the swept—back series the agreement between the experimental
values of the lift-—curve slope for the three wings is remarkable.
The maximum deviation from the average value for the series is only
+14 percent, which is within the limits of accuracy possible in the
fairing of the experimental data. For the swept—forward series the
over—all spread in the experimental slope is somewhat greater, the
value for wing SFT-2 being 7 percent less than the common value
obtained for wings SFT-1 and SFI-3. In general, however, the
principle of the linear theory that for a given plan form the effect
of angle of attack can be separated from the effects of thickness
and camber is reasonably well substantiated.

The gensral difference in slope between the swepi-back and
swept—forward families of wings is small but definite, the average
experimental slope for the swept—back wings being some 10 percent
less than the theoretical, while that for the swept—forward wings
agrees with theory almost exactly. Although the preclse values of
the experimental slope are subject to some question as the result of
support-body interference, the systematic difference between the two
femilies may be a consequence of the different character of the 1ift
distributions as previously illustrated in figure 7. Although the
resultant pressure distribution over the surface of the complete
wing at any angle depends upon both the pressure distributions due
to thickness and camber and the lift distribution due to angle of
attack, it is apparent from the nature of the 1lift distributions
alone that for a given angle of attack the chordwise pressure
gradients on the upper surface of the wings are likely to be more
adverse for the swept~back than for the swept—forward plan form.

This may result in greater thickening or separation of the boundary
layer near the trailing edge on the swept—back wings and consequently
greater reduction in the measured 1ift below that predicted by an
inviscid theory. (In comparing these results with those of reference
13, where the experimental lift—curve slope for an unswept wing was
given as 4 vercent greater than theory, it should be remembered, as
pointed out under Analysis of Data that the slopes in that reference
are known to be too high by 5 percent at the present Reynolds number. )
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For the one test of wing SBT-3 at higher angles, the results of
figure 9(d) indicate a constant slope of the lift curve up to an
angle of 15° and a 1lift coefficient of 0.6. The same result would be
expected for the other swept-back wings and probably for the swept—
forward wings as well., The small dlsplacement between the two
portions of the 1lift curve in figure 9(d) is probably due to the
difference in afterbody geometry for the bodies of 3° and 11° inci-
dence, although the displacement apparent here is about twice that
noted for the bodies alone in figure 6.

As to the angle of zero 1lift, this quantity was found for all
of the uncambered wings to be zero within the narrow limits of +0.1°.

This provides a valuable indication of the accuracy of the test methods

with regard to the determination of angle of attack.

For the cambered, swept—forward wing (SFT-3) the measured angle
of zero lift is +0.2°., No comparative theoretical value has been

calculated, but it is to be expected that such a calculation would
glve an angle of zero 1lift other than zero — in contrast to the
linear two-dimensional theory of airfoils at supersonic speeds,
which predicts zero 1lift at zero angle regardless of camber. At
present it can be noted only that the experimental angle of zero
1ift is of the same sign as the value of +0.36° predicted at
Mo=1.53 by the Bugemann second—order theory (reference 17) for a
two—dimensional airfoil of the same section as wing SFT-3. This is
reasonable, since the large portion of wing SFT-3 ahead of the
reglon of influence from the tips must experience the same pressures
as a two—dimensional airfoil of the same sectilon.

For the cambered, swept-back wing (SBT—3) the angle of zero
1ift is of opposite sign, heving a value of —0.8°, The effect of
camber for the swept—back triangle is thus to displace the lift—
curve in the same direction as for a positively cambered airfoil at
subgsonic speeds. In the subsonic case the influence of 'the airfoil
is propagated en infinite distance forward, resulting at zero angle
of attack in an upflow at the leading edge and a positive 1lift.
That the same result is observed experimentally for wing SBT-3
at supersonic speed implies that the similar upflow indicated by
gupersonic theory between the leading edge and the Mach cone from
the apex of the wing does in fact take place. This point has
bearing upon the later discussion of the drag due to angle of
attack.

Pitching moment.— As with the 1lift curve, the slope of the

linear moment curve defined by equation (3) is independent of thick-
ness distribution and camber. Contrary to the situation with 1ift,
however, it does depend markedly upon the direction of sweep.
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For the swepi—back triangles of uncambered section, the theory,
ag previously indicated, predicts zerc moment at all values of the
1ift coefficient. The experimental moment data for wings SBT-1 and
SB1-2 (figs. 9(a) and 9(b)) are for all practical purposes in agree—
ment with this result, a confirmation previously reported for trian—
guler wings of varying aspect ratio in reference 5. Upon close
examination the present results do show a very slight but reproducible
nonlinearity in the data, indicating a progressively forward shift
of the aserodynamic center with increasing lift. This may be due to
gecond—order presswe effects, to the influence of viscosity, or to
the interference of the support body.

Although the theoretical magnitude of the camber effect has not
been determined, it is to be expected from equations (3) and (4) that
the addition of camber in wing SBT-3 will cause a vertical displace—
ment of the theoretical moment curve without any change from the
original slope. The experimental results for wing SBT-3 are in
essential agreement with this prediction, indicating a negative
moment at zero lift and the same slope characteristics as for the
uncambered swept—back wings. As is apparent from figure 9(d), the
slight positive slope of the moment curve at positive 1lift is
unaltered up to a 1lift coefficient of 0.6.

For the swept—forward triangles, equation (16) indicates a
common moment—curve slope of 0,160, which is equivalent to a position
of the aerodynamic center 10.7 percent of the root chord forward of
the centroid of area. As seen in table I, the experimental slopes
for the swept—forward wings are in every instance greater than the
common theoretical value, the average of the slopes for the three
wings being equivalent to an aerodynamic—center position 15.3
percent forward of the centroid. Since the theoretical position of
the serodynamic center may itself be somewhat too far forward as
the result of speclal approximations involved in the calculations
for the swept—forward plan form (see Appendix B), the disparity
between experiment and a precise linear theory would be still greater.
This dispgreement between experiment and theory is probably due to a
combination of effects not considered in the inviscid linear theory.
For two—dimensional airfoil sections having the same profiles as the
present wings, the second-order effect of airfoil thickness
(reference 17) is to increase the theoretical moment—curve slope from
the value of zero given by linear theory to a positive value of 0.032.
This effect 1s, for any double-wedge section and given Mach number, a
function of the thickness ratio only and is independent of thickness
distribution and camber. Since, as previously pointed out, the
portions of the swept—forward wings ahead of the region of influence
from the tips must experience the same pressures as a two-dimensional
airfoil of the same sectlion, the second-order effects of thickness
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would be expected to cause a similar increase in the theoretical
slope for these swept—forward wings. If it is assumed that the
second—order effects of thickness and the first—order effects of
plan form may be superposed, the resulting theoretical moment—curve
slope for the wings becames 0,192, Although such superposition 1s
not strictly admissible, the fact that thisg approximate second—order
value still falls below the average experimental slope of 0,230 for
the three wings suggests the possibility of additional increase as
the result of viscous effects. This condition, which has previously
been noted in two-dimensional supersonic tests of a double—wedge
airfoil by Hilton and Pruden (reference 18), is consistent with what
might be expected from separation of the boundary layer on the low—
pressure surface near the tralling edge, such as has been observed
in the two—dimensional case by Ferri (reference 19).

It is interesting to note that the condition which is observed
both here and in the previous two—-dimensional supersonic investiga—
tions is essentially different from that which occurs in tests of
airfolls at subsonic speeds. In the low-speed subsonic case, the
second—order effect of airfoil thickness is to displace the aero—
dynamic center slightly to the rear (i.e., decrease the moment—curve
slope as referred to the mid—chord station) while the effect of
viscosity is to return it forward. The net result is that the
experimentally determined positions agree well with the quarter—
chord location indicated by the first—order theory. Some such condi-
tion as this may account for the suspiciously perfect agreement
previously noted for the swept—back triangles.

On the swept—forward plan form, the effect of the addition of
camber in wing SFI-3 1s, as in the case of the swept—back triangle,
to cause a negative moment at zero 1lift, the value of the coefficient
being —0.030. For comparison it can be noted that the corresponding
moment coefficient for the wing section is given as —C.O4L by the
linear two—dimensional theory of airfoils at supersonic speed.

To summarize the situation with regard to 1ift and pitching
moment, the results for the present triangular wings indicate that
the relationship between experiment and the linear theory is here
much the same as that which has been found in other wing problems
to which the linear theory i1s applicable. With regard to lift—curve
slope, experiment and theory agree within limits which are comparable
to those commonly obtained at subsonic speeds. With regard to
moment-curve slope, the agreement 1s in general less good, experiment
indicating for the swept—forward triangles slopes notlceably greater
than those predicted by theory. This is in agreement with what has
been observed for two-dimensional ajrfoils at supersonic speed, and
is probably due to second—order pressure effects and to the effects
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of viscosity. For those quantities for which no calculation was
attempted, that is, the angle and moment at zero 1ift for the
cambered wings, the experimental results are in qualitative agree—
ment with the superposition principle of the linear theory and with
what is known of the nature of the flow fields.

It should also be noted (fig. 11) that the test of wing SBT-1
with leading edge rounded to a radius of 0.25 percent of the chord,
which is comparable to that of an NACA low—drag section of the same
thickness ratio, shows no effect of this modification upon the 1ift
and pitching-moment characteristics. The same result was found for
the larger leading-edge radil tested. (See discussion of drag due
to angle of attack.) As previously indicated, rounding of the ridge
line likewise had no effect upon the 1lift and moment.

Drag and Lift—Drag Ratio

Teble I at the end of the report also summarizes the experi-
mental results presented in figures 9 and 10 with regard to the drag
and lift—drag ratio of the sharp-edged wings. The comparable theo—
retical values are all computed by conslideration of the pressure
drag alone and on the agsumption of zero leading—edge suction. The
evaluation of the experimental values for CDi/(ACL)z and e, | WL LT
be explained later.

Minimum drag.— Although the precise experimental values of the
minimm drag are open to some question because of the effects of
support—body interference, two important qualitative results are
evident in the data. First, moving the chordwise position of maximum
thickness for the swept-back triangles forwaerd from the 50-percent
station (wing SBT—2) to the 20-percent station (wing SBT-1)
apparently did not reduce the total drag by the amount that considera—
tion of the pressure drag alone would indicate. The effect was, in
fact, to increase the drag very slightly. Second, for a given wing
model the measured minimum drag was to a filrst approximation independ—
ent of the direction of motion.

When it was first noted that forward displacement of the maximum
thickness failed to provide the expected reduction in minimum drag,
the experimental data were suspected of being in error. Repeated
tegts, however, gave identical values. It was next thought that the
tare and interference effects of the support body might explain the
result; however, it was difficult upon further consideration to see
how such effects could account for the large difference in the
increments by which the observed total drag exceeds the theoretical
pressure drag for the two wings in question. The key to a possible
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explanation was finally supplied by consideration of the friction
drag for the two wings as illustrated in figure 12(a). Here the drag
data for wings SBT-1 and SBI-2 are plotted to an enlarged scale,
together with theoretical curves of pressure drag and total drag for
the two wings. The curves of total drag are shown for three asswump—
tions regarding the flow in the boundary layer: (1) all laminar

flow; (2) all turbulent flow; and (3) combined laminar and turbulent
flow as indicated by the results of the liquid-film tests to be
described later. For wing SBT-1, the experimental points are seen

to lie always on or above the theoretical curve for all turbulent
flow; for wing SBT—2 they lie approximately midway between the curves
for all laminar and all turbulent flow., This condition suggested

that the observed failure of wing SBT-1 to have the lower minimum
drag might be due to a relatively greater extent of turbulent boundary
layer on this wing, a possibility which was corroborated by considera—
tion of the areas of adverse gradient in the theoretical pressure
distributions for the two wings.

To check this hypothesis, Gray's liguid—film method for the
indication of transition was adapted for use in a supersonic stream
as previously described. The results of tests by this method of the
two swept—back wings at zero angle of attack are shown in the
photographs of figure 13. The area of laminar flow, which appears
as the greyish area in the photographs, is considerably more
extensive on wing SBT-2 (fig. 13(b)) than on wing SBT-1 (fig. 13 (a)).
This result, which confirms the original hypothesis, was repeated
meny times in the course of the numerous runs necessary to work out
the technique for the tests. The photographs shown in these figures
(end in the later figures for wings SFI-1 and SFI-2) represent the
best which were obtained from the standpoint of photographic clarity.

The physical explanation for the observed result is to be found
in figures lk(a) and (b), in which photographs of the transition
pattern for wings SBT—1 and SBT-2 are combined with a three—dimensional
phantom representation of the theoretical pressure distribution at
zero angle of attack.® For clarity, the pressure distributions are

2Since it was not decided until late in the investigation to photograph
all of the wings from the same vantage point for these composite
Pictures, it was not always possible to use the best photograph of a
given wing for this purpose. Thus the secondary details of the transi-~
tion pattern, which differed slightly from run to run depending on the
thickness of the liquid coating and the duration of the test, may not
be the same in the composite pictures as in the previous photographs

of the wings alone.

Because of difficulties in reproduction, the photographs of the
transition patterns in the composite pictures have been retouched
slightly to preserve essential detail. The photographs of the wings
alone are in all cases as originally taken.
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shown in figure 1L for only one—half of the wing — in this case, the
far half., The distributions for the upper and lower surfaces are,

of course, identical. The pressures are plotted in coefficient form
from a base plane parallsl to the center plane of the wing, positive
coefficients being plotted downward and negative coefficlients upward.
To facilitate visuzl projection to the alrfoil and to make directly
visible certain surfaces which would otherwise be covered, the
positive and negative portions of the pressure distribution are

shown separated with the transition picture between. It is not
intended to imply by this separation that the two portions correspond
to opposite surfaces of the wing. The infinite positive and negative
pressures shown at certain points are, of course, fictions resulting
from the assumptions of the linear theory. In actuality, the
absolute values of the pressure at these locations would be large
but finite.

Important differences between the pressure distributions for
the two wings are apparent. On wing SBT-1, which has a subsonic
ridge line, the pressure at any given spanwise station falls repidly
from an indeterminately large positive value at the leading edge to an
indeterminately large negative value at the ridge line. Over the
entire area aft of the ridge line the pressure rises, first abruptly
and then less rapidly, to a finite negative wvalue at the trailing edge.
The flow over the ridge thus has the essential character of subsonic
flow around a corner, and the entire after portion of the airfoil is
subJected to a pressure gradient which is adverse with regard to the
flow in the boundary layer. On wing SBT-2, which has a supersonic
ridge line, the pressure falls from an indeterminately large positive
value at the leading edge to a finite positive value at the ridge.
Over the ridge the pressure Jumps discontinuously to a large but finite
negetive value in the manner of supersonic flow around a corner, and
then remains essentially constant until the flow reaches the disturbance
originating from the ridge line at the root section. Aft of this Mach
line the pressure rises, but less rapidly than on wing SBT-1, to a
finite negative value at the trailing edge. Thus wing SBT-1 exhibits
a much greater pressure recovery over the area aft of the ridge line
than does wing SBT-2., This, together with the region of negative
pressure ahead of the ridge on wing SBT-1, is the reason for this
relatively smaller pressure drag of the wing. By the same token,
however, wing SBT-1 has a relatively greater surface area subjected
to an adverse pressure gradient,

Although not perfect, the correlation between the type of
boundary—layer flow and the sign of the theoretical pressure gradient
is striking, particularly on wing SBT-2 where the beginning of the
severe adverse gradient does not coincide with the ridge line. On
both wings the turbulent area appears actually to stert a short
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distance aft of the theoretical beginning of the adverse gradient,
but the general correspondence between the areas of theoretically
adverse gradient and the areas of turbulent boundary-layer flow is
apparenta

For calculation of the theoretical curves for combined laminar
and turbulent flow in figure 12(a), the areas of turbulent flow were
estimated from the photographs of figure 13 to constitute 65 and 20
percent of the total wing surface on wings SBT-1 and SBT-2,
respectively. On the basis of these curves, moving the chordwise
position of maximum thickness forward from the 50-percent to the
20-percent station would at the present Reynolds number result in a
decrease of only 0,0012 in minimum total drag as compared with the
decrease of 0.0037 indicated on the basis of the pressure drag alone.
The experimental results for the wing and support body indicete an
actual increase of 0.0010. Because of the effects of support—body
interference, a decisive comparison between the theoretical and
experimental values is not possible; however, the evidence of the
transition pictures leaves little doubt as to the primary reason
why forward displacement of maximum thickness failed to result in
the gains in minimm drag predicted by the inviscid theory.

Comparative plots of the experimental and theoretical drag
results for the uncambered swept—forward triangles are presented
in figure 12(b), including again a theoretical curve of totel drag
based on the results of the liquid—film tests. The experimental
velue of minimm drag coefficient for wing SFI-1 in combination with
the support body showe a reduction of 0.0015 relative to that for
wing SFT-2. This is in contrast with the reduction of 0.0037
indicated by the theoretical values of pressure drag for the wings
alone. Thus for the swept—forward wings the displacement in position
of maximm thickness, in this instance from the midchord towerd the
trailing edge, did result in a small experimental gain in minimm
drag, but only about one-half of that predicted by the inviscid
theory.

The results of liquid—film tests for wings SFT-1 and SFT-2
at zero angle are shown in figures 15(a) and (b). On both wings a
small region of turbulent flow of about the same area appears Just
ahead of the trailing edge. Fan—shaped regions of turbulent flow
originating at small imperfections in the leading edge are apparent
over the otherwise laminar areas on both wings.

Composite pictures of the transition pattern for these wings and
a three-~dimensional representation of the calculated pressure distri-
bution are shown in figures 16(a) and (b). Here the pressures are
shown for the near half of the wing. Agein characteristic differences
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appear in the pressure distributions. On wing SFI~1, which hasg its
ridge line swept behind the Mach line from the tip, the pressure is
constant at a‘moderate positive value over the area from the leading
edge back to the Mach line. Aft of this position the pressure falls
rapldly to an indeterminately large negative value at the ridge line
and then rises to a correspondingly large positive value at the
trailing edge. The flow over and behind the ridge thus exhibits the
type of theoretical pressure recovery characteristic of an airfoil of
the same section in subsonic flow. On wing SFI-2, the pressure is
constant in the area between the leading edge and the ridge line,
elthough at a higher positive value than on the previous wing. At
the ridge line, which is now swept ahead of the Mach cons, the
pressure Jumps discontinuously to a negative value and then remains
essentially constant back to the Mach line from the tip. Aft of this
position the pressure rises continuously to an indeterminately large
value at the trailing edge, except in the vicinity of the trailing
apex of the wing where the disturbance from the intersecting ridge
lines causes a reversal in the pressure gradient over a localized
area. Again the reason for the relative decrease in theoretical
pressure drag caused by rearward displacement of the maximum thick—
ness 1s apparent from a comparison of the pressure distributions for
the two wings. Contrary to the condition observed with forward dis—
placement of the maximum thickness on the swept—back triangles, this
reduction in pressure drag is accompanied now by a decrease in the
area of the wing exposed to a theoretically adverse pressure gradient.
The average intensity of the adverse gradient, however, 1s Increased.

The liquid-film patterns of figures 15 and 16 indicate that here,
as on the swept—back triangles, transition does not occur until soms
distance aft of the beginning of the theoretically adverse gradient.
In this case, however, the areas of turbulent flow are, as previously
noted, equal for the two wings. The actual values of the friction
drag are therefore probably about equal, end the measured reduction
in minimm drag for wing SFI-1 as compared with wing SFI-2 suggests
that the theoretical gain in pressure drag is being at least
partially realized. For calculation of the theoretical curves
for combined laminar and turbulent flow in figure 12(b), the observed
area of turbulent flow was estimated to constitute 6 percent of the
wing surface on both wings. The fact that the experimental values
lie 1n both cases considerably above the resulting theoretical curve —
in fact, almost coincide with the curve for fully turbulent flow —
suggests the presence of considerable support—body interference or
other unknown effects for the swept—forward triangles. This precludes
a conclusive comparison with the theory at the present time.

As is apparent in the results of table I, the measured minimum
drag for a given wing model was to a first approximation independent
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of the direction of motion, that 1s, of whether it was tested as a
swept-back or swept—forward wing. From a cross comparison of the
data of figures 12(a) and (b), it is apparent that the small differ—

ences which do appear could be completely accounted for by differences

in skin friction or support~body interference. The observed result

may therefore be taken as reasonable confirmation for wings of this tyve

of von Kérman's independence theorem for minimum pressure drag
(reference 10). One's appreciation of the general theoretical result
is enhanced by consideration of the pressure distributions of
figures 1% and 16, which hardly suggest that the pressure drag for
models T-1 or T—2 would be the same irrespective of their direction
of motion,.

To summarize the discussion thus far with regard to minimum
drag, 1t can be said that for the swept—back triangle the theoretical
decrease in pressure drag due to forward displacement of the maximum
thickness is attained at the apparent expense of an increased area of
adverse pressure gradient and hence an Increased friction drag. The
optimum position of maximum thickness from the standpoint of minimur
total drag may therefore be one representing a suitable compromise
between the amount of pressure recovery and the extent of the ares
over which it is attained. For the swept—forward triangle, the
decrease in pressure drag which results from rearward displacement of
the maximum thiclness is accompanied by a decrease in the area of
adverse gradient; that is, the pressure recovery is confined to a
relatively smaller portion of the wing. Thus, the swept—forward
triangle of lowest pressure drag tends to be a natural lsminar—flow
wing. Whether it would in the end have lower minimum total drag than
the best swept—back triangle would depend upon additional factors,
such as a probable increase in the tendency toward flow separation
over the relatively blunt after portion of the swept—forward wing.
The effect of the Reynolds number, which is of obvious importance in
this regard, is discussed further under General Remarks.

The effect of camber in increasing the observed minimum drag
i1s apparent in table I. The first—order theory for airfoil sections
indicates that the cambered section of model T-3 would have twice
the minimum pressure drag of the uncambered section of model T—2
in two-dimensional supersonic flow. For the present plan forms,
whick have either a subsonic leading or trailing edge, the effect
of the same amount of camber on the minimum pressure drag for a
given plan form is probably somewhat less, since the streamlines of
the flow over the cambered 1ifting surface now undergo part of the
necessary vertical displacement either ahead of or behind the wing.
Because of the effects of skin friction and support-body interference,
it 1s not possible to tell from the experimental results whether this
supposition is correct. It 1s interesting to observe that the
cambered model T-3, like the uncambered models, has essentially the

CONFIDENTIAL



NACA RM No. ATI1O CONFILENTIAL 3

same minimum drag both in the swept-back and swept—forward condition,

As is apparent from figure 11, rounding the leading edge of wing
SBT-1 to a radius of 0.25 percent of the chord had no effect on the
minimum drag. As with 1ift, the same result was found for larger
leading-edge radii.  Rounding of the ridge line, which might be
expected to decrease the negative pressure peak at this point and
perhaps influence transition, similarly had no measurable effect.

Drag rige.— The rise in drag as the 1lift coefficient departs
from the value corresponding to minimum drag is determined, as
Indicated in equation (7), by the dragrise factor Cp;/(ACp)2. If
the effects of leading-edge suction may be disregarded, as is generally
assumed for a sharp-edged wing, the value of this factor is unaffected
by camber and is given simply by equation (9) as the reciprocal of
the lift—curve slope. Since no leading-edge suction is considered,
this 1s true whether the leading edge is supersonic on subsonic, On
this basis, the computed value of the drag-rise factor for all of the
sharp-edged wings of the present paper (see table I) is approximately
0.40. For comparison, an experimental value for each wing was obtained
by evaluating the slope of a straight line faired through the experi-
mental points on a plot of Cpy versus (CIFCLIhmin)Z- (In all cases
the departure of the individual points from the straight line was
small, indicating that the experimental drag curves have very nearly
the parabolic shape shown theoretically by equation (7). The experi-
mental velues for the drag-rise factor in table I are seen to be
greater than the common theoretical value for all of the wings except
SBT-1; in this latter case the drag rises less rapidly than the theory
indicates. These results are also apparent for the uncambered wings
in the drag plots of figure 12.

To consider the possible effect of leading—edge suction for the
case of an uncambered wing, it is only necessary to modify the expres—
slon for the drag-rise factor by the inclusion of the quantity kg
a8 indicated in equation (11). This quantity, which is applicable
in this simple form for the uncambered wings only, defines the rela—
tive inclination of the resultant force due to lift as a fraction of
the angle of attack (8ee equation (12),) Experimental values of X
for the present uncambered wings have been determined in accordance
with equation (11) by taking the product of the previously obtained
drag-rise factor and 1lift-curve slope. The resulting experimental
values are listed in table I. For consistency with the other
calculated quantities, the theoretical value of k,; is in all cases
glven as unity, the value for zero leading-edge suction.

CONFIDENTTAL



32 CONFIDENTTIAL NACA RM No. ATI1O

For the swept—forward triangles, which have a supersonic
leading edge, no leading-edge suction is possible in any event; and,
1f no other effects are present, a value of kg other than unity is
not to be expected., The fact that the experimental values of k, for
these wings are actually somewhat greater than unity may be due to
an Increase in friction drag with increasing angle of attack, or
possibly to support-body interference.

For the swept—back plen form, a value of kg of less than unity
is theoretically possible in an inviscid fluid. Actually, wings SBT-1
end SBT-2 both exhibit experimental values less than one. In the case
of wing SBT-2 this condition may be only a reflection of the experi—
mental uncertainty in the determination of kg, . which may be as much
as 10.05. The relative forward inclination of the resultant force
on wing SBT-1, however, is definite. This result, which is at first
somewhat surprising in view of the sharp leading edge of this wing,
may be assoclated with the shape of the airfoil section in two ways:
(1) The far forward position of the maximum thickness on this wing
may cause a reduction of the friction drag with increasing angle.
Such an effect would follow if the change in angle of attack were
accompanied on the lower surface of the wing by a reduction in the
large area of turbulent boundery-layer flow which exists at zero
angle. (2) The relatively large leading-edge angle of the section
may result in a certain amount of leading-edge suction despite the
sharp edge. Since the actual pressure distribution in the vicinity
of the leading edge will depend very much on the nonlinear effects
of airfoil thickness, such a result is not inconceivable. Whatever
the cause of the relative reduction of kg for wing SBT-1, however,
the experimental value of 0,86 still falls considerably short of
the value of 0,68 given by equation (14%) for the full theoretical
leading-edge suction.

In an attempt to realize a greater amount of the theoretical
suction with wing SBT-1l, the leading edge was rounded to a radius of
0.25 percent of the chord, which is of the same order as the radius
of an NACA low—drag section of comparable thickness ratio. The aero—
dynamic characteristics of this modified wing are shown in figure 11.
The drag due to angle of attack for this wing is compared with that
for the unmodified wing in the lower graph of figure 17, which also
includes the computed curves for zero leading-edge suction and for
the full theoretical value. The rounding of the leading edge affords
a small benefit, the experimental values of Cpy/(4CL)Z and k, being
reduced to 0.350 and 0.80, as compared with the theoretical minimum
values of 0,273 and 0.68, respectively. Further rounding of the lead-—
ing edge — to a 0.50-percent radius over the entire span and then to a
still greater radius over the outer half — had no additional effect.

Lift—drag ratio.-~ On the basis of the parabolic drag curve of
equation (7) the maximum lift—drag ratio for an uncambered wing
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(CLp-min=0) 1is given theoretically by

(17)

Y et
D/max 2/ Chpin (CD1/(XL)Z] ~ 2

The maximum lift—drag ratio thus depends equally upon the minimum
drag and the drag-rise factor. The lift coefficient at which the
maximum occurs 1is

CDnin / (acp/da) Chyyy
(0] = = (18)
Lopt / [Cns/(2C)Z] X

The theoretical values of these quantities for the wing alomne,
assuming pressure drag only and no leading—edge suction, are given
in table I for comparison with the experimental velues. The experi-
mental values of the maximum lift—-drag ratio for all the uncambered
wings are, of course, considerably less than those given by the
theory, largely because of the effects of skin friction and support—
body interference.

Among the sharp-edge swept—back wings, there is little @ifference
between the experimental velues of (L/D)max for wings SBT-1 and
SBT—2, indicating that forward displacement of the maximum thickness
did not provide the relative gains in lift-drag ratio which considere~
tion of pressure drag alone would predict. This is a reflection of
the failure of such displacement to reduce the minimum drag as
previously discussed. The fact that wing SBT-1 does have slightly
the higher (L/D)max despite its larger minimum drag is a result of
the smaller increase in drag due to angle of attack for this wing.
This condition is illustrated in figure 18, which shows how the drag
curves for the two wings cross before the maximum lift-drag ratlo is
reached.

The effect on lift—drag ratio of rounding the leading edge of
wing SBT-1 is shown in the upper graph of figure 17. The small
decrease in drag due to angle of attack previously noted as the result
of rounding leads to an increase in (L/D)mex from 6.4 to 6.8. Since
the effect of rounding on the minimum drag was seen to be nil, this
is in qualitative agreement with equation (17). If the value of 0.273
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calculated for Cpy/(ACL)®on the basis of full theoreticel leading—
edge suction were achieved with no change in the value of 0,0160
obtained experimentally for Cppi,, the resulting (L/D)max for
wing SBT-1 would be increased to T7.6.

The present results with regerd to the gains obtained by
rounding the leeding edge should not be taken as conclusive, as
the rounding was here made arbitrerily on a basic wing chosen with
other criteria in mind. The result previously cited with regard
to the angle of zero lift for wing SBT-3 indicates that the upflow
requisite for' the realization of leading—edge suction does exist
ahead of the wing. To take the maximum advantage of this upflow
may requlre considerable care in research and design. The theo—
retical possibilities in this regard are discussed by Jones in
reference 20,

To complete the consideration of lift—drag ratio, the swept—
forward wings are seen to have slightly lower values of (L/D)max
than the corresponding swept—back wings, the differences being
the result of relative but inconsistent variations in both minimum
drag and drag due to angle of attack. All of the uncambered wings
attain (L/D)paxy at & common 1ift coefficlent of about 0.2. This
1s greater than the theoretical values for Cr t Dbecause of the

experimental increase in minimum drag over the %heoretical inviscid
value.

Schlieren Observations

Certain of the schlieren photographs, while not essential to an
understanding of the previous results, are of interest in themselves.
To aid in the ldentification in later pictures of gradients associated
with imperfections in the glass windows and with nonuniformities in
the tunnel air stream, photographs of the pertinent region of the
empty test section with wind off and wind on are shown in the upper
half of figure 19. In these and all subsequent photographs, the knife
edge was oriented vertically in such a way that positive density
gradients 1in the downstream direction appear as white regions. The
obligue compression waves which appear in the right-hand corners of
the photograph with wind on originate from imperfections in the nozzle
walls as explained in reference 13, They are far enough downstream
that they do not affect the test results. The flow about the 3°—
incidence support body tested alone at zero angle of attack is shown
in the lower half of figure 19, the body being oriented in the seme
manner as for a side—view picture of the wing. The intersection of
the conical nose wave and the boundary layer on the tunnel side wells
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appears as a faint disturbance of hyperbolic shape (a) as previously

noted in references 13 and 14. Similar intersections caused by other
shock waves appear in later pictures; they can be distinguished from

the disturbances in the air stream proper by their.characteristically
WAVY appearances.

Plan-view and side—view photographs of the flow at zero angle of
attack are shown for wings SBT-1 and SBT-2 in figure 20 and for wings
SFI-1 and SFT-2 in figure 21. For reference, the position of the root
section of the wing is shown in the side—view pictures. Since the two
views of a given wing represent essentially only two sections through
a complex three—dimensional flow field, care must be exercised in
ascribing the origin of the less familiar elements in the observed
wave patterns. A thorough study of the pictures would include
correlation with theoretical calculations of the pressure field off the
surface of the wings. Since the labor involved in such calculations
was prohibitive, only qualitative observations can be made at present.

The most apparent difference in the flow fields about the two
swept—back wings is in the position of the shock waves leaving the
trailing edge in the plan—view pictures of figure 20. On wing SBT-1
this wave leaves the trailing edge Just inboard of the tip and is
preceded by a small expension region (deark in the picture); on wing
SBT—2 the wave first appears approximately 30 percent of the span
inboard from the tip and is preceded by an expansion region of
considerable extent. Reference to figure 14 shows that these waves,
if extended onto the surface of the wings in a straight line, would
coincide approximately in each case with the beginning of the adverse
pressure gradient in the calculated pressure distribution and hence
with the transition from laminar to turbulent boundary-layer flow.
Correlation of these wave patterns with the calculated pressure fields
off the wing would be of considerable interest. The plan—view
pictures also indicate that the relative forward displacement of the
maximum thickness on wing SBT-1 increases the intensity of the com—
pression wave from the leading edge of the root section. This
difference, which is also apparent in the side—view pictures, is in
accord with the relatively greater pressure rise indicated at the
apex of wing SBT-1 in figure 1k, The greater entropy increase through
this stronger wave, which is not taken into account in the linear
theory, would tend to reduce the relative theoretical advantage of
wing SBT-1 as regards pressure drage. Such higher—order pressure
effects are, however, probably small as compared with the effects
of friction drag previously observed. In the side—view pictures,
the shock waves originating at the trailing edge coinclde with the
wave (b) caused by the surface discontinuity on the support body
(fige 19), so that no observations are possible with regard to
these trailing—edge waves.
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The main difference in the flow patterns for the swept—forward
wings (fig. 21) is in the position of the trailing shock waves. In
the side—view pictures the trailing wave for wing SFI-1 again
coincides with the wave from the support body, but for wing SFT-2 a
separate trailing wave can be seen forward of the body wave. The

strong shock waves from the lesading edge of the swept—forward wings
are apparente.

General Remarks

Much work remains to be done before a cholce can be made as to
the most suitable wing for a given supersonic flight condition, even
1f the complicating factors of control, structural strength, and
performance at other flight conditions are neglected. Certain
general observatlons with regard to triangular wings can be made,
however, on the basis of the present study.

It was suggested in the discussion of minimum drag that a swept—
forward triangular wing of proper design, because of its inherent
laminar—flow properties, might afford a lower minimum total drag than
could be attained with a swept—back triangle. The swept—forward plan
form has, however, two relative disadvantages. First, there is no
possibllity, such as exists with the swept-back triangle, of improving
the 1lift—drag ratio by means of leading-cdge suction. Second, because
of the effect of the intersecting Mach lines from the tips, the change
in position of the aerodynamic center with change in Mach number will
be appreciable on the swept—forward triangle. For these reasons,
the swept-back plan form would probably be preferred, even if a gain
in minimum drag could be realized with the swept—forwerd wing. A
possible exception in which lift—drag ratio and travel of the aero-—

dynamic center are not of serious consequence might be the case of a
stabilizing fin at the rear of a missile.

In eny event, it is clear that any consideration of an optimum
design must take account of the effects of friction and the boundary
layers As at subsonic speeds, the influence of the pressure distribu—
tion over the wing in determining the nature of the flow in the
boundary layer is apperent; and the BReynolds number, while not a
variable in the present investigation, may be expected to play an
important role. In this regard, the consequences of a large increase
in Reynolds number from the low value of the present tests are
difficult to assess. The magnitude of the skin—friction coefficients
would, of course, be decreased; and if there were no change in the
transition point, the over—all friction drag for a wing of given shape
would diminish relative to the pressure drag. On the other hand, it
can be shown from theoretical considerations (reference 20) that
the development of wings of optimum shape with regard to minimum drag
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at a given Reynolds number may be expected to lead to geometric forms
having a large percentage of friction drag. In addition, theoretical
and experimental results (see, e.g., references 1l and 21) suggest
the possibility that long runs of laminar flow may be more readily
attained at supersonic than at subsonic speeds. Serious study should
therefore be given to the design of wings and bodies to reduce the
pressure drag as much as possible and at the same time maintain the
longest practicable extent of favorable pressure gradient.

As previously explained under Corrections to Experimental Results
the difficulty in obtaining interference—free drag results for compari-—
son with the theoretical calculations reflects the gravity of the
problem of wing-body interference at supersonic speeds. Although
techniques of wing support can certainly be devised superior to those
of the present tests, the application of the resulting interference—
free data to the design of a practical wing—body combination would
still present a difficult problem. In either regard, an essential
difference exists between supersonic flow and subscritical subsonic
flow. At purely subsonic speeds the effects of a pressure disturbance
spread in all directions but diminish rapidly with distance. As a
result, the interference effects of combining a wing and body are
confined, apart from possible wake effects, largely to the vicinity’
of the wing-body Juncture. In supersonic flow, however, pressure
disturbances are propagated relatively undiminished within their zone
of influence; in fact, in two-dimensional flow they are, to a first
order, transmitted along the Mach lines without reduction. Thus, in
addition to the effects at the wing-body Juncture itself, a body may
now have appreciable influence on the flow at positions on the wing
far removed from the Juncture, perhaps even at the tips. This latter
condition 1s to be expected, for example, at the tips of the present
swept—forward wings, which are seen in the plan—view schlieren
pictures of figure 21 to lie Just behind the bow wave from the body
and hence in the varying pressure field of the ogive. If it is
assumed that effects of this type may be determined by simply
consldering the wing to be immersed in the calculated pressure field
of the body alone, the resulting changes in the aerodynamic character—
istics of the wing must then depend upon both the wing section and
plan form. Remote effects which originate from the wing—body Juncture
1tself rather than from the body ahead of it, such as would exist, for
example, on a highly swept—back wing, may not be susceptible to such
a simple analysis because of the interrelation between the boundary
conditions for the wing and body. Effects in the immediate vicinity
of the Juncture must receive special consideration for the same
reason. In any event, it now appears that the established subsonic
practice of treating the elements of a wing-body combination separately
may be of restricted applicability in the supersonic field.
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CONCLUSIONS

Tests were conducted at supersonic speed of three sharp—edged
wing models having a thickness ratio of 5 percent and a common
triangular plan form of aspect ratio 2 but differing in thickness
distribution and cember. The tests afforded the following conclusions
at a Mach number of 1.53 and & Reynolds number of 0.75 million:

l. The experimental 1ift and moment curves were essentially as
would be expected on the basis of the superposition principle of the
linesr theory, which states that the effects of thickness, camber,
and angle of attack can be treated separately for any given wing.

2. To a first approximetion, the lift—curve slope was indepen—
dent of the direction of sweep as predicted by the linear theory.
Closer examination showed small secondery differences, the average
slope for the swept—back triangles being about 10 percent lese than
theory, while that for the swept—forward triangles agrees with theory
almost exactlye.

3. The slope of the moment curve as referred to the centroid of
plan-form area was found to depend markedly on the direction of sweep.
For the swepi—back triangles the slope was essentially zero in agree—
ment with the linsar theory. For the swept—forward triangles the
experimental slopes indicated positions of the aerodynamic center
noticeably forward of that predicted by the linear theory.

L. The addition of camber as here employed caused the angle of
zero 1lift to be negative for the swept—back triangle and positive
for the swept—forward triangle. It resulted in a negative moment at
zero lift in both cases.

5« Moving the maximum thickness forward from the 50-percent
to the 20-percent chordwise station on the swept—back triangle did
not reduce the minimm total drasg in the way that theoretical con—
siderations of the pressure drag alone predict. Determination of
the areas of laminar and turbulent boundary-layer flow by the
liquid—film method indicates that this result was due to an increase
in friction drag resulting from an increase in the area of turbulent
flow. In both cases the area of turbulent flow was observed to
correlate well with the area of adverse gradient in the theoretical
pressure distribution.

6. The measured minimum drag for a given model was to a first
approximation independent of the direction of sweep. This result
tends to confirm von Kfrmin's independence theorem for minimum
pressure drage

CONFIDENTIAL



NACA RM No. A7T10 CONFIDENTIAL 39

7. For the swept~forward triangles the rise in drag with change
in attack was independent of the airfoil section and indicated that

the accompanying change in resultant force was essentially normal to
the chord line.

8. For the swept-back triangles, which have a subsonic leading
edge at the test Mach number, moving the maximum thickness forward
and rounding the leading edge for the forward position caused small
successive reductions in the drag rise and corresponding increases
in the maximum lift—drag ratio. This demonstrates the possibility
of aerodynamic gains through realization of the leading-edge suction
Indicated by theory.

Ames Aeronautical Laboratory,
Natlonal Advisory Committee for Aeronautics,
Moffett Field, Calif.

APPENDIX A
PRECISION OF DATA

The accuracy of the experimental datas can be determined by
estimating the wncertainty in the individual measurements which enter
into the determination of the aerodynamic coefficients, angle of
attack, and stream characteristics. The over—all uncertainty in
any given guantity is then obtained by combination of the pertinent
individual estimates. The final values are given on page 13 of the
main text. In combining the individual estimates, geometric
sumation similar to that recomnmended in reference 22 has been
used in place of the arithmetic summation previously employed in
references 13 and 14, The final uncertainty is thus taken as the
square root of the sum of the squares of the individual values.
These latter values are summarized in the succeeding paragraphs.

Aerodynamic Coefficients

A difference of +% count in reading the galvanometer at its
ilowest sensitivity will cause an uncertainty in the 1ift, drag, and
pitching-moment coefficients of +0,0008, +0,0001, and +0,001,
respectively, at a 1ift coefficient of 0.k,

In the course of the tests, the balance calibration factors , a8
determined by calibrations at frequent intervals, varied enough to
ceuse an uncertainty of +0.3 percent, +0.7 percent, and 0.6 percent
in 1ift, drag, and moment, respectively. Variation in correction for
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shift of the balance zeros with temperature, which is explained in
reference 13, may cause an uncertainty of £0.002, +0.0002, and +0.001
in 1ift, drag, and moment over the extreme temperature range. Because
of rotation of the balance beam as explained in reference 13, the
11ft force has a measurable, nonlinear effect upon the drag reading.
The correction for this effect introduces an uncertainty of about
$0,0012 in the drag coefficient at a lift coefficient of O.4. An
uncertalnty in moment coefficient of approximately 2.6 percent of the
1ift coefficient is introduced in the determination of the distance

between the effective center of the sting moment gage and the centroid
of the wing.

To determine 1ift and drag, the forces measured by the balance
were resolved parallel and perpendicular to the tunnel center line.
Because of the slight angularity of the stream, the coefficients
presented are thus not strictly applicable to the wind axes. The
error from this source is insignificant except in the drag measurements
at angles of attack above 6°,

Errors in manometer readings are reflected in the computed
dynamic pressure and hence in the aerodynamic coefficients. An
uncertainty of approximately +0.25 percent in all coefficients 1is
attributable to this cause. The error in dynamic pressure due to
small variations from the specified test Mach number (see below)
causes a further uncertainty of about +0.2 percent. Variations of
the specific humidity in the tunnel circuit below the value of 0.0002
maintained in the present tests cause a known variation of less than
0.25 percent in the dynamic pressure. Although small, this variation
was taken into account in the reduction of the date by correcting all
results to a common humidity of zero. The uncertainty from variation
in humidity is therefore believed to be negligible.

Posgsible errors in correcting the base pressure on the support
body to the static pressure of the free stream cause an uncertainty of
about *0.0001 in the measured drag coefficients.

All results are presented for a common Mach number of 1.53.
Actually the true test Mach number differs slightly for the different
wings as described below. Since, to a first approximation, aero-
dynamic c icients for wings are theoretically proportional to
(Mo2 — 1)7%, these differences introduce an uncertainty of +1,0
percent in all measured coefficients.

Angle of Attack

The method of determining the angle of attack of the wing is
described in the mein text under Test Methods. The establishment of
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the zero angle by means of the dial indicator and surface plate
introduces an uncertainty of *0.05°. The measurement of the addi—
tional angular settings with the telescope entails an uncertainty

of about +0.1°, The experimental scatter of the stream-angle survey
indicates an uncertainty of less than +0.1° from this source.

Stream Characteristics

As described in reference 1ll, the static pressure and Mach
number vary slightly with longitudinal position in the test section.
The specified Mach number for the present general investigation is
1.53, which is the value existing at the moment exls for the support
body alone (fig. 3). Because the centroid of area of some of the
wings in the general investigation (including those of the present
report) does not coincide with this axis, the Mach number at the
centroid of any given wing will actually lie between the limits of
1:52 and 1:5h.

The specified Reymnolds nuuber for the general investigation is
750,000 As the result of variations in the tunnel temperature and
pressure, the actual Reynolds number may vary between —30,000 and
+10,000 from the specified value for any given wing in the complete
series. For the wings of the present veport the variation is
somewhat legs, being only + 10,000,

APPENDIX B
AFRODYNAMIC CHARACTERISTICS OF THE SWEPT-FCORWARD
TRIANGULAR LIFTING SURFACE

From the known solution for the pressure field acting on the
raked tip of a trapezoidal 1lifting surface, the pressure field on a
swept—~forward lifting triangle can be determined to the first order
over most of the surface provided the trailing edges are not too
far behind the tip Mach lines. Referring to figure 22, the
pressure field between the Mach line and the edge of the raked tip
is conical and for M, =/2 1is given by the following equation
based on reference 9,

5 B8 —1<l+f—2h>
P = =% cos bt W (B1)
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The decrement in pressure coefficient AP from the Ackeret value of
2a 1is thus

= - 2a 1 (1L+f—~2h
AP = 20, — &% cos™ <———‘1-f > (B2)

In applying the foregoing solution to the swept—forward lifting
triangle, it is convenient to consider the surface to be divided into
four areas by the Mach lines as shown in figure 23. In area 1 the
pressure coefficlent 1s constant at the Ackeret velue of 2a, since
this area is unaffected by the tips. The pressure coefficients in
areag 2 and 3 are obtained directly from equation (Bl) by substituting
ho and ha, respectively, for h. In area 4 both tips act to decrease
the pressure coefficient from the Ackeret value by decrements glven by
equation (B2). Thus P, is given by the equation

Hd
]

g ot W O e o O
4 2q, — {ECX:—TCOS <—-1-T

20 l+f —~2h
- [2& - cog—1 <-_l-:—f——§>] (33)

or

_2@ =7 1l +f - 2np 2a - l +f — 2hg)—La
P4_ P cos <—'—i—-_—}-——> 1 ;(_- cos —-l—:—f—-—-— (B,J-)

It can be shown that the value of P, given by equation (BL) is
not correct behind the reflected Mach lines from the trailing edge
(fige 23). Consider a pressure disturbance from a point on the lower
surface within area 2. Such a disturbance will be propagated parallel
to the Mach lines from both tips and will thus reach both the near and

the far trailing edges. The disturbance on reaching the trailing edges,

which are subsonic, will pass around the edges onto the upper surface
influencing the upper—surface pressures. The disturbance passing

around the near trailling edge will affect the pressures in areas 2 and L

as well as in some of the area behind the reflected Mach waves. The
disturbence passing around the far trailing edge can affect only the
pressures behind the reflected Mach waves. By using the solution for
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the pressure field on the raked tip of a trapezoidal wing, the influ—
ence of the pressure disturbance passing around the near edge has

been automatically accounted for.
passing around the far tralling edge, however, is not taken into

The effect of the disturbance

account, so that the pressure coefficients behind the reflected Mach
lines are not accurately determined.

a disturbance must encircle the wing an infinite number of times before

it will reach the trailing apex. A three—dimensional representation

It is interesting to note that

of the pressure field over the swept—forward triangle is shown in the
lower half of figure T.

The 1ift coefficient can be determined by integrating the
pregsure coefficient over the lifting surface in accordance with

the equation

n=4
> z f By, dSn
n=1 Sn
f = n=4
) s
n=1

(B5)

The differential areas for regions 2, 3, and 4 are given in terms of

h> and h, by

dS4 =

as, =

o= b2 _dhp
2 (hotl)2

b2 dhg
TN

v ang
2 (f+ho 2

b2

2 (f+hy)2 i
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The area S4is taken to include the area behind the reflected Mach

waveg; that is, the effect of these reflected waves is neglected.

Substituting into equation (B5) and integrating between the proper
limits yields for the lift—curve slope at My =

20r, _ /_8_:__1)
da l+7

At any other Mach number

dcL= 4 8m_l
do /M2 -1 \W1l+m

ac
The value of the lift—curve—slope parameter d——JL M2 -1

determined from equation (B8) is plotted against m in figure 2k,
together with the corresponding values for the swept—back triangle
obtained from equation (13) of the main text. For a wide range of
the paramster m the solutions are nearly identical. This fact

suggests the possibility that the solutions might be identical for
the whole xange if a complete solution for the swept—forward lifting
triangle had been found. In view of the existence of wvon Karman's
independence theorem for pressure drag due to thickness, such a result

does not seem improbable.

present solution 1s not satisfactory because the area behind the
reflected Mach lines, where the pressure coefficients were not
accurately determined, is an appreciable fraction of the total area.

(B7)

(BS)

For values of m much less than 0.5, the

The aerodynamic—center position expressed as & fraction of the
root chord aft of the leading edge is given by the equation

%
T, -

¥ . o=l
0 n=4
Crz‘ Pn d.Sn
n=1

CONFIDENTTAL
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The same integration areas and limits are considered as for equation
(B5) with the result that

gt /.

X S l+m l4m —- 1
Cr 3 ( )

8m
Vg

The aerodynamic—center position given by equation (B10) is plotted
against m in figure 25 For m =1 the tralllng edges and tip
Mach lines are coincident and the wing loading is uniform. For this
cage the aerodynamic center and the centroid of area coincide so that
céf = l. For values of m less than unity, the wing loading on the
rear of the wing will decrease or become negative, shifting the aero—
dynamic center forward.

Ag with the lift-curve slope, the values of aerodynamic—center
position given by figure 25 are probably not accurate for values of
m less than about 0.5. The value of the pressure coefficient must
actually be zero along the entire extent of the tralling edge 1nstead
of having a finite negative value behind the reflected Mach waves as
assumed in the calculations. It is probable, therefore, that there
is less negative 1lift behind the reflected Mach waves than has been
assumed. Thus, the aerodynamic—center positions given by figure 25
are probably too small, that is, too far forward, for small values
of m. Since for a given wing the value of m will decrease as the
Mach number decreases toward unity, this is a problem of fundamental
importance with regard to the stability characteristics of this and
other similarly affected plan forms in the transonic speed range.
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TABIE I.— SUMMARY OF RESULTS OF FIGURES 9 AND 10 FOR SHARP-EDGED WINGS

Lift Moment Drag Lift—dr ratio
ac ac

Wing Sketch al, = 0 <E;L>L = Cuy, - 0 (d—g%)L o CDmin VD:L/(ACL)"2 Yo (L/D)max CLopt

gE%WS') —
% -0.1 0.0400 -0.005 f 0 0.0160| 0.375 o.eﬁir 6.4 0.21
(0) (0.0434) | (0) (0) (0.005k)| (0.%01) {(1.00){ (10.8) |(0.12)
/ S0l 0.0390 -0.005 0 0.0150| 0.%25 | 0.95 6.2 0.20
SBT-2 |/ /ZA\\ (0) (0.0k34) { (o) (0) (0.0092)| (0.401) [(1.00)f (8.2) |(0.15)
A <] ~0.8 0.0395 | —0.030 0 T 0.0220 | 0.472 ;fgis 5.9 0.25
e (%) (0.0k34) I (%) (0) () |-(0801) |gmigf ) |
+0.1 0.0440 0 0,190 0.0155 0.430 1.09 6.2 0.20
L @ 6 (0) (0.0430) | (0) (0.160) (0.0054)] (0.%05) |(1.00)f (20.8) |(0.12)
SFT-2 V O 0 0.0410 0 0.260 o.00701 - 0. 438 | 1303 5.6 0.20
(0) (0.0430) | (0) (0.160) | (0.0092) (0.405) {(r.00)ff (8.2) |(0.15)
SFT-3 VQ +0.2 0.0bk0 | —0.030 0.240 0.,0230| 0.413 g‘gis 5.8 0.24
(%) (0.0430) || (¥) (0.160) (=) | (owo3) foom b 9 | (0

Note: In each case the experimental value is given first and the corresponding theoretical value indicated

in parentheses directly below., Where an asterisk 1s used, the theoretical value has not been :lyggﬁx/'

computed. The theoretical values for all quantities pertaining to drag and lift—drag ratio were
calculated by consideration of the pressure drag alone and on the assumption of zero leading-edge
suction.
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