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SUMMARY 

[,nnular air inlet& situated several diameters behind the a)?9X 
of various bodies of l'evolution were tes ted over the range of Mach 
numbers between 1.36 and 2.01 to determine the effects of relatively 
thick b01.mdary l ayers uIJon the characteristics of duct entrances in 
supersonic fliGht. With nil the models tested, the recovery of 
total pressure after diffusion to a low subsonic velocity was found 
to be approximately two-thirds of tha t through a normal shock wave 
occurring a t the same free-etream Mach number. Schlieren photo­
graphs show that the causa of this low-pressure recovery is the 
interaction between the boundary layer and the back pressure in 
the diffuser; when the back pressure reaches only a moderate value, 
the boundary layer thiclrnna and separates upstream of the duct 
entrance. Once separation has occurred, the flow through the ' inlet 
fluctuates violently. 

A compari s on of an inlet situated several diameters behind the 
apex of a body with an inlet having only a short, 500 cone ahead of 
it shows that, even though the thiclmess of the laminar boundary 
layer i s apparently about the same in each case, the total-pressure 
recovery attainable with the 500 cone model is more than 30 percent 
greater at a Mach number of 1.70. This large difference in 
pressure recovery is caused by the greater local ~ach number at 
the duct entrance of the longer model and the more severe inter­
action be~Teen the boundary layer and the back pressure in the 
diffuser. 

It is concluded that compression at a local Mach number compar­
able to that 'of the supersonic stream will result in large losses 
in total pressure if the compression occurs in the presence of an 
appreciable boundary layer. 
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IN'ffiODUCTION 

Since air must enter the combustion chamber of a ram-jet 
engJne or the compressor of a turbo-jet engine at a relatively low 
velocity and with the maximum total pressure possible, the problem 
of reducing the velocity of a supersonic stream to a low subsonic 
speed with the minimum loss in total pressure is of importance in 
the design of supersoni c aircraft. A considerable amount of work 
has been done upon the problem, and, in general, two methods for 
attaining a high pressUre recovery have been suggested. In one, 
the stream is first decelerated in a converging cha~Del to a low 
supersonic velo~ ity ; it then enters a throat, or section of minimum 
area, \'There compression to a hig."'1 subsonic velocity OQcurs through 
a normal shock 'wave . Finally, the speed is further reduced in a 
subsonic diffuser. (See references 1, 2, 3, 4.) The other method. 
employs oblique shock waves and the compression that occurs along 
the surface of a cone to produce a low supersonic Mach number prior 
to the normal shock wave in the entrance throat. (See references 3, 
4, 5, 6, 7.) The principle of both schemes is to reduce the Mach 
numoer at which the normal shock wave occurs in order to maintain 
a more nearly isentropic flow. In the first method, the compressio~ 
takes place entj.rely .7i thin the duct system; vlhereas, in the second, 
some of the compresston is external. 

The investigations at supersonic speeds that have been performed 
in the past ha~e been concerned ;ith duct inlets in a position where . I 

they receive only the air of the free stream or, at least, air that 
has flowed but a short distance over a solid boundary. In a 
practical application, such a position is not always feasible, for 
other desi8n considerations may interfere. For example, an airplane, in 
which tho jet engin~ is in the rear of the fuselage,can attain a 
very high total pressure at the engine intake with a duct entrance 
at the nose of the fuselage. Ho-.rever, this arrangement is often not 
practicable because internal space requirements, such as a pilot's 
cockpit, cargo space, or structvral members, will obstruct the 
passage be~Teen the duct inlet and the engine . In this case, it is 
d.esir ab l e to place the entrance on the side of the fuselage close 
to the engine where the subsequent ducts will not cause design 
complications. An inlet in such a position will be in a region 
where the boundary layer resulting from the flow over the fuselage 
is relatively thick. Both the total pressure at the engine intake 
and the drag force of the duct entrance m~y be seriously affected 
by the presence of this boundary layer. 

Air inlets situated in regions of relatively thick boundary 
layer on superso!1ic aircraft are being investigated at the Ames 
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Laboratory of the National Advisory Committee for Aeronautics. The 
present report contains the results of the first series of tests. 
Inlets which received all of the boundary-layer air from the flow 
over comparatively long forebodies were tested in order to evaluate 
the importance of the problem and to study the nature of the flow. 

Sl'NBOLS 

P pressure (;oefficient (~:o) 

m ra te of mass flm'i 

H tota~ presst-ITe 

p static pres s~e 

q dyn~~ic pre3sure 

y ratio of specific heat at constant pressure to the specific 
heat at cons tant volume, 1.400 

M Mach number 

R Reynolds number based upon the length of body ahead of the 
entrance 

A area 

x distance from the apex of a forebody to a station ahead of the 
d1.-~ct entrance 

7, length of the ogive of the forebodies of models A and B 

d distance from the duct entrance to a station ahead of the 
settling chamber 

• 
L distance bet';.een the entrance throat and the settline. chamber 

The subscripts indisa te the s t a tion of the measured quantity, 

o free stream 

1 ~uct entrance 

2 entrance throat 

3 
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3 settling chamber 

4 exi t throat 

Al'PARATUS 

Wind Tunnel 

The investigation of duct inlets at 3upersonic speeds is being 
performed in the .AJIles ~ by ~inch supersonic wind tu...rmel. This is 
a tunnel of the closed-throat, nonreturn type. Three centrifugal 
compressors, driven by motors of 4500 horsepower total rated capacity, 
furnish u continuous supply of air to the wind tunnel. Siliea-gel 
dryers maintain ~n absolute humidity of less than 1 pound of water 
per 10,000 pounds of dry air. 

The Mach number in the test section can be varied continuously 
while the wind tunnel is in operation between the limits of 1.20 and 
2.13 if no model is present. This variation is produced by ch~nging 
the area of the nozzle throat. The total pressure in the wind 
ttmnel can also be varied continuously, but the pressure range that 
is available for cha~ging the Reynolds number decreases as the Mach 
number increases. The Reynolds number per foot of length may be 
set betl.;reen 6 and 8 million at the lm.,est Mach number and at 
11 million for the highest. 

Models 

Figure 1 shows a typical installation of a model in the test 
section of the wind tunnel; fig:rre 2 is a photograph of the 'bodies 
tested; and figure 3 shows the dimensions of the models. The 
prindples used in designing these models are discussed in the 
section entitled "Design Considerations." 

The duct inlets of all the models are annuli of equal diameters 
and of areas equal to 34.8 percent of the frontal area enclosed by 
the lip of the entrance. The forebody of model A consists of a 
lO-caliber ogival nose followed by a cylindrical section that is 
approxj.mately 60 percent of the length of the ogive. The length 
of tIle body ahead of the duct entrance is five forebody diameters. 
The internal duct consists of a short, constant-area section 
immediately behind the inlet which is followed by a curved throat 
of ad.justable area. This adjustment of area can be accomplished by 
moving the central body fore and aft relative to the outer shell 



JlTACA EM No. A7G15 5 

while the ·wind tWL~el is in operation by the mechanism shown in 
fi8ur~s 1 and 3. The throat is inclined at an angle of about 100 to 
the axis of the model, .and its length is approximately six times the 
thickness of ' the entrance a~~ulus. A subsonic diffuser connects the 
throat to a settling chamber. The surfaces of this diffuser diverge 
at ~~ included angle of about 6.30 to form un e~uivalent cone angle 
of 12.60

• The ' exit of the passage through the model consists of a 
sonic throat of variable area. The pt~pose of this variable throat 
is to permit control of the pressure in the settling chamber. 

Hodel B wc.s desie,ned for tests to provide data for a comparison 
betvreen c. fixed inle t having no cor..tro.ction with the variable type 
of j.nlet represented by model A. Excel~t for the shape of the 
entrc.nce., the t1-,ro :.nodel s f1.re i lientical. The area ratio between the 
inlet and the settlinG chamber of model B is 4.8, which is sufficient 
to mc.. intnin u Mach !",,1).mber of leso than 0.25 in the settling chamber. 
With the exception of the sh~pe of the forebodies~ models C and D 
ar e the sc.me as model B. T.!le body of the former is of the same 
length as model B, but it hc.s no cylindric:.1J. section.; the shupe is 
ogival b~ tween the apox and the entr:.1nce. The 'forellody of the latter 
consist s of a. shortened oeive the lenGth of which is 2.50 forebody 
diameters . 

In oreier to compo.re the results of tes ts in the 8- by 8-inch 
wind t1:JtTlol .Ti th t hoSG obtained in other supersonic wind tunnels, 
c.n inlet s imilar to one described j.n reference 7 was tested. This 
inlet cons i sts of an c.nm:lar entrance located about one forebody 
dio.rn.eter behind the apex of a cone having a 500 vertical angle. The 
sub sonic diffuser is the same as those of models B, C, and D. 

Tl1e models a r e supported in the wind tunnel by vertical and 
h9rizontal struts o.s shown in figure 1. The vertical strut serves 
c.s the mc.in . support ar:.d 1.1S a fairing f or the pressure-measurement 
t ubes . The horizontal strut prevents lateral movement of the model 
and 0.180 houDes the shafts and bevel genrs' that drive the movable 
parts. Though it is possible to chc.nge the nD~le of cttack of -the 
model by 0.1 tering the sUP110rt, no tests were mc..de c. t uI1..g1es: other 
th~n 00 bocause of the preliminnry nature of the first series of' 
te s t s . 

Ins trument ation 

Because of the difficulties involved in constructing e~uipment 
with which both pressure and drc..g forces can be measured simulta.nE?­
ously, the preliminary te s t s upon duct inlets are being performed 
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wi th mod.els in which only pressure mea.surements are mado. 

The static pressure distribution ~long the diffusers is obtained 
",ith flush orifices~ situated as shmm in figure 3, that are 
cOTh~ected to a multiple-tube mercury manometer. The total pressure 
in the settling chamber is measured by two pitot tubes which .ore 
located in the upper and lower halves of the settling chamber in 
order to indicate nonuniformi ty in the flow. The dynamic pressure 
in the settling chamber is measured by the difference between 
rea dings from 0. static pressure orifice in the chamber wall and 
the total pressure tubes. An orifice at the exit throat indicates 
whether sonic velocity exists through the outlet. 

A qualitative pictl~e of the flow about the models is furnished 
by 0. schlieren cpparatus. Photographs of about eight microseconds 
exposure time are taken to record the flow patterns. The knife edge 
of the schlieren ap~~ratus is placed parallel to the direction of 
the flow to emphasize gradients normal to the stream; it is in such 
0. position that a decreasing density in a dawnvrard direction appears 
black in the upper half of the pictures. The photographs do not 
show imcges that are of uniform sensitivity because vibration of 
the floor which supports the schlieren app~ratus causes a slight 
movement of the knife edge with respect to tho light rays. Although 
each of the components of the appe.ratus is mounted upon a beam the 
purpose of which is to prevent any difference in the motion of each 
part,. and even though this beam is spring-supported from the floor, 
there is still sufficient relative motion to affect the sensitivity. 
~le vibration is especially detriment~l in this case because the 
knife edge is perpendicular to the plane of the vibration. 

lI1ETHODS 

In preparation for the tests of duct inlets, the 8- by 8-inch 
supersonic wind tunnel was calibrated to determine the Mach number, 
pressure gradient~ and stream angle throughout the test section as 
functions of the total pressure and the area of the nozzle throat. 
The Mach nlunber was determined by schlieren photographs of the 
oblique shock waves originating from the apex of 0. cone and also 
by measurements of the static pressure. The stream angle was 

. determined by tests with a wedge in which the static pressure 
difference upon the upper and lower surfaces was measured and 
compared with 0. calibration curve. 

With a model installed in the test section of the wind tmL~el, 
the available t esting range is reQuced. In the present tests, the 

l 
: 
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minimum Mach number at which supersonic flow can be maintained is 
1.36. The max:i.mum Mach number attainable Is reduced to 2.01 
because of excessive vibration of the models under certain condi­
tions of flow into the duct. The majority of the tests were 
performed at a Mach number of 1.70 and at the maximum and minimum 
Reynolds numbers. Other tests were made at the maximum Reynolds 
number obtainable at Mach numbers of 1. 36, 1. 50., 1.90, and 2.01. 

The following procp,dure is used in performing a test: 

1. The throat areas of the wind tunnel, the duct entrance, 
and the duct exit Qre all set at their maximum values. 

2. Air is released thl~Ugh the tunnel at a total pressure 

7 

that will maintain supersonic flow at the minimum supersonic Mach 
number. 1ben, the throat of the wind tunnel is contracted. After 
supersonic flew has been established, the throat area of the tunnel 
is set to :prod.uce the !vlach number ()f the test and the total 'pressure 
is increased to the value that· will give the desired Reynolds number. 

3. The area of the throat at the duct entrance is set to 
produce the desired contraction ratio. 

4. The area, of the exit throat is reduced to zero and then 
opened to the maximum value in predetermined increments. Pressure 
measurements and schlieren photographs are made at each setting. 

The reason for releasing air into the tunnel at a low Mach 
n~ber and a low total :pressure is to reduce the intensity of the 
normal shock wave that moves through the test section when super­
sonic flow is established in order that the model and its supports 
will not suffer from a sudden, fluctuating load. Since ~ normal 
shock wave that is caused by the deceleration of the flow through 
tho duct system must be in a diverging channel if it is to be 
stable, the contra ction ratio at the duct entrance is reduced only 
after surersonic flow has been established ·thl'ough the inlet. 
Measul'ements are made for both increasing and decreasing values 
of the exit-throat U.rea in order to obtain check points and also 
to detect any hysteretic phenomena. 

Several tests were made to determine ·the effect of a relatively 
thi ck turbulGnt boundary layer entering the duct. This boundary 
layer was produced by a 3/4-inch band of No. 60 carborundum grit 
at the nose of the body .. 
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DESIGN CONSIDERATIONS 

The aims of a duct inlet design are as follows: 

1. To reduce the velocity of the flow through the duct to 
a low subsonic speed with the .least loss in total 
pressure and the least increas.e in external drag 

2. To maintain a uniform distribution of the flow ac~oss 
the entrance to the settling chamber 

3. To avert any discontinuity ln the character of the flow 
that might result from a change in attitude, in speed, 
or in the pressure conditions within the settling 
chamber 

The fore body and duct inlet of model A are intended to repre­
sent the fuselage of a typisal supersonic airplane that has a duct 
entrance located near the stern, in a region of appreciable 
boundary l ayer. In order to reduce the number of variables of the 
tests, the subsonic diffuser was designed to minimize the loss 
even though it probably will not represent a practical application. 
No particular care was taken in the design of the externai surface 
of the diffuser shell because only the internal pressure recovery 
was to be measured in the preliminary tests. The shape of the 
forebody of model A was determined by the requ~rement that the 
Mach number at the duct inlet be low in order to reduce the 
intensi ty of a normal shod:: wave occurring inside the entrance. A 
cylindri(~al section YTas used behind the ogi .,0.1 nose because a 
compression, or reduction in f.>1ach number, occurs along its surface. 
The pressure-coefficient distribution, as computed by the lino­
a rized. theory of reference 8, is. shown in figure 4. The pressure 
coefficie~t at the inlet is small, -0.020 at a Mach number of 
1.70; in other words, the local Mach number, 1.73, is nearly that 
of the free stream. The variation of the pressure coefficient 
wi th ~lach number at the poai tion of the inlet is also small, from 
-O.02{ at a Mach number of 1.20 to -0.011:) at a Mach number of 2.10; 
therefore, the velocity at the duct entrance is alWaYs nearly that 
of the free stream. Since the distribution of the pressure coeffi­
c ient along the cylindrical section approaches zero asymptotically, 
very little additional compression can be attained by placing the 
inlet farther aft. The lip at the duct entrance of model A was 
made as sharp as possible and the internal surfa~e was designed to 
be parallel to the local stream in order to minimize the internal 
disturbance caused by the lip. A variable contraction ratio at the 
entrance was used, because it has been shown that additional 
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pressure re covery can be attained once supers·on~c flow has been 
established by redu~ing the throat area and thus the Mach number 
at which the normal shock .rave occurs . (See references I and 3.) 
Tl18 throa t was extended for a short distance with very little 
diver gence in the passage in order to s tabilize the position of 
t he normal shock wa ve as suggested in reference 9. 

Al though the cy.undrical sections of the boclies of models A 
and B pr ovide oome compr ession . ahead of the duct inlet, there i s 
a conflicting effect ; namely, an adverse pressure gradient that 
will thicken the boundary l ayer and, for a laminar boun~ry layer, 
decr ea.se i tEl s t abil·i t y . In order t o avoid t hese consequences, the 
body of model C was designee. to have a favorable gradient ·over its 
e:ltir e l ength. (See fig . 4.) The Mach number at the duct entrance 
is incr eo:sed slightly as a r esult, for at a free-stream Mach nt'Jl1ber 
of 1. 70 , t ho pressur e coefficient a t the duct entrance is -0.041 
which corresponds to 0.. local Mach number of '1. 76. 
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Since the l engt h of surface '",hich the f low must traverse before 
r oachi ng the entrance affec t s the t hickness of the boundary layer, 
the for e body of model D was designed t o reduce thi s lengt h 
subs t c;.ntially. The d).s t ance as measur ed a long the surface between 
t he a.pex of the body and the duct entrance is 3.665 inches for 
mOde l s A and B, 3.650 inche s f or mode~ C, and 1.881 inches for 
model 'D; i n other '-Tords, the iength of run over model D i s about 
50 percent of tha t of the other model s . The pressux'e gr adient along 
t he· forebody i s ent i r ely favorable, and the· pressure coefficient at 
the entrance is zero a t a f r ee- s tream Mach number of 1. 70 . (See 
fig . l+.) 

RESULTS 

Present ation of Data 

The data of the . t est s a r e presented as curves of tota l-pressure 
r a tio HJHo plotted against mass -f low r a tio m~/illo. TDe l a.tter 
t erm i s defined as t he mass flow tha t enters the inlet p~V~A~ 
d.ivided by the. t which .Toul d flow t hrough a t ube of the same area 
as the irlet i n t he free s tream POYoAl' Since the t1vO - pi tot tubes 
jon the se ttling chamber indi cc.te t ot al pressures that uBree wi thin 
2 per ce"'1t and sin\~e t hese measurements r epeat whether the area of 
t he exit t hr o8.t is being decreased or increased, only the measure­
meJ.lt s . . t ha t wer e made vli t h one pi tot t ube as t he exit area was 
reduced ~re pr esent ed . Figure 5 shows t he effect of inlet-contraction 
r a.tio upon t he pressure r ecover y of model A; figure 6 compares the 
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recovery of models A, B, C, and D; and figure 7 shows the effect 
of Reynolds number and a turbulent boundary layer upon model B. 
The static pressure distribution along the subsonic diffuser of 
model B is shown in figuxe 8. The'se curves represent the results 
at a Mach number of 1. 70. Figure 9 shows the effect of Mach 
number on the pressure ~ecovery attainable with model B. A cross 
plot of the maximum pressure recovery attained by each model as a 
function of the free-stream Bach number is shown in figure 10 
together with curves shm'ling the pressure recovery across a normal 
shock wave oc.curring a t the same free-stream Mach number and the 
recovery with the 500 cone model. 

Schlieren photographs of the flow about the entrance of model A 
for entrCl.!1Ce cor.tract5_on ratios of 1.0 and 0.8 are shown in figure 11. 
Figure 12 shows the flow over model B with a turbulent boundary layer. 
The turbulent character of the flow can be identified by the diffuse, 
grey region next to the surface of the body. The laminary boundary 
layer, sho~~ in the other pictures, is characterized by a sharp, 
white or black region. The fluctuation that is typical of the· flow 
about the entrance of all the models at outlet-inlet-area ratios 
below the value which produces the maximum pressure recovery is 
shown in figure 13. These photographs were made consecutively 
with no change in any of the externally variable parameters. They 
are of model C because the effect is most pronounced in this case. 
Figure 14 shows the flow about the entrance of model D. Since the 
schlieren photographs show not only the flow disturbances caused 
by the presence of a model in the wind tunnel but also imperfec­
tions in the glass windows and density gradients in the stream that 
are not caused by the model, photographs of these extraneous effects 
are shown in figure 15. 

Precision 

The accuracy of the results can be judged by considering two 
gener a l classifications of the sources of error. First, are the 
errorl:l that .. re sult from variations in the uniformity of the flow 
through the test section of the wil"'d tunnel; second, are those 
that result from inaccuracy in the measuring technique. 

The flaw in the wind tunnel was studied during the calibra­
tion tests. The results show that preSS1ITe and, therefore, Mach 
nluuber gradients exist in the test section but that they are 
relat1vely small. For instance, the longitudinal variation of the 
Mach number through the tes t oection at a nominal Mach number of 
1.70 is between the limits of 1.71 and 1.69, less than 1 percent. 

l 
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Tha grcdient of Mach number over the length of the model between 
the apex of the body and the iuct inlet is only 0.3 percent. The 
vo.riation in the stream angle throughout the test section is between 
±lo, but the variation over the length of the model is ±0.4°. The 
effect of these deviations upon the tests of duct inlets is thought 
to be small. 

In a sl'.personic wind tunnel, the presence of moisture in the 
air cen cause an error if the assumption is made, as it was in this 
caGe , tha t the total pre3sure in the test section i s the same as 
tha t in the settling chamber. However, if the water content of the 
air i s rr~intained at less than 0.0001 pound of water per pound of 
dry air, as was done in the present tests, the effect upon the total 
pressure is negligible. 

Since the areas of the entrance and. the exit to the duct 
detel~i~e the natlrre of the flow, they must be known accurately. 
The uiamet ers of the entrance and exit were therefore measured 
precisely. There i s a slight variation in the c.rea of the exit 
throa t tha t r esults f rom play between the threacis of the lead screw 
and a lso be tween the t eeth of the miter gears. Measurements show that 
thi s variation is within ±l.3 percent . 

The accurncy of the pressure measurements depends upon the flow 
condi t iona ab011.t the duct entrance. When the IJlIlss-flow ratio is 
bel ow thc.t ::'or ITlEtximum pressure recovery, the flow into the inlet 
is 11..T1s t eady . Be~uuse of t he l ag i!l the tubing connecting the 
orifices and the ma!lometer board and because of the inertia of the 
merCliTY in the m::.:.ncmeter, tIie reo.dings made in this mas s-flOlv range 
r Gpr 080nt aver age values , end they may not be uS accurate as they 
appear. When the flow conditions are steady, the manometer tubes can 
be r ead to within ±l millimeter of ner cury, or within ±O.l percent. 
Under the most adverse conditions the readings can be made to within 
± 5 millilnEJters, or wi thin 1 percent . 

The de termina tio!l of the mas s flow through the model is 
dependent upon tho total pressuro and tempera ture in tho settling 
chamber and the area of the exit thro~t. The aSGumption is made 
tha t the total t emperaturo is the samo aa tha t of the froe stream. 
It is believed that the mass -flow r a tio is accurate to within ±1.5 
percent . 

The tota l-pressur e measurements in the settling chamber of the 
models indicat e not only the losse s a t the duct inlet but also the 
l osses tha t occur in the subsonic diffuser. The wngnitude of the 
lc~tter 108~;es can be estimat ed from the t es ts of the 500 cone model 
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which had the same subsonic diffuser as models B, C, and D. The 
maximum total-pressure recovery attained is 89 percent at a Much 
number of 1.85 (fig. 10). This yalue agrees with those of 
similar tests described in references 6 and 7 and indicates that 
the losses resulting from the subsonic diffuser are less than 
4 percent of the total pressure available . 

DISCUSSION 

Since there is no appreciable difference in the total 
pressure ~ttained with models A, B, C, or D, the general properties 
of flow into annular duct inlets situated in a region of relatively 
thick bOlU1dary layer are di 8cusse~, and then the causes of the 
smc.ll differences in the flow through the models are described. 
Finally, the flow conditio~s about mo~el D are compared to those 
about the 500 cone model i~ order to explain the large difference 
in total-pressure recovery c.ttainable with each type of inlet. 

General Flow Properties 

If it is assumed that the total temperat1~e in the settling 
chamber of the models is tho same as that of the free stream and 
if sonic yelocity is maintained at the exit throat, the relation­
ship between the mass- flow and total-pressure ratios is indicated 
by the following equation : 

= 

y+l 
l2 ()'-l) 

J 

The mass -flow r a tio a t a given Mach number is thus a function of 
tho total-pressure ~d outlet-inlot-area ratios, and because of 
the compres s ibility of the flUid, it can be greater than one. 
For the 500 cone model, the mass-flow ratio reachos a valuo of 1.3. 

The tota l-pressure ratio is dependent upon the outlet-inlet­
area r a tio. If the area r a tio is large, the total pressure in the 
settling chamber is low compared to the maximum attainable. As 
shown in the schlieren photographs, the flow through the duct 
inle t is superconic for such a condition, and inside the subsonic 
diffuser, the flow velocity increases as shown by the decrease in 

- I 
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the sta.tic pressure immediately behind the entrance. (See fig. 8.) 
Therefore, the deceleration to a subsonic speed occurs abruptly 
from a rela.tively higb local Mach number, and the resulting shock 
losses are lal'ge . As the outlet-inlet-area. ratio is reduced tOivard 
one, the pressure in the settling chamber rises rapidly. This 
increase is the result of the reduction in the intensity of the 
shock losses. As the back press~re in the settling chamber 
increases, the position at whlch the shock losses occur moves 
toward the duct i nlet and into a region of lower local Mach number 
with a resulting decrease in the entropy ·rise. Thi s movement of 
the shock losses as the outlet-inlet-area ratio is reduced is 
indicated in figure 8 by the position of the abrupt rise in the 
static pressure in the subsonic diffuser. Since, with the excep­
tion of the fluid_ i n the boundary layer J the flow through the duct 
entrance is supel'soni c for these large values of the outlet-inlet­
area ra tio, the mass-flow ratio is very nearly constant. 

The l argest total-pressure ratio occurs, of course, when the 
losses in pressure al'e the least. This condition exists when the 
shock lossos in the subsonic dJff\Jser occur near the inlet, or at 
the minimum local Hach number. The flow through the entrance is 
supersonic, and t he mass-flow ratio is very nearly the same as it 
was for larger value s of the outlet-inlet-a.rea r a tio. 

As the schlieren photographs show, when the outlet-inlet-area 
ratio is reduced below the value that produces the maximum total­
pressure recovery, the bound_ary l;3.yor th ickens 8...T'ld separates 
upstream of the duct entrance . This phenomenon is possible in 
sup~rsonic flo,.,. because the effect of the adverse pressure gradient 
at the inlet extends upstream through the subsonic boundary layer. 
Tho reS'lll t is , that only air of a relatively lo.r dynamic pre ssure 
flO'lvs throut;3h the entrance . Further reduction in the outlet-1nlet­
area ratio reduces the mass-flow ratio toward zero, but there is 
little chonge in the total-pressure ratio. 

Aftor separation has occurred upstream of the duct entr ance, tho 
flow becomes unstea.dy. Consecutive schlieren photographs 8hm[ tha.t 
the velocity throug.1. the inlet may be either supersonic vlith a 
relatively thin boundary layer, or it may be subsonic with a 
completely separated boundary layer. (See fig. 13.) The reason 
for the fluctua.ting flow is that, after separation has once 
occurred, the back pressure in the settling chamber decreases and . 
the C9,use of the separation disappears. Tho bounda.ry layer then 
resumes its noxT.lal course along the surfaco of the body, and the 
high-enerGY air of the supersonic stream once again enters tho 
duct. Such a condition is transitory, for the back pressure in 
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the settling chamber immediately rises, thickens the boundary layer~ 
and. causes t he cycle to repeat. 

A notable fact is that no normal shock wave is evident in the 
static pressure distribution along the subsonic diffuser or in any 
of the schlieren photographs. No abrupt rise in static pressure 
of the magnitude that would be expected with a single normal shock 
vrave oceurs. If there were no boundary layer flowing into the duct ~ 
a sudden rise in static pressure at least twice that indicated by the 
tes ts would result from a normal shock ..,lave inside the subsonic 
diffuser. (See reference 2.) The effect of the boundary layer is 
to obscure any pressure Qiscontinuities as measured by static 
pressure orifices and also to change the effective shape of the 
channel. As discussed in references 10 and 11, the thickening of 
the boundary layer that results from an adverse pressure gradient 
causes weak oblique shock waves that reduce the intensity of the 
subsequent normal wave and thus distribute the pressure rise over 
an appreciable length. While the boundary layer is separated 
upstream of the inlet, the veloc'i ty of the air flowing into the 
duct is subsonic, and a normal shock wave cannot exist. 

The effect of increasing the free-stream Mach number is to 
reduce the total--pressure ratio. (See fig. 9J A comparison of the 
IIl£'.ximum total-pressure ratio attainable with IIlodels A, B, 0, and D 
wi th the total-pressure ratio across a normal shock wave occurring 
at the same free- stream Mach number shows that the recovery with 
the models is only about two-thi~ds that of the shock wave. (See 
fig. 10.) 

Specific Models 

Model A 

If there were no boundary layer at the duct inlet or inside 
the diffuser, a pressure recovery greater than 93 percent should 
be theoretically a ttainable a t a free-stream Mach number of 1.70 
with model A having an entrance contraction ratio of 0 .73. A 
norrnal shock wave would exist in the entrance throat at a local 
Hc.ch number slightly greater than one, and it would be of minimum 
intensity . The lowest recovery, about 85 percent, would occur if 
the normal shock wave existed in the relatively high Mach number 
region immedic.tely aheed of the entrance . The presence of the 
boundary layor seriously alters these limits, for the best recovery, 
as attained in tests of model A at a Mach number of 1.70,is only 
56 per-::ent . A contrc.ction at the entrance, which in the absence 
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of a boundary layel~ improves the recovery, has a detrimenta.l effect. 
(See fig. 5.) 

When the entrance contraction ratio of model A is ~educed, the 
maximum ·value of the mass-flow ratio decreases. It is apparent from 
the equat~. on tha.t relates the ratios of mass flO1." total pressure, 
and outlet-inlet area that the reason for this reduction is a loss 
in total pressUl~e between the supersonic stream and the settling 
chamber at equal 'ralues of the outlet-inlet-area ratio. The 
schlieren ph otographs show that constriction of the duct innnediately 
behind the entrance causes an wi.verse pressure gradient 'that is 
sufficient to t l:'::i.cken the boundar3T la.yer ahead of the inlet even at 
large values of the outlet area.. (See fig. 11.) T'ne result is a 
loss in t otal pressuro in t:,0 settline chamber that jncreases as 
the inlet pass9..ge is contracted. The mass-flow ra.tio is greatly 
affected by a congtriction, while the maximum total- pressure ratio 
is affected only slightly because the outlet-inlet-area ratio at 
which the maximu ... "l1 occurs decreases wi tb the contractlon ratio. 

At a Mach numoer of 1.70, the mass-flow ratio corresponding to 
the maximum total-pressure ratio attaina.ble with model A is about 
0.92 or less than ~cbat of any of the other models. (See fig. 6,) 
The docreasod flow rate is the result of a. greater los's in total 
pressure at e qual values of the outlet-j.nlet-area ratio. 'l'his 
lower rec ovel~y l,f model A is probably the result of the adverse 
effect of the extended. entrance throat upon the boundary layer. 
The natural growth of the boundary layer effectively produces a 
converging channel even though the walls of the passa£e are parallel 
for a short dista.nce and then only slightly d.ivergent. The resulting 
pre ssUl~e gradient furthe:: increases the boundary-layer thickness and 
causes an increase in entropy. Though the maximum mass-flow ratio 
of model A is less than those of mode ls Band C J the maximum total­
pressure l'atio is slightly greater . It IS possible that this . 
improvement is the rosul t of tho stabilizing effect of the extended 
throat, fDr the back pressuro in the settling chamber of model A 
can be incro2.sod \ to grcB..ter value s than with models Band C bocause 
tho boundary layer will not separate a.s r eadily . Tl1e extended 
throat may stabilizo the flo'-T at the entrance of the diffusE)r as 
explained in reference 9, and it also separates the boundary layer 
a.head of tbe entrance from the back pressure in the diverging 
diffuser by an apprec"l.able distance. 

Mode l B 

The maximum tota.l-pressure ratio attainable with model B at a 
Mach number of 1.70 end a Reynolds nu'l1ber of 2.9 million is 
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53 percent \-I'hich occurs at a mass-flovT ratio of 0.95. Decreasing 
the Reynolds number consistently improves the maximum total-pressure 
r at io a few percent as shown in figure 7. The cause of this improve­
ment i s not understood, for a greater loss in total p!"essure would 
be expected as a result of the increase in the thickness of the 
boundary layer. 

The effect of increasing the surface roughness with a band 
of carbol~undum Sri t to ensure a turbulent boundary layer over the 
entire length of the fore body is to decrease both thf:l maximum total­
preSS1~e l~tio and the mass-flow ratio. (See fig. 7.) At a free­
s tream M~ch number of 1. 70, the turbulent boundary layer causes a 
loss of about 3 percent in the maximum total-pressure ratio and 
6 percent in the mass-flow ratio. Since a turbulent boundary layer 
i s more resi s tant to separation than a laminar one, it would be 
expected thc.t the flmT through an inlet would re1l1D.in supersonic at 
greater ~alues of the back pressure if a completely turbulent 
bo~mdQry layer existed over the forebody. However, the results 
show tha t separation occurs at nearly the same value of the outlet­
inlet-area ratio whether the boundary layer is luminar or turbulent. 
(See figs. 11 and 12.) It is possible that a thinner turbulent 
boundary l ayer than tha t produced by carborundum grit at the nose 
of the forebody ,vould r ,esult in some improvement. 

Model C 

At a tvmch number of 1. 70, the mt_ximum total-pressure rc.tio of 
model C is' ~l percent at a mass-flow ratio ,of 0.96. (See fig. 6.) 
~lO pressure r ecovery of model C is less than that of any of the 
other models because the boundary layer separates ahead of the 
inlet at a greater va lue of the outlet-inlet-area ratio. In other 
words, the back press~rre in the diffuser has a greater ad~erse 
effect . 

Model D 

r::::ta thida.ess of t :le boun0..a ry layer can be substantially 
red:ucco. ,\'i tllou't; a l te'I~::'n3 t''1e: ehc.l"<1cter of the flo\-:" i12to t~is type 
of G_'J.ct entrc.~1(;e, for only n. s ::"ight improvement in pressure 
recovery is a tta.ined wj tll model D. (See fi g . 6.) Tile boundary 
layer thickeT' S o.nd separ<ltes in the same munner that it does with 
the other models, (See fig. 14.) The thi ckness of the boundary 
layer a t the duct entrance of 0.11 the forebody shapes has been 
computed, assuming no be.ck pressur e in the diffuser, by the method 

l 
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of refere;nce 12. The thickness of the boundary layer, as defined 
in these c~lculations is the distance, normal to the surface, at 
which tne local velocity is equal to 0.707 times the velocity out­
s ide the boundary l ayer. At a free-stream Mach nUmber of ~ 1.70, ' 
the thi ckne s s for models A and B is 0.0053 inch; for model C, 
0.0044 inch; and for model D, 0.0019 inch. Comparison of the 
velocity profiles and schlieren photographs of the boundary l ayers 
described in reference 13 shows that the density gr~dient 
indicat ed by the schlieren appar a tus extends to a normal distance 
a/t which the local velocity i s roughly ni ne-tenths the velocity 
outs ide the boundary l ayer. If thi s figure is assumed, the 
cal cul a t ed thi ckness of the bo~~dary l ayers of the vari ous models 
agr ee in order of magni tude with those det ermined from inspection 
of t he schlieren photographs . 

Compari son wi th the 500 cone model.- The thickness of the 
boun&~y l ayer of , the 500 cone model, as computed for the same 
condi tions and by the same method a s for the other models, is 
0 .0016 inch, nearly equal to tha t of model D. However, t he 
maximR~ total-pres~ure r ecovery i s 91 per cent at a free-stream 
Mach number of '1.70 as compar ed to 58-percent r ecovery wi th 
model D. (See fig . 10.) This l a r ge di f ference in pres sure 
r ecovery i s c~used by the gr eat er loca l Mach number at the duct 
e,ntrance of the longer model. The local Mach numbers, a s 

,determined t heoretically, a r e 1.17 for ,the "500 cone model and 
1,.70 for model D. Therefore., the compres s ion tha t occurs a t the 
entrance of the l atter model i s gr eat er, the inter a ction with the 
boundary l a yer i s more sever e , and the r esulting losses are much 
l ar ger. To compar e the i nle t s a t the same entrance Mach number ' 
of 1 .5, the 500 cone must be a t a free-stream Mach ' number of 2.1, 
a t ' Thich va l ue t he pr essure recovery i s about 78 percent. With 
model D, the f r ee- s tream Mach number i s nearly 1.5 and the r ecovery 
is 66 per cent. The reason f or this differ ence a t the same entrance 
Mach number is not lmder s tood a t the pr esent time. An investigation 
of the ef fec t s of l oca l Mach number upon the boundary l ayer is ~e ing 
por f ormed to det er mine the causes . 

Although the total--pressure r ecoveries with models A, ::8, C and 
D ,ar e much l ess than tha t of the 500 cone model, thi s criterion 
does not fully de t ermine their worth. The drag ca used by the fore­
body and the duct sys t em of each model wi ll differ from that of 
other model s ; ther efore , final compar isons of inlet s mus t not only 
include the t ot a l ·-pr essure r ecovery but a l so the drag f orce s upon 
the f usel ages t hat cont a in them. 
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It is apparent that large losses in total pressure result from 
a duct entrance situated in a region of appreciable boundary layer 
where the local Mach number is comparable to that of the free stream. 
Reduction of these losses can be achieved by reducing the inter­
action between the boundary layer and the back pressure inside the 
diffuser. This reduction can be accomplished either by decreasing 
the local Mach number a t the duct entrance by a method that will 
produce external compression with no adverse effect upon the 
bOlmdary layer or by decreasing the amOlmt of boundary-layer air 
that read1es the entrance. 

CONCLUSIONS 

Tests at Mach nmnbers be~{een 1.36 and 2.01 of annular duct 
inlets situated sever al diameters behind the apex of bodies of 
revolntion have shown the following effects: 

1. Because of' the i nteraction between the back pressure inside 
the diffuser and the boundary layer flowtng into it~ the total­
pressure recovery att ained is approximately two-thirds of that of 
a normal shock wave occurring at the same free-stream Mach nQ~ber. 

2. When the mass-flow ratio is less than that which pruduces 
the mpximum total-pressure ratio~ the flow into the d.uct fluctuates 
violently. The flow may be either supersonic through the inlet 
with a relatively thin bo~~dary layer~ or it may be subsonic with 
a completely separated bo~~dary layer. 

3. An appreciable change in the thickness of the laminar 
boundary layer or even a relatively thick turbtuent layer has 
only negligible effects upon the recovery of total pressure. 

4. Reducing the local Mach number immediately behind the 
duct entrance by constricting the channel has a detrimental effect 
if a relatively thick boundary layer flows through the inlet. 

In general~ compression a t a Mach number comparable to that 
of the super sonic str eam will result in large losses in total 
pressure if the compr ession occurs in the presence of an appreciable 
boundary layer. 

Ames Aeronautical Laboratory~ 

Naticnal Advisory Commi ttee for Aeronautics~ 
Moffett Field~ Calif. 
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Figure 1.- l·i.odel installation in the Ames 8- by 8-inch supersonic wind tunnel 
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Figure 2.- Bodies of Models. 
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of 1.0 and 0.8. 
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Figure 12.- Schlieren photographs of model E showing the flow with a turbulent boundary layer over the forebody. 
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Figure 1;.- SchlIeren photographs of model C showing the 
fluctuating flow upstrea~ of the entrance. 
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Figure 14.- Schlieren photographs of model D at various 
values of the outlet-inlet area ratio. 
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Figure 15.- Schlieren photographs of the test section of the 
8- by 8-inch wind tunnel with no model installed • 
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