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NATIONAL ADVISORY COMMITTEE FOR AERONAUTICS

RESEARCH MEMORANDUM

AERODYNAMIC STUDY OF A WING—FUSELAGE COMBINATION EMPLOYING A WING
SWEPT BACK 63°.— INVESTIGATION AT A MACH NUMBER OF 1553010
DETERMINE THE EFFECTS OF CAMBERING AND TWISTING THE

WING FOR UNIFORM LOAD AT A LIFT COEFFICIENT OF 0.25

By Robert T. Madden

SUMMARY

Tests have been performed at a Mach number of 1.53 with a wing—
fuselage combination having a wing with 63° leading—edge sweep,
an aspect ratio of 3.46, and a taper ratio of 0.25. This wing had an
NACA 64A005 thickness distribution parallel to the plane of symmetry
and was cambered and twisted. The principal object of the investi-—
gation was to determine the effects of camber and twist on the maximum
lift—drag ratio and pitching-moment characteristics. The results
octained from these tests are compared with those of a preceding
investigation employing the same fuselage and wing plan form but with
a wing having an NACA 64A006 thickness distribution and no camber or
twist. Tests were also performed to determine the characteristics
of configurations obtained by rotating the cambered, twisted wing
panels to 670 and 700 leading—edge sweep. The effects of Reynolds
number were also investigated.

At a Reynolds number of 0,84 million, the thinner, cambered, and
twisted-wing configuration with 63° leading-edge sweep had a maximum
lift—drag ratio of 8.3 as compared with 7.2 for the similar configu—
ration of the earlier investigation. This increase resulted from a
decrease in minimum drag coefficient, a displacement of the minimum
of the drag curve to a positive 1ift coefficient and a decrease in
the rate of drag rise with increased 1lift coefficient. Although the
total center—of~1ift travel was greater for the cambered—wing configu—
ration, the change in center—of—lift location with 1lift coefficient
near that for maximum lift—drag ratio was reduced.

As in the earlier investigation, the sweep angle for maximum
lift—drag ratio at a Mach number of 1.53 was found to be approximately
67°. The magnitude of the maximum lift—drag ratio increased with
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increased Reynolds number. Values of 7.3 and 8.3 were obtained at
Reynolds numbers of 0.62 and 0.84 million, respectively, with the 63°
wing configuration, and values of 6.6, 7.7, and 9.0 were obtained at
Reynolds numbers of 0.31, 0.62, and 0.95 million, respectively, with
the 67° configuration. These results indicate that further improve—
ment may be expected at Reynolds numbers beyond the range of the
gmall-scale tests.

INTRODUCTION

This report is the second on a series of tests which have been
made at a Mach number of 1.53 to determine the 1lift, drag, and pitching—
moment characteristics of wing—fuselage configurations using wings with
large angles of sweepback. The original configuration, designed with
the theoretical results of reference 1 as a guide, had a wing with 63°
of leading—edge sweep, an aspect ratio of 3.42, a taper ratio of 0.25,
and an NACA 64A006 section parallel to the plane of symmetry. The
fuselage had a fineness ratio of 12.5. The experimental results obtained
with this configuration at a Mach number of 1.53 are presented in
reference 2, wherein the effects of Reynolds number and the effects of
varying the sweep angle by rotating the wing panels about the midpoint
of the root chord are also discussed. The aerodynamic characteristics
of the original configuration (63° sweep) are also being studied at
subsonic and lower supersonic speeds; the results obtalned to date are
presented in references 3 and k4.

The linear theory indicated that values of maximum lift—drag ratio
greater than 10 to 1 could be maintained with this combination up to
Mach numbers of approximately 1.5. The results of tests showed,
however, that the maximum lift—drag ratio was less than predicted by
theory. At low lift coefficients, the rate of drag increase with 1ift
coefficient was greater than predicted by the inviscid theory, and
furthermore, the static longitudinal stability was less than theory
indicated. These discrepancies were attributed to boundary—layer
separation. This separation was caused by the nature of the chordwise
pressure gradients which theory indicates are highly adverse over the
wing area near the leading edge when the wing 1s at moderate angles
of attack. The adverse gradients are the greatest, and therefore the
most detrimental, on the outboard sections because ths induced upwash
increases with distance from the root chord. These pressure gradients
near the tip wers so adverse that the boundary layer remained separated
over the entire chord at relatively low angles of attack. The accom—
panying loss of 1ift and increase in drag were responsible for the
discrepancies noted in reference 2.
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It was considered probable that some improvement in the aero—
dynamic characteristics of this configuration would result if the
nature of the pressure distribution due to angle of attack were
modified to decrease the adverse pressure gradients. A possible
means of decreasing the influence of the pressure distribution was
shown in reference 1, where camber and twist were used to obtain a
uniform lifting pressure distribution (neutral pressure gradients)
at a specified 1ift coefficient and Mach number. Using this method,
a cambered, twisted wing was designed which had the same wing plan
form as the basic configuration of the preceding investigation. It
1s the purpose of the present report to describe the tests conducted
with the modified wing at a Mach number of 1.53 to determine the
effects of camber and twist on the maximum 1lift—drag ratio and
pitching-moment characteristics. As in the previous investigation,
the effects of variations in sweep and Reynolds number on these
parameters were also studied.

SYMBOLS

Basic Symbols

b2
A aspect ratio 5
b wing span measured perpendicular to plane of symmetry,
inches
c wing chord measured parallel to plane of symmetry, inches

b/E 2
5} mean aerodynamic chord inches
fb/e
Cg mean geometric chord <§{> , 1inches
Cr wing root chord (in plane of symmetry), inches
Ct wing tip chord, inches
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Cn
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dra
total drag coefficient < 8>
a5

minimum total drag coefficient

rise 1n total drag coefficient above minimum (CD—-CDmin>

q.S

1ift coefficient <1ift>
o

1ift coefficient for maximum lift—drag ratio
lift—curve slope, per radian unless otherwise specifie

change in 1ift coefficient from value for minimum drag
CL_CLD = min

drag-rise factor

maximum lift—drag ratio

pitching-moment coefficient about 25 percent mean
aerodynamic chord

d

<p1tching moment about 25 percent mean aerodynamic chor
q55¢c

normal forc e>

normal—force coefficient (
Q.os
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Je

AL.E.

location of maximum airfoil thickness, measured from
leading edge in streamwise direction, inches

ratio of the cotangent of the sweep angle of the leading
edge to the cotangent of the sweep angle of the Mach
line

Mach number corresponding to velocity component perpen—
dicular to wing leading edge

free—stream dynamic pressure, pounds per square inch

Reynolds number based on mean geometric chord of wing

wing plan—form area including the area obtained by
extending the wing leading and trailing edges to the
fuselage center line, square inches

maximum thickness of airfoil section, inches
free—stream velocity, feet per second

distance from moment axis to center of 1lift, inches
lateral coordinate, inches

meximum ordinate of mean camber line, inches

sweep angle of leading edge, degrees

© o
i

Changs in
resultant force

B Bt
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a angle of attack, degrees
at, angle of twist, relative to wing root chord, degrees
JaYe change in angle of attack from value for minimum drag,
degrees
QAT, rearward inclination of the change in resultant force
corresponding to the change in 1lift coefficient ALy,
degrees
X le ratio <°LAL
angle ra —_
& e A
Subscripts
D = min value at minimum drag
TE=80 value at zero 1lift
opt value at optimum 1ift coefficient

Model Confilgurations

Each wing—fuselage combination is designated by the letters WF
followed by the number of degrees of leading—edge sweep. The letter
¢ has been added after the sweep angle to differentiate the present
configurations from those of the preceding investigation (reference 2).

DESCRIPTION OF APPARATUS

Wind Tumnel and Balance

The investigation was performed in the Ames 1— by 3—foot supersonic
wind tunnel No. 1, which was fitted temporarily with a fixed nozzle
designed to give a Mach number of 1.5 in a 1- by 2—1/2—foot test section.
The tunnel, electric strain—gage balance, and instrumentation are
described in references 5 and 6.
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Models

A photograph of the model used 1n the investigation is shown in
figure 1 and the design dimensions of the basic configuration (63°
leading—edge sweep) are shown in figure 2. The fuselage and wing
plan form are the same as those of the basic configuration in the
tests of reference 2. (Because of the small model size and the
method of assembling the wings and fuselage, the model dimensions
vary slightly from those of referemnce 2 and figure 2. However, no
gsignificant alteration in plan form results from these small changes.)
In the design of the present wing, three major parameters., the wing
twist, the wing-section camber, and the wing—section thickmess were
changed from the values used for the original wing of reference 2.

It is convenient to consider the changes in camber and twist together
and then discuss the change in wing thickness.

The location of the sections for which mean camber lines and
angles of twist were calculated are shown in figure 3. The ordinates
of these sections, which are given in table I, were determined by the
method discussed by Jones in reference 1. In that report it is shown
that oblique vortices swept at angles corresponding to the leading
and trailing edges can be used to determine the surface shape nec—
egsary to obtain a uniform lifting pressure distribution for a given
1ift coefficient and Mach number. The values of 0.25 and 1.53 were
chosen as the design 1lift coefficient and Mach number, respectively.
This value of 1lift coefficient was selected since 1t was believed
that it would be close to that for maximum lift-drag ratio at a Mach
number of 1.53. As was noted in reference 1, the calculated mean
camber lines necessary to obtain a uniform lifting load for this
type of wing plan form closely resemble the a = 1.0 mean camber
line (see reference 7) used in subsonic airfoil design. For this
reason the calculated mean camber line at each of the sections
shown in figure 3, with the exception of that at the root, was approx—
imated in the model design by a = 1.0 mean line which had the same
maximum camber ordinate as was determined by theory.

As was also discussed in reference 1, the angle of attack of the
gection at the wing root theoretically must be 90° to maintain a
uniform lifting pressure distribution over the entire wing at the
design condition; that is, if the leading edge is assumed to be fixed
in a horizontal plane parallel to the free—stream direction, the
trailing edge of the wing would be directly below the leading edge
at the root section. At the tip, the trailling edge would be above
the plane in which the leading edge lies. However, since the sections
near the root which theoretically require high values of oy are
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enclosed by the fuselage, the variation required by theory was not
maintained in this region. Instead, the trailing—edge position at
the root was obtained by assuming a nearly linear variation of twist
inboard of the chord c;. This deviation gave a value of 2.450 for
the root—section angle of attack. To provide a convenient reference
for angle—of-attack measurements, the wing was rotated to give 0°
incidence at the root chord when referred to the longitudinal axis

of the fuselage. The corresponding theoretical angle of attack at
the tip was then —4.45° for the design load condition. Since, however,
the bending of a swept—back wing under load contributes an increment
of twist the calculated angles of twist were reduced as shown in
figure 4. The procedure used to determine the twist with no load was
to subtract from the calculated twist the amount expected from the
wing deflection at the design 1lift coefficient for a tunnel pressure
of 18 pounds per square inch absolute (qo = 7.7 1b/sq in.). At the
wing—tip section the calculated angle of twist due to bending was
approximately —1.0° and this value agreed closely with that observed
during tunnel operation. The angles of twist shown in figure 3 are
those calculated for no aerodynamic load.

The thickness—chord ratio of the basic wing was reduced in the
present investigation from that used with the 63° swept wing of
reference 2. An NACA 64A005 thickness distribution in the stream
direction was used in place of an NACA 64A006 section. This modifi—
cation was suggested by a consideration of the flow conditions perpen—
dicular to the wing leading edge. As was discussed in reference 2,
the wing section perpendicular to the leading edge of the 63° swept
wing was approximately 11 percent thick. At a free—stream Mach
number of 1.53, corresponding to a Mach number normal to the leading
edge of 0.69, it was considered probable that conditions associated
with shock stall existed over the upper surface at 1ift coefficients
below that for maximum lift—drag ratio. Therefore, some improvement
might be realized by reducing the thickness—chord ratio of the wing
section perpendicular to the leading edge to approximately 9 percent
by using an NACA 64A005 thickness distribution in the stream direcvion.
It was believed that both this reduction in thickness and the use of
cember and twist would delay to a higher 1ift coefficient the conditions
producing shock stall.

To investigate the characteristics of configurations with 67.00°
and 70.0° of leading—edge sweep, each half of the 63° wing was
rotated about the midpoint of the root chord. The changes in wing
geometry resulting from changes in sweep are shown in table 1EIE,

In each case the incidence of the wing root chord was set at 0° with
reference to the longitudinal axis of the fuselage.
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TEST METHODS

The methods used for obtaining the experimental force data are
described in references 5 and 6. Measurements were made of 1lift,
drag, and pitching moment through an angle—of-attack range of —2° to
8° at a Mach number of 1.53. The Reynolds number was varied within
the range of 0.31 to 0.95 million based on the mean geometric chord.
The liquid—film technique which was used to determine the nature of
the boundary—layer flow and the corrections that were applied to the
data are described in detail in reference 2. The precision of the
experimental data is the same as that of reference 6 and is as
follows:

Uncertainty Uncertainty
Quantity for C =0 for Cp =.0.4
Lift coefficient +0.002 +0.005
Drag coefficient + .000k4 + .0016
Pitching—moment coefficient + .002 S olontil
Angle of attack O £ 15

RESULTS AND DISCUSSION

The present investigation is primarily concerned with the
determination of the effects of camber and twist on the maximum
lift—drag ratio and pitching-moment characteristics of a wing—
fuselage combination at a Mach number of 1.53. The subsequent
discussion, for the most part, consists of a comparison of the
characteristics of the cambered, twisted wing configuration
(WF—63c) studied in the present investigation with the charac—
teristics observed in an earlier investigation (reference 2)
with a symmetrical untwisted-wing configuration (WF—63) which had
the same wing plan form. Since the maximum 1ift—drag ratio of
each configuration depends upon the minimum drag coefficient, the
1ift coefficient for minimum drag, and the drag—rise factor, the
data are discussed in terms of these parameters. The relationship
between them is shown by the following equations:
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%)mx o2 [ a0/ (a0p)° j(CLopt - CLD=min> ¥

where

C
4 Dmin .
CLopt o AED/(ACL)Z i (?LD=min> ()

(When CLD=min equals zero, as it does for a symmetrical wing, these

equations reduce to equations (3) and (4) of reference 2.) Since
the drag-rise factor is related to dCL/da and kg as shown by the
following equation,

Np kg
(&Cp)?  dcr/da

(3)

these parameters are also discussed. The comparison of the results
of the force tests with WF—63c and WF—63 i1s limited to the data
obtained at a Reynolds number of 0.84 million since similar effects
were noted at the lower value investigated (0.62 million). The
effects of Reynolds number and sweep observed with the cambered,
twisted wing configurations and the differences between the
experimental results and those calculated by the linear theory are
considered only briefly because these trends were similar to those
discussed in detail in reference 2.

Table IIT summarizes the experimental results obtained with the
WF—63c, WF—67c, and WF—T0c configurations at all Reynolds numbers
investigated and includes, for purposes of comparison, the results
presented in reference 2 with the WF—63 configuration at a Reynolds
number of 0.84 million. Theoretical values of dCr/da, ACD/(ACL)2,
and kg are also included for the 63° and 67° swept wings. Since
the linear theory indicates that these parameters are not affected
by thickness, camber, or twist, they are the same as those listed
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in reference 2 for identical plan forms. Theoretical values for the
other aerodynamic parameters have not been determined because of the
unknown effects of wing-fuselage interference.

Comparison of Lift, Drag, and Pitching-Moment
Characteristics of WF-63c and WF-63

Lift—curve slope.— Figure 5 shows the experimental 1ift and
pitching-moment characteristics of the WF-63c¢c and WF—63 configurations.
Also shown, for purposes of comparison, is the WF—63c 1lift curve which
has been horizontally displaced to pass through the origin., The
experimental value of QL—O of 1.29 for WF—63c 1s associated with

the selection of the wing root chord as the angle—of-attack reference.
As was discussed previously, this chord was arbitrarily set at zero
incidence to the longitudinal axis of the fuselage. It was observed
in the tests of reference 8 that a positively cambered, untwisted
wing swept within the Mach cone had positive 1lift at zero angle of
attack. However, the wing twist of WF-63c, is sufficient to cause

a larger increment of negative 1lift at zero angle of attack of the
root chord than is obtained as positive 1ift through the use of
camber.

A comparison of the WF—63c displaced 1lift curve with that for
WF-63 shows that, although the slope near zero lift was greater for
the cambered, twisted wing configuration, there was no appreciable
change in slope above Cp = 0.10. The difference near zero 1lift
between the two configurations makes the average slope slightly higher
for WF—63c, and this change has some bearing on the subsequent discus—
sion of the drag rise.

Drag.— Figure 6 presents the drag curves obtained with WF—63c
and WF—63. An additional drag curve is also shown, which has been
obtained by displacing vertically the curve for WF—63c by the dif-—
ference in minimum drag coefficient obtained experimentally between
the two configurations. This curve separates the effects of the
change in minimum drag coefficient from the changes in the 1lift coef—
ficient for minimum drag and rate of drag rise with 1lift coefficient.

As shown in table IIT, at a Reynolds number of 0.84 million the
measured values of minimum drag coefficient indicate a decrease from
0.0160 for WF—63 to 0,0140 for WF—63c. This change appears to be
primarily a result of the reduction in wing thickness from 6 to 5
percent. As was noted in reference 2, the theoretical wing—thickness
pressure drag of the wing of WF—63 is approximately 0.0047. Since
the linear theory indicates that this component of the minimum drag
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coefficient varies as (t/c)2, a large part (approximately 0.001k4)

of the experimentally observed minimum drag—coefficient change can

be attributed to the reduction in wing thickness. The remaining ¥
difference is probably associated with a reduction in the skin

friction, the separation pressure drag for the WF—63c configuration,

or with the experimental uncertainty.

A comparison of the displaced WF—63c drag curve with that for
WF—63 (fig. 6) shows that, at 1ift coefficients near that for maximum
lift—-drag ratio, ACp 1s considerably less for WF—63c than for WF—63.
This reduction can be attributed to the displacement of the minimum
of the drag curve to a positive 1lift coefficient and a decrease in

the rate of rise of the drag curve. The increase in C 3 is
caused by the camber and twist and is similar to that obtaingdnat
subsonic speeds. The decrease in drag-rise factor (equation (3))
is associated with a reduction in the rearward inclination of the
change in the resultant force vector, as indicated by the values of
k in table III, and also with the previously mentioned slight

)
increase in the average lift—curve slope.

Liquid—film tests were made with both configurations at a 1lift
coefficient of 0.21 to determine any change in boundary—layer flow
associated with the observed reduction in k,. These tests were

made at & slightly lower Reynolds number (0.62 million) where a
similar reduction in kg was noted. The results are presented in
figure 7 which shows that laminar separation occurred on the upper
surface of both wings, but with the wing of WF—63c the total area

of separated flow, particularly near the leading edge, was reduced.
This reduction in leading—edge separation would be expected to reduce
the magnitude of kg since it is probably accompanied by a smaller
loss in leading—edge suction force. It should be noted particularly
that the wing camber and twist were effective in reducing leading—
edge separation on the outboard wing sections.

Another factor which is probably associated with the reduction
of ACp at lift coefficients below the optimum for WF—63c is the
reduction in wing thickness and its effect in delaying to a higher
1ift coefficient the occurrence of shock stall. However, the lack
of experimental pressure—distribution measurements for both wings
prevents an evaluation of the magnitude of this effect which, in
the analysis of the force—test results, cannot be isolated from
similar effects expected of camber and twist.
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Maximum 1lift—drag ratio.— Figure 6 shows the lift—drag curves
obtained with the two configurations discussed in the preceding
sections. It also shows an additional lift—drag curve which can be
used to separate the effects of the change in minimum drag coefficient
from that due to changes in the 1ift coefficient for minimum drag and
rate of drag rise. This lift—drag curve has been determined from the
WF—63c drag curve that was displaced as previously discussed. The
experimental data show that an increase in maximum 1ift—drag ratio
from 7.2 and 8.3 resulted from the use of the cambered, twisted,
thinner wing. The supplementary curve indicates that this improvement
results to an approximately equal degree from the reduction in minimum
drag coefficient and from the combined effect of the displacement of
the minimum of the drag curve to a positive 1lift coefficient and the
reduction in drag rise previously discussed.

Pitching moment.— The effect of the camber and twist on the

variation of pitching-moment coefficient with 1lift coefficient can be
geen in figure 5, where the moment coefficients have been computed
with the moment reference axis at 25 percent of the mean aerodynamic
chord. Also included are the approximate variations of the center of
1ift for the two configurations. These variations wers determined
from the moment data by the following equation:

Cmy — <cm£>
ok 4/1=0
= o (%)

ol 1M

The term <le> has been included in this equation so that
P
L=0

the resulting values of are equal (in percent of the mean aero—

Qllkd

dynamic chord) to the distances from the moment axis to the center
of the 1ift. If the term (/Cnu > is omitted, the value of

LR
§ gives the position of the center of pressure with a value of infinity
G
being obtained at zero 1ift. It should be noted that equation (4)
gives the aerodynamic—center location when the right—hand side is a
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constant throughout the lift—coefficient range; that is, in cases
where the moment curve is linear, the center—of—1ift position remains
fixed throughout the lift-coefficient range.

Considering both the positive and negative ranges of 1ift
coefficient, figure 5 shows that WF—63c at this Reynolds number has
a slightly greater total center—of-1ift travel. However, in the
positive range of 1lift coefficients near CLopt there is a favorable

reduction in the rate of change of center—of—lift position with 1ift
coefficient for WF—63c. The relatively large changes in center—of—-1ift
location near zero 1lift with both configurations are bellieved to be

due to the effects of laminar boundary—layer separation. As will be
discussed later, these changes may be expected to decrease at higher
Reynolds numbers.

Effects of Sweep

Figures 8, 9, and 10 present the experimental data for the
cambered, twisted wing configurations with leading—edge sweep angles
of 63.0°, 67.0°9, and 70.0°. The values of the aerodynamic parameters
determined from these data are listed in table IIT for all Reynolds
numbers investigated.

The decrease in lift—curve slope with increased sweep observed
with these configurations (fig. 8) 1s similar to that obtained in
reference 2 with the symmetric wing configurations, where it was noted
that this trend is indicated by the linear theory. The variations of
minimum drag coefficient and drag-rise factor (fig. 9) are also
similar to those noted in the earlier investigation. The decrease in
minimum drag coefficient is caused by a decrease in wing-thickness
pressure drag with increased sweep. The increase in drag-rise factor
with increased sweep is primarily associated with the decrease in
lift—curve slope. As a result of these two opposing variations of
drag with sweep, there is an optimum leading—edge sweep angle for
meximum lift—drag ratio. As in reference 2, the optimum angle in the
present investigation was found to be near 67° for this type of
configuration at a Mach number of 1.53.

Separation of the laminar boundary layer at the low test Reynolds
numbers caused relatively large changes in center—of—1ift location
with changes in 1ift coefficient for all configurations. These changes
are shown in figure 10. The effects of separation are most pronounced
at low 1lift coefficients for all configurations, as is indicated by
the large change in center—of—lift position with 1ift coefficient near
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zero 1ift. Parts (a), (b), and (c) of figure 10 show the effect of
sweep on the pitching—moment characteristics of the three configurations
for a Reynolds number of 0.62 million.

Effects of Reynolds Number

Since the present series of tests were performed at low Reynolds
numbers, the results are not directly applicable to full-scale design
studies because the effects of Reynolds number are apparently large.
However, the data do permit some predictions to be made of the trends
at higher Reynolds numbers. Equations (l) and (2) show that the
maximum lift—drag ratio of each configuration depends upon the values
of minimum drag coefficient, drag-rise factor, and 1lift coefficient
for minimum drag. An examination of the values listed in table III
shows that increasing the Reynolds number with the WF-63c and WF—6Tc
models produced favorable changes of all of these parameters.

The reduction in Cppy, with increased Reynolds number is

gimilar to that discussed in reference 2, where it was observed that
a decrease in the area of separated flow caused a decrease in the
gseparation drag at zero 1ift. This favorable effect should continue
with increased Reynolds number, since transition of the laminar
boundary layer to turbulent flow may be expected on the basis of the
liquid—film test results of reference 9.

The reduction in the magnitude of the drag—rise factor observed
in the present investigation would also be expected to continue with
increased Reynolds number, particularly if turbulent flow were obtained
over the forward part of the wing. With turbulent boundary-layer flow,
the separated area observed on the outboard upper surface near the
trailing edge of the 1lifting wing (fig. 7) would be expected to decrease
and hence to reduce the pressure drag. The experimental wing pressure
drag is also associated with the extent of the separation bubble
near the inboard leading edge of the upper surface. Subsonic tests
(reference 10) have shown that the chordwise extent of this separated
area is reduced with increased Reynolds number, since reattachment
of the turbulent boundary layer occurs farther forward on the wing.
This reduction in separation is accompanied by a decrease in the
pressure over the wing leading edge which, particularly when realized
with a rounded leading—edge airfoil section, will also result in a
decrease in pressure drag. Although no significant change in 1ift—
curve slope was observed in the present tests as a result of increasing
the Reynolds number, it is probable that a decrease in the area of
separated flow near the trailing edge will result 1n some improvement
of this characteristic and consequently, as shown by equation (3),
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would cause a further decrease in the drag—rise factor.

Increasing the Reynolds number with WF—63c and WF—67c increased
the value of CLp_pmyp, @8 is shown in table ITI. This fact suggests

further increases at higher Reynolds numbers. However, because of the
unknown effects of camber, twist, and separation at these low Reynolds
numbers, it is difficult to estimate the change to be expected at full-
scale Reynolds numbers.

The effect of increased Reynolds number on the values of maximum
1ift—drag ratio of the WF—63c and WF—67c configurations 1s shown in
figures 9(a) and (b). With WF—63c, values of (L/D)mgyx of 7.3 and

8.3 were obtained at Reynolds numbers of 0.62 and 0.84 million,
respectively. With the WF—67c configuration, values of 6.6, 7.7, and
9.0 were obtained at Reynolds numbers of 0.31, 0.62, and 0.95 million,
respectively. It appears, therefore, that increases in Reynolds
number beyond the range of the present investigation will probably be
accompanied by further increases in maximum lift—drag ratio.

In view of the expected change in boundary—layer flow at higher
Reynolds numbers, the pitching—moment characteristics of the small—
scale configurations, which had large areas of separated flow at all
1ift coefficients, are of questionable quantitative value. It may be
expected that if the laminar separation areas are eliminated, or
considerably reduced near zero 1lift at higher Reynolds numbers, the
relatively large change in center—of—1ift position in this range
(fig. 10) will also be reduced. This possible improvement is indicated
when the center—of—1ift curves of figures 10(d) and (e) are compared
with those of figures 10(a) and (b). At the higher Reynolds numbers,
with the WF—63c and WF—67c configurations, the rearward shift of the
center of 1ift near a 1lift coefficient of 0.10 is also reduced. This
shift occurs when the boundary layer separates near the wing leading
edge because the separation results in a decrease in the negative
pressures on the forward part of the upper surface of the inboard
gsections. Consequently, the reduction in this rearward shift with
increased Reynolds number is attributed to a decrease in the chordwise
extent of the leading—edge separation bubble because such a change
would cause a smaller decrease in the negative pressure peak near the
wing leading edge.

CONCLUDING REMARKS

The results of tests made at a Mach number of 1.53 with a wing—
fuselage combination employing a cambered and twisted wing with 63°
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leading—edge sweep when compared with results obtained with a similar
configuration using a thicker wing with no camber or twist have shown
an increase in maximum lift—drag ratio from 7.2 to 8.3 at a Reynolds
number of 0.84 million. This increase resulted from a decrease in
minimum drag coefficient, a displacement of the minimum of the drag
curve to a positive 1lift coefficlent, and a slight decrease in the
rate of drag rise. The total center—of—lift travel with the cambered—
twisted—wing configuration was slightly greater than that with the
symmetrical wing, but the change in center—of—1ift location with 1ift
coefficient was reduced at values near that for maximum lift—drag
ratio.

Additlonal tests conducted with configurations having cambered
and twisted wings with 67° and T70° leading—edge sweep at a Reynolds
number of 0.62 million indicated the leading—edge sweep angle for
meximum 1ift—drag ratio at a Mach number of 1.53 was approximately
67°. These tests also showed that, with increased sweep, the 1ift—
curve slope and minimum drag coefficient was decreased and the rate
of drag rise with 1ift coefficlient was increased.

Tests made with the configurations employing wings with leading—
edge sweep angles of 63° and 670 to study the effects of Reynolds
number showed that with increased Reynolds number the value of
maximum 1ift—drag ratio was increased. At 63° sweep, values of 7.3
and 8.3 were obtained at Reynolds numbers of 0.62 and 0.84 million,
respectively; and at 67° sweep, values of 6.6, 7.7, and 9.0 were
obtained at Reynolds numbers of 0.31, 0.62, and 0.95 million,
respectively. These results indicate that further improvement at
full-scale Reynolds numbers may be expected. Increasing the Reynolds
number with the 630 configuration also produced a favorable reduction
in total center—of-1lift travel with 1ift coefficient

Ames Aeronmautical Laboratory,
National Advisory Committee for Aeronautics,
Moffett Field, Calif.
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TABLE I.— TABLE OF ORDINATES FOR AIRFOIL SECTIONS SHOWN IN FIGURE 3
Co C1 Cz
01 Tk T e e ¢ 5 e i N L
=m=#_ |
0 0 0 0 0 0 0 0 0 0
S ) Ak LTl .438 .526| —.366 L1691 45T 532 -.357
75| .488 .726| .536 778 —.433 .T13| .557 .788] —.419
1.85] .616 1.221| .690| 1.283| —.536 1.208| .720| 1.295| —-.507
2.50] 847 2.463] .984| 2.535| —.706 2.44711.026| 2.547| —.663
5.00 |1.166 k.956(1.4%01| 5.039] —.927 hoohhi1. k77! 5.056| —.851
10.0 11.599 9.959/1.984| 10.041|-1.211 9.94%4|2,1031 10.056|-1.089
20.0 |2.131 19.964|2.725| 20.036{-1.530 19.956|2.912| 20.044|-1.345
30.0 (2.413 29.974{3.138| 30.026{—1.685 29.969{3.373{ 30.031{-1.458
40.0 |2.499 39.990(3.297| 40.010{-1.700 39.987(3.548 | L40.013{-1.L446
50.0 |2.354 50.000|3.179| 50.00 |-=1.530 50,000} 3.436 | 50.000|-1.270
60.0 |2.032 60.010|2.828 | 59.990|-1.231 60.013]3.085| 59.987| —.982
70.0 |1.589 70.015{2.313| 69.985| —.860 70.019|2.547 | 69.981| —.632
80.0 |1.071 80.015|1.669| 79.985| —.479 80.025(1.852| 79.975| —.288
90.0 | .5kl 90.015| .927| 89.985| —-.155 90.019(1.045| 89.981| —-.031
100.0 | .011 100.000|— -~ —=}100,000| — — — 100.000|— — —|100.000| — — —
Note: All values are given in percent chord.
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For all sections: Leading—edge radius = 0.175. Trailing—edge radius = 0.01k4.
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TABLE I.— Concluded
Cq Cy Cs
Xy Ju X, L Xy Ju X b Xy Iy . 7L
0.470}0.462] 0.533]-0.350 0.47010.460] 0.536]-0.350 0.47310.455 0.543}-0.350
L7091 .557 .788] —.k1k .T11] .558 799 —.405 .718| .560 .788] —.420
1.202] .725] 1.298| —.502 1.204] .722| 1.291| —-.503 1.208] .718] 1.278| —-.508
o.4uhf1,043] 2.556| —.645 2.440]1.039] 2.549| —.646 2.45211.033] 2.557| —-.648
L,ohkl1.497| 5.056| —.828 h.oh5(1.489] 5.055| —.832 k.956|1.494] 5.061| —.823
9.944|2.150| 10.056(—1.051 9.945]2.144]| 10.055|-1.050 9.965|2.119| 10.070|-1.068
19.952(2.978| 20.048]-1.290 19.956|2.976| 20.04k4|-1.291 19.947]2.960| 20.053|—1.313
29,968]3.447| 30.032|-1.377 29.967|3.425| 30.033|-1.389 29.965(3.415]| 30.035|-1.419
39.984|3.639| 40.016|-1.361 39.978]3.621| 40.022|-1.368 39.982|2.608| L40.018|-1.%01
50.000|3.527| 50.000 |-1.186 50.000(3.512| 50.000]-1.193 50.000|3.485| 50.000|-1.208
60.016]3.169| 59.984| —.892 60.011(3.162| 59.989| —.908 60.018]3.135| 59.982| —.928
70.024|2.627| 69.976| —.557 70.022|2.604| 69.978| —.569 70.018]2.592| 69.982| —.595
80.02411.911| 79.976| —.223 80.022]1.915| 79.978| —.230 80.018(1.891] 79.982| —.245
90.016|1.091| 89.98k4| - .008 90.022(1.083] 89.978| .011 90.018|1.068| 89.982| —.018
100.000|— — —|100,000( — — — 100.000|— — —|100.000| — — — 100.000|— — —|100.000| — — —
Note: All velues are given in percent chord.
For all sections: Leading—edge radius = 0.175. Trailing—edge radius = 0.01k4.
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TABLE IT.— SUMMARY OF GEOMETRIC PROPERTTES OF WINGS

Sl ot B PO - PO B
WF—63c 6320 § 3.46 1 7.311 0.25]1.630 | 1.453 | 0.0500| 40.0}{ 0.69 | 0.59
WF—6Tc BT0 020t "T.270 2511.83311.626 | .obh3] 4151 60 Jhig
WF—T0c .0 2,29 T.516 .25]12.078 | 1.841 ] .0396] 42.6] .52 .h2

Note: The aspect ratios and mean geometric chords are based on the wing area

including that blanketed by the fuselage.

The taper ratios and mean geometric

chords neglect the slight rounding of the wing tips by assuming them to be
gtraight lines parallel to the stream direction and tangent to the outermost
actual tip contours.

TVILINAATANOD LOD6Y "ON WH VOVN
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TABLE III.— SUMMARY OF RESULTS

Lift Drag Lift—drag ratio
Contigy . < < >opt a-0 | “Pmin | “TD=min [ (ACL )2] Kaopt (5) CLopt
ration (million) (per deg) (per deg) (deg) opt max
0.62 0.043 0.045 1.2 |o.01 0.00 0.314 0.78 .3 |o0.24
(.051) (.051) 2 g (.185) (.54) s
WF—63c
.0k3 .05 .289 el
.84 (.051) (.051) 152 .01%0 .010 (.185) (.5k) 8.3 S
.038 .043 -436 .99
.31 (.0k3) (.0k3) 1,72 .0133 .000 (.196) (.18) 6.6 .19
WF—67c .62 -038 .043 1.2 | .0123| .00 -391 .89 7.7 1 .19
(.043) (.043) (.196) (.48)
5 .038 .0k3 1.2 0116 015 -313 - TL 0 20
= (.0k3) (.0k3) : - . (.196) (sy :
WF—T0c¢ .62 .032 .03k 1.0 oLl .000 .4ho .86 el ~il6
Results from reference 2
WF—6 8l .038 .0k45 0.0 0160 | 0.0 . 300 .Th > o1
- (.051) (.051) (.0) (.0) (.185) (.54) 4
Note: Where theoretical values have been determined they are indicated in parenthesis directly below

the experimental result.
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Equation for fuselage ordinates :

£:fi- -2

Fineness ratio: ) 225

All dimensions are in inches.

2r
o
" POge S
630 3 o
f—————— X i
= Z e
S A 3 e
e ' ~ — S
2357 } S
N
e e | MAC. 1600\, |
e L4950 |
£ |
6715 3
.57
/=8.500

Figure 2- Design dimensions of basic configuration, WF-63c,
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All dimensions are in inches.

*{ C5=C4=.57/ '-‘
@,=-3.52°
L

i, y)
% oua

Typical section parallel to plane of symmefry.

X, olns
All sections have NACA a=10 mean camber lines Cin

and 64A005 thickness distributions. (See Table I
for section ordinates)

2000 —————~
2.500

TVILNHITANOD

Figure 3.- Plan form of right half-wing showing location of sections for which camber ordinates ond angles of twist were calculated.
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O WF-63¢
® WF-63 (reference 2)
55 g
W
) i \
7{ / \
; ’9/ A : )
2 D/sp/aced WF-63c /7 / = T
S lift curve 7 5
3 i / wr-63 5~
g, {}" A ' /
= g L v
S Wi ] r WF-63¢
~ p P
& Vi
~ / ll ——
o . \ ‘\
/4 ]
7 e /
= A
-2 -/ 0 | 2 3 4 5 6 7 88 .05 0 05 0 40 45 50 55 60 65
Angle of attack, o, deg Pitching- Center-of-lift location,
moment percent MAC.
coefficient,
Gay
Ed

Figure &.-Lift and pitching-moment characteristics of WF-63c ond WF-63 at a Reynolds number
of 0.84 million.
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O WF-63c
® WF-63 (reference 2)

//
/54/*&\’ 7

/
/! 6

7
:,‘Lifr- drag curve

/ I determined from \f?
05 //// disploced WF-63c-|5 3
~
" drag curve. g.
/// v
04 ! 21§
[ / =
I /
S 7
5 “
:§ 03 / 3
L ) 2
3 , ZA
S.02 . =
Ny * 4
Q O§§ - é = ,o/l \
= Displaced WF-63c¢
=
7’(‘( drag curve
0 / /

o - - o
=1 o / 2 3
Lift coefficient, G,

Figure 6 .—Drag and lift-drag ratio characteristics of WF-63c
and WF-63 at a Reynolds number of 0.84 million.
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—— —— Theory (a,, , assumed to be equal 7 WF'T'SJC
J fo experimental value.) //
o R=0.3/million -V
o R=062 million 1
WF-67
o R=0.84million % d = lle
re v R=0.95 million = y O
Q
' Je A ped
S Va WF-70c
& I £
e v
g o A C
N :
3, oL ol |
/ / //O
E 4 7 o]
~ 7
% % ~z
1 |
mf L S G S RN T T el e R
2 0 a3 456 s
2ol el ol P T S e

Angle of attack,a, deg

Figure 8.—Effects of sweep and Reynolds number on lift-curve slope.
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& R=0.3/ million el
O R=062 million /0
O R=0.84million
v  R=0.95 million 9
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=
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Lift coefficient, C; Lift coefficient, C,

(a) WF-63c. (b) WF-67c .

Figure 9.—Effects of sweep and Reynolds number on drag and lift-drag ratio.
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Figure [0.—Effects of sweep and Reynolds number on pitching moment.
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