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SUMMARY 

The performance of a normal-shock side inlet located behind a tri­angular control surface is presented for a range of angles of attack, control surface deflections, and a _30 . angle of yaw at Mach numbers of 1.5 and 1.8. Several ram-type boundary-layer removal systems' were con­sidered for a limited range of operation. Data were also obtained with the control surface removed. 

An increase of 1 to 3 percent in total pressure recovery a t the diffuser exit (engine face) was accompl ished by a slight modification of the original bleed s ystem. Further reduction in the amount of boundary-layer air entering the inlet by increasing the bleed height resulted in an additional increase of 1 to 3 percent in total pressure recovery when the local flow was oblique to the inlet. The diffUser performance remained insensitive to increased boundary-layer removal when the flow was alined with the inlet axis. 

The largest losses in total pressure recovery associated with the control-surface vortex wake occurred at zero body angle of attack. This effect was l ess pronounced as the angle of a ttack was increased above 60 . The total pressure losses minimized at approximately 60 angle of attack because of the 60 downward cant of the inlet axis with respect to the fuselage axis. For a _30 adverse angle of yaw and zero control surface deflection, the total pressure recovery decreased about I to 5 percent for the range of angles of attack investigated. The total pressure r ecoveries obtained for the entire range of variables were below the­oretical normal-shock recovery. 
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INTRODUCTION 

Several recent studies of the flow field behind a canard control 
surface (references 1 to 3) have indicated the importance of considering 
the influence of the shed vortex sheet on the region adjacent to the 
fuselage of a supersonic aircraft. These shed vortices alter the poten­
tial flow field about the body and result in total pressure l osses) flow 
direction irregularities) and a redistribution of the boundary layer. 
It is the purpose of this investigation to determine the severity of 
restrictions thereby imposed on the aerodynamic characteristics of a 
normal -shock-type side (or scoop) air inlet located in or near these 
regions. 

The performance of a normal-shock- type side inlet located downstream 
of a triangular control surface is presented at Mach numbers of 1.5 and 
1.8 for a range of angles of attack from 00 to 120; control- surface 
deflections of 0°) 50) and 100 ; and for a yaw angle of _30 . Several 
boundary- layer removal systems are considered for a limited range of 
operation. Mass flow requirements of a hypothetical turbojet engine are 
used in some instances as a basis for comparisons of duct performance. 
A brief breakdown of losses in total pressure recovery is also presented . 
The experimental investigation was conducted in the NACA Lewi~ 8- by 
6-foot supersonic tunnel at a Reynolds number of approximately 16xl06 
based on forebody length ahead of the inlet . 
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SYMBOLS 

duct cross-sectional area normal to center line of flow 

total pre ssure 

Mach number 

mass flow 

average static pressure 

ratio of mass flow at given condition to mass flow in free stream 
having an area equal to inlet area 

angle of attack with respect to f ree stream (deg) 

control-surface deflection with respect to longitudinal body 
axis (deg ) 

angle of yaw (deg) 
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Subscripts : 

o free stream 

1 diffuser inlet 

2 double-entry engine face 

3 duct exit 

B body 

L local 

APPARATUS AND PROCEDURE 

The test model (fig. 1) consisted of a body of revol ution with a 
side air i nlet located 2 .14 mean areodynamic chord lengths behind the 
trailing edge of a triangular control surface. The control surface had 

3 

a leading-edge sweep a ngle of 300 , dihedral of 150 , and a span of 15 inches. 
The air induction system comprised a sharp- lip normal- shock entrance, a 
subsonic diffuser, and a boundary- layer scoop l'ocated forward of the 
entrance lip. 

The axis of the diffuser inlet section was canted 60 downward with 
respect to the body longitudinal axis, as shown in figure 2. This angle 
of cant was selected to permit approximate alinement of the inlet with 
the free stream at a hypothetica l cruise angle of a ttack of 60. The 
center line of the inlet was loca ted 250 below the body cross - sectional 
horizontal axis. The duct shape varied from a semicircul ar section at 
the inlet (station 44.66) to a circular section ( station 56.10) ahead of 
a strut, which split the diffuser i nto equal elliptical sections to simu­
la+-e the dOUble-entry engine face (station 61 .23). The duct area vari ­
at~ ~ normal to the center line of the flow is shown in f i gure 3, and a 
view of the inlet is shown i n f i gure 4 . 

The original boundary- layer scoop, which was located 0.94 inch 
forward of the inlet entrance, had a bleed height of 0:24 inch . Boundary­
layer mass flow was ducted to the free stream through five diverging 
channels of quadrilateral cross section, as shown in figure 5(a). In 
order to decrease the amount of boundary- layer air entering the inlet, 
modifications of the original bleed system ( fig . 5(a) ) wer e made as 
follows : (1) a O.lO-inch cutback of the ramp lip and a 0.52-inch cutback 
of the internal guide vanes (modificati on 1 , f i g . 5 (b )) , and (2) removal 
of the internal vanes and SUbstitution of the bleed base block with 
one which had local redUctions of body radii resulting in an effective 
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bleed height of 0.42 inch (modification 2, fig. 5(c )). The increased 

bleed height for the l a tter change was determined from boundary- l ayer 

rake data taken on the right side of the body for the maximum boundary­

layer thi ckness at the inlet station obtai ned with zero control surface 

deflection. 

Control surface deflection angles of 00 , 50, and 10° were obtained 

by using removable adapter blocks fitted to the control surfaces. Smooth 

body-contoured blocks were inserted to obtain data without the control 

surface. 

The model was mounted on a sting which had an offset angle of 30 in 

the pitch plane. Rotating the sting 900 permitted angle of attack 

investigation in combination with 30 of yaw. 

Total pressure measurements were made at the duct inlet (station 1), 

engine face (station 2), and the exit (station 3), as shown in figure 2. 

The inlet rakes were not installed when total pressures were r ecorded at 

the engine face. Mean total pressures recorded at the engine face are 

the area-integrated total pressures measured at the inboard and outboard 

engine faces at station 2. Three pitot tubes and static orifices were 

located on the floor of the duct (fig. 2) for the detection of flow sepa­

ration. A s t atic pressure pick-up, located between stations 2 and 3 , was 

connected to a pressure-time recorder for the detection of pulsing phe­

nomena. Local Mach numbers at the inlet station were determined from 

survey rake data obtained at the inlet station on the right side of the 

model. Since the purpose of the investigation was primarily to study 

internal flow characteristics, no force measurements were made. 

Main duct mass flow, which was varied by means of a translating 

conical plug at the duct exit, was determined, from integrated total pres­

sures a t the exit station and plug exit areas based on choked flow at 

the minimum area. The mass flow ratios were based on free-stream condi­

tions; therefore, ratios of 1.0 were not obtained because inlet conditions 

did not correspond to free-stream conditions. 

In order to establish a realis tic criterion for comparisons of dif­

fuser characteristics at a fixed operating condition for the range of 

test variables, an analysis of a turbojet engine-inlet matching problem 

was performed using the method of reference 4 together with the assumed 

required corrected weight flows for a hypothetical turbojet engine. 

Accordingly, figure 6 shows the variation of the engine operating line 

with diffuser pressure recovery at Me = 1.5 and 1.8. Thus, for a given 

air induction system, the engine will be supplied the necessary mass flow 

for a required flight Mach number, altitude (in the tropopause), and at 

rated engine speed when the total-pressure-recovery mass-flow relation­

ship for the inlet-diffuser system intersects the engine operation curve. 

Comparisons of the diffuser characteristics are therefore made at this • . 

condition in some instances. 
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RESULTS AND DISCUSSION 

Boundary-Layer Bleed Investigation 

To determine the effect of boundary- layer removal on performance 
of a normal-shock-type inlet, the test was initiated with an investi­
gation oi several bleed s~stems at zero control surface deflection. A 
body angle of attack of 3 was arbitrarily selected to enable schlieren 
observation of the inlet. The boundary- layer profiles at the inlet 
station (fig. 7) give an indication of the amount of boundary-layer air 
entering the scoop for the original bleed height of 0.24 inch. Removal 
of additional boundary- layer mass f low was accomplished by increasing 
the bleed height from 0.24 inch to 0.42 inch (modification 2, fig. 5(c)). 
A comparison of total pressure recovery a t the engine face for modifi­
cations 1 and 2 is presented in figures 8(a) and 8(b ) for MO = 1.5 and 
1.8, respectively, for the range of angl es of attack; the results obtained 
with the original bleed system are shown for ~ = 30 only. As seen in 
figure 8(b) from the 1 to 3 percent increa se in total pressure recovery 
at the engine face for a ll duct mass flow ratios modification 1 (at 
Mo = 1.8, ~ = 30

) effectively increa sed the bleed mass flow. Modifica­
tion 2 furtner increased the tota l pressure recovery on the order of 
1 to 3 percent for all angles of attack except the cruise angle of 6° 
where the increase was negligible . The increases of local Mach number 
due to the reduction of body r adii a t the inlet station apparently had 
little effect . However, estimates indicate tha t additional gains of the 
order of 1 to 2 percent in pressure recovery for each angle of attack 
could have been rea lized ha d the boundary- layer bleed height been increased 
and the original body contour maintained . The relative insensitivity of 
the diff user per formance at ~ = 60 is probably due to the 60 downward 
cant of the inlet axis with respect to the body longi tudinal axis result­
ing in local flow alinement with the inlet axis 

Flow Character istics at Engine Intakes 

Characteristics of the flow a t the engine twin intake faces are 
presented (fig . 9) in the form of contours of total pressure recovery 
for the condition of 95 percent of the engine rated mass flow. It is 
seen that the va riat ion of total pressure recovery in each elliptical 
duct was 3 to 4 percent at a

B 
= 0 and 8 to 10 percent at ~ = 120. 

As might be expected from inspection of the duct geometry in figure 2, 
the high energy flow in the outboard engine face at all angles of attack 
was concentrated along the splitter strut . On the other hand} the high 
energy flow in the inboard engine face moved from the side of the splitter 
strut at ~ = 0 to the upper half of the engine face at ~ = 120. 
These total pressure contours are representative of the entire range of 
variables investigated. Mach number profiles may be obtained directly 
from the ratios of static to total pressure given in the table in figure 9. 
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Duct Performance with Bleed System of Modification 1 

Although t he total pressure recoveries obtained with modification 2 
were somewhat higher than those obtained with modification 1 for most 
angles of attack, the diffuser performance was the same for both modifi­
cations at the cruise condition, ~ = 6° . Therefore, the major portion 
of the data was obtai ned with the oleed system of modification 1. Accord­
ingly, the duct performance is presented and compared for various con­
ditions of angle of attack, control surface deflection, and, to some 
extent, yaw. 

Zero angle of yaw . - The effect of angle of attack and control sur­
face deflection on the flow conditions a t the inlet face without inlet 
or boundary- layer bleed in place are reproduced from reference 1 in 
figure 10. These contours of local tota l pressure recovery indicate 
that for 5 = 0 the effect of the shed vortex sheet on the body boun­
dary layer was very small at angles o£ a ttack of 0 and 6° . However, the 
vo'rtex sheet resulting from deflection of the control surface for these 
body attitudes appreciably increased the quantity of low energy air 
ahead o£ the inlet by redistributing the body boundary- layer air. The 
ensuing effect on total pressure recovery at the engine face is shown 
at MO = 1 . 5 (fig. ll(a)) and MO = 1 . 8 (£ig. ll(b) ) for the range of 
angles of attack and control surface deflections . The results at 
5 = 0 are significantly the same as those obtained with the control 
surfa ce removed . This condition could be expected from inspection of 
the similar £low conditions a t the inlet (fig. 10), which show that the 
inlet is bel ow the region affected by the combination of the body cross 
flow and the control surface wake. As shown by the dashed lines in fig­
ure 11, pulsing occurred in the low range of mass flow ratios (roughly, 
m Imo < 0 . 75) a t control surfa ce deflecti ons of 50 and 10°. Although 
t~e occurrence o~ pulsing is inconsis tent, there is some correspondence 
between pulsing and the comElex f low in the vicinity of the inlet a t 
~ = 30 and 5 = 5° a nd 10 . In general, it is seen from fi gure 11 that 
increasing the control surface deflecti on at ~ = 0 caused the largest 
decrease in total pressure recovery due to the lnfluence of the shed 
vortex sheet 0n the boundary layer; a s the angle of attack was increased 
above 6° the effect of control surface deflection was negligible. 

The engine operating condition for a hypothetical turbojet engine 
is shown in figures ll(a ) and ll(b) . A summary of the tota l pressure 
recoveries a t this condition is presented in figure 12 for Mo = 1.5 and 
1 .8 . The highest tota l pressure recoveries were obtained at an angle of 
attack of 6° for nearly the entire range of control surface deflections . 
The total pressure recovery remained nearly constant at about 87 percent 
at MO = 1 . 5 and about 75 percent at Mo = 1.8 up to 5 = 5° . Further 
increases in control surface deflection r esulted i n a decrease in tota l 
pr essure recovery. For angles of attack less than approximately 6°, 
the total pressure recovery steadily decreased with increasing control 
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surface deflections; whereas) for angles of attack greater than about 6°) 
the total pressure recovery was independent of the control surface deflec­
tions. This result might be anticipated from inspection of figure 10) 
which shows that the flow conditions a t the inlet are independent of 
control surface deflections at angles of a ttack greater than 60 . 

A breakdown of the total pressure recovery losses is presented in 
figure 13 for ml/mo = 0.90 at 5 = O. The inlet and subsonic diffuser 
losses minimized at about ~ = 60 for the range of angles of attack. 
A major portion of losses occurring at the inlet was due to high loca l 
Mach numbers. At ~ = 120 the local inlet Mach numbers exceeded the 
free -stream Mach number by a maximum of 8 percent at Mo = 1.5 and 9.5 
percent at Mo = 1 .8. The resulting normal shock losses therefore 
increased with angle of attack. Large inlet losses are also attributed 
to the flow separation which resulted from normal-shock boundary-layer 
interaction on the ramp as well as lip angularity near - the ramp with 
respect to the local flow direction. Data from an inlet survey indi­
cated a movement of the separated region from the upper section of the 
inlet at ~ = 0) to a minimum region along the ramp at ~ = 60 ) and 
then to a large region at the lower section of the inlet at ~ = 120. 

The subsonic diffusion losses were relatively small up to an angle of 
attack of the order of 60 a t both Mach numbers) as shown in flgure 13) 
and then increased appreciably with increasing angle of attack. At the 
low angles of a ttack) the flow evidently reattached rather quickly) 
but at the higher angles of attack) the flow remained separated for at 
least 10 inches downstream of the inlet) as indicated by the pitot tube 
and static orifices instrumentation (fig. 2). The diffusion that resulted 
from this latter condition is shown (fig. 9) by engine-face total pres­
sure contours in the form of low total pressure recoveries in the lower 
half of the inboard engine face . The major portion of the over-all losses) 
however) was due to separation on the ramp and occurrence of the normal 
shock at a local inlet Mach number which exceeded Mo. In general) it 
is noted that the highest total pressure recoveries occurred at ~ ~ 6°) 
presumably as a result of mini~um flow separation at the inlet and opti­
mum angle-of-attack operation . This optimum angle of attack was directly 
due to the 60 do,fllward cant of the inlet center line which resulted in 
an effective inlet angle of attack of approximately zero. Fur-
thermore ) it can be seen from figures 11 and 13 that theoretical normal­
shock recovery was not obtained for the entire range of variables investi­
gated. 

Angle of yaw of _3 0
. - Variation of total pressure recovery at the 

engine face with mass flow ratio at MO = 1.5 and 1.8 were obtained at 
an adverse angle of yaw of _30 at 5 = O. Some data were also obtained 
at 5 = 50 for MO = 1 .8. The characteristics of these variations were 
simil ar to those obtained at zero yaw (fig. 11) and are not presented . 
Instead) a summary of adverse yaw effect is presented in figure 14 for 
the engine operating condition and is representative of the higher mass 
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flow ratios (ml/mO ~ 0.80). A comparison with zero yaw shows a reduction 
in total pressure recovery of about 1 to 3 percent for Mo = 1 .5 and 2 
to 5 percent for MO = 1.8 for the range of angles of attack. At 
MO = 1 .8, deflection of the control surface to 50 further decreased the 
total pressure recovery at angles of attack less than 60 . At an angle 
of attack of about 60 , the effect of this control deflection was negli ­
gible for the adverse yaw condition . The flow pattern in the form of 
total pressure contours at the engine face at 95 percent of the engine 
operating condition v~s substantially the same as tha t experienced at 
zero yaw; the magnitudes, however, were lower . Pulsing due to yaw 
occurred at the lower mass flow ratios (ml/mO < 0.75) at ~ = 0 and 
for both control deflections, presumabl y as a result of interaction of 
the body cross flow with the vortex sheet . 

SUMMARY OF RESULTS 

An experimental investigation of a normal-shock-type side inlet 
located 2.14 mean aerodynamic chord lengths behind a canard control sur­
face ~s conducted with several boundary-layer-bleed modifications. 
From operation over a range of angles of attack, control surface deflec­
tions, and yaw for a range of main duct mass flow ratios, the following 
results were obtained: 

1. A 1 to 3 percent increase in total pressure recovery at the engine 
face ~s obtained at MO = 1.8 and a body angle of attack of 30 by an 
apparent increase of the bleed mass flow accomplished with a slight 
modification of the original boundary-layer-bleed entrance. 

2 . Decreasing the amount of boundary-layer air entering the inlet 
by increasing the bleed height resulted in an additiona l increase of 
1 to 3 percent in total pressure recovery when the loca l flow ~s oblique 
to the inlet. However, the diffuser performance ~s insensitive to the 
increased boundary-layer removal when the flow was alined with the inlet 
axis. 

3. The largest total pressure losses associated with the ~ke behind 
the control surface occurred at a zero body an§le of attack as the control 
surface deflection was increased from 00 to 10. As the angle of attack 
was increased above 60 , the effect of increasing control surface deflec­
tion was negligible because of the passing of the ~ke above the inlet. 
At a hypothetica l engine operating condition for a _30 adverse angle of 
yaw and zero control surface deflection, the total pressure recovery 
decreased a bout 1 to 5 percent over the range of angles of attack investi­
gated. 

4. Theoretical normal-shock total pressure recovery was not obtained 
for the entire range of variables investigated. The total pressure losses 
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were a IDlnlIDum at a body angle of attack of 60
, presumably as a result of an effective inlet angle of attack of zero degrees. 

Lewis Flight Propulsion Laboratory 
National Advisory Committee for Aeronautics 

Cleveland, Ohio 
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Figure 1. 
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Inlet-body-control surface configuration mounted in 8- by 6- foot 

supersonic tunnel. Inlet survey rake removed. 
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(a) Original bleed duct . 
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Guide vanes cut back 0.52" 
Ramp lip cut back 0.10" 

(b) Modification 1. 

Guide vanes removed 
Base block with reductions 
in local body radii, result­
ing in 0 . 42" bleed height 

(c) Modification 2 . 

~ 
CD· 2677 

Figure 5 . - Schematic drawing of boundary-layer -bleed duct and its modifications . 
(All dimensions are given in inches.) 
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Inboard Outboard 

P2/PO = 0 .690 
(a) Body angl e of attack 

P2/PO = 0 .702 
b) Body angle of attack 

~""='-

P2/PO 0 .646 P2/ PO = 0 . 631 

(c) Body angle of attack ~B' 12° . 
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