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FLIGHT DETERMINATION OF THE PRESSURE RECOVERY AND DRAG 

CHARACTERISTICS OF A TWIN SIDE-INLET 

MODEL AT TRANSONIC SPEEDS 

By Howard S. Carter and Charles F. Merlet 

SUMMARY 

Free-flight and free-jet tests of a twin side-inlet configuration, 
including a pilot's canopy and a wheel-well fairing, were made between 
Mach numbers of 0.8 and 1.55. Oscillating flow was encountered through
out the Mach number range. The maximum mass-flow ratio at which this 
oscillating flow occurred varied from approximately 0.63 at a free-stream 
Mach number of 0.80 to about 0.81 at a free-stream Mach number of 1.45. 
The total-drag coefficient was affected by the oscillating flow as much 
as to.10 at Mach numbers greater than 1.1 and as much as ±0.09 at Mach 
numbers less than 0.9. 

At supersonic speeds, the mlnLmum external-drag coefficient occurring 
at mass-flow ratios of 0.8 and 0.9 was about 0.35, a value considerably 
higher than that obtained with a body of revolution of the same fine-
ness ratio. Throughout the Mach number range, the increase in external
drag coefficient with decreasing mass-flow ratio did not exceed 0.01 
in the region of steady flow. 

The maximum total-pressure recovery varied from 0.92 at a Mach num
ber of 0.8 to 0.77 at a Mach number of 1.45. This latter value is about 
18 percent less than the free-stream normal-shock recovery. Two alter
nate nose shapes, tested only at a Mach number of 1.55, yielded lower 
pressure recovery than the original nose. Total-pressure surveys made 
at the inlet at a Mach number of 1.55 indicated the presence of a thick 
boundary layer and, in some cases, separated flow at the inlet for all 
three nose shapes at all mass-flow ratios tested. 

INTRODUCTION 

The use of a side inlet offers at least two important advantages to 
the aircraft designer: the inlet can be located closer to the engine, 
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thereby reducing the volume needed for internal ducting; and the nose is 
left available for other uses, such as radar or armament installations. 
Balanced against these advantages is the important problem of the effect 
of the boundary layer on the performance of the inlet. This problem 
becomes especially critical at transonic and supersonic speeds, when 
boundary-layer shock interaction may affect the behavior of the boundary 
layer. The severity of these effects largely determines the final merit 
of a particular side-inlet configuration. 

Herein are presented the results of a pressure-recovery and drag 
investigation of a side-inlet configuration which encountered this 
boundary-layer problem. The particular configuration tested was designed 
for use on a transonic fighter-type aircraft. Twin side inlets were 
formed from an annular inlet by adding a pilot's canopy and a wheel-well 
fairing. The resulting inlets enclosed about one-half of the forebody 
circumference and had an inlet area equal to 15 percent of the maximum 
body frontal area. No provision was made for boundary-layer removal. 

A rocket-propelled free-flight model was used to obtain the drag and 
pressure-recovery characteristics of the present side-inlet configuration 
through the transonic Mach number range. Because the number of channels 
of telemetering available for a flight test was limited, supplementary 
preflight tests of the flight model were conducted to aid in the reduc
tion of the flight-test data. The testing technique, including the use 
of supplementary preflight tests, was the same as that reported in 
reference 1 and is more fully explained therein. 

Also included in the preflight tests was an investigation to determine 
the effect of two alternate nose shapes on the total-pressure recovery of 
the cunfiguration. This paper presents the results obtained from the 
flight and preflight tests. 

A 

C Dext 

F 

SYMBOLS 

cross-sectional area, sq ft 

external-drag coefficient, 

internal drag, m(Vo - Ve ) + (Po - Pe)Ae' lb 

total drag, lb 

force, lb 
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Subscripts : 

e 

1 

n 

o 

t 

x 

y 

total pressure, lb/sq ft 

total length of model, ft 

mass flow through the model 

mass flow through a free-stream tube of the same area as 
the inlet, 12.6 sq in. 

Mach number 

static pressure, lb/sq ft 

dynamic pressure, lb / s q ft 

Reynolds number per foot 

body maximum frontal area, sq ft 

velocity of the flow, ft/sec 

distance across the inlet measured from .lip inner wall, in. 
( see fig . 3) 

depth of inlet at a rake, in. (see fig . 3) 

model station (see table r ) 

model exit 

inlet minimum-area station 

nose tip 

free stream 

throat station 

longitudinal 

transverse 
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MODEL 

A photograph of the model is presented in figure 1, and a drawing 
is shown in figure 2. Nose A, indicated in figure 2, was used for the 
flight test, whereas noses A, B, and C were tested in the preflight jet. 
Nose A had a fineness ratio of 3.1 and approximately a parabolic profile. 
Nose B had a larger apex angle and was shorter with a fineness ratio of 
about 2.5. Nose C was blunt and had a fineness ratio of about 2.3. All 
three noses were bodies of revolution and were identical from the begin
ning of the pilot's canopy to the inlet (station 12.64 to station 21.02, 
respectively). The coordinates are given in table I. The coordinates of 
the pilot's canopy and the wheel-well fairing are given in table II. The 
cross-sectional shape of the body just rearward of the inlets, exclusive 
of the pilot's canopy, was formed by joining two semielliptical sections, 
fairing into a circular exit. The coordinates of the body are given in 
table III. 

The two inlets, located 21.5 inches from the tip of nose A, had a 
total inlet area of 12.6 square inches, measured on a plane perpendicular 
to the model center line and defined by the leading edge of the lips and 
the centerbody. No provision was made to remove the boundary layer. The 
rounded lips produced an inlet minimum-area station about 0.2 inch 
downstream of the inlet, with a contraction ratio of 0.92, based on total 
inlet area. Figure 3 shows a cross-sectional view of the model at the 
inlet minimum-area station, and table IV presents the lip coordinates. 

Downstream of the inlet minimum-area station, a subsonic diffuser 
of 4.9 to 1 area ratio was used. The large area ratio was selected to 
facilitate flight measurements by providing a uniform total-pressure 
profile at the throat. The diffuser was designed according to the 
criterion of reference 2. This criterion states that the total-pressure 
losses of an annular diffuser are equal to the total-pressure losses of 
a conical diffuser having the same rate of change of diffuser surface 
area with cross-sectional area. Variation of surface area with cross
sectional area along the diffuser is presented in figure 4. After a 
4-inch section of area ratio of 1.1 to 1, the rate of change of diffuser 
surface area with cross-sectional area was 21.4, which is the same value 
as that for a 5.30 total angle conical diffuser. The equivalent conical 
diffuser (that is, that conical diffuser that would give the same area 
ratio for the same length (4.9 to 1 in 29.8 in.) would have a total cone 
angle of 6.40 • 

Transition was made from the circular diffuser section to a rec
tangUlar throat with an area 1.06 times the inlet area (fig. 5). A duct 
splitter installed along the diffuser and past the throat station kept 
the flow in the two ducts separate. Behind the throat station, the two 
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ducts were joined in a region of high velocity in order to reduce the 
tendency toward twin-duct instability) as suggested in reference 3. 
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The air flow was regulated by four shutters installed downstream 
of the splitter. The shutters were rotated during the tests by an 
electric motor. Downstream of the shutters) the duct made a transition 
to a round area of 1.6 times the total inlet area and was cylindrical 
to the exit. 

The nose) innerbody) inlet lips) duct splitter) and all internal 
ducting were made of magnesium. The canopy) wheel well) and all of the 
model e,xterior back of the inlet lips were made of mahogany. The model 
was stabilized by four 600 half-delta fins of NACA 65A004 airfoil sec
tion. The total exposed fin area was 3.7 square feet. 

INSTRUMENTATION AND TESTS 

Flight Tests 

A pressure tube installed in the nose measured pitot-stagnation 
pressure. Total pressure at the throat station was measured by two mani
folded total-pressure tubes) located one on each side of the splitter in 
the center of the duct (fig. 2). The throat total pressure was referenced 
to the pitot stagnation pressure at the tip of the nose. Four wall-type 
static orifices) two in each duct (fig. 5)) were manifolded together to 
measure an average static pressure at the throat. The throat static pres
sures were referenced to the throat total pressure. Static pressure at 
the exit was measured with four manifolded wall-type static-pressure 
orifices equally spaced circumferentially around the inner wall about 
1 inch from the after end of the model. Side force was measured with a 
transverse accelerometer located within the canopy about 4 inches rear
ward of the inlet station) and total drag was measured with a longitudinal 
accelerometer located within the centerbody at the inlet station. A six
channel telemeter transmitted all of the data to ground receiving stations 
where continuous time histories were recorded on an oscillograph. 

Velocity determined from CW Doppler radar was corrected for winds) 
as determined from radar observations of the radiosonde balloon released 
immediately after the flight test. Ambient air conditions were determined 
from radiosonde observations. Altitude was computed from the flight path 
determined by an NACA modified SCR 584 tracking radar. 

The model was launched at 600 elevation angle and accelerated to 
maximum speed by a Deacon booster rocket. After burnout of the rocket 
motor) drag separation of the booster from the model occurred. All data 
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were obtained during the ensuing period of coasting flight, while the 
model decelerated to subsonic speeds. The air - flow regulation shutters 
turned continuously during the flight, taking approximately 0.4 second 
to vary the air flow from maximum to minimum. The Reynolds number per 
foot for the flight test is shown in figure 6 as a function of Mach 
number. The test was made at the Langley Pilotless Aircraft Research 
Station at Wallops I sland, Va . 

Preflight Tests 

Ground tests were made in the preflight jet of the Langley Pilotless 
Aircraft Research Station at Wallops Island, Va. (ref. 4). A 27-inch
s~uare, Mach number 1.55 nozzle was used . Tests were not conducted at 
a lower supersonic Mach number because at M < 1.55 shock reflections 
from the jet boundaries would intersect the model ahead of the inlets. 
Each test was begun with the air -flow regulation shutters in position 
to give maximum flow . The test was continued until the shutters had 
rotated 900 to give minimum flow, a period of approximately 13 seconds. 
Previous tests had shown this rotation speed to be slow enough to yield 
steady- state results . 

Total pressure at the right-inlet minimum-area station was measured 
with twelve 0.09-inch-outside-diameter total-pressure tubes flattened at 
the forward end (fig. 3). They were arranged in three rakes of four 
tubes each. Static pressure was measured at the same station with an 
innerbody wall orifice . Two total-pressure tubes and one static-pressure 
orifice, located at the same station (fig. 3), were used in the left
inlet duct. 

Twenty 0.09-inch outside-diameter total-pressure tubes were installed 
in the left duct at the throat station (fig. 5). Static pressure at the 
same station was measured in each duct by two wall orifices manifolded 
together . In addition, the left duct had two static-pressure probes 
located on the rakes. 

The free-jet total pressure, static pressure at free-jet nozzle 
exit, and stagnation pressure at the tip of each nose were also measured. 
Pressures were recorded by mechanical optical pressure recorders and 
electrical pressure recorders of the strain-gage type. Time histories 
were obtained on film . Shadowgraphs were taken of all tests. 

A subsonic test at Me ~ 0.7 was also made with the supersonic 
nozzle. This Mach number was obtained by decreasing the reservoir total 
pressure until the normal shock moved inside the nozzle and upstream of 
the model. A static-pressure survey along the nozzle determined the 
position of the normal shock. The pressure measured by the tube located 
at the nose tip of the model was used as free-stream stagnation pressure. 

l 
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The model was at 00 angle of attack and yaw throughout all ground 
tests. The Reynolds numbers for these tests are also shown in figure 6. 

METHOD OF ANALYSIS 

The telemeter records obtained during the flight test indicated that 
oscillating flow occurred over a considerable portion of the mass-flow 
range tested. Some samples of the telemeter record are shown in figure 7. 
The use of manifolded tubes having different lengths of tubing between 
the measuring point and the instrument precluded the possibility of 
determining the actual amplitude or phase relationships of the various 
measured pressures. 

The accelerometers, however, indicated the actual ampli~ude of 
forces encountered (figs. 7(c) and (d)). The measured amplitudes were 
corrected by multiplying by the amplitude factors for the instruments 
and the recorder used. The amplitude factors for a 60-cycle oscillation 
were 1.13 and 1.06 for the longitudinal and transverse accelerometers, 
respectively, while that of the recorder was 0.975. The square wave 
pulse was imposed on the nose stagnation-pressure channel Ru to indi
cate the point of minimum flow rate. 

In the region of oscillating flow, curves were faired approximately 
through the midpoint of the oscillating traces, as shown in figure 7. 
These averages, instead of instantaneous values, were read and then 
reduced in the same manner as the nonoscillating flow data. Data 
obtained under oscillating flow conditions are presented as dashed 
curves on all figures. 

External drag is defined herein as the summation of the dragwise 
components of all the pressure and viscous forces on the external body 
surface and the entering stream tube surface, except those forces which 
are common to both surfaces. The external drag was obtained by sub
tracting the internal drag from the total drag determined from the 
longitudinal accelerometer. The method used in computing internal drag 
from the measured pressures is explained in reference 1. The maximum 
value of internal-drag coefficient was approximately 0.09 and occurred 
at maximum mass-flow ratio. Mass-flow ratio and total-pressure recovery 
were computed from the total- and static-pressure measurements made at 
the throat station. 

Because of the relatively high rotation speed of the shutters during 
the flight test, transient terms caused by the time rate of change of 
velocity within the duct appeared in the measured data. At maximum mass 
flows, however, the time rate of change was zero, and it was small for 
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mass flows near mlnlmum. At intermediate mass flows, the transient terms 
were a maximum. The magnitude of these terms did not exceed the experi
mental accuracy. The method used to reduce these transient terms to 
negligible ~uantities to obtain e~uivalent steady-state conditions is 
discussed in reference 1. 

In the preflight tests at ~ = 1 . 55, choking at the supports of 

the throat rakes limited the maximum mass-flow ratio attainable to a 
value of 0 . 79, and approximately 60-cycle oscillations were experienced 
throughout the mass-flow range tested for all three nose shapes. The 
instrumentation setup precluded accurate determination of instantaneous 
values or actual amplitude. Therefore, the average value of pressure 
was used for all tubes. The total- pressure profile at the throat sta
tion, obtained from these average values, was essentially uniform, and 
an arithmetic mean of the 20- tube readings was taken as the average 
t otal pressure lit. The three static-pressure measurements in the left 

duct agreed within 2 percent and the arithmetic mean was used as the 
throat static pressure Pt. Mass-floW ratio and total- pressure recovery 
were then obtained from the average values of lit and Pt . 

RESULTS AND DISCUSSION 

In the following discussion, the results of the preflight and flight 
tests are presented together as they apply to the topic being discussed . 
Since the flight records indicated an oscillating flow over the major 
portion of the mas s - flow range tested at all Mach numbers, the effects 
of this oscillating flow are discussed first. Then the values of 
external-drag coefficient and pressure recovery are presented for both 
the steady and oscillating flow cases. In general, the results of the 
preflight tests are used to support conclusions reached on the basis 
of flight-test data. 

Effects of Oscillating Flow 

Figure 7 presents portions of the flight telemeter records showing 
pressure and force oscillations at supersonic and subsonic Mach numbers. 
Each portion of the records covers a period of time slightly longer than 
the mass - flow cycle . The approximately steady traces at each end of the 
records represent steady flow at high mass - flow ratiOS, whereas the 
oscillat i ng traces toward the center of the records r epresent oscillating 
flow at reduced mass - flow ratios. The fre~uency of the oscillations 
varied from about 62 cycles per second at Mo = 1.4 to 58 cycles per 

se cond at Mo = 0. 8 . Figure 7(a) shows that strong pressure oscillations 

1 
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existed at supersonic speeds , and figure 7(b) shows that both strong 
and weak oscillations occurred at subsonic speeds. Figures 7(C) and 7(d) 
show the corresponding force oscillations at supersonic and subsonic 
speeds, respectively. Figure 8 shows the regions of oscillating flow 
as a function of Mach number and mass - flow ratio. 

The longitudinal accelerometer data indicated that the strong oscil
lations had an amplitude that amounted to an increment in total- drag 
coefficient of about ±0. 10. The transverse accelerometer data showed 
that the mean angle of yaw varied) not exceeding an angle of approxi 
mately 0. 80 . Superimposed on this mean angle -of- yaw variation were the 
60-cycle oscillations in side force . These high- speed oscillations had 
a maximum force amplitude corresponding to an angle of yaw of ±O. lo 
The angles of yaw were computed by determining the angle of yaw nec 
essary for the fins to produce a side force equal to that measured by 
the transverse accelerometer . 

The preflight - jet tests at Me = 1.55 indicated that the oscilla

tions were a result of unsteady flow ahead of the inlet. Shadowgraph 
pictures showed that the flow pattern ranged from that with a strong 
shock just ahead of the inlet lips to separated flow at the inlet with 
the point of separation on the nose} occurring as much as seven inlet 
heights upstream of the inlet. Reference 5 reports a similar phenomenon 
occurring on a sharp-lipped annular inlet having an innerbody with a 
fineness ratio of 2 .5 over a Mach number range of 1.36 to 2.01 . It i s 
reasoned in reference 5 that separation was caused by the adverse pres
sure gradient which occurred in the region of the inlet as mass flow 
was reduced. Separation eliminated the adverse pressure gradient} 
allowing the flow to reattach, and the cycle was repeated. It i s felt 
that the strong osc illations occurring at supersonic speeds during these 
tests were the r esult of a similar phenomenon . Furthermore} since some 
stable flow was obtained} it can be reasoned that the principal effect 
of the canopy and wheel-well fairing was to alter the range of stability . 

At subsonic speeds, there appear ed to be two types of oscillations -
weak and strong . The weak oscillations appeared as small disturbances 
on the duct pressures and on the transverse acceler ometer (fig . 7). 
These oscillations could have been a r esult of twin- duct instability. 
As discussed in reference 3} the point of peak static- pressure recovery 
is the point at which twin-duct instability may begin. Plotting the 
static-pressure recovery at the throat as a function of mass -flow ratio 
for the stable flow range indicated that the peak static-pressure recovery 
apparently occurred at m/rna ~ 0 .6 . This mass - flow ratio agrees quite 

well with the measured value of mass - flow ratio at which instability 
began (fig . 8) . 
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At M < 0.9) the strong flow oscillations (fig . 8) occurr ing below 
m/mu ~ 0 .4 produced a 6CD ~ ±0 .09 and a yaw amplitude not exceeding 

±0.3°. Again) these oscillations might result from separation on the 
nose at reduced mass flows) as indicated in reference 6 for an annular 
inlet with MCA 1- 80-100 inlet lips and a centerbody of fineness ratio 3 .0. 

External-Drag Coefficient 

The external- drag coefficient as a function of Mach number is pre
sented for several mass-flow ratios in figure 9. Because of the slow 
shutter speed relative to the rate of deceleration of the model ) only 
one drag point at each mass - flow ratio was obtained on the steep portion 
of the drag rise. The curves were faired in this region by assuming the 
slope to be independent of mass-flow ratio) and the shallowest slope 
consistent with the data points at either end of the steep portion of 
the curve was used. Thus the values of external- drag coefficient shown 
between Mach numbers of 0.94 to 1.03 are largely dependent on the manner 
of fairing used . Also shown is the total drag coef ficient minus base
drag coefficient) corrected for wind effects ) for the par abolic body of 
revolution of reference 1. 

The drag coefficients at mass - flow ratios of 0 . 8 and 0.9 were 
essentially the same throughout the Mach number range (fig. 9). The 
drag coefficient at these mass - flow ratios varied from approximately 0 .12 
at Mo = 0. 8 to a nearly constant value of about 0 . 35 at M > 1.05 . 
The drag coefficient of 0·. 35 at supersonic speeds is quite high in com
parison with the drag of the body of revolution from reference 1 . 

The reason for this high drag rise can be indicated by considering 
the axial distribution of cross - sectional area normal to the air stream . 
Reference 7 shows that the zero - lift drag rise of a body is primarily 
dependent on this axial area distribution. Figure 10 presents a dimen
sionless plot of cross-sectional area as a function of body length for 
both the present model and the par abolic body of revolution reported in 
reference 1. The fin area which was identical for both models has been 
neglected . The canopy and wheel-well fairing of the present model begin 
at X/L = 0.155. The inlet station is X/L = 0 . 25 . Although the effect 
of the vertical rise in the area curve caused by the inlets is not known 
at present) it would be expected to be small at maximum flow rates . 

The presence of the canopy and wheel-well fairing on the forebody 
steepens the slope of the area curve ahead of the inlet station as com
pared to the parabolic body. The relative bluntness of the inlet lips 
contributes to the initial rapid increase in area just behind the inlets) 
while the canopy causes a more forward location of the maximum area sta
tion) followed by a relative sharp decrease in area to X/L = 0.42. As 



NACA RM L53E05 11 

indicated in reference 7, these steeper slopes result in increasing the 
transonic drag rise of the present model over that of the parabolic body. 
The data of reference 8 indicate that the reduction in nose fineness ratio 
caused by the more forwar1 location of the maximum area station of the 
inlet model would result in appreciably higher supersonic drag for the 
inlet model than for the parabolic body. Therefore, the region between 
X/L = 0 . 25 and X/L = 0 .42 (exclusive of the.inlet area it~elf) .would 
be expected to be especially costly in increaslng the drag rlse Slnce the 
corresponding region of the parabolic body contributes very little to the 
forebody pressure drag at transonic speeds. 

The variation of external- drag coefficient with mass-flow ratios is 
shown in figure 11 for several Mach numbers . Throughout the Mach number 
range, the effect of decreasing the mass - flow ratio was small until 
oscillating flow was encountered. As the mass - flow ratio was further 
decreased, the drag began to rise more abruptly . I n the steady- flOW 
region, however, the penalty in drag for spillage was small. 

Total- Pressure Recovery 

Total-pressure recovery after diffusion as a function of Mach num
ber is presented in figure 12 for several mass - flow ratios. At subsonic 
speeds, maximum recovery was obtained at m/ IDa = 0 . 8, whereas above 

Mo = 1 . 2 the maximum recovery was obtained at m/mo = 0·9. At M6 = 0. 8 
the maximum recovery was 0.92, and it decreased with increasing Mach num
ber until, at Mo = 1.45, it was 0 . 77, about 18 percent less than free
stream normal- shock recovery . The recoveries presented herein are about 
3 percent lower than recoveries measured in flight tests of an airplane 
employing this inlet configuration but with different internal geometry . 
The airplane was tested up to a Mach number of 1 . 0 for mass-flow ratios 
between 0 .65 and 0.85 (ref . 9) · 

The total -pressure recovery after diffusion is plotted in figure 13 
against mass - flow ratio for several Mach numbers as determined from the 
flight test using nose A. Also shown are the data obtained from the 
preflight tests at Mo = 1 . 55 for the three nose shapes tested . (See 
table I . ) Choking at the throat rake supports limited the maximum mass 
flow ratio obtained in the preflight tests to a lower value than was 
obtained in flight . At Mo = 1 . 55 and for the mass - flow range of the 

preflight tests, oscillating flow was obtained with all three nose shapes . 

The total-pressure recovery obtained with nose A during the preflight 
tests agreed favorably with the total-pressure recovery measured in flight . 
The total-pressure recovery obtained with nose B was 0 . 09 to 0 .11 less 
than the recovery with nose A. The recovery with nose C was 0 . 03 to 0.06 
less than the recovery with nose A. 
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Figure 14 presents the total- pressure profiles measured at t he 
right-inlet minimum- area station during preflight tests. Profiles are 
presented for nose A for three mass - flow ratios at ~ = 1 .55 and for 

one mass - flow ratio at NO ~ 0 .7. Similar total-pressure profi les were 

obtained with noses Band C. The flagged symbols show the two total 
pressures measured in the left inlet. The static pressures obtained 
in each inlet are shown as horizontal lines. The mass - flow ratios and 
total- pressure recoveries after diffusion were determined from throat 
measurements in the left duct and are shown for reference in figure 14 . 

The profile shapes show that a thick boundary layer and , in some 
cases, separated flow, entered the inlet at Mo = 1 .55 . In general, the 

total pressure at the inlet decreased with decreasing mass flow . It 
appears that a large percentage of the losses measured after di ffusion 
occurred prior to the inlet as indicated in figure 14. The two total
pressure measurements in the left inlet showed fair agreement with the 
corresponding tubes in the right inlet, and the static pressures 
obtained in the two inlets were in good agreement. 

The inlet total-pressure profiles presented at the extreme right 
of figure 14 were obtained during a preflight test at Mo ~ 0.7. Steady 

flow was obtained and the three rakes gave almost identical profiles . 
The recovery at the inlet was about 0.97, whereas the recovery after dif 
fusion was 0 .94. It can be concluded then that, at subsonic speeds at 
the higher flow rates, the flow at the inlet was reasonably uniform and 
the diffuser losses were small . The diffuser losses for the steady 
flow region would be expected to be of this order of magnitude . 

The maximum total- pressure recovery after diffusion obtained with 
the twin side inlet of the present tests i s compared with several annular 
and somewhat similar scoop inlets in figure 15 . Data from reference 5 
are presented for two annular inlets with ogival innerbodies , 5 and 
2.5 diameters long, respectively . Data of reference 6 are presented 
for a twin side inlet with a 190 conical innerbody 3 diameters long. 
Also shown are data for an annular inlet with a 150 ramp (ref . 10) and 
two twin- scoop inlets enclosing 61.5 percent of the maximum forebody 
circumference (ref. 11), all having forebodies 5 diameters long . (The 
present inlet enclosed approximately 52 percent of the forebody cir
cumference . ) All of the data presented are for tests made without 
boundary- layer removal. 

The data of reference 6 show that a slight improvement in recovery 
can be achieved in the lower Mach number range by using a conical inner
body instead of a curved profile. At the higher Mach numbers, however, 
the data of references 5, 10, and 11 indicate the poor recovery obtained 
during the present tests as compared to the recovery of a nose inlet 
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was typical of this type of inlet without boundary-layer control. Fur
thermore, all inlets were subject to flow instability over a wide range 
of mass-flow ratios (in general, for mas s -flow ratios less than 0.7)· 

In general, these data indicate that, to obtain high recoveries at 
Mach numbers in excess of 1.0 with annular-type inlets having inner
bodies 3 diameters long or longer, some provision f or boundary-layer 
removal must be provided. Without such a provision, this inlet type 
is inherently subject to poor recovery and instability. 

CONCLUSIONS 

13 

Results of flight and preflight tests of a twin side-inlet model 
including a pilot's canopy and wheel-well fairing indicated the f ollowing: 

1. Oscillating flow was encountered throughout the Mach number range. 
The maximum mass-flow ratio at which this oscillating flow occurred 
varied from approximately 0.63 at a free-stream Mach number of 0.80 to 
about 0. 81 at a free-stream Mach number of 1.45. 

2. The amplitude of the oscillations amounted t o an increment in 
the total-drag coefficient of ±0.10 at Mach numbers greater than 1.1 and 
as much as ±0.09 at Mach numbers less than 0.9. 

3. At supersonic speeds, the minimum external-drag coefficient was 
about 0.35, a value considerably higher than that obtained with a body 
of revolution of the same fineness ratio. 

4. Throughout the Mach number range the increase in external-drag 
coefficient with decreasing mass-flow ratio did not exceed 0.01 in the 
region of steady flow. 

5. The maximum total-pressure recovery varied from 0.92 at a free
stream Mach number of 0. 8 t o 0.77 at a free-stream Mach number of 1.45, 
the latter value being 18 percent less than normal-shock recovery. 

6. Two shorter nose shapes tested at a free-stream Mach number 
of 1.55 yielded lower total-pressure recoveries than were obtained with 
the original nose. 
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(7) Inlet total-pressure surveys made at a free-stream Mach number 
of 1.55 indicated the presence of a thick boundary layer and, in some 
cases, separated flow, at the inlet at all mass flows tested, for all 
three nose shapes. 

Langley Aeronautical Laboratory, 
National Advisory Committee for Aeronautics, 

Langley Field, Va., April 24, 1953 . 
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TABLE I .- NOSE DESIGN COORDINATES 

5 to tlon 
0.000 

--x 

.Section A-A 

+x-

N o se 
A--' 
B-~ 

C 

Nose A 
X r 

- 0.441 0.000 
- O.llO 0 .104 

1.029 0 .448 
2 .499 0 . 866 
3 . 969 1.250 
5.439 1 . 602 
6 . 909 1. 92 4 
8 . 379 2 . 215 
V. 8 49 2 .475 

12 . 642 2 . 889 

Nose B 

X 

4.292 
4.704 
5.439 
6 .17 4 
6.909 
7.644 
8 .379 
9.114 
9.849 

11. 319 
12.642 

X 14.259 15.729 17.199 

r 3.080 3.221 3 .334 

r 

0.000 
0.332 
0 . 859 
1. 298 
1.654 
1. 938 
2.161 
2.337 
2.476 
2.706 
2.889 

18.669 

3.419 

-- -- - -------------------------------

J 
__ I 

- - - r 
~ - - - - -~--

Nos e C 
X r 

5.439 0.000 
5.585 0.538 
5.880 0.905 
6.321 1.244 
6.909 1.558 
7.644 1. 8 51 
8.379 2 . 082 
9.114 2.272 
9.849 2.434 

11.319 2.699 
12 .642 2.889 

20.139 21.021 

3.475 3.49 4 
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TABLE 11.- CANOPY AND WHEEL- WELL FAI RING DESIGN COORDINATES 

e 

[ Station Station Station Station Station Sta tier. ' Sta tion 
14 . 26 15 . 73 18.67 21 . 02 21.20 21.51 21 . 90 

0 . 00 3 . 61 4 . 15 4 . 89 5.14 5 . 14 5 . 14 5.15 
. 44 3 . 58 4 . 13 4 . 87 5 . 11 5 .11 5.12 5 . 12 
. 88 3 . 49 4 . 04 4 .79 5 . 04 5 . 04 5 . 05 5 . 05 

1. 32 3 . 33 3 . 83 4 . 65 4 . 91 4 . 91 4 . 91 4 . 91 
1. 76 3 . 67 4.46 4 . 73 4 .73 4 . 59 4 . 59 
2 . 21 4.20 4 . 48 4 .48 4 . 49 4 .49 
2 . 65 3 . 85 4 . 16 4 . 16 4.17 4 . 17 
3 . 09- 3 . 74 3.75 3 .76 3 . 76 

Sta tion a b c d Station h r 

12 . 64 2 .73 2 . 73 0 . 92 0 . 92 12 . 68 2 . 89 
14 . 26 2 . 73 3.16 1.42 1.64 12 . 84 3.06 1.01 
15 . 73 2 . 67 3 . 33 1. 81 2 . 25 12.26 3 . 84 1.40 
18 . 67 2 . 51 3 . 36 2 . 33 3 .12 17 . 20 5.42 2 .12 
21 . 02 2.47 3 . 39 2 . 47 3 . 39 19 . 26 6 .29 2 . 46 
21.20 3 . 30 3 . 40 3.28 3 . 40 21 . 02 6 .77 2 .62 
21. 51 3 . 35 3 . 40 3 . 35 3 . 41 21 . 90 6 . 91 2 . 66 
21 . 90 3 . 39 3.41 3 . 39 3 . 41 22 . 79 7 . 00 2 . 69 

-- 24 . 23 7.04 2 . 71 
27 . 20 6.90 2 . 70 
30 . 14 6 . 60 2.62 
33 . 37 6 .16 2 . 58 
35 . 43 5 . 81 
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TABLE 111. - FUSELAGE PLAN AND PROFILE DESIGN COORDINATES 

T 
M 

L 

j 

Sta t ion L M N 

21.02 4.72 4 . 68 4 . 35 
21.20 4 . 91 4 . 8 1 4 . 44 
21 90 5 . 09 4 . 95 4 . 53 
22 . 79 5 .1 5 5 . 09 4 . 56 
24.23 5.15 5 . 29 4 . 56 
27.20 5. 1 5 5 . 58 4 . 56 
30 . 14 5.15 5 . 75 4 . 56 
33.37 5 . 15 5 . 81 4 . 56 
38 . 00 5.12 5 . 79 4 . 56 
43.00 5. 0 4 5 . 70 4 . 56 
48.00 4. 93 5 . 51 4 . 56 
52.00 4.79 5.30 4 . 56 
56 . 00 4.63 5 . 07 4 . 53 
60.00 4.44 4 . 80 4 . 40 
64 . 00 4.23 4 . 50 4 . 22 
70.76 3.79 3 . 93 3 . 79 
74.67 3.49 3.59 3 . 4.9 
80 . 00 3.07 3. 09 3 . 07 
83 . 50 2.75 2.75 2 . 75 
85 . 00 2 . 60 2 . 60 2 . 60 
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TA BLE IV .- I NLET LIP DESIGN COORDINATES 

wall 

Section A-A 

Lip section 

G = 400 e = 60° 
Xl +y - y +y -y 

0 . 0 15 0 . 026 0 . 035 0.024 0.028 

. 029 . 034 . 050 . 031 . 043 

. 074 . 0 49 . 082 . 0 46 . 0 65 

.118 . 056 . 103 . 054 . 082 

. 176 . 059 . 126 . 056 . 101 

. 294 . 162 . 129 

. 441 . 190 . 153 

. 588 . 2 15 .173 

. 882 . 248 . 200 

1.176 . 269 . 218 

coordinates 

e = 900 

+y - y 

0 . 022 0 . 026 

. 029 . 038 

. 043 . 059 

. 050 . 074 

. 051 . 088 

. 113 

. 135 

. 153 

.178 

.1 94 

eros s -sectional 
view at inlet 

e = 1150 e = 
+y - y +y 

0 . 024 0 . 029 0 .031 

. 031 . 044 .038 

. 0 46 . 068 .056 

. 054 .084 .065 

. 056 .103 .066 

. 134 

.157 

. 176 

. 204 

.222 

19 

135° 
- y 

0 . 035 

. 050 

. 085 

.107 

.131 

. 166 

.196 

. 222 

.257 

.279 
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Figure 2.- Drawing of the model. All dimensions are in inches. 
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Left inlet 

Figure 3.- Cross-se ctional view at the inlet minLmwm-area station, 
showing instrumentation f or the preflight tests. 
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Figure 4.- Variation of diffuser surface area with cross-sectional area. 



Rake supporf 

Splitler 

o Tof(J/-pressure lu/;e 
• SIQfic-pressure tube 

Manifolded sfofic
pres slIr e orific es 

L eft duct 

~ 

Figure 5.- Cross-sectional view at the throat station, showing 
instrumentation for the preflight tests. 
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Figure 6.- Reynolds number per foot as a function of Mach number. 
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-~~. ~ ~. :-~-j--------------------------------:-------------------------------------- ---------------------------------------: ---------{ -: ;;-::-:: :~--. 

trace __ -- - -___.... trace 
/" 
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( 

Mo =1.224 . _____ I_J Mo =I.0 93 

~ ./ sec ~ 
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(a) Pressure oscillations, supersonic. 
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.. 

• .I sec ~ 
-~-
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(b) Pressure oscillations, subsonic. 

Figure 7.- Portions of the flight telemeter records showing pressure 
and f orce oscillations at supersonic and subsonic Mach numbers. 
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(c) Force oscillations, supersonic. 
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(d) Force oscillations, subsonic. 

Figure 7.- Concluded. ~ 
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Figure 8.- Mass-flow ratio against Mach number showing regions of 
oscillating flow. 
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Figure 9.- External-drag coefficient as a function of Mach number for 
several mass-flow ratios. Curves are dashed in regionE of oscillating 
flow. 
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Figure 11.- External-drag coefficient as a function of mass-flow ratio 
for several Mach numbers. Curves are dashed in regions of oscillating 
flow. 
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Figure 15.- Comparison of maximum total-pressure recovery of the twin 
side inlet with several similar inlets. 
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