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RESEARCH MEMORANDUM 

UTILIZATION OF EXTERNAL- COMPRESSION DIFFUSION PRINCIPLE IN 

DESIGN OF SHOCK-IN-ROTOR SUPERSONIC COMPRESSOR BLADING 

By John W. R. Creagh and John F. Klapproth 

SUMrvIARY 

The application of the external - compression principle to a cascade 
of blades in an attempt to achieve a closer approach to isentropic con
traction ratios in supersonic compressor blading is presented. Limita
tions arising from the application to a cascade of blades are considered, 
and the limiting contraction ratio is shown to depend upon the inlet 
Mach number and the blade leading- edge wedge angle. 

Tests of a rotor designed to incorporate the external-compression 
principle are presented. No improvement in performance was Observed 
over previous shock- in-rotor compressors. The design inlet conditions 
for the rotor were not obtained because of an inadequate allowance for 
the blade leading- edge thickness. The observed contraction r atios were 
generally equal to or less than those observed in previous shock-in
rotor designs . No conclusions could be drawn regarding the use of the 
spike-diffuser principle to approach isentropic contraction ratios. 

General considerations of shock- in-rotor compressor designs indicate 
that a more satisfactory design would distribute the static-pressure rise 
between a rotor and a stator . In addition, the design limitations such 
as observed with subsonic and transonic compressors as well as observed 
limitations on static -pressure ris e through shocks before separation 
should also be considered in the design of supersonic compressors. 

INTRODUCTION 

The possibility of obtaining high- stage pressure ratios by using 
high wheel speeds and supersonic relative velocities in compressor blade 
rows has been recognized for a number of years (refs. 1 to 3) . Several 
possible arrangements with supersonic velocities in the blade rows and 
with the shock positions in various locations have been considered 
(refs. 2, 4, and 5) . The first arrangement receiving serious attention 
utilized supersonic relative inlet velocity and a normal shock in the 
rotor blade row with subsonic velocities in the subsequent stator 
(refs. 6 to 8) . 
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In the initial design procedures for shock- in-rotor supersonic 
compressors, each passage was considered as an internal - compression- type 
supersonic diffuserj hence the design procedures were limited to the 
maximum recovery and contraction r atio (inlet a r ea/throat area) assoc i
ated with this diffuser type (ref . 9). Tests of rotors with the 
internal-compression diffuser principle yielded gener a lly lower pressure 
r atios than predicted (refs . 6 and 10). The lower pressure ratios were 
attributed pr incipally to a l ack of subsonic diffusion in the rotor . 

Attainment of design values of diffusion will require an improve 
ment in the boundary- l ayer conditions at the start of the subsonic dif
fusion, that is, at the minimum section . A possible method of obtaining 
improvement is to reduce the Mach number at which the norma l shock occurs 
b y use of contraction r atios more nearly equal to the isent ropic. A 
reduction in the minimum- section Mach number will not only reduce the 
fr ee - stream total -pressure loss but can appreciab ly reduce the discon
tinuous static -pressure ris e , which is gener a lly responsible for flow 
separation . 

This report proposes the use of the spike - or Oswatitsch (ref . 11) 
diffuser principle for the design of supersonic compressor blading i n 
order to more nearly appr oach the isentropic contraction ratio. A 
spike diffuser was designed to produce weak oblique compr ession waves 
ahead of the passage entrancej this principle wa s extended to compres 
sor blading by properly contouring the trailing f ace of the blade to 
produce weak compres s ion waves ahead of the blade -passage entrance . The 
s t arting requirements for a cascade of supersonic blading incorporating 
the spike-diffuser principle are considered and restrictions on the 
limiting contraction r a tiO are determined as a function of the b l ade 
leading-edge wedge angle and the relative entr ance Mach number . Appli 
cation of this principle to the design of a rotor b lade is made and 
tests of the rotor in Freon- 12 (dichlorodifluoromethane), a commercial 
refrigerant, a r e included . 

The investigation was conducted at the NACA Lewis laboratory . 

DESIGN CONSIDERATIONS 

Appl ication of External- Compression Principle to Cascades 

For two - dimensional flow in a cascade with design operation and no 
standing bow-wave system (fig . 1), the incoming -flow direction will be 
parallel to AB on the trailing f ace of each blade (r ef. 2) . The tra il
ing face is contoured f r om B to D so that compression waves arising 
from it intersect the leading edge of the following bla de . This 
external- compression ramp is simila r in purpose to the spike of a 
spike diffuser . 
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For spike diffusers, the Mach number is generally reduced as much 
as possible by means of the compression r amp . The principal restriction 
on the amount of diffusion arises from the condition that a standing bow 
wave on the outer shell or lip of the diffuser be aVOided. 

The standing bow-wave pattern may be avoided for the cascade of 
blades if tl.e Mach number along AC on the driving face is very nearly 
1.0 or above . The total effect of the changes in flow direction from 
upstream of the rotor to the minimum section should then be adjusted to 
give very nearly sonic velocities in the minimum section. Thus, if 

v Prandtl-Meyer angle 

( blade leading - edge wedge angle 

~ change in blade angle from B to D 

then 

" c = " b - (~ + ( ) = Va - ( 2~ + €) :::: 0 

where the subscript a refers to the upstream condition, b refers to 
the condition on the compression r amp DF, and c refers to the condi
tion at the minimum section. 

The maximum change in angle on the compression ramp for a cascade 
of blades is then 

~ ~ 1: (" _ () 
2 a 

so that, for any g iven inlet Mach number and leading- edge wedge angle, 
the change in angle of the compression ramp is fixed within close limits. 
The design wave configuration will then consist of a series of oblique 
compression waves from the compression ramp reflecting as an oblique 
shock from the driving face and reducing the Mach number to nearly 1.0. 
For Mach numbers on the compression ramp of 1.4 or below, the approxi
mate signs can be replaced by an equality. However, for Mach numbers 
on the ramp above 1 . 4, the losses through the oblique shock reduce the 
change in angle (~+ €) required to produce a Mach number of 1 .0 
behind the shock and must be accounted for in the design. 

In order to obtain the design oblique shock AF (fig. 1), super
sonic flow into the passage' must be established. This requires that the 
minimum section be sufficiently l a r ge to pass the entire mass flow after 
suffering normal shock losses at the Mach number Mt· From the conti-

Acr 
nuity equation in the form PA ~ = constant at any station, the 
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limiting contr action ratio for a Mach number of 1 . 0 at the minimum sec 
tion is then (for definition of symbols see appendi x A) 

c ~ A~r la :~ ( 1) 

where ~I cor responds to Ma and pc/Pb is the normal shock total 
Acr a 

pressure recovery for Mt . 

Since the Mach number Mt is influenced by the leading- edge 
angle €, the contraction ratio becomes a function of both entrance Mach 
number and (. The theoretical limiting contr action r atio for several 
leading- edge wedge angles is shown for a r ange of Mach numbers in fig 
ure 2. In the calculation of the data for the curves shown, no allow
ance was made for boundary- layer effects . As shown in figure 2, closer 
approximation to isentropic contraction ratios may be obtained by using 
lower values of ( . It should be noted that the limitations of the 
contraction ratios of figure 2 will produce minimum- section areas larger 
than reQuired for the design wave configuration . As a result, a slight 
reexpansion behind the obliQue shock will occur , followed by a weak 
normal shock at the minimum section. 

It is demonstrated in appendix B that, if the preceding method of 
determining contraction ratios is employed in the design of a cascade 
of blades, reduction in back pressure on the cascade is sufficient to 
permit starting from initi al conditions with an extended wave system. 

Application of External Compression to Rotor Design 

The design of the supersonic portion of a rotor blade will reQuire 
a matching of the flow conditions existing at successive radii. In 
order to avoid severe radial accelerations in the subsonic region, the 
pressure gradient at, the minimum section should be close to that reQuired 
for simple radial eQuilibrium 

V 2 
1 dp e 
p dr ~ gr 

One method of obtaining a minimum- section Mach number of 1 . 0 and a 
balanced pressure gradient would be to use inlet gui de vanes to estab 
lish the necessary relative inlet conditions . This method, however , 
results in a large gr adient in i nlet guide - vane turning angle, with a 
gradient appreciably greater than that reQuired for a f r ee vor tex . A 
compressor designed with little or no guide - vane turning at the tip 
reQuir ed such large gUide - vane turning angles below root - tip radius 
ratios of about 0 . 75 that the axial Mach number and weight flow were 
seriously restricted . 
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A second method of balancing the pressure gradients at the mlnlmum 
section would be to relieve the condition of a constant Mach number of 
1.0 at this section. Minimum- section Mach number s slightly below 1.0 
may be obtained with a small amount of spillage, which will result in a 
slight increase in the shock losses at the region of spillage because of 
the extended wave pattern and a normal shock at the entrance instead of 
the more desirable strong oblique shock. For example, with an upstreum 
inlet Mach number of 1 . 60 and a leading - e dge wedge angle of 30 ,2 

l-percent spillage will reduce the relative total-pressure recovery from 
0.980 for operation with a strong oblique shock (fig. 1) to 0.946 with a 
standing wave pattern and normal shock . The resultant minimum-section 
Mach number is reduced from 1.0 to 0.851 (Lee appendix B, fig. 17). A 
combination of guide - vane turning and spillage can obviously be used to 
establish radial equilibrium in order to avoid the use of excessive 
values of either. 

Rotor Design 

The considerations of external compression were applied to the 
design of a supersonic compressor rotor with the following conditions 
specified : 

Tip speed, ft /sec in air . . . . . . . . 
Inlet root-tip radius ratio . . . . . . 
Absolute inlet Mach number at rotor tip 

1600 
0.70 

0 .797 

Inlet guide vanes were designed to produce turning which varied linearly 
from 30 at the tip to 200 at the hub , imparting a whirl component oppo
site to the direction of the rotor rotation. The resultant relative 
Mach number at the rotor inlet varied linearly from 1.548 at the root to 
1.754 at the tip. Since the guide - vane turning at the hub was insuffi
cient to establish simple radial equilibrium, a spillage of 1 percent at 
the hub was incorporated in the design . 

The relative rotor-outlet conditions were selected t~ give a total
pressure ratiO, with viscous losses neglected, oi 2.70 with approximately 
equal work input along the r adius . The relative outlet Mach number variE 
from 0.829 at the tip to 0 .530 at the root . A blade trailing- edge and 
boundary-layer displacement thickness of 10 percent of the passage width 
was assumed at the blade outlet. The resultant relative discharge angle 
varied from 60 . 780 at the tip to 47.500 at the root . Turning in the 
rotor-blade passage varied from 2 . 200 at the tip to 12.750 at the root. 
In order to satisfy continuity, the root - tip radius ratio was increased 
from 0.70 at the inlet to 0 . 72 at the outlet . 

The supersonic portion of the blade was designed as described for 
the cascade blade sections. An angle between the upstream flow direction 
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and the dri ving face of the blade € averaging ab out 3 . 50 was us ed 
together with an assigned value of blade thickness near the leading edge 
of 0 . 040 to 0 . 046 inch for structural rigidity. The design inlet wave 
pattern for the pitch section is shown in figure 3 . An a r bitrary 
boundary- layer allowance of 0 . 015 inch per inch was made along the suc 
tion face of the blade. 

The throat section was designed for a constant - flow area for a 
distance e~ual to one -half the passage width. The subsonic portion was 
designed to produce) a long a streamline) a uniform increase in static
pressure rise corresponding to an e~uivalent 3 . So cone . The design vec 
tor diagrams in air for the tip, pitch, and root blade sections are 
shown in figure 4 . Coordinates of the pitch section of the rotor blade 
are given in table I. 

APPARATUS AND INSTRUMENTATION 

Compressor. - The compressor rotor used in this investigation is 
shown in figure 5 . The rotor had 29 blades and a constant tip diameter 
from inlet to outlet of 16 . 0 inches. The axial depth of the rotor hub 
was 2.73 inches and the rotor - tip solidity was 2 · 33 . The inlet guide 
vane section contained 23 machined vanes constructed in accordance with 
the principles outlined in reference 12 and incorporated corrections for 
the secondary flows at the walls described in reference 13. The guide
vane solidity varied linearly from 1 . 68 at the root to 1 . 14 at the tip . 

Variable - component test rig. - The experimental rotor of this 
investigation was installed in a variable - component test rig incorporat
ing a closed gas -flow circuit for testing with Freon- 12. The gas ) after 
being compressed) passed consecutively through a pressure - reducing 
throttle and two sets of water - cooled heat exchangers and returned to a 
large tank (7 . 5 ft in diameter and 15 ft long) insta lled ahead of the 
compressor inlet . Automatic controls were provided to eliminate fluctu 
ations in inlet temperature and pressure by r egulating) respectively) 
the water flow to the heat exchangers and the rate of both pure Freon- 12 
addition to and test gas removal from the rig . The purity of the test 
gas was continuously recorded by use of a device similar to that 
described in reference 14 and adapted for use with Freon- 12 . 

Power for driving the compressor wa s supplied by a 6000 - horsepower 
variable - speed electric motor in conjunction with a speed increaser . 
The compressor test section of the rig is shown schematically in figure 6 . 

Instrumentation . - Standard inst rumentation was insta l l ed in the 
large tank a t the compr essor inlet to measure press ures and temperatures 
according to the method described in refer ence 15 . The compr essor - outlet 
instrumentati on at stati on 4 (fig . 6) used to obtain the over-all com
pr ess or per formance consis t ed of two five -position shielded total -pr essure 
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rakes and two five-position spike-type thermocouple rakes. The radial 
locations of the measuring stations on the rakes were such that values 
of the total pressure and the total temperature were obtained in the 
centers of five equal-annular areas . The rakes were set at an estimated 
mean value of flow angle and were insensitive to the variations in angle 
obtained in this investigation. 

Radial surveys of angle of flow, total pressure, and static pressure 
were taken at stations 2 and 3 (fig. 6) by means of a cone-type probe . 
The static -pressure orifices on these prob es were calibrated for the 
range of Mach numbers encountered . A more complete description of this 
type of probe is given in reference 16. Figure 7 shows a cone probe, a 
shielded total-pressure rake, and a spike -type thermocouple rake used in 
this investigation . 

Wall static pressures at stations 2, 3, and 4 were obtained by four 
equally spaced taps located on both the inner and outer walls. The 
static-pressure variation along the flow path through the rotor was 
measured by a series of wall taps located 0 .1 inch apart on the outer 
casing and extending axially from a point corresponding to the axial 
location of the rotor -blade root at the inlet to the rotor-blade root 
at the outlet . 

The weight flow of gas through the compressor was measured with an 
orifice installed in the piping downstream of the heat exchangers. 
Instrumentation at the orifice consisted of upstream and downstream 
wall-type static taps and an upstream temperature and total-pressure 
probe . In a preliminary investigation, the compressor test orifice was 
calibrated in air against a standard orifice, and the variation of the 
compressor - test - orifice flow coefficient with Reynolds number was estab
lished. During the subsequent compressor performance investigation, the 
Reynolds number at the orifice was calculated for each flow pOint. From 
the corresponding value of flow coefficient and with the use of the 
orifice instrumentation data in the standard orifice equation (ref. 17), 
the weight flow of test gas was obtained. 

Total and static pressures in the compressor test rig were measured 
by a bank of mercury manometers . The pressure drop across the orifice 
was measured by a water manometer. Gas temperatures were determined by 
a potentiometer in conjunction with a precision galvanometer. The speed 
of the rotor was measured with an electric chronometric tachometer. 

PROCEDURE 

The over -all performance of the experimental rotor was obtained 
from tests in Freon-12. The design tip speed of 726 feet per second in 
Freon-12 was calculated by the method outlined in reference 16. Tests 
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were run at six rotational speeds from 50 to 100 percent of design equiv 
alent tip speed in Freon-12 over a range of weight flows from open 
throttle to audible surge . During these tests the inlet - tank pressure 
was maintained constant at values between 29 and 32 inches of mercury 
absolute and the inlet - tank temperature was maintained constant at values 
between 75 0 and 1000 F . Frequent checks were made to ensure the presence 
in the test rig of at least the minimum allowable test -gas purity of 
97 percent Freon- 12 by volume. Radial surveys were taken at stations 2 
and 3 for the peak-efficiency flow point at design speed and at the max
imum weight - flow point for all speeds . The total conditions in the 
entrance tank and at the compressor outlet (station 4) were used to 
determine the enthalpy rise for an isentropiC process and for the a ctual 
process from the thermodynamic data for Freon- 12 given in refe r ence 18 
(pp. 2577 - 2582) . The adiabatic efficiency used in this investigation was 
equal to the ratio of the enthalpy increases for these two processes . 

RESULTS 

Over -All Performance 

The over-all performance of the compressor from open throttle to 
surge at six equivalent tip speeds from 50 to 100 percent of the design 
value is shown in figure 8 . The maximum over -all total-pressure r atio 
of 2 . 24 occurr ed at design speed at a Freon- 12 equivalent weight flow of 
57.8 pounds per second and an adiabatic efficiency of 0 . 74 . The maximum 
adiabatic efficiency of 0 . 755 was obtained at 90 per cent of the design 
tip speed and at a weight flow of 52 . 8 pounds per second . The weight 
flow range at tip speeds below 80 percent of the design speed was com
paratively large but was sharply reduced at higher speeds until at design 
speed the variation in weight flow amounted to less than 1 percent of the 
maximum value . The peak total-pressure ratio obtained in this investi 
gation was approximately 17 percent less than the design value of 2 . 70 
and the weight flow at peak total-pressure r at io was appr oxi mately 
3 . 3 percent below the design value of 59 . 8 pounds per second. 

Performance at DeSign Speed and Peak Efficiency 

Rotor - inlet s urveys. - The results of the r adial survey taken 
upstream of the rotor (station 2) are shown in figure 9 for peak effi 
ciency at des i gn equivalent speed . The experimental values of the inl·et 
guide - vane turning angle are shown as a function of t he radius together 
with the design values of the turninb angle. It can be seen that the 
design values of turning ,Jere not achieved over most of the passage . At 
the root) the turning exceeded the design values by approximately 30 ) 

but near the center of the passage a~d in the tip region the turning was 
closer to the design value . The diffe rence between design and observed 
.turning may be caused) in part ) by the possible flow i nstabili t i es arising 
from the prescribed radial gradient in gui de - vane turning . 
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The rotor-inlet conditions are shown in figure 10, where the rel
ative inlet-flow angle, the axial inlet Mach number, and the relative 
inlet Mach number are plotted against the compressor radius. The corre
sponding design values of these parameters are also shown. The experi
mental values of the inlet-flow angle were greater than the design curve 
across the entire annulus, indicating that the gas entered the rotor at 
a pOsitive angle of attack with a reduced axial velocity as shown by the 
Mach number curve· The variations from the design values of inlet guide
vane turning were not considered sufficient to account for the deficiency 
in the mass flow since the average values were near design. The relative 
inlet Mach numbers were lower than the design values, reflecting the 
effect of the low inlet axial velocities. 

Rotor-outlet radial surveys. - The rotor-outlet-survey (station 3) 
data are shown in figure 11. The experimental and design values of the 
relative outlet-flow angle , the relative total-pressure recovery, and 
the relative outlet Mach number are plotted against the compressor 
radius. The relative outlet -flow angle was slightly less than design 
near the blade root, increased to values higher than design near mid
passage, and became so large near the tip that it exceeded the relative 
inlet-flow angle at this blade section. However, the observed energy 
input at the tip was larg~ because of an appreciable reduction in the 
relative velocity. 

The normal shock recoveries for the experimental values of the rel· 
ative inlet Mach numbers are also shown in figure 11 together with the 
design and experimental relative total-pressure recovery. The design 
relative total-pressure recovery was obtained by considering only the 
losses through the design wave pattern and not viscous losses. The 
experimental and normal shock recoveries are approximately equal at the 
root and pitch sections of the blade passage, and both are lower than 
the design value. Near the tip region, however, the experimental curve 
fell below the normal shock curve and much lower than the design curve. 

The experimental relative outlet Mach number in figure 11 was higher 
than the design value from the root to the midstream portion of the rotor
blade passage , indicating a lack of diffusion of the relative velocity in 
this area. Near the tip, the relative Mach number decreased to values 
lower than design . The low Mach number at the tip, however, was caused 
by the large losses in relative total pressure . The generally poor per
formance of the tip region indicated that either excessive losses occurred 
at the tip or that low- energy gas was centrifuged to the tip from the lowel 
radii to cause the poor performance observed in the outer portion of the 
annulus. Similar conditions were observed in references 10 and 19. 

-------~--~------- - - -- - - -
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Compressor weight - flow and static -pressure distribution . - The 
radial variations of weight flow at the inlet and outlet of the compr es 
sor are shown in figure 12 . The nearly constant slope of the inlet curve 
indicated a gener ally uniform distr ibution of weight flow from r oot to 
tip and a nearly flat axial velocity profile acr oss the flow passage . 
At the outlet) however) the gas flow shifted toward the root with the 
tip region carrying only a small portion of the total flow. This con
dition was also experienced in the investigation of the shock- in -rotor 
compressors of references 10 and 19 . 

The variation of the outer -wall static -pressure ratio along the 
flow path through the rotor is shown in figure 13 · Because of the sweep 
of the rotor blades at the inlet and outlet of the compressor) the 
axial locations of the tip leading and trailing edges did not corr espond 
to the leading and trailing edges at the blade root (fig . 5 ) . As shown 
in figure 13 ) practically no static -pr essure increase occurred at the 
outer wall until the gas entered the blade passage near the tip . Imme 
diately thereafter, however) a rapid increase in static pressure was 
obtained) and the discharge static -pressure ratiO ultimately attained a 
value of appr oximately 2.5 . 

Off -Design Performance 

Effect of compressor speed on relative inlet angle . - The variation 
of relative inlet - flow angle with relative inlet Mach number is shown in 
figure 14 for compressor operation at the maximum flow points for each 
of the several speeds at which radial surveys were taken. The experi 
mental root -) pitch- ) and tip - section performance a r e shown together 
with the values of blade stagger angles for these blade sections. The 
relative inlet- flow angles were reduced as the relative inlet Mach num
ber increased above a value of approximately 1 . 2 with the pitch- section 
values of angle more nearly approaching the design values at design 
speed . The curves for all blade sections tended to flatten as design 
speed was approached) indicating that further incr eas e in compressor 
speed could probably not be expected to produce any appreciable improve 
ment in relative inlet angle characteristics . 

DISCUSSION OF RESULTS 

Inlet~flow conditions . - The operation of the rotor at design speed 
with an angle of attack did not permit the design wave patter n to be 
established . In or der to determine the effect of the 0 . 040 - to 
0.046 - inch b l ade thickness near the leading edge on the angle of attack) 
e~uation (B2 ) (appendix B) was solved b y substit uting the effective blade 
thickness in place of the spillage and by assumi ng an isentr opiC process . 
The resulting r elative inlet -flow a~gles for design- speed oper ation wer e 
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62.750 at the root and 66 . 080 at the tip . Since these angles were close 
to the observed angles at the root and tip, the blade thickness near the 
leading edge is thought to be the principal reason for the experimental 
values of angle of attack. Further increases in speed over the design 
value should have little effect on the inlet -flow angle since, for an 
unchoked supersonic channel, the flow direction is fixed by the geometry 
of the blade leading- edge region ahead of the Mach line at the passage 
inlet (ref. 2). 

The effective contr action ratio for unit -passage height resulting 
from the observed inlet -flow angle 

A. 
C l 
= ~in = 

2rtr 
n cos ~21 

L 

is shown in figure 15 plotted against the relative inlet Mach number for 
the root, pitch, and tip radii for the maximum weight flow (i.e., no 
back pressure) . The actual contraction ratio existing on the blade 
should be an average of the three conditions shown. The theoretical 
contraction ratio in Freon- 12 for an external wave pattern with a 60 

wedge angle (i.e., the average difference between the observed inlet
flow angle and the driving face) and the Kantrowitz contraction ratio 
are also shown . Near design speed, the observed ratios are below the 
Kantrowitz values. Because of the large blade stagger angles, small 
angles of attack produced relatively large changes in inlet- flow area 
and, hence, in the contraction ratio. Over the entire Mach number range 
of figure 15, the observed contraction ratios aver age slightly below the 
Kantrowitz values and no significant improvement in contraction ratio 
was observed over previous shock- in -rotor designs (refs . 6, 8, 10, and 
19) . 

Rotor diffusion . - The relative outlet Mach numbers obtained with 
this rotor were about equal to those obtained with rotors designed for 
internal compression (refs . 10 and 19), which also exhibited poor sub
sonic diffusion. The shift in mass flow was also characteristic of the 
internal-compression rotors . 

Improvement of the subsonic diffusion would require an improvement 
of flow conditions at the start of the subsonic diffusion (at the min
imum section). Since the observed contraction ratios for this rotor are, 
in general, equal to or less than those obtained in previous rotors, no 
conclusions can be drawn regarding possible improvement by exceeding the 
Kantrowitz limitations on the contraction ratiO . 
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CONSIDERATIONS IN FUTURE DESIGNS 

Permissible values of contraction ratio even with the external
compression principle do not all ow the design of essentially shock-free 
flow, although appreciable improvement is theoretically obtainable over 
the internal-compression limitations . Recent obser vations (ref. 20) 
indicate that limits may exist on the maximum pressure rise that can be 
obtained through a shock without separation . This limitation may require 
minimum- section Mach numbers and oblique-shock strengths less than can 
be obtained by using the external- compression principle, particularly at 
the higher entrance Mach numbers . 

In addition. to the limits on static -pressure rise through a shock, 
the over -all diffusion limitations observed on subsonic and transonic 
compressors (ref . 21) might also be expected to be significant for super 
sonic compressor designs . It is shown in reference 21 that for the tip 
section of conventiona l compressors, operation with values of a diffu-

(
V 3' f::,Ve' ) 

sion factor D D = 1 - V
2

' + 2crV
2

' in the terminology of this report 

above about 0.45 resulted in appreciable reduction in compressor effi 
ciency. This limit is below the design value of 0 . 52 for the tip section 
of this rotor . 

Consideration of the rotor as a component of a complete stage showed 
that a disproportionate unbalance would have existed between the static
pressure rise across the rotor and a stator blade row. The observed 
static-pressure ratio across the rotor (fig . 13) is greater than the 
observed total-pressure ratio . If stators were to be employed behind 
this rotor to return the flow to axial at the same absolute velocity as 
entered the rotor, no diffusion would be required across the stators . 

On the basis of the above considerations, future shock- in- rotor 
designs should incorporate available information on static- pressure- rise 
limitations through shocks . In addition, the rotor design should be such 
that the over-all diffusion is within the limits of reference 21, at 
least until applicable limits are established for the supersonic region. 
An appreciable reduction in the required diffusion on the rotor will be 
obtained if the rotor is considered as a component of a complete stage 
and the static-pressure rise (expressed as D factor) is distributed 
over both rotor and stator . 

Lewis Flight Propulsion Laboratory 
National Advisory Committee for Aeronautics 

Cleveland, Ohio, June 9, 1953 
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APPENDIX A 

SYMBOLS 

The following symbols are used in this report: 

A area, sq ft 

C 

D 

g 

L 

M 

n 

p 

pI 

p 

r 

T 

u 

v 

w 

ratio of flow area to critical area at any point 

inlet area 
contraction ratio, throat area 

diffusion factor 

acceleration due to gravity, 32 . 17 ft/sec 2 

minimum distance between blades at throat section, ft 

absolute Mach number, ratio of absolute gas velocity to local 
velocity of sound 

relative Mach number, ratio of gas velocity relative to rotor 
to local velocity of sound 

number of rotor blades 

total pressure of absolute gas flow, lb/sq ft 

total pressure of gas flow relative to rotor, lb/sq ft 

static pressure, lb/sq ft 

radius, ft 

total temperature, oR 

rotor speed, ft/sec 

absolute gas velocity, ft/sec 

gas velocity relative to rotor, ft/sec 

we ight flow} lb/sec 

y difference between maximum and actual stream tube height, ft 
(fig. 16) 

13 
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angle between compressor axis and absolute gas - flow velocity) 
deg 

~! angle between compressor axis and gas - flow velocity relative to 
rotor) deg 

ratio of actual inlet total pressure to standard sea- level pres 
sure) PJ2116 

€ blade leading - edge wedge angle) deg 

~ adiabatic efficiency 

e ratio of actual inlet stagnation temperature to standard sea -
level temperature) Tl /51S . 4 

v Prandt1-Meyer angle) deg 

p density) lb/cu ft 

cr blade solidity 

~ change in blade angle at ramp section) deg 

Subscr ipts : 

a upstream of rotor -blade ramp (fig . 1) 

b downstream of compression waves from blade ramp (fig . 1) 

c downstream of minimum section (fig. 1) 

e between bow wave and beginning of ramp section (fig . 16) 

i inlet to blade passage 

min throat section of blade passage (minimum section) 

z axial component 

e tangential component 

1 inlet tank 

2 rotor inlet 

3 rotor outlet 

4 compr essor -outlet r ake station 
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APPENDIX B 

ANALYSIS OF STARTING CHARACTERISTICS OF SUPERSONIC CASCADE 

WITH EXTERNAL COMPRESSION 

In order to start a cascade of blades designed with the use of the 
contraction ratio given in equation (1), it must be shown that the 
extended wave pattern illustrated in figure 16 can be reduced and elim
inated with only a change in back pressure. To eliminate this bow-wave 
system, the amount of spillage (or percentage of the maximum possible 
mass flow not entering the passage) from each blade passage must be 
reduced to zero. This can be accomplished with changes in back pressure 
only as long as the minimum-section Mach number remains less than 1.0. 
A sufficient condition then for starting the cascade is that the 
minimum-sectio~ Mach number should be less than 1.0 for all values of 
spillage. 

The minimum-section Mach number resulting from a given amount of 
spillage can be obtained from the condition of continuity at the posi
tions far upstream, at the passage entrance) and at the minimum section. 
Thus) from the use of the subscripts of figure 16 and with the boundary
layer effects neglected) 

PaVaAa = PeVeAe PcVcAc (Bl) 

where) for unit blade height, 

The term 

Aa 
2rcr 

= n 

Ac 
2rcr 

= n 

2rcr 
cos f?>e n 

cos f?>a 

cos 13 e 
C 

2rcr 
n 

y 

cos 

.~ -~ co: ~j is the ratio of the actual flow area 

at the blade entrance to the maximum flow area (fig. 16)) and C is the 
contraction ratio from region e to c for the design conditions (eq. (1)) 
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Equation (Bl) may be rewritten as 

Acr cos l3 a Acr 

e ( 

y 
) P

e 
(B2) 

A cos l3e A 2rcr Pa a cos l3e n 

and 

Acr cos l3 a Acr pc/Pa 
A l3 e A - C- (B3) 

a cos c 

Equation (B3) relates the mi nimum- section Mach number to the far upstream 
Mach number ) the flow direction l3 a ) and the total-pressure recovery 

pc/Pa through the extended wave system . For a gi ven upstream Mach num
ber) no convenient analytical relation could be found between l3 a and 

pc/Pa since the total -pressure recovery depends upon the amount of spill-

age /
2rcr 

y -n- cos l3e ) the Mach number Me) and the averaged total-pressure 

recovery through a branched-shock configuration at the passage entrance . 

In order to investigate flow characteristics in the range of current 
rotor design values) numerical examples were selected by using for the 
design condition an axial inlet Mach number of 0 .75) a leading- edge wedge 
angle of 30 ) and inlet Mach numbers from 1 . 50 t o 1 . SO . Sol utions of e qua 
tion (B3) were obtained for a range of far upstream flow anoles 13. The 

a 
flow was first assumed to expand isentropically from l3a to the blade 

trailing- face angle l3 e ) and equation (B2) was solved to obtain an ini

tial approximation to the required spillage . From this value of spillage 
and Mach number at region e ) the losses through the extended wave pattern 
could be estimated from figure 4 of reference 22 and a corrected value of 
Me obtained . The equation was then solved again to obtain a closer 

approximation to the required spillage . The process was r epeated unt il 
the correct value of spillage was found which satisfied equation (B2) . 
A very rapid convergence was obtained since) for the region of interest) 
the amount of spillage and consequently the total-pressure corrections 
",ere small . 

The average total-pressure recovery ·from region e to region c 
( the minimum section) was obtained by a mass average of the recoveries 
through the shock system between these two stat i ons . Part of the shock 
losses occurred at the reduced Mach number ~ behind the compression 

waves and part at the expanded Mach number Me (f ig . 16 ). A Quant ita 

tive indication of the relative distribution of these two shock strengths 
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was obtai ned by the method of refer ence 23) in which it is shown that the 
location of the shock was a function principally of the Mach number and 
spillage. The total - pressure recovery from the far upstream region to 
the minimum section was then the product of the r ecoveries through the 
extended wave pattern and the recovery through the branched- shock system. 
Equation (B3) could then be solved and values of the minimum- section Mach 
number obtained . 

The minimum- section Mach numbers obtained as outlined in the pre
ceding discussion are plotted against percent spillage in figure 17. For 
the range of percent spillage shown) the data for all Mach numbers chosen 
fell within a narr ow band . Figure 17 shows that for all values of percent 
spillage, the minimum- section Mach number was less than 1 . 0 , thereby satis 
fying the previously discussed condition for starting the cascade with only 
changes in back pressure . 

The ratio of the mi n i mum- section static pressure to the upstream 
total pressure is also shown in figure 17 . These curves reach a maximum 
when the losses through the wave system offset the static -pr essure rise 
otherwise associated with the reduced minimum- sect i on Mach number . 

The effect of a boundary- layer displacement thickness at design 
operation would be to reduce the theoretlcal contr action ratio . If the 
displacement thickness increases as the shock is f orced ahead of the 
passage (i.e .) the sp i llage increased), the mi nimum- section Mach number 
will be raised over the ideal case shown in f i gure 17 . If the increase 
became suffi ciently lar ge so as to raise the minimum- secti on Mach num
ber to 1.0, further attempts to increase the spill age would lead to an 
impossible condition a nd the wave system must then break down . 
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. I 

TABLE I . - COORDINATES OF PITCH SECTION OF ROTOR BLADE 

[r = 6 . 800 in] 

0 . 015 - In . radius \ 59 0 50 ' V ______ AxiS of rotation 

-
i X YL Yu X YL Yu I 

0 I 0 0 . 005 2 . 100 0 .065 0 . 108 
I . 005 . 017 2.200 . 067 .104 .100 I 

. 200 I . 009 . 029 2 . 300 .067 . 100 

. 300 I .013 .033 2.400 .067 . 096 

. 400 I . 017 . 029 2 .500 . 066 . 094 

. 418 I . 018 .028 2 . 600 . 065 .090 

. 500 . 020 . 035 2 .700 .064 . 087 

. 600 . 023 . 042 2 . 800 .062 .084 

. 700 . 027 I .052 2 .900 . 060 . 080 

. 800 . 030 . 064 I 3.000 . 058 . 076 
I ; 

.900 . 033 . 077 ! 3 . 100 .056 . 073 

1.000 I . 036 . 090 3 . 200 . 052 . 069 

1.100 I . 039 . 102 3.300 . 049 .064 
1.200 I . 042 .115 3.400 . 045 .060 
1 . 300 , . 045 . 127 3 . 500 . 041 .056 
1.400 ' .048 .132 3 . 600 .037 . 050 
1 . 500 . 051 I . 128 3 . 700 . 032 . 044 

I 

1.600 I . 054 . 125 I 3 . 800 . 027 . 037 
1 . 700 . 056 . 122 I 3 . 900 .021 . 029 
1 . 800 . 058 

I 
. 118 I 4 . 000 . 016 . 019 

1.900 .061 .114 4 . 056 0 0 
2 . 000 .063 I .111 
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M2 = 0.797 ~ = - 3.00° 

M2 = 1. 754 f32 = -62 . 98° 
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U
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Figure 4. - Design vector diagrams for air at tip, pitch, and root sections of 
rotor blade . 
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Figure 5 . - 16- Inch shock-in-rotor s upersonic compressor . 
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Figure 17 . - Effect of spillage on minimum-section Mach number and static 
pressure for several values of upstre~ Mach number (Ma , fig. 16). 
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