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RESEARCH MEMORANDUM 

THE ROLLING MOMENT DUE TO SIDESLIP OF SWEPT WINGS AT 

SUBSONIC AND TRANSONIC SPEEDS 

/ 
By Edward C. Poihamus and William C. Sleeman, Jr. 

A summary and analysis has been made of results obtained, in a sys-
tematic research program concerned with the effects of wing sweep, aspect 
ratio, taper ratio, and dihedral on the rolling moment due to sideslip 
characteristics of wing-fuselage configurations up to Mach numbers of 
about 0.95. Other test results are presented to show trends of rolling 
moment due to sideslip with Mach number for a few wings in the transonic 
and supersonic speed range. 

In view of the need for reliable procedures for estimating rolling 
moment due to sideslip at high subsonic speeds, new methods have been 
derived and design charts are presented for estimating the effects of 
compressibility and wing geometry. The overall agreement between esti-
mated and experimental results indicated that the effects of wing aspect 
ratio, taper ratio, sweep, and dihedral on the rolling moment due to side-
slip of wing-fuselage configurations for sideslip angles up to ±50 could 
be estimated with reasonable accuracy up to the force-break Mxumber 
at low lift coefficients.

INTRODUCTION 

A systematic research program has been conduc'in th*jangley 
high-speed 7- by 10-foot tunnel to study effects of wing geometry on 
the aerodynamic characteristics of wing-body combinations at high sub-
sonic speeds. This program included effects of sweepback, aspect ratio, 
taper ratio, and geometric dihedral on the lateral aerodynamic character-
istics for Mach numbers up to about 0.95. In order to expedite publica-
tion of these data, each series was published separately (refs. 1 to 6) 
with only a limited analysis of the data. However, these limited analyses 
indicated, as does reference 7, the need for more reliable methods of
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predicting the rolling moment due to sideslip which, for wings of current 
interest, may be the most important of the lateral derivatives. The pur-
pose of this paper therefore is to summarize and analyze the results for 
the rolling moment due to sideslip of the aforementioned general research 
program and to develop new methods of estimating the derivative. In addi-
tion, experimental data from other sources will be utilized where needed. 

COEFFICIENTS AND SYMBOLS 

The stability system of axes (axes yaw but do not pitch with model) 
was used and moments are referred to the quarter-chord point of the mean 
aerodynamic chord. 

CL	 lift coefficient, Lift/qS 

C 1 	 rolling-moment coefficient, Rolling moment/qsb 

C 1	 section lift coefficient 

q	 dynamic pressure, p112/2, lb/sq ft 

V	 free-stream velocity, ft/sec 

P	 mass density of air, slugs/cu ft 

S	 wing area, sq ft 

b	 wing span, ft 

a	 angle of attack, radians (except where noted) 

13	 angle of sideslip, radians (except where noted) 

F	 dihedral angle, deg; also circulation strength (appendix B) 

A	 angle of sweepback of quarter-chord line, deg (except where noted) 

M	 Mach number 

R	 Reynolds number 

A	 wing aspect ratio, b2/S 

wing taper ratio, Tip chord/Root chord 

COT	 I AL
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1 
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CL 
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.C j	 rolling moment due to sideslip, - 

C	 - - 
'CL	 CL 

(C 1 

C 

Kr/p =

rl 

C IP = (b) 

p	 rolling velocity, radians/sec 

D	 maximum fuselage diameter, ft 

If	 fuselage length ahead of wing-tip half-chord point, ft 

t	 wing airfoil thickness, ft 

C	 wing chord, ft 

y	 spanwise distance to lateral center of pressure, ft 

Yb	
spanwise distance to sweep discontinuity, ft 

y'	 spanwise distance to center of horseshoe vortex, ft

3 

COr'
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B = Ji - M2 
Subscripts: 

w	 wing alone 

wf	 wing-fuselage combination 

R	 right wing panel 

L	 left wing panel 

A	 portion due to sweep 

A	 portion due to aspect ratio 

r	 portion due to geometric dihedral 

SCOPE OF EXPERIMENTS AND ANALYSIS 

The range of wing plan forms investigated in the Langley high-speed 
7- by 10-foot tunnel over a Mach number range from 0.110 to approximately 
0 . 95 is shown in figure 1 and a photograph showing one of the models 
mounted on the support sting is given as figure 2. In addition to the 
plan-form variations indicated in figure 1, results are presented for 
wings of aspect ratio 4 and taper ratio 0.6 having quarter-chord sweep 
angles of 3.60 and 450 for which the dihedral was varied over a range 
of ±100 . Except where noted, all wings had NACA 65A006 airfoil sections 
in the stream direction. All the wings were tested on the same fuselage 
and, with the exception of the aspect-ratio-Il. 600 swept wing, (ref. i) 
were positioned on the fuselage such that the 25 .-percent mean aerodynamic 
chord was at the same fuselage station. The variation with Mach number 
of mean test Reynolds number based on the mean aerodynamic chord for 
these investigations is given in figure 3 . Details of the models and 
tests can be found in references 1 to 6. 

The scope of composite M- and W-wing plan forms tested at low speed 
in the Langley 300-MPH 7- by 10-foot tunnel is given in figure Ii. . The 
basic results of this plan form study are unpublished. Results of some 
high-speed tests of an M-wing plan form presented in this paper were 
obtained from reference 8. 

Results from other test facilities have been included in this paper 
for comparison with estimates at low speed and for indicating trends 
that would be expected near a Mach number of unity where theoretical 

CO	 TIAL
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estimates would not be expected to be reliable. Reference to these results 
will be made as they are discussed. A summary of geometric characteristics 
of the wing plan forms included in the experimental results is presented 
in table I. 

Comparison of the test results presented in references 1 to 5 with 
estimates based on existing theory has shown the need for more reliable 
methods of predicting the rolling moment due to sideslip with regard to 
both the. magnitude and variation with Mach number. This paper presents 
design charts and a summary of methods for estimating the various com-
ponent effects contributing to the overall rolling moment due to side-
slip based on existing relationships where applicable and on new methods 
derived herein. Inasmuch as the discussion of test results at low lift 
Is concerned to a large extent with the comparison with estimated results, 
the development of theoretical estimates will be treated prior to the 
discussion of the experimental results. 

THEORETICAL METHODS 

The rolling moment due to sideslip Is considered to be composed of 
several parts and. since estimates of all these parts are not included 
in this paper, the overall expression will be summarized first for con-
venience and the reader is referred to the references and following sec-
tions for evaluation and discussion of the various components. For 
example, the present paper is concerned only with midwing arrangements 
inasmuch as the experimental results summarized herein consisted entirely 
of midwing configurations. The effect of wing height can be estimated 
by use of references 7 and 9. 

The rolling moment due to sideslip for a midwing configuration (no 
tail contribution included) is considered to be composed of the components 
appearing in the following expression: 

C1	 CL	 ) 	 + (Ci)] + r(Cii	
+	 r) 

where 

(CZ)	 component primarily associated with wing sweep (fig. 6) PCL

K MA	
compressibility correction to sweep contribution (fig. 11) 

cp
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Kf	 fuselage effect (fig. 7) 

(c	 \	 aspect-ratio effect at zero sweep (fig. 8) 
OC
LA 

C-1 
Or	

dihedral effect (ref. 10 or ii) 

'Mr	
compressibility correction to dihedral effect (fig. 12) 

effect of fuselage on transverse flow (eq.(5)) 

All the design charts presented in this paper concerned with effects 
of wing sweep are given as a function of the half-chord sweep angle to 
minimize effects of taper ratio as shown in appendix A. Since the most 
commonly used sweep reference line is the quarter chord, a chart has been 
prepared from which the half-chord sweep can be easily obtained from the 
quarter-chord sweep, aspect ratio, and taper ratio. For convenience in 
locating this chart, it has been placed at the end of the figures 
(fig. 29).

Effect of Sweep Angle 

Infinite aspect ratio. - In the analysis of effects of wing sweep 
on the rolling moment due to sideslip, determination of the expression 
for an infinite-aspect-ratio wing is of interest as a limiting case for 
wings of finite aspect ratio. The sweep effect on rolling moment due to 
sideslip for a wing of infinite aspect ratio can be assumed to arise 
entirely from lift increments associated with the difference in effective 
sweep angle on the leading and trailing wing panels in sideslip. The 
leading wing is considered to have a lower effective sweep (A - 0) and, 
consequently, a higher lift slope; conversely, the trailing wing panel 
has a higher effective sweep (A + 3) and a lower lift slope than at zero 
sideslip. The rolling moment due to sideslip for an infinite-aspect-
ratio swept wing may be derived by replacing the sweep angle with effec-
tive sweep angle (A f 0) and differentiating the expression for lift with 
respect to sideslip. The total rolling moment can be expressed as 

	

C1 =(c.i )L 	 (cZ ) 

	

bL	 R
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where

= 2ca, cos(A + 13) 
(COL
	

2 

Cl()

= 2tcL cos(A - 13) 
B	 2 

and angles are in radians. The expressions for c1 represent one-half 

the lift of two infinite-aspect-ratio swept wings having sweep angles of 
(A + 13) and (A - 3 ) . For smell angles of sideslip, sin 13 13 and 

cos 13 1; then

(cz)L = 2ia(cos A - 13 sin A) 

2 

(c I)

2ca.(cos A + 13 sin A) =	
2 

Differentiating with respect to J3 gives 

(
C	

-	 2jta sin A 
1	 -+ 
13)L,R	 2 

Then

1.=a( sin A	 +(sinnAY \ 2 bJL 	 2 b)R 
Since the lift acts at the midsemispan and y/b is positive for the left 
panel and negative for the right panel, 

.1 sinA 
C l = 2ta-

4
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Substituting c 1/2t cos A for a and converting angles to degrees gives 

-Cj
tan  =	 (i) 

Equation (1) is the well-known expression for the infinite-aspect-ratio 
case. This relationship can also be obtained by differentiation of the 
lift expression with respect to sweep angle since C 	 for infinite 

aspect ratio is due only to lift differences associated with the differ-
ent sweep angles on the leading and trailing wing panels. Inasmuch as 
this procedure is not applicable to the finite-aspect-ratio case because 
the lift differences are associated with both the panel sweep and aspect 
ratio, it was not used in the two-dimensional case. 

It can be easily shown furthermore that equation (i) can be obtained 
by differentiating the lift expression for either wing panel (for example 
c = 2lCcL cos(A + 0)) with proper regard for moment-arm sign conventions 
and this procedure will be used for simplicity in the derivation for the 
finite-aspect-ratio case. 

Finite aspect ratio. - For the determination of the effect of sweep 
on finite-aspect-ratio wings, the same concepts regarding effective sweep 
angle of the leading and trailing wing panels in sideslip may be used as 
for the infinite-aspect-ratio case; however, other factors must be con-. 
sidered. The loss in lift, for example, on the trailing wing panel in 
sideslip occurs not only from the increased sweep (A + 3) on this panel 

but also from the reduced sy nmptr1 p nr1 isnrf. ratio Acos2(A+t3) 

cos2A 
relative to the unyawed wing panel. Furthermore, because the increment 
of lift distribution resulting from sideslip is antisymmetrical, the 
aerodynamic induction effects would be similar to a wing having half the 
panel aspect ratio of the yawed panel. It is therefore assumed that the 
lift on the trailing panel of a swept wing in sideslip is the same as 
the lift (CL*) of a wing at zero sideslip whose aspect ratio and sweep 

are given by

=	
CO2 + 13) 

2	 cos2A 

= A + 13 

Cot
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2+/+(_A 

y	
cos A)

CIia = (2) 
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Derivation of the rolling moment due to sideslip for the finite-aspect-
ratio case is made in the same manner as for the infinite-aspect-ratio 
case with the aforementioned additional effects considered. 

The derivation of a very simple expression for the lift-curve slope 
of finite-aspect-ratio wings is described in appendix A which gives results 
that are in excellent agreement with lifting-surface solutions. Equa-
tion A6 of appendix A is therefore used in the rolling-moment derivation 
for finite-aspect-ratio wings. At zero Mach number equation (A6) becomes 

By accounting for effects of sideslip on the aspect ratio, sweep, and 
induction effects of a trailing wing panel, an expression for the lift 
can be obtained from equation (2). 

CL* =
	 a2A* 

IA* 
2+Jlf-I-( 

'S\COS A*) 

Substituting A* and A* into the preceding expression gives 

CL* =

cr2jt	
cos2 (A + 0) 

2	 cos2A 

2+ /A2CO52(A+) 

V 
which reduces to

CL* =
	 a2c (l - 20 tan A)	

(3) 

2+	
+ A

2 ' 1	 2tanA 
—(

\cos2A	 cos2A ) 

AL
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by dropping second-order terms of 13 and taking sin 0 13 and 
cos 13 1. The quantity CL* is considered the lift coefficient of a 

fictitious wing whose sweep angle is A* and whose aspect ratio is A*. 
As pointed out in the derivation for infinite aspect-ratio, the rolling 
moment can be derived from the lift expression for either wing panel in 
sideslip and differentiation of equation (3) therefore gives the following 
expression: 

-	

A2 tan A 
2	

2 tan A -	
cos2A 

/	
A2	

2	 + A2 (2 +	 + A2 

v 1I• +	 _____	 _____ 
cos -	

cos2A	 cos2A) 

CL13* = -

2+

Substituting for angle of attack by using the relationships of equa-
tion (2) for the complete wing gives

A 

	

2++(CosA )2

	
cosA) A	

1- 

	

CL13* = -CL tan A	

+ 1	
2	

2	 2 2+	 - ___ 

	

I k(cosA)	 +l( A	
+2l/71—)

 
4 cos A)	 A- 

The rolling moment due to sideslip associated with wing sweep is then 

2 
2++( A 2[	 1 A  

	

(
c 1 ) = - tan A	

cos A)	 -	 °s A)	
() 

	

cos A)	 cos A)	 A)] 
2+	 + 

2	 b/2	 71( A 2 1 	 +( A 2+2A+1 A 2 

coi-
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Where 7 is the spanwise lateral center of pressure which, if small 
b/2 

angles of sideslip are assumed, can be estimated from reference 12. 

Estimates of the sweep contribution to rolling moment due to side-
slip are presented in the upper portion of figure 5 for wings of aspect 
ratio 4 as a function of sweep angle and in the lower portion of figure 5 
for 600 swept wings of various aspect ratios. Estimated effects of sweep 
are compared with results obtained from 20-vortex, modified lifting-line 
solutions described in appendix B and the estimated variation with aspect 
ratio is compared with wing-alone experimental results for the 60 0 swept 
wings of reference 13. These experimental points in the lower portion of 
figure 5 were obtained by subtracting the theoretical values (of aspect-
ratio contribution) for unswept wings given in figure 23 of reference i 1 -
from the experimental values given in reference 13 for the 600 swept 
wings. 

Comparison of the estimated results of equation ( ii. ) and reference hf 
in figure 5 indicates rather large differences between the two methods for 
aspect-ratio-4 wings having appreciable sweep and at all aspect ratios 
for the 600 swept wings. Estimates obtained from equation ( If) are in 
fairly good agreement with experiment for the 600 swept wing whereas esti-
mates from reference lIf predicted only about two-thirds the value for 
this wing at a given aspect ratio. The same observations can be made 
regarding the two estimates when they are compared with the 20-vortex 
solutions for the aspect-ratio-4 wings. 

Inasmuch as the method developed in this paper appears to afford 
reliable estimates of the sweep contribution to rolling moment due to 
sideslip, design charts presented in figure 6 have been prepared by using 
equation (1+) and values of the lateral center of pressure from refer-
ence 12. The sweep of the half chord was used in figure 6 in order to 
minimize any effects other than the effect on the lateral center of pres-
sure that taper ratio might have (taper effects on lift-curve slopes are 
discussed more fully in appendix A). 

The rather large differences shown between the present estimates 
and those of reference lIf appear to be associated with the basic assump-
tions regarding effects of asymmetrical panel aspect ratio on the yawed 
wing. In reference 14 this effect was assumed to apply only to the incre-
ment of lift on each panel due to sideslip whereas in equation ( Ii. ) the 
asymmetrical panel aspect-ratio effect was assumed to apply to the total 
lift loading rather than only the lift increment due to sideslip. The 
two assumptions are illustrated in the following sketches: 

CC	 AL
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Trailing wing	 Leading wing	 Trailing wing
	

Leading wing 
panel	 panel	 panel

	
panel 

Neglecting effect of 
asymmetrical A 

- - - Including effect of 
asymmetrical A 

	

(a) Incremental load distribution	 (b) Total load distribution 
due to sideslip. 	 in sideslip. 

In both sketches, the aspect-ratio effect tends to increase the loading 
on the leading wing (wing panel with the highest aspect ratio) and decrease 
the loading on the trailing wing in sideslip. Effects of these loading 
changes on rolling moment are different, however, for the incremental 
(sketch (a)) and the total loading (sketch (b)). In the derivations of 
reference ]A, the effects of asymmetric panel aspect ratio on incremental 
loading were found negligible and therefore terms associated with this 
effect were dropped. Sketch (a) shows that even if these aspect-ratio 
effects on the incremental loading of each panel were large, they would 
counteract each other. It would seem reasonable, however, that any change 
in effective panel aspect , ratio would produce changes in the loads asso-
ciated with both total angle of attack and sideslip (sketch (b)) and not 
just the antisymmetrical load associated with sideslip. When this aspect-
ratio effect is applied to the total load, the effect on each panel is, 
of course, greater since the total load is greater than the load due to 
sideslip and they are additive as illustrated in sketch (b). This effect 
accounts for the larger values of C I-CL given by the present method 

when compared with those of reference IA. 

COIAL
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Effect of fuselage flow field.- The preceding theoretical determina-
tion of (C 1 \ was for the sweep contribution of the wing alone; how- 

CT) 

ever, experimental results with and without a fuselage consistently indi-
cated smaller values of rolling moment due, to sideslip even when the wing 
was mounted on the fuselage center line. Therefore, in addition to the 
well-known effect of wing height (refs. 7 and 9), there appears to be an 
additional effect of the fuselage. A possible explanation of this addi-
tional fuselage effect is indicated in figure 7(a) which illustrates the 
possible reduction in effective sideslip angle over the wing caused by 
'the presence of the fuselage. For the wing alone, each wing panel would 
be at an effective sideslip equal to the geometric sideslip angle as in 
the top portion of figure 7(a) whereas for the wing-fuselage configura-
tion the fuselage would be expected to aline the flow field in the direc-
tion to decrease the effective sideslip. An attempt to correct for this 
fuselage effect has been made by using experimental data from references 15, 
16, and 17, and the results are presented in figure 7(b) as a function 
of the ratio of fuselage length ahead of the wing-tip half chord to wing 
span. The relationship used to derive Kf and a summary of pertinent 

model geometry with appropriate references area1so given in figure 7(b). 
The fuselage length was considered the main variable in the determina-
tion of Kf inasmuch as the only systematic investigation available 

(ref. 17) indicated that the fuselage length had a fairly large effect 
on the rolling moment due to sideslip. Other parameters such as the 
ratio of fuselage diameter to wing span should also be important; how-
ever, the range of this parameter studied is too limited to evaluate 
adequately. With regard to use of the wing-tip half-chord point in the 
correlation of figure 7, selection of this point was rather arbitrary 
and was based only on the importance of the half-chord sweep and the 
fact that the load at the wing tip has the longest moment arm. The most 
accurate correlation point undoubtedly would be a function of wing plan 
form and fuselage shape and probably would be located somewhat inboard 
of the tip; however, these refinements could not be determined from the 
limited data available. Considerably more research Is needed with regard 
to fuselage effects and the correlation presented in figure 7 should be 
regarded as only an approximate indication of these effects. 

Effect of Aspect Ratio 

In addition to the effect of aspect ratio on the sweep contribution 
to the rolling moment due to sideslip, there is an additional aspect-
ratio effect which occurs at zero sweep and is assumed to be relatively 
invariant with sweep angle. This increment, which is designated (C1

rT 
\	 A 

in this paper, has been treated theoretically by Weissinger for unswept 

COT	 IAL
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wings (see ref. 18). Weissinger's results indicated that (C7.) 

increased approximately linearly with 1/A and decreased somewhat with 
taper. Values of (ClL) were determined from reference 18 for a 

large number of wing plan forms and when combined with the sweep contri-
bution (from fig. 6) showed fair agreement with experiment. The lack of 
consistently good agreement between the aforementioned estimates and 
experimental results for wing alone suggested that greater accuracy might 
be obtained by correlating a large amount of experimental data to obtain 

(CI
. (The difference between experiment and theoretical (C1\

 I3C) 
\ 	

\ I3CL)A 

was considered to be the aspect-ratio effect (Cz	 \ . Results of such 

A 
a correlation obtained from references l, 19, 20, and 21 and presented 
in table II and in the upper part of figure 8 for 14 untapered wings of 
various aspect ratios and sweep angles appear to substantiate the line-
arity of (dR

CL)
 with 1/A and the assumption that sweep has little 

\	 I-  

effect. The mean line has been replotted for convenience in the lower 
part of figure 8 as a function of aspect ratio. Also presented is the 
mean line for zero taper which was obtained in a similar manner. 

Effect of Geometric Dihedral 

A large number of solutions pertaining to the effect of geometric 
dihedral on the rolling moment due to sideslip have been obtained by the 
Weissinger modified lifting-line method and are presented in design charts 
in terms of C2	 in references 10 and 11 and therefore will not be 

repeated here. These solutions are, however, for the wing alone and a 
correction factor is needed to account for effects of the transverse flow 
over the yawed fuselage when applying these solutions -.to wing-fuselage 
configurations. Now, the effeôt of this fuselage flow field on the 
rolling moment of wings without geometric dihedral is well known; however 
an additional effect is introduced for wings having dihedral. This addi-
tional effect is associated with the fact that the vertical position of 
a wing having dihedral varies along the span relative to the fuselage. 
A method is suggested in reference 9 by which estimates may be made for 
a wing with dihedral by replacing it with a wing without dihedral at 
some effective height relative to the fuselage and evaluating the fuse-
lage flow effect for this equivalent wing. The results of reference 9 
show that the equivalent wing will have approximately the same rolling 
moment due to sideslip if its vertical position relative to the fuselage 

C V IAL
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coincides with the wing with dihedral at the spanwise position equal 
to 1.4D/b as illustrated in the following sketch.

Actual wing 

Equivalent wing 

The spanwise position of l. lI-D/b is considered applicable only for wings 
with dihedral that intersect the vertical plane of symmetry at or near 
the midfuselage height. For estimates regarding high- and low-wing con-
figurations, the reader is referred to figure Ii. of reference 9. 

Inasmuch as the aforementioned fuselage effect is relatively small 
when compared with the effect of the isolated wing, use of the simple 
expression for the effect of wing height given in reference 7 should 
give satisfactory results. This expression for fuselages of circular 
cross section is

LCj = -1.2	 1 
J3	 b b57.3 

where z is the height above the fuselage center line of an actual 

wing without dihedral or of an equivalent wing at a height corresponding 
to the height of the 1.4D/b spanwise station of a wing with dihedral 
as mentioned previously. Therefore, for wings having dihedral 

zw - _b r 1.D

257.3 b 

and by substitution

COI'1
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Or = -0.0005 ,41A-( )
	

(5) 

where P and F are in degrees. 

Effect of Mach Number 

Very little theoretical work has been done with regard to the effects 
of compressibility on rolling moment due to sideslip at subsonic speeds. 
Application of the Prandtl-Glauert plan-form transformation which. has 
been useful in determining compressibility effects for other parameters 
from available incompressible solutions presents difficulties for C2 

because of the resulting asymmetrical wings (transformation must be 
applied in the sideslip condition) for which incompressible solutions 
are not readily available. Compressibility corrections for Cj which 

are presented in reference 22 appear to be the only theoretical correc-
tions available for this derivative. The results of reference 22 indi-
cate, however, that rolling moment due to sideslip decreases with Mach 
number for a given lift coefficient; whereas available experimental data 
indicate an increase with Mach number. (See refs. 1 to 5 . ) This decrease 
shown by the theory of reference 22 apparently arises from the fact that 
only the aerodynamic induction factors were corrected for compressibility 
effects. However, even for a two-dimensional swept wing where there is 
no aerodynamic induction, it can be shown that there is a rather large 
effect of compressibility on the rolling moment due to sideslip. Since 
the compressibility corrections of reference 22 do not appear to give 
results consistent with experimental results, new relationships accounting 
for compressibility effects on rolling moment due to sideslip have been 
derived for infinite- and finite-aspect-ratio wings in the same manner 
as for the incompressible case previously discussed. 

Infinite aspect ratio. - As shown previously, the rolling moment due 
to sideslip for an infinite-aspect-ratio wing arises from lift increments 
associated with differences in effective sweep. angle of the leading and 
trailing wing panels in sideslip. This compressibility effect is due to 
the fact that the rate of change of lift with sweep angle increases with 
increasing Mach number. This effect is illustrated In figure 9 where 
the lift coefficient for unit angle of attack is plotted as a function 
of sweep angle for Mach numbers of 0 and 0.9. For convenience, the curve 
representing a Mach number of 0.9 has been reduced proportionally (equiv-
alent to an angle-of-attack change) so that the lift coefficient is 
independent of Mach number at a sweep angle of 30 0 (see dashed line in 
fig. 9). Now, the rolling moment due to sideslip is proportional to the 
rate of change of lift coefficient with sweep angle and therefore the 
rolling moment due to sideslip (fig. 9) is considerably higher at a Mach 
number of 0.9 than at zero Mach number. From another viewpoint, since
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the lift on the leading and trailing wing panels are dependent on the 
Mach number normal to their respective leading edges, the leading wing 

has a greater compressibility effect 1 /vi - M2cos2(A - ) than the 

trailing wing (l /11 - . M2cos2(A + 13)) . Based on the above concepts, 
effects of compressibility can be included in the derivation of C1 

I3CL 

for infinite-aspect-ratio swept wings and appropriate compressibility 
corrections obtained thereby. If the same approach as for the incom-
pressible case, including the effect of Mach number on lift, is made, 
the following relationships are obtained: 

=	 2jtcL cos(A + j3) (Cl
 IM	

l - M2cos2(A + 13) 

(c) =
	 2ca(cos A - 13 sin A) 

1 - M2 (cos2A - 2 cos A psi) 

Differentiating with respect to 13 gives 

c I	
-	 2tct sin A	 1 - M2cos A l3sinA 

M	
- M2 (cos2A - 2 cos A 13si) 1 - M2 (cos2A - 2 cos A 13si) 

c l Vl - M2cos2A 
Substituting

	

	 for a and letting 13 approach zero as 

2t cos A 

a limit gives

tan A 
(cl 

•	 \ 131M 
•	 1 - Mcos'A

(6) 

co
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and

• tanA.
(i) (C I )	 Cl 

(57.3)(1 - M2cos2A) 

Comparison of equations (1) and (7) shows that the compressible 
value differs from the incompressible value for Cj 	 by the factor 

and this factor is plotted in figure 10 to show the large 
1 - M2cos2A 

compressibility correction to C1 J3CL for infinite aspect ratio especially 

at the lower sweep angles. 

As mentioned previously in connection with the incompressible case, 
CIO) M as given in equation (7) can be easily obtained by differentiating 

the compressible lift expression (eq. (6) with 3 = 0) with respect to, 
sweep; however, the preceding derivation is given in order to be con-
sistent with the finite-aspect-ratio derivation. 

Finite aspect ratio. - Derivation of the compressible case for 

for finite aspect ratio is treated in the same manner as for the incom-
pressible case. When the same substitutions were made as for the incom-
pressible case in equation (A6) and the Mach number terms included, the 
compressible counterpart to equation (3) becomes 

(Ce)m =	 .
2(l 

 - 2 tan A) 

A2(_Cos2A 

1	 2 tan A\ ()2(l - 2 tan A) 2 2 +	
+ 	 - cos2A ) - 

By differentiation and substitution as before, 

COTY
OWL
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(tanA ( 2 +
	

2	 -	 2 
A	 1IA\	 1 

;;-x)	 \ 1 -	
x) - ()2 

F_______ (8) 
co  A	 - 1 (4)2)	 + ,	 /	 2 [(c )i	 2 = -	

/	
cos AJ 

11 A \ -	 + 2 Ii + 

The compressibility factor for (c 	 \ for finite aspect ratio is 
\	 C11j1 

obtained from the ratio of equation (8) for a given Mach number to this 
expression with the terms involving Mach number omitted (eq. Ii). Fig-
ure 11 presents the compressibility factors thus obtained as a function 
of the sweep of the half chord and aspect ratio for several Mach num-
bers. The compressibility effects for finite-aspect-ratio wings pre-
sented in figure 11 indicate that(C1 Q	 increases appreciably with 

\ 
Mach number for aspect ratios greater than 3 or i. and moderate sweep 
angles. 

It is interesting to note that results obtained by substituting 
finite values of sideslip 0 rather than differentiating with respect 
to 3 indicate little effect of sideslip on the compressibility correc-
tion, the value for 150 sideslip differing from that for vanishingly 
small sideslips only by about 4 percent. 

Dihedral effect. - Although the effect of compressibility on the 
rolling moment due to sideslip associated with dihedral C1 can be

Or 

determined by applying the three-dimensional Prandtl-Glauert transforma-
tion to the incompressible results presented in references 10 and 11, 
charts similar to those in figure 6 for (c 

PC]4 
are considerably more 

\  

convenient to use. Because the span loading due to combined sideslip 
and dihedral is antisymmetrical, the aerodynamic induction effects, and 
therefore the compressibility factors, are approximately the same as 
those for the lift-curve slope of a wing having one-half the aspect ratio. 
Compressibility ±actors for C1 1	 can therefore be determined by 

140 
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substituting A/2 for A in equation (A6) of appendix A. This sub-
stitution gives the following relation:

2 
(c1) =
	

A 

2 cos A) 

(_A \2 (c)	
2 +	

+ 2 cos A) - f \2  

Compressibility factors thus obtained are presented in figure 12 as a 
function of half-chord sweep and aspect ratio for several Mach numbers 
and have been found to be in good agreement with those obtained by applying 
the Prandtl-Glauert transformation to the results presented in refer-
ences 10 and 11. (These corrections, of course, can also be used for the 
lift-curve slope by using values corresponding to an aspect ratio that is 
twice that of the wing in question.) 

At present, no theory and little or no experimental data are avail-
able in the transonic speed range relative to C . In view of this 

Or 
deficiency, it has been suggested in reference 23 that estimates of C1 

for transonic speeds be made by applying a correction factor to transonic 
damping in roll results (C i ) which are available from rocket-propelled 

model tests. This correction factor, designated herein as Kr/p, is con-

sidered equal to the ratio of theoretical values of C j	 to C1 
p 

and,


therefore,

	

Ci	 = CZpKI•i/p 

Values of Kr/p determined by various methods are presented in figure 13 
as a function of taper ratio since taper ratio is the only parameter 
accounted for in the strip theory (ref. 23). In addition to strip theory 
(which, of course, neglects induction effects), subsonic results obtained 
by the Weissinger modified lifting-line method (ref. 11) and results from 
supersonic linearized theory for a wide range of aspect ratio and sweep 
(refs. 24 and 25) are also presented. The results of figure 13 show the 
strip theory to be slightly low and it is recommended that the solid line 
of figure 13 (average of the more exact solutions) be used to convert 
experimental C1 to 

c ' Or ' 
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RESULTS AND DISCUSSION 

Characteristics in the Low Lift Range 

Inasmuch as the rolling moment due to sideslip Cj usually varies 

linearly with lift coefficient up to a CL value of at least 0.2, and 

since the effect of geometric dihedral is usually constant over the same 
lift range, the para1neters Cj 	 and C	 are used in this section

Or  i-'CL 
of the report to define the low-lift characteristics. The characteristics 
at moderate and high lift are presented subsequently. 

Effect of sweep angle.- The variation of experimental Cj 	 with

PCL 

Mach number for various sweep angles is presented in figure l li-(a) for 
aspect-ratio- li. wings. Also shown are estimated results for these wings 
obtained by methods outlined in "Theoretical Methods" of this report. 

The experimental results indicate an increase in Cj 
CL 

with sweep 

which, at low Mach numbers, can be estimated fairly accurately. With 
regard to Mach number, both the estimated and experimental results indi-
cate an increase up to the force break although the experimental result 
rises somewhat more rapidly. There is an abrupt decrease in the experi-
mental results above the force-break Mach number. This decrease may be 
explained from the consideration that the force break would be expected 
to occur earlier on the leading wing since that wing is carrying more 
lift than the trailing wing. In addition, for the swept wings, the 
leading wing would be expected to have a lower critical Mach number than 
the trailing wing because of its lower effective sweep. 

Effect of aspect ratio. - The variation of 
C1I3CL 

with Mach number 

for various values of aspect ratio for wings having 450 sweep is pre-
sented in figure lli-(b). The experimental results indicate that C1

JCL 
increases with decreasing aspect ratio and that C1 	 can be estimated 

CL 

reasonably well for Mach numbers below force break. 

Effect of taper ratio. - Experimental results showing effects of 
taper ratio on 

C10CL 
for aspect-ratio-4 470 swept wings are given in 

figure 14(c). These results indicate a reduction in C 2	 with 
I3CL 

CON!	 AL



22	 CI	 IP.L	 NACA RM L5LOl 

increasing taper (decrease in taper ratio) and the estimated curves are 
in fairly good agreement with experiment below the force-break Mach num-
ber. In general, the variations of C-1	 with Mach number between 0.85 

PC  
and 0 . 95 were more pronounced as the taper was increased. 

Delta plan forms. - Results of experimental investigations .on two 
delta-wing plan forms are presented in figure 14(d) showing the varia-
tion of experimental and estimated C 	 with Mach number. The results 

PCL 

indicate a decrease in C	 as the aspect ratio was increased from 2.31 
CL 

to 4.0 and the estimated curves are in reasonably good agreement with 
experiment except in the Mach number range between 0.80 and 0.92 for the 
aspect-ratio-4 wing. The large variation of C J3CL at Mach numbers 

near the force break for the aspect-ratio-4 wing is in accord with the 
observed trends mentioned previously with regard to taper effects. 

The experimental results just discussed are limited to a Mach num-
ber of about 0 . 95 because of the choking limitations of the solid throat 
of the Langley high-speed 7- by 10-foot tunnel. Figure 15 has been pre-
pared to provide an indication of the characteristics that might be 
expected at higher transonic speeds for two delta wings. Experimental 
results at subsonic speeds for the aspect-ratio- 1# wing (NACA 65A006 air-
foil sections) were obtained from reference 5 and the data point at 
M = 1.4 was obtained from reference 26 (for A = 4 wing having NACA 
0005-63 airfoil sections). Test results for the aspect-ratio-2 wing 
(NACA 0003-63 airfoil sections) were obtained from reference 26. Also 
shown is the subsonic theory (wing + fuselage) of this paper and the super-
sonic theory (wing-alone) of reference 27. 

Test results for both the delta wings in figure 15 show a much larger 
effect of Mach number in the transonic and low supersonic range than would 
be expected from supersonic theory for subsonic leading edges. For both 
the aspect-ratid-4 and aspect-ratio-2 wings, supersonic theory for sub-
sonic leading edges indicates a constant value of Cj 	 for Mach num- 

CL 

bers up to that for which the leading edge becomes supersonic where there 
is a sudden change in sign. The experimental results, however, indicate 
a gradual reduction in C 	 with Mach number at supersonic speeds. 

CL 
This difference between theory and experiment may be due, at least in 
part, to the tendency of the fuselage flow field to reduce the effective 
sideslip angle of the wing, as discussed earlier for subsonic flow. This 
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fuselage effect, which, of course, is not included in the supersonic wing-
alone theory, might be expected to cover a large portion of the wing for 
the subsonic-leading-edge case at supersonic speeds. Although the tests 
were not extended to the supersonic leading-edge case for either wing, 
the trends with Mach number indicate that the positive values of C1

JCL 
predicted by theory may be realized. Additional test results are needed, 
however, to determine the degree of correlation for supersonic leading 
edges. 

Effect of geometric dihedral.- Figure 16 summarizes the variation 
with Mach number of the effect of geometric dihedral on rolling moment 
due to sideslip C1	 for an unswept and swept wing (ref. 6). The test 

results indicate very little effect of sweep on Cj	 for the confira-

tions investigated and that the effect of dihedral can be satisfactorily 
estimated at subcritical Mach numbers by use of the incompressible results 
of reference 10 or 11, the compressibility factor from figure 12, and the 
fuselage effect of equation 5. 

Inasmuch as experimental results pertaining to effects of geometric 
dihedral at transonic speeds are not available, damping-in-roll test 
results obtained from rocket-propelled model tests at transonic speeds 
have been converted to Cj 13, by use of the factor Kr/p given in fig-

ure 13. Figure 17 has been prepared as an example of this method of 
estimating Cj	 and to indicate the trends with Mach number that would

Pr 
be expected for several wings. These results are compared with theoreti-
cal estimates obtained for subsonic speeds from this paper and from ref-
erence 27 for supersonic speeds. Experimental results for three wings 
were selected from a summary of a large number of transonic damping-in-
roll results presented in reference 28. 

Results for 6-percent-thick wings having delta- and rectangular-
plan-form wings are presented in the upper part of figure 17 and results 
for a 9-percent-thick rectangular wing are given in the lower part of 
the figure. For the delta wing, subsonic theory is in good agreement 
with experiment and supersonic theory predicts slightly higher . values 
of C1 . Test results for the 6-percent-thick rectangular wing indi-

cate a smooth transition from subsonic theory to the supersonic theory, 
whereas results for the 9-percent-thick wing do not indicate a gradual 
variation of C	 at transonic speeds. Instead, the characteristic 

it 
bucket"type of transonic behavior encountered in the lift-curve slopes 
of wings of this thickness (see ref. 29) occurs. In general, the results 

CONI
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obtained from the damping-in-roll tests gave somewhat lower values than 
indicated by the estimated curves. The damping-in-roll results of ref-
erence 28 were obtained from tests using three wing panels and, although 
the total wing area was used in determining damping coefficients, the 
results are still probably somewhat lower than results for two panels 
because of interference. For example, in reference 28, the damping in 
roll for four panels was slightly less than that for three panels partic-
ularly for the thick unswept wing. This interference effect may account 
for the differences inC	 as determined from the rocket-propelled- 

Or 
model damping in roll and from the theory which is, • of course, for two 
wing panels.

Variation With Lift Coefficient 

In the preceding section only the low lift characteristics, which 

could be represented by the parameters C1CL and C1 

L3r
, were considered. 

In this section the variation of Cj . with lift coefficient, through 

the stall in most cases, is discussed. 

Effect of sweep at low speed. - Some typical low-speed results for 
an unswept and a sweptback wing are given in figure 18 to illustrate the 
effect of wing sweep on the variation of C 1 with lift coefficient. 

Results of flow studies made by means of surface tufts are also shown 
for several selected lift coefficients to illustrate the different stall 
progression for the swept and unswept wing. Results for the unswept wing 
were obtained from reference 19 and results for the swept wing were 
obtained from reference 15. The effect of sweep at low lift shows the 
increase in C1 with sweep which would be expected from theory as dis-

cussed previously and the variation of C 1 with lift coefficient Is 

linear for both wings up to CL = 0.6. At higher lift coefficients, C1 

for the swept wing begins to decrease and changes sign, whereas that for 
the unswept wing remains fairly linear up to stall and then increases. 
Inasmuch as the data for the unswept wing (ref. 19) were limited in the 
angle-of-attack range covered, data for a similar wing (ref. 13) are pre-
sented by the dashed lines to show the characteristics above the stall. 
The difference in high lift characteristics of the swept and unswept 
wings is shown clearly. 

Some insight into the different C 1 variations for these wings 

may be obtained from the sketches of the flow studies. For the unswept 
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wing at the higher lift coefficients the flow studies indicate that the 
trailing wing stalls first (possibly because of spanwise boundary-layer 
flow) and results, of course, in an increase in C, 

0 . 
For the swept wing, 

however, the stall appears to begin at the leading edge, is more extensive 
on the leading wing (probably because of the higher angle of attack normal 
to the sweep line for this panel), and results in a reduction in CIO. 

These test results were obtained for alow-sideslip-angle range (0 = ±5°) 
and may not necessarily be indicative of the characteristics for large 
values of sideslip ( = ±100). For example, the reduction in lift-curve 
slope associated with the higher sweep of the trailing wing panel for 
large sideslip angles could result in lift values lower than that of the 
stalled leading wing panel and therefore positive dihedral effect is 
regained. (For example, see fig. 22(c) of ref. 15.) 

Effect of leading-edge radius and Reynolds number. - In the preceding 
section, the reduction in CI at the higher lift coefficients for the 

swept wing was found to be associated with stalling of the leading wing 
which began at the leading edge. The variation of Cj 13 for swept wings 

at high lift therefore would be expected to be dependent to a large extent 
on the airfoil leading-edge radius and the Reynolds number. Results of - 
two systematic investigations are summarized in figure 19 showing the 
effect of airfoil profile (refs. 30 and 31) and Reynolds number (ref. 32) 
on C 13 . For both a delta and swept wing, use of an airfoil of large 

leading-edge radius (NACA 0012) afforded substantial increases in effec-
tive dihedral at higher lift coefficients compared with the airfoil sec-
tion of extremely small leading-edge radius (12-percent biconvex). This 
effect is, of course, due to the fact that the round-nose airfoils are 
less susceptible to laminar separatián at the leading edge than sharp-
nose profi1s. 

Effects of Reynolds number and leading-edge roughness are indicated 
in the lower portion of figure 19 for a 400 swept wing having NACA 641-112 
airfoil sections (ref. 32). These results indicate, for the model with-
out lead -edge roughness, that an increase in Reynolds number from 

extended the linear range of Cj 13 from a lift coef- 1.7 x 10b to 5 . 3 x 106 

ficient of about 0.6 to about 0.9. Addition of-leading-edge roughness 
for the higher Reynolds number condition, however, essentially nullified 
this Reynolds number effect. The overall results of figure 19 indicate 
that, although the high lift characteristics of these swept wings may be 
modified by changes in airfoil profile and Reynolds number, the results 
appear to be mainly that of delaying the break in C1 13 to higher lift. 

As will be discussed later in more detail, the nature of the variation
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of Cj.4 at high lift for plain wings appears to be associated (for a 

given Mach number) primarily with wing sweep. 

Effect of Mach number.- Before considering experimental data on the 
effects of Mach number on the variation of CI O with lift coefficient, 

a first-order indication of these effects may be obtained from the wing 
lift characteristics presented in figure 20. Results are presented for 
aspect-ratio-4 wings having 350 and 450 sweepback at subsonic and tran-
sonic speeds (refs. 53 and 34). For the present purpose, these results 
can be considered indicative of the lift characteristics of the leading 
(A = 350) and trailing (A = 450) wing panels of a 40 0 swept wing at 50 
sideslip. As was previously discussed, the leading wing panel begins 
to stall first at low Mach numbers and results in a decrease in C IO at 

high angles of attack. For the higher Mach numbers, however, the lift 
on the leading wing (A = 350 ) is greater than that for the trailing wing 
and therefore the reversal in CIO which was present at low Mach num-

bers would not be expected to-occur. This effect of Mach number on the 
high lift variation of CI is consistently evident in the experimental 

results of figure 21 for wings of 14.50 and 52.60 sweep. For the 600 swept 
wing the Mach number effect is considerably less pronounced as might be 
expected for this highly swept configuration (fig. 21(a)). Results for 
the 3.60 swept wing show that the increase in CIO at higher lift for 

low Mach numbers did not persist as the Mach number was increased to 0.91 
but CI  gradually decreased with lift coefficient above CL of 

about 0.6. This behavior may be associated with increased compressibility 
effects on the force break of the more highly loaded leading wing, as men-
tioned previously in connection with the low-lift characteristics. In 
figures 21(b) and 21(c) similar comparisons are made for systematic varia-
tions of aspect ratio and taper ratio and a similar effect of Mach number 
will be noted. In general, the results of figure 21 indicate that sweep 
and Mach number have the greatest influence on the type of variation with 
lift.

Boundary separating two types of variation with lift. - The type of 
variation of rolling moment due to sideslip with lift coefficient has 
been shown in figure 21 to depend primarily upon the sweep angle and Mach 
number. Changes in taper and aspect ratio affected only minor variations 
and airfoil profile and Reynolds number changes affected mainly the lift 
coefficient at which the breaks in C 1 occurred. These observations 

suggest the possibility that a boundary separating desirable and marginal 
characteristics from undesirable variations of C IO with lift could be 

determined from considerations of only wing sweep and Mach number. Results 
of such a correlation are presented in figure 22 as a function of Mach 
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number and half-chord sweep and show combinations of these variables for 
which the indicated variations of Cj with CL would be expected. The 

results of figure 22 should be considered preliminary inasmuch as rela-
tively little data at high speeds and high lift are available. It appears, 
however, that conditions of decreasing Cj, with increasing lift coeffi-

cient occur above sweep angles of approximately 200 and below Mach numbers 
of about 0.95. 

Composite wing plan forms. - The sweep effect on rolling moment due to 
sideslip for sweptforward wings has been found opposite in sign from that 
for sweptback wings. The possibility would therefore appear that the 
unfavorable variations of rolling moment due to sideslip with lift for 
sweptback wings illustrated in the preceding sections could be improved 
by utilizing combinations of sweepback and sweepforward on each wing 
panel and still retain at least a large part of the favorable sweep 
effect on performance. Two such types of composite plan forms which are 
commonly referred to as M and W plan forms are shown in figure 14. 
Low-speed test results obtained from a systematic investigation of the 
effects of spanwise location of the sweep discontinuity are presented 
in figure 23 along with a comparison of M and W plan forms with the 
basic sweptback wing from which these composite plan forms were derived. 
The basic 450 sweptback wing had an aspect ratio of 6, a taper ratio 
of o.6, and MACA 65A009 airfoil sections parallel to the plane of symmetry. 
In this low-speed study, the midspan location of sweep discontinuity was 
considered the basic break location and the direction of the break was 
moved for each wing in a direction to reduce the structural divergence 
tendency. 

The test results, in general, show trends that would be expected 
in that the characteristics of the M wing are similar to those of the 
sweptback wing since the part of the wing having the greatest moment arm 
is sweptback on the M wing. In like manner, the characteristics of 
the W wing are more like those for a sweptforward wing. The different 
characteristics indicated for the different plan forms and break locations 
suggest that attainment of desirable C1 variations with lift could be 

achieved by judicious combinations of break location and sweep of the 
outboard and inboard portions of the wing panels. Differences in the 
magnitude of break-location effects shown in figure 23 for the M and 
W wings is believed to be associated with the direction the break was 
moved for each wing. For the M wing, which showed relatively small 
effects of break location, the break progressed inboard from the basic 
location (because of structural divergence considerations) and therefore 
the areas, involved in the changes had relatively small moment arms. 

Results of some high-speed tests on an aspect-ratio-4 45 0 swept-.

back wing having 0.3 taper ratio and MACA 65A006 airfoil sections (ref. 8)
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are compared in figure 24 with a corresponding M wing having a break 
location at 40-percent semispan. These results indicate that this com- 
posite plan form did not effect any very large change in the variation 
of CIO with lift and the results of the M wing generally became non-

linear at a lower lift coefficient than for the sweptback wing. 

	

Effect of geometric dihedral." The variation of Cj 	 with lift 

coefficient for an essentially unswept wing and a 1450 sweptback wing 
(ref. 6) is presented in figure 25 for two Mach numbers. In all 
C 1	 decreased fairly rapidly at high lift and the lift coefficient for 

which C 7,	 becomes zero occurred earlier at the higher Mach number,
Or

 particularly for the swept wing. Inasmuch as the combination of sideslip 
and dihedral results in a change in angle of attack of the wing panel 

(j = 3 sin r), the decrease in Clorwith lift coefficient would be 

expected to be associated to a large extent with the decreased lift-curve 
slope at high angles of attack and the condition of C7, = 0 corresponds

or 
to the peak of the lift curve. If experimental lift results are available 
for the configuration of interest, the variation of experimental lift-
curve slope with angle of attack can therefore be considered indicative 
of the variation of Cj	 with lift coefficient which can be estimated 


Or 

as follows

[cL1	 (9) 
r)cL = (c1Pr)cj,=o (cLcL) CL=0 Experiment 

Estimated results using the relationships of equation 9 are in fairly 
good agreement with experimental results except that estimated values 
for the swept wing show a delayed and more gradual decrease at high lift. 
This difference in the estimated and experimental results appears to be 
due to an inboard shift of the lateral center of pressure as indicated 
by the pitching-moment data of reference 35 which would not appear in 
the lift-curve-slope ratios of equation 9 . For this reason, the use Of 
lateral center of pressure or root-bending-moment data would be expected 
to be more reliable for estimates of. variations of C 7,	 with lift than

Or 
use of lift-curve slopes. However, since lift results are more generally 
available than root-bending-moment data, the lift-curve-slope ratio is 
given in equation 9.
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The experimental results of figure 25 indicate furthermore that 
incorporation of geometric dihedral would be expected to be of little 
use in attempting to compensate for the loss of effective dihedral on 
sweptback wings at high lift coefficients. Therefore, it appears that 
some other scheme such as a chord-extension or nose flap must be employed 
if it is desired to maintain effective dihedral to higher 'lifts. No 
attempts are made in this paper, however, to assess various flow-control 
devices.

CONCLUDING REMARKS 

The experimental and estimated results presented in this paper simi-
arize overall characteristics of the rolling moment due to sideslip of 
a large number of wing configurations as influenced by wing geometry, 
lift coefficient, and Mach number. The many comparisons of estimated 
and experimental results serve to indicate the applicability of estima-
tion procedures developed herein as well as.indicating regions where 
additional experimental results are needed to form a basis for developing 
more reliable estimation procedures. 

The estimated results from the methods developed in this paper,. com-
pared with experimental results, indicate that the effects of wing aspect 
ratio, taper ratio, sweep angle, and dihedral on the rolling moment due 
to sideslip of wing-fuselage configurations can be determined with reason-
able accuracy up to the force-break Mach number at low lift coefficients. 
No attempt has been made to modify the estimation procedures to account 
for flow separation effects at moderate and high lift coefficients; how-
ever, qualitative relationships have been determined from experimental 
results which indicate the type of variation with lift coefficient for 
a large number of wing plan forms as a function of wing geometry and Mach 

number. 

With regard to transonic and supersonic speeds, experimental infor-
mation is indeed sparse; however, indications of the low lift character-
istics have been obtained to show the nature of the variation in rolling 
moment due to sideslip for some wings in transversing from high subsonic 
to low supersonic speeds. Considerably more experimental data are needed 
in this speed range to provide general indications of transonic charac-
teristics and to afford a basis for developing new methods of estimation. 

Inasmuch as the range of fuselage shapes and relative size was not 
comprehensive for the models included in the experimental investigations, 
the extent of applicability and the limitations of the estimation proce-
dures used relative to fuselage effects is not indicated. More experi-
mental results are needed on effects of fuselage diameter, length, and 
cross-sectional shape to extend the present fuselage correction factors 
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to arrangements differing appreciably in fuselage geometry from those of 
the model configurations presented herein. 

Langley Aeronautical Laboratory, 
National Advisory Committee for Aeronautics, 

Langley Field, Va., November 29, 1954. 
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APPENDIX A 

SIMPLIFIED METHOD OF ESTIMATING C LM 

In the body of this paper the rolling moment due to sideslip is 
estimated for subsonic Mach numbers by considering the lift-curve slope 
of the leading and trailing wing panels. The purpose of this appendix 
is to present the development of a simple expression for the lift-curve 
slope of swept wings of any aspect ratio and taper ratio. 

In reference 36 a simple expression for incompressible CL devel-

oped from that of reference 37 is presented. For the compressible case, 
however, the method of reference 36 is rather complicated. The following 
derivation for the compressible case provides an extremely simple expres-
sion. Equation (11) of reference 36 can be written as 

(cL)	
a0A 

=	 _______________ 

)	

(Al) 
-	 /	 2 

__ + 
(aoa0	 ___ 	

2 )  
cosA 

By applying the three-dimensional Prandtl-Glauert transformation, the 
compressible equation becomes 

where

(CLM) M 

=	 a0A 

	

^	 - M21) + (2 

V" 

cos 2A 
	

\'itJ 

tan 1 M = 
tan  

 ______ 

1 - M2 
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V'l - cos2A 
Inasmuch as tan A =

cos A 

tan2i 
= 1 - cos2A =	 1	 -	 1 

cos2A(1 - M2) cos2A(1 - M2) 1 - M2 

Now

1 
cos2i =

1 + tan2A 

and, by substitution, 

	

cos21 
=	 1	 (A) 

+	
1	 1 

1

cos2A(1 - M2) 1 - M2 

	

A2 (1 - M2)	
r 

The term

	

	 in equation (P2), by substituting equation (A3), 

COS2AM 

can be expressed as follows: 

A2(1 - M2) __ ___ 	 _

cos2	 A2(1 M2)i + cos2A(1 - M2) - 1 _M2 

	 (^OA
 A

2) - (p)2 

(A.) 

By substituting equation (Au-) into equation (P2) 

a0A 

ao
(A5) 

	

(CL)	

A	
+ (2 - ()2 

	

1	 I	 cosA)	 k.ti 

Cor'
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which differs from the incompressible case (eq. (Al)) only by the term 

(j)2; Equation (A5) was, of course, obtained by applying the Prandtl-
Glauert transformation; however, the same result can be obtained by 
correcting the section lift-curve slope ao in equation (Al) for compres-

sibility by using the Mach number normal to the leading edge. Substituting 

a0	
for a0 in equation (Al) and rearranging the equation 

\[l M2cos2A 

results in the following relation: 

(c)M=	
A 

+ \/A2(l - M2cos2A) 
a02cos2A 

which reduces to 

(CLm
-)M =

a0A 

ao	
2	 2 

+ ^c 

A	 - ()2 J(	 A).	 I 

and is identical with equation (A5). For use in the body of this paper, 
a0 is replaced by 2t so that the following equation results: 

(CLO,)M 
=	 2tA 

2 +
	 +	

A)2 - ()2	
(A6) 

The effect of taper ratio is not included in equation (A6); how-
ever, this effect can be essentially accounted for by using the sweep 
of the half-chord line rather than the quarter-chord line as is usually 
done. This appears somewhat consistent with the reversibility theorem 
(ref. 38) and modified lifting-line methods such as Weissinger t s (ref. 39). 
With regard to the reversibility theorem, it will be noted that the only 
sweep that is common to both the original and reversed flows for a tapered 
wing is that of the half-chord line which changes only in sign. It will 

c( •	 'AL
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also be noted that in the Weissinger method the load is assumed to be 
concentrated along the quarter-chord line and the boundary condition sat-
isfied at the three-quarter chord line so that taper effects are dependent 
upon the sweep of the three-quarter chord line as well as the quarter-
chord line. Therefore if one sweep line is to be used to correlate taper 
effects, the half chord might seem more logical than the quarter chord. 
The results of some unpublished Weissinger 15-point solutions are shown 
in figure 26 plotted against both the sweep of . the quarter chord and half 
chord for taper ratios from 0 to 1.5. These results show that, although 
there is considerable effect of taper ratio when the quarter-chord line 
is used, there is essentially no effect of taper when the half chord is 
used. The simple expression (eq. (A6)) for the lift slope therefore is 
applicable to all taper ratios if the sweep of the half chord is used. 

Equation (A6) at zero Mach number is compared with some of the 
available lifting-surface solutions (refs. 40-44) in figure 27. The 
solution for the 600 elliptical wing (unpublished data) was made by 
Robert S. Swanson by using the electomagnetic analogy method described 
in reference 145. The results are presented in the form of C/A as 

a function of A/cos A since equation (A6) is a unique function of 
A/cos A for zero Mach number. The comparison of results indicates that 
equation (A6) is very accurate when the half-chord sweep is used. Further- 
more, comparisons with reference 12 indicate that equation (A6) is more 
accurate than Weissinger's seven-point modified lifting-line method. 

Inasmuch as the most commonly used sweep reference line is the 
quarter chord, a chart (fig. 29) has been prepared from which the half- 
chord sweep can be easily obtained from the quarter-chord sweep, aspect 
ratio, and taper ratio.

/ 
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APPENDIX B 

20-VORTEX SOLUTION FOR THE ROILING MOMENT DUE TO SIDESLIP 

In reference 46 a finite-step method of calculating wing span loadings 
is outlined. In this method the wing is replaced by a system of N horse-
shoe vortices along the quarter-chord line and the summation of their down-
wash velocities at N control points along the three-quarter-chord line 
is equated to the component of free-stream velocity normal to the wing 
chord. Reference 46 deals only with the symmetrical case for which appli-
cation of this tangent flow boundary condition provides a set of N/2 sim-
ultaneous equations in the N/2 unknown circulation strengths across the 
semispan. In the present case, however, the method is to be used for wings 
in sideslip and, therefore, because of the asymmetry, N simultaneous 
equations in the N unknown circulation strengths must be used. 

The N = 20 vortex system was selected and the layout for a 

450 sweptback wing is illustrated in figure 28. In order to maintain the 
same span of the horseshoe vortices a greater number must be placed on 
the advancing wing than on the retreating wing for the swept-wing solu-
tions. Therefore, sideslip angles were chosen such that there were 
11 vortices on the advancing panel and 9 on the retreating panel. (See 
fig. 28.) The relative position of the various control points with regard 
to the various horseshoe vortices was then determined and the downwash 
in terms of the unknown circulation r due to each horseshoe vortex was 
summed at each of the 20 control points and equated to V sin a,. This 
gave 20 simultaneous equations, with 20 unknown circulation strengths, 
which were solved by an iteration process. (See ref. 46 for details.) 
The resulting circulation strengths required to satisfy the boundary con-
ditions are presented in table III for several wings. The rolling moment 
due to sideslip was then computed by the relation: 

C	 14- b 

 - 

where L(Er ) is the difference between the summation of the circulation 

times the moment arm for the advancing and retreating wing panels, and 
Zr is the sum of the circulation on each panel. The values thus 
obtained are presented in table III and it will be noted that the value 
for the unswept wing appears to be somewhat low when compared with experi-
ment or other theories. This is probably due to the fact that the effect 
of the nonstreamwiSe tips caused by the sideslip angle has not been 
accounted for. Inasmuch as this effect would occur on all the wings, it 
is felt that the increments due to sweep are fairly reliable. 
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TABLE III 

FINITE-STEP VORTEX SOLUTIONS FOR WING LOADINGS IN SIDESLIP 

Y'	 r	 r rL r 
bi	 Ibi	 bi	 I	 bib	 b 

Advancing panel 

19/11.0 0.4767 0.2264 21/ 114 0.4934 0.2355 21/ 11.4 O.4216 0.2012 
17/40	 .6795 .2888 19/44	 .6791 .2933 19/44 .5398 .2331 
15/4O	 .8122 .3046 17/44 .8o	 . 3006 17/44	 .5972 .2308 
13/140	 .9101 .2958 15/44	 .8382	 .2858 15/44	 .6330	 .2159 
11/40	 .9861 .2712 13/144	 .8763	 .2589 13/44 .6571 .1942 
9/14.0 1.0461	 .2354 11/44	 .9007	 .2252 11/11.11. 	 .6710	 .1678 
7/140 1 . 0937	 .19111.	 9/1411.	 .9129	 .1868	 9/411 	 .6750	 .1381 
5/140 1.13111. 	 .114.111. 	 7/11.11.	 .9130	 . 111.53	 7/11.11.	 .6676	 .1062 
3/11.0 1.1588	 .0869	 5/14.14.	 . 9011	 .10211. 	 5/11.11	 .611.75	 .0736 
1/140 1.17 14.5	 .0294	 3/114	 .8848	 .0603 3/44.6272	 .0428 

	

1/44 .9008 .0204 1/44	 .6529	 .0148 

Retreating panel 

1/11.0 1.1780 0.0295 1/36 0 . 9100 0.0253 1/36 0.6705 o.oi86 
3/40 1.1632 .0872 3/36 .9091 .0758 3/36	 .6762	 .0564 
5/40 1.1344	 .1418 5/36 .8984 .1248 5/36	 .6735	 .0935 
7/140 1 . 0949	 . 1916 7/36	 .8768 .1705 7/36	 .6634	 .1290 
9/14.0 1.0439	 .2349 9/36	 .8427	 .2107 9/36	 .6460	 .1615 

11/140	 . 9797 .2694 11/36	 .7868 .2 1404 11/36	 .6212	 .1898 
13/40 . 9009	 .2928 13/36	 .7365 .2660 13/36	 .5862	 .2117 
15/40	 .8004 .3002 15/36 .6417 .2674 15/36 	 .5304 .2210 
17/110	 .6669	 .2834 17/36	 .4670	 .2206 17/36	 .4127	 .1949 
19/11.0	 .4651	 .2209 

2r L = -0.0196 

Er = 18.8963 
-.0.0196 

ClICL = 18.8963(5.00) 

= -0.0002

Er L = -0.5130 
Er = 16.1464 

CJOCL -
	 -0.5130 
- 16.1464(6.o6) 

= -0.0052

-0.3421 

Er = 12.2693 
-	 -.0.314.21 
- 12.2693(3.10) 

= -0.0089 

C:;D 
A = 36°
	

A = 45°
	

A = 6o° 
- = 5.000	 = 6.06°	 = 3.10° 

See figure 28.
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Figure 1.- Wing plan forms tested in the Langley high-speed 7- by 
10-foot tunnel. NACA 65A006 airfoil sections except where noted. 
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Figure .- Variation of mean test Reynolds number with Mach number for 


the wings tested in the Langley high-speed 7- by 10-foot tunnel. 
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data. (P in degrees.)

C



52	 CC	 NACA EM L54LO1 

.18--

.16
- -Angle of attack for M090 
-	 - - reduced to give same c, 

--asMOfo, A=300 
1 

- - - - 

.14-----
M .90 
--- - 

M0 N 
.I0iiii iiiiiiiii 

.08----------- N—\' N -

.06--

- \_ -
--

.04-

--

-
S.., 

02

- - - 
S..

- 

- -

o -

-

(1	 IC)	 zu	 iLl	 '1(1 .Xl	 bCI	 IC) 80	 .90

Angle of sweep, A,deg 

Figure 9.- Illustration of compressibility effects on the variation of 

section lift coefficient with wing sweep. 

Co	 - 



NACA RM L54L01	 C	 AL
	

53 

M=.90 

3c 

28 

—--2.6 

24 

22 

20 

1.8 

1.6 

'.4 

1.2

I	 I	 I	 I	 I	 I	 I	 I	 I 

0 /0 20 30 40 50 60 70 80 90

Angle of sweep, deg 

Figure 10.- Compressibility correction factor to the wing sweep contri-
bution to roiling moment due to sideslip for infinite-aspect-ratio 
wings as determined from equation (7). 
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