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NATIONAL ADVISORY CO~w.rrTTEE FOR AERONAUTICS 

RESEARCH MEMORANDUM 

EXPERIMENTAL INVESTIGATION AT HIGH SUBSONIC SPEED OF 

THE ROLLING STABILITY DERIVATIVES OF A 

COMPLETE MODEL HAVING A CLIPPED- DELTA 

WI NG AND A HIGH HORI ZONTAL TAIL 

By Wi lliam C. Sleeman ) J r . ) and Albert G. Few) Jr . 

SUMMARY 

An i nvestigation was conducted in the Langley high-speed 7-
by 10- foot tunnel to determine the rolling stabil i ty derivatives of a 
complete model and i ts components over a Mach number range from 0 . 60 
to 0 .92 and an angle- of-atta ck r ange from 00 to a maximum of approxi 
mately 130 for the lower Mach numb ers . The aspect - ratio - 3 clipped- delta 
wing of the model was swept back 450 at the leading edge and had NACA 
65A006 airfoi l sections parallel to the free stream . The delta plan
form horizontal tail was swept back 450 at the leading edge and was 
located at the tip of a swept back vertical tail approximately 65 percent 
of the wing semispan above the wing - chord plane . 

Positive damping in roll was indicated for the model throughout the 
test Mach number and angle - of-atta ck range) although s i gnificant losses 
in damping occurred in going from moderate to high angles of attack . 
Addition of the tail surfa ces to the wing- fuselage configuration had 
little overall effect on the damping i n roll and gave negative increments 
of yawing moment due to roll i ng throughout the test angle - of- attack range 
above approximately 40

. Esti mates of the rolling stability der ivatives 
of the complete model at M = 0.85 indicated that these derivatives 
could be estimated with fairly good accuracy by use of existing 
procedures . 

Wing- fuselage damping - in- roll characteristics at lifting conditions 
for the aspect-rat i o- 3 clipped- delta-wing model were slightly better 
than those for the parent aspect - r atio - 4 delta-wi ng model throughout 
the test range of Mach number and angle of attack . 
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INTRODUCTION 

Wind-tunnel results at high subsonic speeds pertaining to rolling
stability derivatives for lifting conditions have been obtained for a 
fairly wide range of wing plan forms (refs. 1 to 3). These derivatives 
were obtained on model configurations without tail surfaces and more 
experimental data have been needed to indicate the applicability of 
existing procedures based on low-speed results for estimating the tail 
contribution to rolling-stability derivatives. The present test results 
were obtained as part of a research program to determine the longitudinal, 
lateral, and rolling-stability characteristics of a general research 
model. Results presenting the static longitudinal stability of the model 
are given in reference 4. The clipped-delta wing of the model was of 
aspect ratio 3 , taper ratio 0.143, and had NACA 65A006 airfoil sections. 
The leading edge of the wing and of the delta plan-form horizontal" tail 
were swept back 450 and the horizontal tail was located at the tip of 
a swept vertical tail approximately 65-percent wing semispan above the 
wing chord plane. The model was tested in the Langley high-speed 7-
by 10-foot tunnel over a Mach number range from 0.60 to 0.92 a~d an 
angle-of-attack range from 00 to a maximum of approximately 130 • 

In addition to tests of the complete model, breakdown tests were 
made in order to determine the contribution of the tail surfaces to the 
rolling derivatives of the model with and without the wing. Test results 
for other models having both swept and unswept wings, which show contri
butions of the model components in addition to the complete model rolling 
derivatives, are presented in references 5 and 6. 

COEFFICIENTS AND SYMBOLS 

The results of this investigation are presented as standard NACA 
coefficients of forces and moments referred-to the stability system of 
axes shown in figure 1. Moment coefficients are given with respect to 
the moment reference location shown in figure 2 (25-percent mean aero
dynamic chord on the fuselage center line). 

lift coefficient, Lift 
qS 

rolling-moment coefficient, Rolling moment 
qSb 
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yawing-moment coefficient, 

lateral-force coefficient, 

Yawing moment 
qSb 

Lateral force 
qS 

dynamic pressure, py2, Ib/sq ft 
2 

air density, slugs/cu ft 

free-stream velocity, ft/sec 

rolling angular velocity, radians/sec 

wing-tip helix angle, radians 

free-stream Mach number 

angle of attack, deg 

wing area, sq ft 

wing span, ft 

wing mean aerodynamic chord, ft 

horizontal tail mean aerodynamic chord, ft 

vertical tail mean aerodynamic chord, ft (based on area 
above root chord shown in fig. 2) 
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Configuration designations : 

w wing 

F fuselage 

v vertical tail 

H horizontal tail 

MODEL AND APPARATUS 

A drawi ng of the model with pertinent geometric characteristics is 
given as figure 2 and details of the fuselage geometry are given in 
figure 3 . The model wing was of aspect ratio 3, taper ratio 0 .143, and 
had a leading- edge sweep angle of 450

• The wing airfoil section was 
NACA 65A006 parallel to the free - stream direction . The aspect - ratio- 4 
delta plan- form horizontal tail had 450 leading- edge sweep and was 
located at the tip of the vertical tail approximately 65 percent of the 
wing semispan above the wing chord plane. The vertical tail was swept 
back 280 at the quarter- chord line . Other details of the model geometry 
are giv.en in table I. Both the horizontal and vertical tails had NACA 
65A006 airfoil sections and were constructed of fiberglas and plastic , 
reinforced with a steel spar . The wing was constructed of 2024- T (for 
merly 24s- T) aluminum alloy . 

The model was tested under conditions of steady rolling on the 
forced- roll sting support shown schematically in figure 4 . For these 
tests, the model was mounted on a six- component internal strain- gage bal
ance and was rotated about the X- axis of the stability axes . Electrical 
signals from the strain- gage balance were transmitted to the data
recording equipment by means of wire leads, slip rings, and brushes 
(fig . 4) . The model angle of attack was changed by use of various off
set sting adapters (fig . 4) which were designed to allow the model to 
rotate about the moment reference center at each angle of attack . Fur
ther details of the forced-roll testing technique can be found in ref
erence 5 . 

TESTS AND RESULTS 

Test conditions .- Tests were conducted in the Langley high- speed 
7- by 10- foot tunnel over a Mach number range from 0 . 60 to 0 . 92 and 
through an angle - of- attack range from 00 to a maximum of approximately 
130

• Test results were also obtained at M = 0.95 for the zero- lift 
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condition only. For most of the tests, four positive and four negative 
values of pb/2V were obtained at each Mach number and angle of attack. 
The variation with Mach number of the maximum test value of wing-tip 
helix angle pb/2V and mean test Reynolds number based on the wing mean 
a erodynamic chord are presented in figure 5· 

Corrections.- J et -boundary corrections to the angle of attack were 
determined· from the usual static corrections presented in reference 7-
.Blockage corrections applied to the Mach number and dynamic pressure 
were determined from reference 8. The model angle of attack has also 
been corrected for deflection of the model and support system under 
load. 

The deflections of the support system under load combined with any 
initial displacement of the mass center of gravity of the model from the 
roll axis introduced centrifugal forces and moments when the model was 
rotated. Corrections for these forces and moments have been applied to 
the data. 

Corrections for jet-boundary effects on rotary derivatives were not 
applied inasmuch a s these corrections have been found to be negligible 
for models comparable in s ize to the present model. Corrections for wing 
distortion and sting support tares have not been applied to the data; 
however, these corrections are believed to be small. 

Results.- The basic results of this investigation were obtained as 
variations of forces and moments with wing-tip helix angle; inasmuch as· 
these variat ions were linear in most cases, only the derivatives are 
presented herein. For convenience, some of the static-lift curves 
obtained from reference 4 are given in figure 6. 

Test results presenting the rolling-stability derivatives of the 
complete model and also showing effects of the addition of the vertical 
tail and the horizontal tail are given in figure 7. Rotary derivatives 
obtained with the wing r emoved, which show effects of the horizontal 
tail, are presented in figure 8. Rolling derivatives for the present 
clipped-delta wing-fuselage configuration at M = 0.85 are compared in 
figure 9 with those of the aspect-ratio-4 delta wing from which the pres
ent wing was derived. Additional comparisons between results for the 
clipped-delta wing and parent delta wing are given in figures 10 and 11. 
A comparison of experimental and estimated rolling derivatives through 
the angle-of-attack range at M = 0.85 for the wing-fuselage configura
tion, the tail contribution, and the complete model is presented in fig
ures 12 to 15. 
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DISCUSSION 

Experimental Derivatives 

Damping in roll .- The experimental damping in roll obtained for all 
the wing- on configurations tested ( fig . 7) indicated similar trends with 
angle of attack for the test range of Mach number . The dampi ng- in-roll 
derivative C1 increased as the angle of attack incr eased from 00 to 

p 
approximately 30 and then decreased appreciably as the highest test 
angle of attack was approached . No outstanding differences i n damping 
in roll were appa rent as a result of addi tion of the t a il surfa ces 
a lthough addition of each of the tail surfaces increased the damping 
somewhat at the lower angles of attack . 

Effects of clipping the tips of an aspect - ratio- 4 delta wing 
(ref . 2) to the aspect - ratio- 3 wing of the present investigat ion are 
shown in f i gure 9 for the wing- fuselage configuration at Mach number 0.85 . 
There was not much difference i n the damping in roll at 00 angle of 
attack for the clipped- delta and basic - delta wing ; however, the increase 
in damping a t low angles of attack for the clipped delta wa s not evident 
for the aspect - ratio- 4 delta wing . Above an angle of attack of approxi 
mately 40

, the variat i on of damping with angle of attack was ab out the 
same for the two wings ; however, the clipped delta provided more damping 
throughout most of the angle - of- attack range tested . 

The aforementioned losses in damping at lifting conditions for the 
aspect - ratio- 4 delta wing and the present wing are related to lift coef
ficient and Mach number in figure 10 . The solid and dashed lines in 
figure 10 indicate combinations of lift coefficient and Mach number for 
which the damping in roll for lifting conditions has decreased to one
half the initial damping value at zero lift . The dotted line indicates 
the maximum lift coefficients and corresponding Mach numbers obtained 
in the present tests . A compar ison of results for the aspect - r atio- 4 
delta wing and the a spect- ratio- j clipped- delta wing indicates that the 
clipped-delta wing configuration attained lift coefficients about 
12 percent higher than the aspect - ratio- 4 delta wing for the damping to 
decrease to one - half the zero lift value . Inasmuch as the damping values 
at zero lift were not appreciably different for the two wings, it would 
appear that the damping- in- roll characteristics of the clipped- delta 
wing were slightly better than the parent aspect-ratio- 4 delta wing for 
Mach numbers up to M = 0 . 90 . 

Yawing moment and lateral force due to rolling .- The yawing moment 
due to the rolling derivative C~ for the complete -model configuration 

( fig . . 7) was positive for angles of attack up to approximately 40
; above 

CONFIDENTIAL 



NACA RM L55Kll CONFIDENTIAL 

this angle ) negative values of C~ occurred which increased with 

increasing angle of attack . A comparison of the tail- on and tail - off 
curves of figure 7 shows that the tail contribution to C~ for the 

7 

complete model was negative at angles 
whereas addition of the tail surfaces 
(fig. 8) gave positive increments of 

of attack above approximately 40 ) 

to the wing- off configuration 

to 120 (assuming negligible values of 
lage alone) . This difference in tail 

C~ for angles of attack up 

rolling derivatives for the fuse
contribution with and without the 

wing is due to the effect of wing sidewash due to roll which is dis 
cussed in reference 9. 

The lateral- force derivative Gyp for the complete model was pos 

itive throughout the test angle - of - attack range above about 20 . Results 
for the wing- fuselage configuration indicate rather large negative values 
of Cy at the highest- t est angle of attack) particularly at M = 0 . 60 

p 
and M = 0· 90 
values of Gyp 

(fig . 7) . Based on past experience) these large negative 
were not expected and from a comparison with the aspect -

ratio- 4 delta wing of reference 2 ) for which only quite small values 
of Cy were ob tained at high angles of attack . ( See fig. 9.) The 

p 
experimental results of reference 10 indicate) however) that the rolling 
derivative Cy can be appreciably influenced b y fuselage size for a 

p 
mid- wing arrangement having a 600 delta wing . I nasmuch as different 
fuselages were used for the aspect - ratio- 4 delta wing and the present 
clipped- delta wing) some of the discrepancy in Cy shown in figure 9 

p 
could be a ssociated with effects of the fuselage differences . 

Estimated Derivatives 

Wing fuselage .- A comparison of the estimated and experimental 
variation of damping in roll with Mach number for the zero-lift condi
tion is presented in figure 11 . Estimated values were obtained from 
reference 11 using the indicated plan- form transformation to -account 
for compressibility effects . The agreement between experimental and 
estimated damping in roll at zero lift was not quit e as good as would 
be expected from past experience and was considerably less than would be 
expected from the excellent agreement shown b etween estimates and exper
iment for the aspect - ratio- 4 delta wing (fig . 11) . The close agreement 
of experimental results at zero lift for the aspect- ratio - 4 delta wing 
and the a spect-ratio- 3 clipped- delta wing appears reasonable inasmuch as 
the relative area removed in clipping the tips of the delta wing was 
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very small . This agreement for the two wings was also indicated at 
low speed for the wing- alone configuration . (See ref . 12.) 

A comparison of experimental and estimated roll ing stability deriv
atives through the test angle - of - attack range for a Mach number of 0 . 85 
is given in figure 12. Estimated damping in roll was obtained by cor 
recting the zero -lift value from reference 11 in accordance with the 
effects of angle of attack as indicated in reference 13, using static 
lift - curve slope ratios and drag data from reference 4 . The predicted 
trends with angle of attack are in fairly good agreement with experimental 
trends although the experimental changes with angle of attack were much 
more pronounced than the estimated changes. The agreement between values 
of the damping as estimated and obtained experimentally was only fair and 
wa s approximately the same as the agreement shown in reference 2 for t he 
aspect-ratio- 4 delta wing when wing lift - slope ratios were used in the 
estimates . As pointed out in reference 2, the use of Wing-root b ending
moment slopes rather than lift slopes to account for nonpotential effects 
would be expected to give more accurate estimates of CL for l ifting 

p 
conditions. 

Estimated values of yawing moment due to rolling are compared with 
experimental results in figure 12 . The estimates were obtained by 
applying the method outlined in reference 1 in which the potent i al - flow 
value determined from reference 11 was corrected for Mach number effects 
by using the relationships of reference 14, and for nonpotential effects 
by using experimental lift and drag data of reference 4 and estimated CL 

Estimates of C~ for the wing - fuselage configuration are in good agree-
p 

ment with experiment up to about 80 angle of attack . At higher angles of 
attack the negative values of C~ indicated by experiment did not appear 

in the estimates . The differences between estimated and experimental 
values of Cllp were probably not due to the use of theoretical rather 

than experimental values of CL tan ~ because when experimental 
p 

CL P 
tan ~ was used, the C~ estimates deviated only slightly from those 

shown in figure 12 . It is possible that a fuselage effect, not accounted 
for in the estimates , could cause the experimental results to differ from 
estimated Cn . The lateral - force derivative Cy was estimated by the 

p p 
method given in reference 2 us ing values obtained from references 14 and 15 . 
The values and trends with angle of attack shown by the estimated results 
are in good agreement with experiment up to about 90 angle of attack . In 
the higher angle - of -attack range, experimental values increased consid
erably in the negative direction as observed previously, whereas the 
estimates showed slightly decreasing values. 

CONFIDENTIAL 
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Tail contribution .- Estimates of the tail cQntribution to the 
rolling- stability derivatives of the model are compared with experi
mental results in figure 13 for 0.85 Mach number . Estimates were made 
by use of the procedure outlined in reference 16 and using the wing 
sidewash estimates of reference 9 . Lift - curve slopes for the vertical 
tail in the presence of the horizontal tail through the angle - of- attack 
range were obtained from unpublished static- force data. 

The small experimental contribution of the tail surfaces to Cr p 
with the wing on was comparable in magnitude to other configurations 
(refs . 5 and 6) and could be estimated with reasonable accuracy. The 
tail contribution to Cr would be expected to be small because the 

p 
rotating flow field b ehind the wing would reduce even further the rela
tively small direct damping contribution of the horizontal tail, and 
any vert ical - tail contribution at 00 angle of attack would dimi nish as 
the load center of the vertical tail approached the rolling-moment ref
erence axi s at the higher angles . 

The est imated contribution of the tail surfaces to the yawing 
moment derivative for the wing- on configuration (fig . 13) was in fairly 
good agreement with experiment throughout the test angle - of- attack 

9 

range ; however , for the wing - off configuration, good agreement with 
experiment was not obtained particularly at low angles of attack. Causes 
for the differences b etween estimates and experiment for the wing- off 
configuration at low angles of attack are not apparent ; however, these 
differences are consistent with the lateral - force derivatives which were 
al so underestimated at the lowest angles but were in good agreement at 
moderate and high angles . The fairly large effect of wing sidewash on 
the tail contribution to both yawing moment and lateral force due to roll 
is indicated in both the estimates and experimental results of figure 13 . 
Estimated wing s idewa sh effects were somewhat l ess than those obtained 
experimentally . 

There was a rather large difference in experimental and estimated 
tail contribution to Cy for the wing- on configuration at high angles 

p 
of attack, and part of this difference may b e associated with the pre 
viously mentioned large negative experimental values obtained for the 
tail - off configuration . 

Inasmuch a s the estimated horizontal - tail contribution to the rolling 
derivatives was very small, only the experimental contribution is pre 
sented in figure 14 . Experimental increments in the rolling derivatives 
due to addition of the hori zontal tail generally affected the test results 
in a manner that would be expected from an increase in the vertical- tail 
lifting effect iveness . 

CONFIDENTIAL 
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Complete model .- A comparison of estimated and experimental rolling
stability derivatives for the complete model at 0.85 Mach number is pre 
sented in figure 15 . The general overall agreement between estimates 
and experiment was fairly good throughout the test angle- of-attack range . 
Estimates of the damping in roll showed a smaller variation with angle of 
attack than experiment as was indicated for the wing- fuselage config
uration . Estimates of the other rolling derivatives C~ and CYp 

were in good agreement with experiment at low and moderate angles of 
attack; however, at the higher angles, the magnitude of the estimated 
values was somewhat smaller than for the experimental values . 

A comparison of estimated and experimental rolling-stability deriv
atives for the tail - off and complete- model configurations ( figs . 12 
a nd 15) would indicate (with the possible exception of Cy at high 

p 
angles of attack) that the same general discrepancies occur for both 
configurations . I t would appear, therefore, that a large part of the 
disagreement between experiment and estimates for the complete model can 
b e attributed to estimates for the wing- fuselage configuration rather 
than to estimates of the tail contribution. Even though some differ
ences between estimated and experimental tail contribution were indicated, 
it is believed that the differences were not an appreciable part of the 
differences shown for the complete model . 

CONCLUSIONS 

An investigation at high subsonic speeds of the rolling stability 
derivatives of a complete general research model having an aspect 
ratio - 3 clipped- delta wing and a high horizontal tail indicated the 
following conclusions: 

1 . Positive damping in roll was indicated for the model throughout 
the test Mach number and angle -of -attack range, although significant 
losses in damping occurred in going from moderate to high angles of 
attack . 

2 . Addit i on of the tail surfaces to the wing- fuselage configuration 
had little overall effect on the damping in roll and gave negative incre
ments of yawing moment due to roll throughout the test angle- of- attack 
range above approximately 40 • 

3. Estimates made at M = 0.85 indicated that the rolling stability 
derivatives of the complete model could be estimated with fairly good 
accuracy by use of existing procedures . 
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4 . Wing- fuselage damping- in- roll characteristics for the aspect 
ratio- 3 clipped- delta wing model were slightly better than the parent 
a spect - ratio- 4 delta-wing model throughout the test Mach number range 
and angle of attack. 

Langley Aeronautical Laboratory, 
National AdVisory Committee for Aeronautics, 

Langley Field, Va ., November 3 , 1955. 
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TABLE I 

PRINCIPAL GEOMETRIC CHARACTERISTICS OF THE MODEL 

Wing: 
Span, ft .... 
Root chord) ft • 
Tip chord, ft 
~1ean aerodynamic chord, ft • 
Area, sq ft 
Aspect ratio . . 
Taper ratio 
Quarter - chord sweep, deg 
Airfoil section 

Horizontal tail: 
Span, ft . . . 
Root chord, ft 
Tip chord, ft 
Nean aerodynamic chord, ft . 
Area, sq ft 
Aspect ratio . . 
Taper ratio 
Quarter-chord sweep, deg 
Airfoil section 

Vertical tail: 
Span (neasured from root chord) , ft ...•.... 
Root chord (located 0.154 foot above fuselage center 

line) , ft ...•. 
Tip chord, ft ..... 
Mean a erodynamic chord, ft 
Area, sq ft 
Aspect ratio . . 
Taper ratio 
Quarter- chord sweep, deg 
Airfoil section 

CONFIDENTIAL 

· 2.572 
. .• 1.500 
.•• 0.214 

1.018 
2.20 
3.00 

· 0.143 
. . 36 .85 

NACA 65Ao06 

.• NACA 

1.162 
0.581 

o 
· 0.388 

0.337 
4.00 

o 
36 .85 

65Ao06 

· 0.683 

0· 912 
0.420 
0.696 
0.454 
1.02 
0.46 

28 .00 
NACA 65A006 
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Rolling moment 

r--~ 
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x~ j C8J~ 
RollilJg .velocity 

• 
Rela tive wind 
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y 
Lateral force 

Lift 

z 

Figure 1.- Stability system of axes used showing positive directions of 
forces, moments , angles, and velocities. 
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1--------- 3/.22 ----------+---- /5.9 / ---+ 
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0/ % 

~/094----I 

-------------------ol33 
1------------------54.72 -----------_____ -j 

Figure 2 .- Gener al arr angement of the complete model tested in the Langley 
high- speed 7- by lO- foot tunnel . All dimensions are in inches . 
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r 

Figure 3·- Geometric characteristics of the model fuselage. All 
dimensions are in inches. 
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Figure 5.- Variation with Mach number of maximum test values of pb/2V 
and mean test Reynolds number based on the wing mean aerodynamic chord. 
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Figure 7. - Variation of roll ing stability derivatives with angle of 
attack for the complete model , showing effects of the tail surfaces. 
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Figure 7 .- Concluded . 
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Figure 9.- Comparison of the rolling stability derivatives for the aspect
ratio-3 clipped-delta wing with those for an aspect-ratio-4 delta wing . 
Wing-fuselage configuration; M = 0.85. 
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Figure 10.- Combinations of lift coefficient and Mach number for which the damping in roll for lifting conditions has decreased to one-half the damping value at zero lift. 
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Figure 11. - Comparison of estimated and experimental damping in roll at 
zero lift for the aspect-ratio-3 clipped-delta model and the aspect
ratio-4 delta wing model; wing-fuselage configuration. 
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Figure l2 .- Comparison of estimated and exper imental r olling stability 
derivatives through the angle - of- at tack range f or the wing- fus elage 
configuration; M = 0 . 85 . 
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Figure 13 .- Estimated and exper imental tail contribution to r ol ling 
stability der ivatives ; M = 0 .85 . 
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Figure 14.- Effect of the hor izontal tail on rolling stabil ity derivatives 
as determined from experiment ; M = 0.85 . 
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Figure 15 .- Comparison of estimated and experimental rolling stability 
derivatiyes for the complete-model configuration; M = 0.85. 
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