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RESEARCH MEMORANDUM

AERODYNAMIC HEATING OF ATRCRAFT COMPONENTS

By Leo T. Chauvin

SUMMARY

Aerodynamic heat-transfer data obtained at supersonic speeds are
presented for various airplane components such as a conical nose, a
blunt conical nose, a cone-cylinder body, a flat-faced canopy, a delta
wing at angle of attack, and a deflected flap. The data are correlated
on the basis of Stanton number for various supersonic Mach numbers and
Reynolds numbers.

For all cases investigated, measurements were in reasonable agree-
ment with theoretical predictions, except for the sheltered surface of
the delta wing at angle of attack.

In addition to the heat transfer measured on the 50° blunt cone,
transition was found to occur at a transition Reynolds number of

0.5 X 106 based on local conditions at a free-stream Mach number of L4.8%4.
INTRODUCTION

The designer of the supersonic airplene is confronted with the
analysis of various airplane components for aerodynamic heating. Inas-
much as most heating data have been for very simple shapes, the importance
of detail design may easily be missed. Recently, large-scale heat trans-
fer data have been obtained from free-flight and free-jet tests of such
airplane components as blunt noses, canopies, wings at angle of attack,
and deflected control flaps. The purpose of this paper is to review
new and significant data which will be of interest to designers in deter-
mining the heating of these components. A comparison with existing theory
to indicate its adequacy in each case is also presented.

SYMBOLS

M Mach number

R Reynolds number
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Ngt Stanton number, h/cppV
tu
h local aerodynemic heat-transfer coefficient, (sec)(gq ft)(oF)
Cp specific heat of air at constant pressure, EEEé;EE&
P density of air, slugs/cu ft
v velocity, ft/sec
X distance along model surface, ft or in. as indicated
o angle of attack, deg
5] control deflection, deg
T temperature, °F or °F abs
Subscripts:
1 outside the boundary lsyer "
T transition -
W conditions pertaining to the skin of model
0 free stream

AIRPIANE COMPONENTS

A breakdown of the various combonents of the airplane for which
heat~transfer data are available 1s presented in the following table:

Nose: cone, circular arc, parabola, hemisphere, Von Kérmén

Body: cylinder, cone cylinder, hemispherical-nose cylinder, parabola
Canopy: flat-faced canopy

Wing: plan form: unswept, delta

Control: sealed flap

As can be seen, data are available for a wide range of nose shapes and
bodies; whereas Information is limited to only one canopy shape, two
wing plan forms, and one flzp arrangement. Information for some of the
listed components can be found in references 1 to 12.
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Nose and Body

In order to investigate heat transfer on a simple nose shape at
high Reynolds number, flight tests were made on a large 10° cone. This
test model, shown in figure 1, had an 18-inch base and was 7.5 feet long.
The model was rocket launched at low altitude, which for Mj; = 3 gave

a Reynolds number per foot of 18 X 106, or 135 X 106 based on the full
cone length. In order to keep a low skin temperature favorable for lami-
nar flow, the skin was made of 0.08-inch copper and the model was accel-
erated rapidly.

The thermocouple locations are indicated on the sketch shown in
figure 1. The skin temperature and Stanton number are shown plotted
against body length. Note that the maximum temperature was obtained
about 2 feet back from the nose tip and this result indicates that
transition to turbulent flow had taken place. The condition of the
boundary layer is shown more clearly by the heat-transfer data in the
lower part of the figure plotted as local Stanton number. The data show
laminar heat transfer for the forward part of the nose, with transition

occurring at 1.85 feet from the nose tip at a Reynolds number of 33 X 106.
The measured heat-transfer coefficients for the laminar region agree well
with the theory of reference 13. For the turbulent region, the theory of
reference 14 is in good agreement when the characteristic length for the
theory is the length behind the transition point. This agreement is
quite significant in view of the rather large longitudinal temperature
gradient that existed when the measurements were made and the fact that
the theory assumes constant wall temperature.

A large amount of large-scale data are available for parabolic noses
and complete bodies such as the NACA RM-10 missile. For a cone-cylinder
body, however, only recently have large-scale data been obtained at high
Mach numbers. A part of these new data are shown in figure 2. A 15°
conical nose on an 8.5-inch-diameter cylinder was flown to a Mach number
of approximetely 5. The heat-transfer data are presented as a function
of body length for two flight conditions. For M; = 4.5 and R; per

foot of 5.5 X 106, the data on the nose are laminar and agree with theory
(ref. 13); transition occurs shortly after the cone-cylinder juncture

and is spread over a wide region. The data rearward of the transition
region are in agreement with turbulent theory (ref. 14). For M; = 3.0

and Rj per foot of 16.h4 X 106, turbulent heat transfer existed at all

measurement stations and is in good agreement with theory except for the
cylindrical section where the data are lower than the theoretical results.
The theory for this case overestimates the value for the heat transfer.

In view of the interest in blunt noses for radomes and, in particular,
to avoid the high heating rate on the extreme point, a large blunted cone
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has been flight tested to a Mach number of 5. This nose as shown in
figure 3 had a 50° total angle with a base diameter of approximately

18 inches and a nose dismeter one-half this value. Both temperatures
and pressures were measured at the station shown. Figure 3 gives

the measured wall temperature plotted against length from the stagnation
point in inches for M, = 4.84 as the model accelerated to M, = 5.

The Reynolds number based on free-stream conditions was 22.4 X 106 per
foot. The temperature data indicate that transition started at approxi-
mately 2 inches from the stagnation point or at approximately 30° corre-

sponding to Ry = 3 X 106. Converting this transition Reynolds number

to local conditions yields a value of only 0.5 X 106, even though the
local temperature ratio was only 0.48. Measured heat-transfer coeffi-
cients are shown plotted as a function of distance from the stagnation
point. At the stagnation point, the theory of Sibulkin (ref. 15) is in
good agreement with the experiment, whereas for the rearmost station on
the cone the data are approximately 10 percent lower than the theory for
turbulent cones when the theory is based on the distance from the tran-
sition point. It is evident from these data that this nose shape poses
a severe heating problem because of the unexpected early transition.

Canopy

A very important component of the airplane for which the design
requires large-scale heat-transfer data is the canopy. Heat transfer on
a typical flat-faced canopy has been recently measured from a flight
test and is shown in figure 4. The canopy was located 4 feet back of
the nose of a parabolic body 12.5 feet long. The flat windshield was

sweptback 63°. The heat transfer measured at M, = 3.0, R, = 13 X 109
per foot is presented as a function of canopy lengthy also shown as a
dashed curve is heat transfer on the basic body. It can be seen that
the heat transfer on the face of the canopy is more than twice that on
the basic parabolic body. The heat transfer on the rear of the canopy
is considerably less than the corresponding heat transfer on the basic
body. Two-dimensional shock theory was used for the local conditions
on the windshield, and the theory (ref. 14) based on these local condi-
tions is in fair agreement with the heat-transfer measurements. Theo-
retical heat-transfer coefficients calculated for the rear of the canopy
by use of Prandtl-Meyer expansions for the local conditions are some-
what higher than the measurements.

Wing and Controls

Conglderation is next given to the possibilities of computing the
heat transfer on typical wings and controls. Figure 5 shows typlcal
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aerodynamic heat-transfer coefficients obtained on a 60° delta wing of
NACA 65A005 section. The tests were made in a free jet at M, = 2.0

and Reynolds number of 1k X 106 per foot. In order to minimize the
thermal stresses normally encountered in this type of test, the wing
skin was constructed from 0.032-inch Invar, which has a low coefficient
of thermal expansion. The Stanton number is shown plotted against dis-
tance in percent chord for angles of attack of 0°, 3°, and 6°. Turbu-
lent flow is indicated by the heat-transfer data at all stations. The

Reynolds number at the forward station was 5 X 100, The data show that,
for the lower surface, increasing o to 6° caused approximately a
15-percent increase in the heat-transfer coefficient, whereas for the
upper surface the heat-transfer coefficient is approximately 15 percent
lower for o = 3° and approximately 30 percent lower for o = 6°.

In order to indicate the possibility of predicting the heat transfer
from theory, the heat-transfer coefficients on the wing from figure 5
are replotted in figure 6, together with data at o = 9°. These data
are correlated as the ratio of experimental Stanton number to theoretical
Stanton number (ref. 14), where the parameters are based on local condi-
tions in which the length factor is the distance from the leading edge
to the measurement stations. The data are plotted against distance in
percent chord. Perfect agreement with theory is a ratio of 1.0. The
chart shows good correlation at all angles of attack on the lower surface,
whereas on the upper surface good correlation is obtained only at o = 3°.
At o = 6%, the experimental data give a heating rate only 78 percent of
that predicted by theory and at o = 9° the experimental values are
65 percent of the theoretical values. This difference 1s believed to be
due to separation at the higher angles of attack.

Heat transfer to a deflected control surface is presented in fig-
ure 7. The data are for a flap control of the sealed type extending
across the trailing edge of a delta wing. Data were obtained from flight
tests as the model accelerated to M, = 2.7. The model had four wings
in a cruciform arrangement with controls deflected like ailerons. Two
opposing flaps were deflected 10° and the other two were deflected 20°
in a direction to oppose the roll of the first two. As a result, a small
rate of roll remained, which induced an angle of attack at the measuring
station of less than 1°. The Stanton number based on free-stream condi-
tions is plotted against flight Mach number for a midspan station near

the trailing edge. The Reynolds number was approximately 9 X 106 per foot.
The filled-in symbols are for the lower surface and the open symbols for

the upper surface of the flap. The data for the lower surface with the

20° deflection are approximately 4 times those of the upper surface for all
Mach numbers, and 2.5 times those of the upper surface for the 10° deflection.

A comparison with theory at M, = 2.64 and a flap deflection of 10°
is presented in figure 8. Stanton number is plotted against chord length
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for two measurement stations on the flap and one station on the wing
ahead of the flap. The data are in good agreement with theory (ref. 14)
for a deflected plate based on the length from the leading edge of the
wing.

CONCLUDING REMARKS

The heat transfer obtained in supersonic flight tests for a conical
nose, a blunt conical nose, a cone-cylinder body, a flat-faced canopy,
and a deflected flap has been experimentally measured. For a delta wing,
data were obtained in a blowdown-type jet at a Mach number of 2.0 for
various angles of attack.

Early transition was obtained fram the flight test of the 50° blunt
cone at a Mach number of 4.8k and a Reynolds mumber (per foot) of

224 x 100 based on free-stream conditions. Transition from laminar to
turbulent boundary layer occurred at 1.5 inches from the stagnation

point corresponding to a Reynolds number of 0.5 X 106 based.on local
conditions. The theory of Sibulkin for the stagnation-point heat transfer
was in good agreement with the measurements.

The heat-transfer data for the various components investigated were
in good agreement with the predicted heat transfer except for the shel-~
tered surface of the delta wing at angle of attack.

Langley Aeronsutical Laboratory,
National Advisory Committee for Aeronautics,
Langley Field, Va., November 3, 1955.
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AERODYNAMIC HEAT TRANSFER FOR 10° CONE
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HEAT TRANSFER ON A BLUNT 50° CONE NOSE RADIUS
172 BASE RADIUS
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AERODYNAMIC HEAT TRANSFER ON DELTA WING
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Figure 5
AERODYNAMIC HEAT TRANSFER ON DELTA WING
AT ANGLE OF ATTACK
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HEAT TRANFER ON DEFLECTED FLAP
NACA 65A005; Ren/FT 9 %108
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