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ROUGHNESS ON AN OGIVE- CYLINDER BODY 
WITH COLD WALL CONDITIONS 

By Robert J . Carras 

SUMMARY 

The effect of Mach number variation from 1 .8 to 7 .4 on boundary-l ayer 
transition was investigated on a slender fin- stabilized ogive-cylinder 
body in free flight at a constant length Reynolds number of 13 .8 million . 
The wall to free-stream temperature ratio was constant at a value of 1 .0 
below lf~ch number 4.5 and at a value of 1.8 above Mach number 4.5. Results 
of the test showed that increasing Mach number had a very favorable effect 
of increasing the extent of the laminar boundary layer for a given surface 
roughness . The transition data, when plotted as a function of a factor 
indicati ve of heat transfer, showed that heat transfer was possibly respon
sible for a good deal of the increase in transition Reynolds number with 
Mach number . 

Transition was found to Occur farther forward on the sheltered side 
of the body than on the windward side for angles of attack as low as 0 .40 

and for all Mach numbers . The pressure rise along sheltered-side stream
lines was examined and it was found that the pressure-rise coefficient 
at the t r ansition point, showed no var iation with Mach number. Data from 
other sources for different test conditions , when reduced to values of 
pressure- rise coefficient, were also found to correlate well with that of 
the present investigation with the exception of data at low subsonic Mach 
numbers . These present results also show that Mach number, surface rough
ness, pressure rise , and length Reynolds number all affected boundary- layer 
transition in the region of theoretical infinite laminar stability to 
small two- dimensional disturbances as calculated for a flat plate with 
zero pressure gradient. 

INTRODUCTION 

Aerodynamic heating resulting from friction is one of the major pr ob
lems faced by designers of supersoni c vehicles and, as is well known, is 
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very differ ent for laminar and turbulent boundary layers. Therefore, it 
is a primary concern of the designer to know the extent to which t he 
boundar y- layer flow i s l aminar or turbulent so that cooling re~uirement 
cal culations for the vehicle can be made. If the oper ating conditions 
of t he vehicle ar e such that heating i s of little concern, knowledge of 
the extent of laminar flow can nevertheless be important in determining 
the efficiency of flight . 

The theoretical wor k of Lees and Lin (ref . 1 ) and Van Driest (ref. 2 ) 
predicts t hat for small two- di mens i onal disturbances the stability and 
extent of laminar flow will be i ncreased by heat flow from the boundary 
layer to the body . This same analysis shows that on a flat plate with 
zero pressure gradient for Mach numbers between 1 and 9, if the heat trans 
fer i s sufficient , the laminar boundar y layer will be stabilized for all 
values of Reynolds number . Investigations such as those of Scherrer 
(ref . 3) and Czarnecki (ref . 4) have confirmed experimentally the benefi
cial effect of heat transfer t o the body . The experiments of reference 5 
in the pr edicted regime of infinite laminar stability showed that transi
tion will occur i n this regime on roughened surfaces or in the presence 
of adverse pressure gradient . However, the amount of data collected in 
this regime, references 5, 6 , and 7, is thus far rather small, and to the 
author ' s knowledge , is limited t o Mach numbers below 3.7 . 

The pr esent investigation was initiated at the NACA Ames Laboratory 
pri marily t o determine how Mach number affects transition within the pre
dicted regime of infinite laminar stability . Previous wind- tunnel data, 
reference 8, had shown a decrease in transition Reynolds number with ris
ing Mach number for the condition of small heat transfer .~ A limited 
number of observations had been made also of the effect of Mach number 
on transition Reynolds number for the condition of constant wall tempera
ture near stream static temperature . These observations , from the super
sonic free - flight wind tunnel and other sources, showed a strong stabiliz
ing influence on the laminar boundary l ayer of increasing Mach number. 
A purpose of the present test , then , was to investigate systematically 
the effect of Mach number on t r ansition Reynolds number for the condition 
of constant , low wall t o free - str eam temperature r atio . In addition, the 
results obtained provide information on the effect of surface roughness, 
since roughness was varied t o position transition in t he field of view 
on the model and therefore became a necessary part of the investigation . 
As was the case i n reference 5, it was observed that pressure rise was 
also affecting transition position when transition was not controlled by 
roughness . This effect became a part of the investigation and is con
sidered along with the effects of Mach number and surface roughness. 

~Potter (ref . 9) had suggested that the .observed effect of Mach number 
on transition in the Naval Ordnance Laboratory wind tunnels was influenced 
by other factors in addition to Mach number . 
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SYMBOLS 

body diameter, in . 

height of roughness , in . 

body length, in . 

ogive nose length , in . 

Mach number 

local static pressure , Ib/sq ft 

free - stream stati c pressure, lb/sq .ft 

pressure- rise coefficients (difference between the pressure 
coeffici ent at a particular body station and the minimum 
pressure coefficient al ong a streamline) 

critical pressure- rise coefficients (the pressure- rise coef
ficient above which transition due to pressure rise will 
occur) 

free - stream dynamic pressure , Ib/sq ft 

Reynolds number based on free - stream properties and body length 

Reynolds number based on free- stream properties and distance x 

critical free - stream Reynolds number above which the effects 
of small disturbances to the boundary layer are amplified 

instantaneous transition Reynolds number based on free - stream 
properties and length of run of the laminar boundary layer 

arithmetic average of instantaneous transition Reynolds numbers 

free - stream static temperature , OR 

boundary- layer recovery temperature, OR 

temperature of model surface , ~ 

J 
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axi al di s t ance from body nose , in. 

angle of attack , deg 

meridian angle of model measured from the windward side of 
the body, deg 

TEST DESCRIPTION 

In t his i nvest igat i on in the Ames supersonic free - flight wind tunnel 
models were launched from a caliber 50 smooth- bore test gun at velocities 
from 2000 to 5500 feet per second . Some models were fired through still 
air and ot hers wer e fired upstream through the Mach number 2 air stream 
of the wind tunnel . The models , shown in figures 1 and 2 , were fin
stab i lized, ogive- cylinder bodies of f i neness ratio 30 and were made of 
75 ST- 6 alumi num all oy . They were launched from the gun with the aid of 
plasti c sabots shown in f i gure 2 . The models in fli ght passed through a 
gr oup of shadowgraph stations l ocated from 40 to 55 feet from the gun 
muzzle , providing four shadowgraph pictures in the horizontal plane and 
three in the vert ical plane . The r eader will find a mor e detailed descrip
tion of the fac i lity and techni ques in reference 10 . 

For t he most part the model surfaces tested were continuous screw 
threads of desir ed depth starti ng at approximately 0 .05 inch from the tip 
and extending to the stabi l i zi ng fins . This type of roughness was selected 
because i t could be control led very well and could be repeated from one 
model to another . Out of a t ot al of 26 models , 4 were finished with a 
controll ed sandblast operation whi ch produced a three- di mens i onal- t ype 
surface r oughness . The sand dri ven against the model surface by the blast 
of a ir caused t he metal to flow up and f orm minute craters and in some 
cases the sand was actuall y imbedded in the surface . The surface was 
cover ed by an average of 3500 cr aters per square inch and the height above 
the f r ee surface varied f r om 0 t o 0 .001 inch . The first 0.05 inch of 
each model t i p was hand- pol i shed to insure that it would be smooth, sym
metrical , and the same for all models . The model surface conditions were 
examined very car efully and recor ded by use of a metall urgical microscope 
up to a magni ficat i on of 550x . Typi cal photomicrographs of a nose- tip 
prOfi le , screw- thread pr Ofi le , and l i ne- shadow profile2 are shown in 
figure 3 . ~hese types of photographs were used to record the model tip 
and screw- t hread· condition . 

The tests wer e conducted i n a range of Mach numbers from 1 .8 to 7 . 4 
at a nomi nall y const ant Reynolds number per inch of 2.3 milli on . The 

2The line- shadow pr ofile i n t h i s case was a shadow of a fine straight 
wire cast obliquely on a surface for the purpose of examining the profi le 
of that surface. The bas i c pri nciple was devi sed by Schmalz , refer ence 11 . 

1 
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pressure in the test chamber was varied from 0.4 to 2 atmospheres abso
lute t o .maintain a constant test Reynolds number. In the range of Mach 
numbers from 1.8 to 4.5 for which the air in the test section was still 
(hereinafter designated air-off), the wall to free-stream temperature 
ratio was 1.0. At test Mach numbers from 4.5 to 7.4, models were launched 
through the wind-tunnel a ir stream (hereinafter designated air-on). The 
wall to free-stream temperature ratio in this case was 1.8. The relation
ship of these temperature ratios t o those theoretically required for 
infinite laminar stability to small two-dimensional disturbances on a 
flat plate with zero pressure gradient is shown in figure 4. A calcula
tion was made, which was similar t o that described in the appendix of 
reference 5, to see what the wall to free-stream temperature ratio was 
at the very tip of the model. This calculation showed that the first few 
hundredths of an inch of the model tip had a wall temperature ratio of 
from 1.0 to 2.9. Since this temperature rise was confined t o the very tip 
of the model, it was believed to have a negligible effect on transition. 

The stream turbulence in the test chamber for air-off testing was 
zero since there was no movement of the air in this case. Stream turbu
lence was present in the case of the air-on testing, but no measurements 
of its magnitude are available. The effect of this turbulence on the 
data will be discussed under "Results and Discussion." 

DATA REDUCTION 

Transition to turbulent flow was determined from the shadowgraph 
pictures by the appearance of eddies in the boundary layer which oblit
erate the diffraction line associated with a thin laminar boundary layer 
and by the appearance of Mach lines in the flow field adjacent to the 
turbulent boundary layer. An example shadowgraph record with transition 
position located as explained is shown in figure 5. Evidence that transi
tion position as determined optically agrees with transition position 
determined by such means as a probe has been shown by a number of investi
gators (see, e.g., ref. 12). Each shadowgraph picture provided a position 
of transition on the windward and sheltered sides of the body and an angle 
of attack. A total of 14 observations of the transition location were 
therefore .made for each model flight as well as a record of the model 
pitching history. 

Transition Induced by Roughness 

When surface roughness was sufficient to control transition position, 
the 14 observations for a single model flight showed unsteady movements 
of the transition point over a range of Reynolds numbers of from 1 to 3 
million in extent and were reduced to a single value of transition Rey
nolds number in the following .manner. 
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The percentage of obser vations in which a given bodF station was 
found to be turbulent was noted and plotted as in figure 6. At the body 
stati on where the Reynolds number was 6 million, 5 out of a t otal of 14 
observations showed turbulent flow , indicating that this body station 
was turbulent approximately 36 percent of the time . The boundary layer 
was fully laminar t o a Reynolds number of 4 million, transitional from 
4 to 8 million , and fully turbulent beyond 8 million . For the purpose 
of comparing in a simple manner the transition l ocation of the separate 
models, a single value of transi tion Reynolds number was assigned t o 
each. The station a t which the boundar y layer was turbulent 50 percent 
of the time was selected as the l ocation of transition. 

Transition Induced by Angle of Attack 

When surface r oughness was not sufficient t o control transition i n 
itself , angle of attack did influence the position and the data were 
reduced t o determine the value of transition Reynolds number at zer o angle 
of att ack in the following manner. The transition observations wer e sepa
rated into windward- and sheltered- side data and plotted against angle 
of attack as in figure 7 . Represent ative data presented in t hi s f i gure 
show more of a spread i n windward- and sheltered-side transition as the 
angle of attack was increased . The angles of attack used here were the 
resultant angles with r espect to the wind direction and were determined 
f r om the shadowgr aph pi ctures in the horizontal and vertical planes . As 
can be seen from the figure , the transition Reynolds number for a = 00 

can be well defined by extrapolation of observations at a f 00
, for both 

the windwar d and sheltered sides of the body. 

RESULTS AND DISCUSSION 

The effects of Mach number, surface r oughness , and pressure rise on 
transition Reynolds number which were obser ved i n this test ar e presented 
and di scussed in the following sections. 

Effects of Mach Number and Surface Roughness 

The experimental r esults of the effect of Mach number on transition 
Reynolds number for severai surfaces of controlled roughness height are 
presented in figure 8 . The Mach number range extends from 1.8 to 7.4 and 
the Reynolds number per inch was mai nt ained nomi nall y constant at 2 .3xl06 . 

A large variation in transition Reynolds number was observed as the Mach 
number was increased at constant wall to free-stream temperature ratiO, 
as can be seen from an examination of the result obtained for the models 

_._-) 
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with 0 .0004-inch-depth screw-thread surfaces . A change in Mach number 
from 1.9 to 3.4 resulted in a change in transition Reynolds number from 
1 million to 12 million . 

7 

Beyond a Mach number of 3 . 4 it was necessary to increase the rough
ness height in order that transition would be moved forward on the body 
into the region of observation. A 0.0007-inch thread was tried and found 
to produce the result shown . As the Mach number was increased from 4 .5 
to 5.2, there was a marked rearward movement of transition similar to 
that observed with the 0 .0004-inch thread at the lower Mach numbers. 
Above a Mach number of 5.2 the curve is dashed to indicate uncertain 
fairing since the transition point was off the body at M = 6 .8 and was 
not clearly defined at M = 6 . 4. These data indicate a possibility that 
transition Reynolds number may not increase indefinitely with Mach number . 
More experimental work is necessary to clear up this point . Below a Mach 
number of 4 . 5 transition occurred in the region of the ogive-nose of the 
body and the slope of the curve changed as shown. Mach number still had 
an effect on transition but it was much less than when transition occurred 
back on the cylindrical part of the body. A value for RT was obtained 
from reference 5 for an intermediate value of surface roughness, a 0 .0005-
inch screw thread, and was found to fall as would be expected at an inter
mediate location between the curve for the O.0004- inch thread and the 
curve for the 0.0007-inch thread . 

For the Mach numbers above 5 it was evident that a rougher (deeper) 
screw thread would be necessary to move transition into the field of 
observation on the model. The first to be tried was a O.OOlO- inch thread 
at a Mach number of 5 which gave a value of RT beyond the limit of obser
vation . The second attempt was made with a 0.0020-inch thread at a Mach 
number of 6 .5 which gave a value of RT on the ogive . The desired depth 
thread was evidently somewhere between . Thus a 0.0015-inch thread was 
tried which produced the result shown in the figure. At Mach numbers 
above 5, the slope of the curve is somewhat less than with the finer 
screw threads at lower Mach numbers , but the effect of increasing Mach 
number is still large . It is interesting to note from the curves for the 
various screw threads that as Mach number is increased from 2 .7 to 5 . 3 
it was necessary to increase the screw- thread depth considerably, from 
0 .0004 inch to 0.0015 inch, in order to keep transition at a constant 
value of RT of 7.4 million. 

In the course of the investigation it was wondered if the effect of 
M on RT being observed could possibly be influenced by the type of 
surface roughness used to control transition. For this reason a three
dimensional type roughness (sandblasted surface described earlier) was 
tested in the Mach number range shown. The slope of the curve is similar 
to the 0.0015-inch-thread curve, thus indicating that the effect of Mach 
number on RT being observed was not confined to the screw- thread sur
faces . It is also interesting to note that although the sandblasted 
surface had projections of less height (in the order of 0 .001 inch .maximum) 
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than di d the 0 .0015- i nch thread, it gave a lower value of ~ for the 
same Mach number than did the scr ew thread . This would indicate that a 
three- dimens i onal r andom type of surface roughness is more damaging to 
a laminar boundar y layer than a two- dimensional regular type of surface 
r oughness of about the same height . 

In figure 8 , data are presented for two basically different condi
tions of testing , that is , for air off and for air on . Connected with 
the air- off conditions are zer o air- str eam turbulence and a temperature 
ratio , TwITo , of 1 .0 . In the a i r - on test s the air stream is turbulent 
and the temperature ratio is 1 .8 . Let us first consider air-stream tur
bulence . In the case of the a i r - off testing there was no turbulence. 
In the air- on case, however, there was without doubt some turbulence 
present in the a ir stream and one would expect this t o affect transition, 
if at all , in such a manner as to pr oduce earlier transition. It was 
believed that , while the turbulence for the tunnel was not known, the 
value of the fluctuating velocity of the air stream would be small com
pared to the resultant velocity of the model through the air . For this 
r eas on and because the transition data of figure 8 (for the 0.0007- inch 
scr ew thread) did not show a decrease in RT from the air- off to the 
air- on conditions, it can be assumed for all practical purposes that 
transition was not seriousl y affected by the air-stream turbulence . Fur
thermore , increasing the temperature ratio from 1 .0 air off to 1.8 air on 
would be expected to cause transition to occur a t a l ower value of Reynolds 
number . In a change of test conditi ons from air off to air on, both air
s tream turbulence and increased temperature r atio act in such a manner 
as t o cause transition t o occur earlier on the body and since no such 
case of earlier transition was obser ved in the data of figure 8, it was 
concluded that the effect of these two variables was small and over
shadowed by other effects in the present tests. 

For the transition results discussed above, hea t transfer from the 
boundary layer t o the model increa sed with increasing Mach number r oughly 
i n pr oportion to the temperature- difference r atios shown in fi gure 9 . 
When the transition data of figure 8 are plotted a gainst the temperature
di fference rati os (fig . 10), the result shows a favor able effect of cool
i ng on increasing transition Reynolds number. This result agrees with 
earlier findings of other investigat ors (see, e.g ., refs. 4 and 1 3) on 
t he effect of cooling on RT a t constant Mach number . The similarity 
obs erved in these results suggests that increa sing boundary-layer cooling 
i s one f a ctor (perhaps the principle factor) causing the increa se in RT 
with increasing Mach number . As r oughness is increased, an increa sed 
amount of cooling is required, but if sufficient cooling is applied, 
transition is f orestalled on even the r oughest models tested . Other 
factors known t o influence transition and that vary with Mach number are 
pressure gradient, boundary- l ayer thickness, a nd bounda r y- l ayer profile. 
To what extent these factors contribute t o the favor able effect of increas
i ng Mach number on transition Reynolds number can not be determined from 
the present tests . 
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Effects of Pressure Ri se 

The influence of angle of attack on trans ition was present on several 
of the models tested. The l ocation of transition on the windward and 
sheltered sides of the body was different and the variation of transition 
on the sheltered side with ~ was interpreted, as in reference 5, t o be 
a result of pressure rise due to angle of attack . The authors of refer
ence 5 were able to define the variation of transition Reynolds number 
with angle of attack to a much better degree than in the present inyesti
gation since all of their data were collected at one Mach number. The 
scope of the present test was such as to obtain data over a wide range 
of Mach numbers and thus the variation of RT with ~ was not as well 
defined for anyone Mach number. However, an increased sensitivity of 
the transition location to angle of attack for angles less than approxi
mately 1 0 did appear to be present at the higher V~ch numbers of the 
present test, as indicated in figure 11. This figure shows data fro.m the 
present test in the Mach number range from 5 to 7 and also shows data of 
reference 5 reproduced for comparison . The data of figure 11 show the 
increased sensitivity to angle of attack in that the minimum angle of 
attack for differences between windward and sheltered transition location 
was reduced in the present investigation. This increased sensitivity to 
angle of attack was deemed to be of interest and importance because it 
represented an adverse effect of increasing Mach number. It was this 
observation which led to the attempted correlation of critical- pres sure
rise coefficient with Mach number . 

The pressure-rise coefficients, 6P/~, associated with these observa
tions were computed by a method similar to than described in reference 5 
and is reviewed briefly here for the convenience of the reader . The axial 
pressures were obtained from reference 1 4 and the crossflow pressures 
were obtained by use of slender-body theory as in reference 15 . The 
streamline paths used were obtained from the method of reference 16 in 
which it was assumed that the incompressible distribution of cr ossflow 
velocity around the cylinder applies and that the axial velocity co.m
ponent is the same as for ~ = 0° . The calculation was made for several 
streamlines for angles of attack of 1°, 2°, and 3° and the result for 
~ = 2°, M = 6.8 is shown in figure 12. One would expect transition to 
first occur in the streamline having the maximum pressure rise for that 
body station.s Therefore, these values of 6P/~ were used for corres
ponding transition locations. For example, if transition occurred at a 
body station of X = 2.2 inches, the corresponding value of pressure rise 
would be 0 .0061, the .maximum value at that body station. This maximum 
value of 6P/~ for the example occurs on the streamline intersecting 
the nose- cylinJer juncture at e = 107° or 17° above the side of the body . 

SFor information on the variation of sheltered-side transition with 
meridian angle, see reference 5. 
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The sheltered- side transition data were reduced to ~p/~ by this pro
cedure and were plot ted versus Mach number as shown in figure 13. 

The data of the present test pl otted in figure 13 show no systematic 
correlation of RT with ~p/~ . This result is not consistent with fig
ure 22 (a ) of reference 5 which showed, at M = 3 .5, a dependence of 
pressure-rise coefficient on transition Reynolds number . The reason for 
thi s disagreement is not clear . It may be due to the small number of 
observations at each Mach number and the small Reynolds number range4 of 
the present data which would tend to emphasize the effects of experimental 
scatter and unsteadiness of the transition point . Further experimental 
wor k is evidently required , then, to determine the dependence of pressure
rise coefficient on RT . What is evident from the present correlation 
is that Mach number has an important influence on the pressure-rise coef
fic ient ~p/~ and, therefore , that the correlation of data for various 
Mach numbers attempted in reference 5 on the basis of Reynolds number 
alone could not succeed . 

After the trend of ~p/~ with Mach number was observed in this 
figure, it was believed that possibly the parameter ~p/po would be a 
bet ter one to use Since , in the former quantity, ~p/~ , ~ has a depend
ency on Mach number . When the transition data were transposed to values 
of ~p/po and plotted in figure 14, the correlation showed no dependence 
on Mach number within the scatter of the data . The figure shows the 
values of ~p/po to range from 0 .135 to 0.215 with a mean value of 0.175. 
Indications are that pressure- rise transition will occur at approximately 
this mean value for all of the Mach numbers investigated. The data pre
sented include a change in temperature ratiO, Tw/To, of from 1.0 at 
M = 3 .5 to 1 .8 at M = 5 and 6 .8. No effect of this change in temperature 
ratio was observed . 

To check the effect of pressure- rise transition without the influence 
of crossfl ow pressure rise due to angle of attack, a polished cone
cylinder body with an axial pressure- rise sufficient to cause transition 
at ~ = 0 was launched at M = 5 . Transition due t o pressure rise at 
~ = 0 did occur, as would be predicted from figure 14, at the body station 
where ~p/po was 0 .17 . The data poi nt obtained from this test is included 
on the figure . 

Data of other investigations were reduced to see if the correlation 
would hold true for the l ower Mach numbers and for other configurations. 
The data were obtained on NACA airfoils (ref. 17), on a monoplane wing 
(ref . 18), on an ogive- cylinder and cone- cylinder (ref. 19), and on a 
cone- cylinder (ref . 9). Theoretical pressure distributions were used in 

~he transition Reynolds number range of reference 5, figure 22(a), 
was from 4.5 million to llmillionj whereas in figure 13 of the present 
report the r ange is from 4 million to 7 million . 
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determining the pressure-rise coefficients in the cases where no experi
mental distributions were available. Theoretical pressure distributions 
were obtained from characteristics solutions for the ogive- cylinder shapes 
(ref. 14) and for the cone-cylinder shapes (ref. 20) . Several sources 
were investigated to determine if in the experimental case the boundary
layer effects at the cone- cylinder juncture might alter the nature of the 
expansion at that point. The very little amount of pressure- distributi on 
data that was found to include the region very near the cone- cylinder 
junction showed that the flow did not expand at the corner to as low a 
pressure as predicted by theory. This difference between the experimental 
and theoretical pressure coefficients at the cOrner was found to be close 
to an average of 20 percent . This value of 20 percent was used to reduce 
the theoretical pressure coefficients at the COrner for the cone-cylinder 
bodies since it was the best information available. All of these data 
from other investigations except for the subsonic data correlate well and 
have very nearly the same value of 6PjPo for pressure-rise transition 
as the data of the present test. 

When transition is predominately controlled by roughness, vibration, 
air- stream turbulence, etc. , correlation with figure 14 should not be 
expected . In addition, all of the data of figure 14 were obtained for 
cases where the boundary-layer thickness development did not depart radi
call y from that for a flat plate. Caution should be applied, therefore, 
in using this correlation on shapes when the boundary-layer thickness 
changes rapidly and extensively, as on boattailed bodies or flared bodies 
or when other conditions vary considerably from those of the present test. 

It i s interesting to note that as Mach number increases, the pres
sure rise to cause transition takes on increasing relative importance 
since surface roughness is becoming less important. That is to say, when 
long laminar runs are desired, smoothness is more important than pressure 
rise at the low Mach numbers, but as Mach number increases, surface smooth
ness becomes less important and pressure rise is of more concern. 

Long Laminar Runs 

Aside from the original plan of the investigation, since increaSing 
Mach number showed such a favor able effect on increasing the length of 
laminar run, two models polished with fine emery paper were launched in 
an attempt to obtain a high value of transition Reynolds number . Both 
rounds were launched at M = 7, the first at the maximum length Reynolds 
number available, 36 million , and the second at 22 .8 million. The static 
pressure in the wind tunnel was varied to obtain this change in length 
Reynolds number. The first round gave a value of 15 million for RT' 
The second test made at the lower Reynolds number gave a value of 11.6 
million for RT' These laminar runs, while fairly long, were not as 
great as had been expected. However, the test conditions were such as to 
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produce a very thin laminar boundary layer, order of a few thousandths 
of an inch thick) and this imposes very stringent requirements on surface 
smoothness . For t ests at larger scale and consequently with thicker 
boundary layers ) the surface would not have to be as smooth as in the 
present case) and quite possibl y higher values of transition Reynolds 
number might be attained . 

Examination of the two results di scussed i n this section show that 
RT increases with increasing length Reynolds number. This same trend 
was observed by Brinich, reference 21 , and observed earlier by Witt in 
some data obtained in the NOL Pressurized Ballistics Range reported in 
reference 9. However, it is interesting to note that some data presented 
in reference 5 for models with a rough screw- thread surface showed a 
decrease in RT as length Reynolds number was increased. This difference 
may be attributable to the difference i n the degree of surface roughness. 

CONCLUSIONS 

Boundary- layer- transition data have been presented from free - flight 
tests of a slender body of revoluti on at Mach numbers from 1.8 to 7.4 and 
a constant length Reynolds number of 13.8 million . The wall to free-stream 
temperature ratiO was constant a t two levels, 1.0 and 1.8, and, therefore, 
the temperature difference ratio (which is indicative of heat transfer), 
varied with Mach number. Conclusions derived from this investigation are 
summarized below: 

1. For the conditions described above, the laminar boundary layer 
extended to higher Reynolds numbers as Mach number was increased. 

2 . As the depth of surface r oughness was increased, the Reynolds 
number of transiti on decreased, but the depth of roughness did not, in 
general, alter the influence of Mach number on transition. 

3. The transition data, plotted against a boundary-layer cooling 
factor (which was a function of M), is in accord with earlier findings 
of other investigators on the effect of cooling on boundary-layer transi
tion at constant Mach number. How much of the favorable effect of increas
ing Mach number can be attributed to boundary-layer cooling and how much 
t o other factors such as pressure gr adient, boundary-layer thickness, 
and boundary-layer profile· could not be determined. 

4. For the range of conditions of this investigation and others 
reported in the text , essentially the same value of pressure-rise coef
ficient caused transition at all supersonic Mach numbers. 

5. For the slender body of revolution of the present test, it was 
observed that pressure rise became increasingly important in causing 
transition as Mach number was increased. 

J 
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6 . The highest transition Reynolds number attained in the present 
test at a Mach number of 7 and for a thin boundary layer was 15 million 
and was obtained on a model polished with fine emery paper. 

7 . The parameters of this investigati on , namely, Mach number, 
surface roughness , pressure rise, and Reynolds number, were found to 
influence transition in the Lees - Van Driest region of predicted infini te 
laminar stability t o small two- dimensional disturbances. 

Ames Aeronautical Laboratory 
National Advisory Committee For Aeronautics 

Moffett Field, Calif. , Feb . 15, 1956 
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(0) Nose tip profile; 200 x. 

o 

(b) S c r e w - t h reo d pro f i Ie; h = 0.00 I 5 inc h; 100 x. 

A-21149 

(c) Line-shadow profile; h = 0.0007 inch; 550 x. 

Figure 3.- Typica I photomicrographs. 
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(c) Transition in boundary layer; emery-polished surface; 
a = 0.2°; M = 6.8; Rt = 22.6 million. 

Figure 5.- Concluded. 
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