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EFFECT OF FREQUENCY OF SIDESLIPPING MOTION ON THE 

LATERAL STABILITY DERIVATIVES OF A TYPICAL 

DELTA- WING AIRPLANE 

By Jacob H. Lichtenstein and James L. Williams 

SUMMARY 

An investigation has been made in the Langley stability tunnel at 
low speeds to determine the effect of frequency of sideslipping motion 
on the lateral stability derivatives of a 600 delta-wing airplane 
configuration. 

The results of the investigation have shown that, for either the 
wing alone, the wing- fuselage combination, or the wing--fuselage--vertical
tail combination, changes in the frequency of oscillation generally had 
only minor effects on the stability derivatives at low angles of attack, 
with the exception of the yawing-moment derivatives of the wing--fuselage-
vertical-tail configuration which exhibited a considerable effect of fre
quency. At the high angles of attack the magnitude of all the stability 
derivatives measured underwent very large changes as a result of the 
oscillatory motion. 

It was also found that for the wing-alone configuration the leading
edge radius had a very pronounced bearing on the effects due to the oscil
latory motion . Decreasing the leading- edge radius, for instance, con
siderably increased the magnitude of the effects due to changes in 
frequency . 

The use of the oscillatory stability derivatives in calculating the 
period and time to damp to one-half amplitude, instead of the use of the 
steady-state derivatives, res ulted in an increase in the indicated damping 
and stability for high angles of attack. It did, however, increase the 
time to damp somewhat at low angles. 

) 
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INTRODUCTION 

Recent developments have shown that stability derivatives obtained 
from oscillation tests can be considerably different from those obtained 
by steady-flow tests for some angle-of-attack and Mach number ranges 
(refs. 1, 2, and 3) and that these differences can be quite important in 
the calculation of the stability and motions of an airplane (ref. 4). It 
was also found that the magnitude of these measured oscillatory derivatives 
depended to a large extent upon the frequency and amplitude of the oscil
latory motion (ref. 5). 

A common and widely used oscillation technique is one wherein the 
model is simply oscillated about a fixed vertical (Z) axis relative to the 
model. These tests are commonly called oscillation-in-yaw tests, and 
yield a derivative that is a combination of two terms; for example, the 
damping term consists of the damping in yaw Cnr and an acceleration-

in-sideslip term Cn~ in the combination Cny - Cn~. However, in the 
equations used for calculating the airplane motion, these two derivatives 
are needed separately. Techniques have recently been developed at the 
Langley stability tunnel which will permit the measurement of the yaw and 
sideslip terms independently. OSCillatory tests in pure yawing, as 
described in reference 6, involve a snaking motion in which there is no 
sideslip, and OSCillatory tests in pure sideslip involve a side-to-side 
motion in which there is no rotation (ref. 3). 

Presented in this paper is a low-speed investigation of pure side
slipping motion on a 600 delta wing alone and in combination with a 
fuselage and vertical tail. The range of reduced frequencies of oscil
lation varied from 0.066 to 0.218 at a maximum amplitude of sideslip 
of ±2°, and the angle of attack varied from 00 to 320. For comparison 
with the wing which had an NACA 6.5A003 airfoil section, a flat-plate 600 

delta wing also was tested in sideslipping motion. In addition to the 
sideslipping tests some results are reported for oscillation-in-yaw 
tests (e.g., Cnr - Cn~ derivative) for both of the wings. Computations 

of the period and time to damp to one-half amplitude were made using the 
measured oscillation sideslip data. These computations were made for a 
typical delta-wing airplane. 

SYMBOlS 

The data are presented in the form of standard NACA coefficients of 
forces and moments which are referred to the stability system of axes 
with the origin at the projection on the plane of symmetry of the quarter
chord point of the mean aerodynamic chord. The positive direction of 
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forces , moments, angular displacements, and velocities are shown in 
figure 1. The coefficients and symbols used are defined as follows: 
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qSw 

rolling-moment coefficient, 

yawing-moment coefficient, 

pitching- moment coefficient, 

Mx/qSwbw 

Mz/ qSwbw 
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rolling moment, ft -lb 

yawing moment, ft - lb 

pitching moment, ft -lb 

dynamic pressure , ~py2 , lb/sq ft 

mass density of air, slugs/cu ft 

free - stream velocity, ft/sec 

area, sq ft 

span, ft 

chord, ft 

l
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mean aerodynamic chord, g c2 
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distance from origin of axis to c/4 of tail, ft 
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maximum sidewise displacement, ft 

velocity along the Y-axis, dy 
dt' rt/sec 

accel eration along the Y- axis, 
dy 
dt ' ft/sec 2 

angle of attack with respect to wing chord plane, deg 

-1 v angle of sideslip, tan V' radians unless otherwise specified 

v radians/sec 
V 

angular velocity, 2rr:f, radians/sec 

angl e of yaw, radians 

mass unbalance about mounting point, slug- ft 2 

frequency, cps 

time, sec 

reduced frequency parameter 

sideslipping- acceleration parameter referred to semispan of wing 

yawing-velocity parameter referred to semispan of wing 

rolling-velocity parameter referred to semispan of wing 

yawing velocity, ~ radians/sec 
dt ' 

yawing acceleration, d2¥ radians/sec2 
dt2' 

rolling angular velocity, radians/sec 

- -----.~~= J 
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Cy 
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Cy 
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d(~) p 

P period of oscillation, sec 

Tl / 2 time to damp to one- half amplitude , 

time to double amplitude, 0.693 ~b 
-V-V-' 
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-0.623 ~ sec 
A I V ' 

sec 

AI nondimensional root of l ateral- stability- characteristic e~uation 
( ref . 7) 

airplane r elative dens ity, 
w 

gpSb 

W airplane weight , lb 

g acceler ation due to gravity, ft/sec 2 

Mzy = ~ 
?Jj 

Mzy = &1z 
dY 

MX" 
dMX 

= -
Y ?fj 

CMX 
Mxy = dY 

Subscripts : 

v vertical tail 

w wing 

ill oscillatory 

- -- ---------- - -
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MODELS AND APPARATUS 

Models 

The model used in the maj ority of the tests of this investigation 
i s shown in figure 2 and pertinent geometric information is given in 
tables I and II. The configurati on is, in general, fairly typical of a 
de l ta-wing airplane ; the wing had an aspect ratio of 2.31, a 600 swept
back l eading edge, and an NACA 65A003 airfoil section. The fuselage was 
a body of revol ution poi nted at the nose and blunt at the rear to simulate 
a j et configuration . The ver t i cal tail was triangular, of aspect 
ratio 2 . l8) and had a leading- edge sweepback of 42.50 and an NACA 65-006 
air foil section . A photograph of the complete model mounted in the 6- by 
6-foot test section of the Langley stability tunnel is shown in figure 3 . 

The model had separable wing, fuselage, and tail surfaces in order 
to faci litate testing of the model as a whole and as components. The 
components were made of bal sa wood covered with a thin l~er of fiber 
glass in order to minimize the mass and make t he natural frequency of the 
model on its mounting as high as possible. An attempt was made to bal
ance the model in pitch, roll, and yaw in order to decrease the out-of
balance moments . 

Some tests were made with another wing which had the same plan form 
as the basic wing but had a flat -plate airfoil sect ion with a thickness 
ratio of 2.4 percent based on the chord and rounded leading edge with a 
radius of one-half the thickness. The trailing edge was beveled to give 
a 100 trailing- edge angle . 

Apparatus 

The apparatus used in this investigation for oscillation in side
slip is similar to that used in reference 3, except that the oscillatory 
motion of the apparatus was forced at a constant amplitude for these 
tests and the oscillatory motion was free to damp in the tests of 
reference 3. The oscillating portion of this apparatus (oscillating 
support strut) shown in figures 4(a) and (b) consisted of a 9-foot 
length of streamlined steel tubing which spanned the tunnel jet and 
extended through the walls of the 6- by 6-foot test section of the 
Langley stability tunnel. The ends of this streamlined strut were sup
ported by triangular- shaped swinging arms, which were pivoted and sup
ported by rigid tunnel structural members. The oscillating motion was 
imparted to the strut by the push rod which had one end pinned to the 
strut and the other end mounted off center on the rotating flywheel 
(fig. 4(b)). The location of the push-rod attachment at the flywheel 
could be changed so that the amplitude of the motion could be adjusted 
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to give the desired sideslipping velocity for a given frequency. The 
off-center mass of the attachment was balanced by a lead weight mounted 
on the f~heel. The inertia of the f~heel was made large in order to 
reduce, as much as practical, the fluctuations in circular velocity that 
occur during a cycle. The f~heel was driven by a l-horsepower direct
current motor through a gear drive sys tem with a reduction ratio of 6 to 1 
(fig. 4(c)). The frequency of the oscillation was controlled by varying 
the voltage to the drive motor. 

A pure lateral oscillatory motion cannot be obtained with such an 
apparatus ; however, by using a swinging-arm radius of 45 inches, the 
streamwise motion of the model can be considered negligible (about 3/4 
of 1 percent of free - stream velocity). A sketch depicting typical 
motion of the model i s given in figure 5. Because of the eccentricity of 
the crank arm, the resulting motion i s not a true sinusoidal motion. The 
distortion varies from zero at the ends of the motion to a maximum at the 
center of the motion . The data- reduction system (ref. 6) was such that 
the error at the maximum distortion was less than 1 percent for the worst 
case and the average error over an entire cycle was considered to be 
negligible. 

The model was raised above the horizontal strut in order to reduce 
the interference of the strut on the model (fig. 3). The rolling and 
yawing moments were measured by a two - component strain gage located at 
the desired center of gravity of the model. The output from the strain 
gage was fed to a data- reduction system which permitted readings of the 
in-phase and out- of-phase portions of the total moment on a meter. This 
data-reduction system is described in detail in the appendix of refer
ence 6 and therefore will not be described herein. 

The apparatus used for the oscillation-in-yaw tests was the same as 
that described in reference 5. The data-reduction equipment was the same 
as that used for the oscillation-in- sideslip tests. For the steady-state 
tests the conventional six- component mechanical balance system was used 
with the models mounted on a single strut support. 

TESTS AND CORRECTIONS 

Tests 

The tests were conducted in the 6- by 6-foot test section of the 
Langley stability tunnel at a dynamic pressure of 24 . 9 pounds per square 
foot. This corresponds to a Mach number of 0.13 and a Reynolds number 

of about 1.6 X 106 based upon the mean aerodynamic chord of the wing. 

,. 
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The oscillation-in-sideslip tests were made for three basic model 
.confi gurations, the NACA 65A003 airfoil wing, the wing-fuselage combina
tion, the wing--fuselage--vertical-tail combination. The angle-of-attack 
~ange was varied from 00 to 320 (00 to 160 in 40 increments and 160 to 320 
in 20 increments). The basic model configurat ions were tested at one 
amplitude of sideslipping oscillation, ±2° for four frequenc ies (1, 1.65, 
2.00, and 3.31 cycles per second) which corresponds to reduced frequency 

parameters ~~ of 0.066, 0.109, 0.132, and 0.218, respective~. 

Some additional tests were made on a flat-plate wing. This wing 
was t ested at the same amplitude of oscillation (±20) and angle-of-attack 
range (00 to 320 ) but at on~ two frequencies, 1 and 3.31 cycles per 
second. 

The oscillation-in-yaw tests were made on~ with the NACA 65A003 
airfoil wing at an amplitude of oscillat ion of ±2° and at the same four 
frequencies as the oscillat ion-in-sideslip tests. The angle-of-attack 
range also was from 00 to 320. 

The s tatic tests were made through the same angle-of-attack range 
(00 to 320) at ~ = 00 for lift, drag, and pitchi ng moment and at 
~ = ±5° for the Cy~, Cn~' and Cl~ terms. At several critical angles 

of attack the sideslip was ·varied from _100 to 100 in 20 increments in 
order t o insure that the variation of t he lateral stability derivatives 
was close enough to being linear to satisfactori~ permit the use of 
tests at ±5° to obtain the static derivatives. 

Corrections 

Jet -b oundary corrections to angle of attack and drag coefficient 
have been determined by the method of reference 8 and are based upon the 
data obtained from the s tatic sideslip tests at ~ = 00; these correc
tions have been applied to the steady-state results. No boundary correc
tions were applied to the oscillation derivatives because they were 
believed to be small (ref. 9 ). Blockage corrections determined by the 
methods presented in reference 10 have been applied to the dynamic pres
sure and drag. The dynamic data were corrected for the effects of a 
variation in angularity of the airstream as the model oscillated from 
side to side in the tes t section. A correct ion also was applied to the 
wind-off oscillation readings for the s till-air aerodynamic effect on the 
model . This correction was obtained by first oscillating the model in 
free air and t hen complete~ enclosing the model and strain gage in a 
wooden box to shield i t from the air. (See fig. 6.) The resonance 
effect discussed i n reference 11 becomes important on~ for the fre
quencies considered at Mach numbers near unity and, therefore, requires 
no consideration for the present investigation. The data have not been 
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corrected for turbulence or support- strut interference) although the 
latter m~ be sizeable at the higher angles of attack. 

REDUCTION OF DATA 

The equations of motion for a model performing a forced sinusoidal 
oscillation in sideslip for the yawing moment is 

IZY = MzyY + MzyY + A sin mt + B cos mt ( 1) 

and for the rolling moment is 

IxY = MxyY + MxyY + C sin mt + D cos mt (2) 

where A and C are the maxi mum in-phase yawing and rolling moments ) respec
tive~ ) and B and D are the corresponding out-of-phase moments supplied 
by the strain gage . The terms IZ and IX are used to represent any 

unbalance of the model about the mounting point that m~ exist; I Z is 

proportional to t he mass and t he dis tance that the center of gravity of 
the mass is forward or rearward of the mounting point) and IX is pro-

portional to the mass and the distance of the mass center of gravity 
above or below the mounting point. These terms should be small since 
i t was attempted to balance the model about the mounting point. The 
equations for the displacement) velocity) and acceleration along the 
Y- axis are given approximate~ by : 

y = Yo sin mt 

y = Yom cos mt 

.. _YdfJ2 sin mt y = 

and the resul ting expression for the sideslip angle ~ is: 

yom cos mt 
~ = ---

V 

Substi tuting equations (3) and (4) into equations (1) and (2), 
separating the moments that are in phase and out of phase with the motion, 
and nondi mentionalizing give the following expressions: 
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-D 
Cz -

13 - 3{pVSwbwYof (6) 

4/z A 
-......::;:-+ 
PbW

2Bw 3{2PSwbw2yof2 

4/X C 
C Z ~ = 2 + --=--~-,::-~ 

p pbw Bw 3{2pSwbw 2y of2 
(8) 

Measurements of the moments A, B, C, and D were made with the wind 
on and off . The wind- off results, wherein the aerodynamic derivatives 
are zero, measured the IZ and IX terms and any other deviation from 
zero that may be present. The aerodynamic derivatives therefore were the 
differences between the wind-on and wind-off results. 

PRESENTATION OF RESULTS 

The measured data presented herein are divided into three general 
groups : (1) the static data for which the longitudinal data are given 
in figure 7 and the lateral data in figure 8, (2) the oscillation-in
sideslip data for which the aerodynamic derivatives are plotted against 
angle of attack in figure 9 and against frequency in figure 10, (3) com
parison of sharp- and round-nose airfoil data for which the oscillation
in-sideslip data are presented in figure 11 and the oscillation-in-yaw 
data in figure 12. The computational data for the period and time to 
damp to one-half amplitude of the oscillatory mode are presented in fig
ures 13 and 14 for altitudes of ° feet and 50,000 feet, respectively. 
In addition, the roots of the lateral-stability characteristic equation 
are presented in tables III and IV for the two altitudes of ° feet and 
50,000 feet. The data of figure 15 are steady-state rolling and yawing 
data obtained from references 12 and 13 and used in the calculations. 
A list of the figures and data presented herein is given in table V. 

DISCUSSION 

Steady-State Tests 

The steady-state lift, drag, and pitching-moment coefficients for 
the three configurations are presented in figure 7. These data are simi
lar to the data presented in reference 12 for the same configurations. 
The experimental lift -curve slope of the wing through zero angle of 
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attack is 0.045 compared to a theoretical value of 0.042 and the aero
dynamic center is 0.38 compared to a theoretical value of 0.33. Addi
tion of the fuselage and the vertical tail had on~ minor effects on the 
static longitudinal characteristics. The steady-state sideslip data 
(fig. 8) obtained in these tests are similar to the data presented in 
reference 12 for the same configurations, and the values of the deriva
tives are general~ in good agreement except at the high angles of attack. 

The results of the tests in which the sideslip was changed from 
_100 to 100 for several critical angles of attack indicated that for 
almost all cases the variation of the derivative was sufficient~ linear 
so that t ests at ~ = ±5° give a satisfactory representation of the 
derivative. For the one case in which this was not true, use of the 
actual slope through ~ = 0 0 would have resulted in on~ a minor change 
i n the plot of Cn~ against ~. Therefore, for the sake of consistency, 

t he slopes between ~ = ±5° were used throughout to obtain the static 
derivatives. 

Oscillation-in-Sideslip Tests 

In figure 9, the data presented for each configuration show the 
variation of the four measured derivatives Cn~ m' C2 A , CnQ ,and ,.." ,.."m ,.."m 
C2 Q with angle of attack for the different frequencies tested. In ,.."m 
figure 10 the variations of the derivatives with frequency for several 
representative angles of attack are shown. These data show, in general, 
t hat (1) the magnitude of the derivatives undergoes very large changes 
at the high angles of attack, (2) for a given angle of attack the changes 
in magnitude are dependent upon the frequency of the OSCillation, and 
(3) the variation of the derivatives with angle of attack is more near~ 
linear for the high-frequency oscillation than for the low-frequency 
oscillation. This behavior of the oscillatory stability derivatives has 
been noticed previous~. (refs. 3, 5, 6, and 14) and has been attributed 
to the lag in the development of the changes in flow over the wing, which 
are due to sideslip (ref. 14), and to a lag in the developed sidewash 
affecting the vertical tail (ref. 15). 

The fact that data for the high-frequency oscillations are more 
near~ linear and at the higher angles of attack are closer to the theo
retical results for the wing-alone configuration (refs. 15 and 16) indi
cates that for high-frequency oscillations the changes in flow that are 
normal~ expected for a sideslipping wing do not have sufficient time to 
develop, However, as the frequency of oscillation is lowered, there is 
more and more time for breakdown of the flow to occur until the steady
state condition is reached. 

,: 
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Acceleration derivative CnO .- The results for the wing-alone 
t:' ,(1) 

configuration indicate a large increase in Cn~ at high angles of 
I-' ,(1) 

13 

attack above approximate~ 160 , particular~ for the lower frequencies 
(fig. 9(a)). As a matter of fact, tbis increase in Cnb is respon-

f-' ,(1) 
sible, to a large extent, for the large change in tbe damping ter.m 

(Cn - Cn • ) measured by oscillation-in-yaw tests. (See refs. 5 r,(1) f3,(1) 
and 14.) Figure 10(a) shows the large change in Cn~ as the frequency 

p,(1) 
decreases. The trend of the curves indicates that the largest effects 
of changes in frequency occur at the low frequencies and that above 

3.3 cycles (~~ = 0.218) the effects of changes in frequency are less 

pronounced. 

Addition of the fuselage to the wing (figs. 9(b) and 10(b)) 
resulted in two rather noticeable effects on the oscillation derivatives. 
First, for comparable angles of attack, it tended to decrease the magni
tude of the derivatives somewhat, although they were s till large, and 
second it appeared to delay, until a somewhat higher angle of attack 
had been attained, the point where the large increases in Cn • became 

f3 ,(1) 
important. The data show that only between the angles of 220 and 300 

do theSe large increases in Cn . occur. 
13 ,(1) 

For the wing...-fuselage...-vertical-tail configuration (figs. 9(c) 
and 10(c)) there were important changes in Cn' with changes in fre-

f3 ,(1) 
quency throughout the angle-of-attack range; whereas, for the previous 
configurations these changes occurred on~ at the higher angle-of-attack 
range. It is interesting to note that at the low angles of attack an 
increase in the frequency of motion results in a decrease in Cn " . 

f3 ,ill 
As a matter of fact, the magnitude of the negative values of Cn~,ill 

at any but the lowest frequency is of the same order as the steady-state 
damping (-Cny) shown in figure 15 for this configuration. This would 

indicate that, unless the oscillatory-damping-in-yaw (-Cny,ill) ter.m 

increases with frequency, a configuration such as this would have little 
or no damping in yaw during lateral oscillatory motions at low angles of 
attack for high frequencies of oscillation. At the high angles of 
attack, above 300 , the vertical tail tended to help maintain t he value 
of Cn~,(1) large, rather than permit a decrease as occurred for the' wing .... 

fuselage combination. 
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Acceleration derivative CZA .- The CZA data for t he wing-.."ill .."ill 
--------------------------~~ 

alone configuration (figs. 9(a) and 10(a)) exhibit characteristics simi-
lar to t hos e for Cn~ in that at the higher angles of att ack there 

p ,ill 
are large increases in magnitude of Cl~,ill and these increases are depend-

ent on the fre~uency of motion. The slower t he oscillat ion, t he larger 
the magnitude of Cl o • 

f3 , ill 

The addition of the fuselage or of the f uselage and vert ical tail 
( f igs. 9(b ), 9(c) , lOeb ), and 10(c )) result ed in a smaller increase in 
magnitude of Cl Q at the higher angles of at tack t han was obtained .., ,ill 
fo r t he wing alone and also tended t o delay unt il a higher angle of 
attack was attained the point where t hese sharp increases in magnitude 
t ake place. 

Directional stability Cnf3 ,ill . - The directional-s t ability data for 

the wing alone presented in figures 9(a) and 10(a) show t hat at low 
angles of at tack the oscillatory and steady-st at e values are about the 
same and both agree well with theoretical values. (Theoretical values 
were obtained by methods presented in ref. 16.) In the high-angle-of
attack range where t he values for t he steady-state directional s t ab ility 
decreased and became negative, the oscillatory values remained consider
ab ly higher. This increase in stability became larger as the fre~uency 
of motion increased so that at the higher fre~uencies the oscillat ory 
va l ues of Cnf3 , ill were closer to theoretical values than to t he st eady-

s t at e values. 

The data for the wing- fuselage combination (figs. 9 (b) and lOe b )) 
show an effect due to fre~uency of t he oscillat ory motion which was 
similar to that of the wing alone. The ent ire group of dat a, however, 
wa s displaced in a negative direction (decreased direct ional stability) 
by an increment in Cnf3 of about 0.05. 

For t he wing--fuselage --vertical- t ail configurat ion in t he low
angle-of- at tack range (fig . 9 (c)), the steady-stat e stabilit y is much 
higher t han that for the previous t wo configurat ions b ecause of t he 
presence of t he vertical t ail. The oscillat ory results show a consider
ab le increase over the steady- s t ate values. This increased s t ability 
shown by t he oscillatory tests is maintained t hroughout t he angle-of
at tack range so that at the higher angles where t he static stability 
falls to zero and becomes negative the oscillat ory tes t values maintain 
s t abilit y t o a considerably higher angle of at tack. Figure 10( c) shows 
t he rapid rise that occurs for Cn as t he fre~uency of motion is 

f3 ,ill 
• 



· -~----.- ---

NACA RM L57F07 15 

in~reased from zero to about wb - = O.l. 
2V 

Above wb = 0.1 
2V 

the values of 

CnQ tend to level off and then decrease slight~. 
t-' ,w 

Effective dihedral parameter -C 1 .- The effective dihedral-p 
parameter (-CI~) results for the wing alone (fig. 9( a)) were, in general, 

somewhat similar to the Cn~ results. At the lower angles of attack 

the static and oscillatory results are similar and approximate~ the 
same as the theoretical values. The theoretical values were obtained 
by the methods presented in reference 17 in which the effects of taper 
are omitted. At the higher angles of attack the static effective dihe
dral decreases and becomes negative, whereas, the oscillatory values 
remain higher. Increasing the frequency of oscillation at the high 
angles increased the dihedral effect so that it more near~ approached 
the theoretical value. 

Addition of the fuselage to the wing (figs. 9(b) and 10(b)) did 
not appreciably affect the oscillatory data. It did however cause an 
appreciable increase in the static test value of effective dihedral at 
the high angles of attack so that this value is among the oscillation 
test values. The fuselage apparently prevents the development of the 
large disparity of separation effects that occurred on the leading and 
trailing panels for the wing alone. In this respect, the effect of the 
fuselage is somewhat similar to the results of the oscillation tests in 
which the full-separation effect does not have sufficient time to 
develop. 

The results for the wing--fuselage--vertical-tail configuration 
(figs. 9(c) and 10(c)) are very similar to those for the wing-fuselage 
configuration. 

Comparison of Oscillation Data for Delta Wings with a Round 

Leading Edge and a Relatively Sharp Leading Edge 

The large changes in the oscillation derivatives that were 
obtained at the higher angles of attack have been attributed to the 
effects of flow separation. In order to pursue this idea a little fur
ther, some tests were made on another wing of the same plan form and 
approximate thickness but with a flat-plate airfoil section and a much 
larger leading-edge radius. A comparison is made of the results for 
both wings from oscillation-in-sideslip tests and oscillation-in-yaw 
tests in figures 11 and 12, respective~. It can be seen that for both 
cases changes in frequency of motion cause much larger changes in 
magnitude of the derivatives for the sharp-nose airfoil than for the 
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round-nose airfoil. These results sUbstantiate the idea that the large 
fre~uency effects are close~ associated with the separation of flaw 
over the wing inasmuch as it is well lmown that separation is likely to 
occur somewhat earlier and usual~ is more pronounced for a sharp 
leading edge than for a well rounded one. 

Effect of Sideslip Oscillatory Derivatives on Period and 

Time To Damp to One-Half Arnpli tude 

In order to determine the effect that the sideslip oscillatory 
derivatives may have on the calculated stability of a typical delta
wing airplane, some computations of the period and time to damp to one
half amplitude were made . In these computations, both the oscillatory 
stability derivatives discussed herein and the steady-state derivatives 
shown in figure 15 were used. The calculations were made for two alti
tudes, 0 and 50,000 feet, and at angles of attack from 20 to 280 • For 
the oscillatory cases, P and Tl / 2 were obtained by a process of 

iteration. Initial~, the values for the sideslip derivatives for some 
assumed fre~uency were inserted into the e~uations of motion presented 
in reference 4, and the period was calculated. The computed period 
usual~ differed from that initial~ assumed and, therefore, new values 
of the derivatives for a period or fre~uency close to the computed 
period were used. This process was continued until the period for which 
the derivatives were used agreed with period resulting from the calcula
tions. This procedure is normal~ not necessary where there is little 
change of the derivatives with fre~uency. The time to damp is shown 
on~ for the oscillatory mode of motion in figures 13 and 14 because it 
is believed that the stability derivatives obtained from oscillation 
tests, such as these, are most pertinent for the oscillatory mode. All 
four roots of the lateral-stability characteristic e~uation are given 
in tables III and IV. 

Figures 13 and 14 shaw that there is a considerable difference 
in the time to damp which depends upon whether the steady-state or 
oscillatory derivatives are used . At zero altitude, for instance, the 
time to damp to one-half amplitude for the law-angle-of-attack region 
is longer if the oscillatory derivatives are used. This probab~ 
occurs because of a decrease in the damping as a result of the more 
negative value of Cn~,w discussed previous~. At the higher angles 

of attack where the damping was larger, no oscillatory mode is indi
cated. The period of the oscillation was practical~ unaffected at the 
low angles of attack. At the higher angles of attack, however, the 
period appeared to be considerab~ affected. 
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The computat ions for an altitude of 50,000 feet indicate results 
similar to those for the lower altitude, except that the indicated 
damping using the oscillatory derivatives is greater even at moderate 
angles of attack. 

CONCLUSIONS 

The results of tests made to determine the effects of frequency 
of osci llation in sideslip at a maximum amplitude of ±2° on the stabil
ity derivatives of a typical 600 delta-wing airplane configuration indi
cate t he following conclusions : 

1. For all three configurations t ested (wing alone, wing-fuselage 
combination, and wing--fuselage --vertical-tail combination), the magni 
tude of the oscillatory sideslipping derivatives underwent very large 
changes at the high angles of attack and the magnitude of the changes 
was dependent upon the frequency of oscillation. In general at the 
low angles of attack litt le effect of frequency on the oscillatory 
derivat~ve was noted, with the exception of the yawing-moment derivat ives 
of the complete-model configuration for which a relatively large effe ct 
of frequency was noted . 

2. For the comp let e-model configuration (wing-fuselage and vertical 
tail) the oscillatory motion introduced a considerable effect on both 
the oscillatory yawing-moment - acceleration derivative Cn~,w and the 

oscillatory directional- stability derivative Cn13 , w throughout the 

angl e - of-attack range. In the low-angle-of-attack range, Cru; beC-ame 
~,W 

increasingly negative with frequency so that at a reduced frequency of 
about 0.218 the negative value of CnQ was equal to the steady-state 

f-' , w 
damping in yaw. At high angles of attack CnA went to very large 

f-"w 
pos i tive values. The oscillatory directional stability was greater than 
the steady-state directional stability throughout the angle-of-attack 
range . 

3. For the comp let e-model configuration the effects of frequency 
of motion on t he rolling-moment derivatives were relatively small at the 
l ow angles of attack and were large at the high angles of attack. 

4 . The oscillatory rolling- moment- acceleration derivative C2" 13 JW 
and the der i vative Cn~ 

f-'J w 
for the wing- alone configuration generally 

increased in magnitude as the frequency of oscillation decreased. The 
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oscillatory sideslipping derivatives (both rolling moment and yawing 
moment) C2a and Cna deviated further from the static derivative 

f-' } ill f-' } ill 

and at the high angles of attack more closely approached the theoreti
cal values as the fre~uency of oscillation increased. 

5. Addition of a fuse l age to the wing del~ed, until higher angles 
of attack, the large changes in the oscillatory stability derivatives, 
and although this addition tended to decrease the effect of fre~uency 
changes on the derivatives somewhat, the magnitude was still large. 

6. Leading- edge radius had a very pronounced effect on the 
oscillatory stability derivatives for the wing-alone configuration. 
Decreasing the leading- edge radius (sharper nose) increased the magni
tude of the fre~uency effects obtained for oscillations in both side
s lip and yaw. 

7. Comparison of the calculated period of oscillation and time to 
damp to one-half amplitude for a typical delta-wing airplane using 
steady-state data and oscillatory data where applicable shows that at 
low angles of attack the period is unaffected, whereas, the time to 
damp to one- half amplitude is increased by using the oscillatory 
derivatives. At high angles of attack, however, use of the oscillatory 
data in the computation of the roots of the lateral-stability character
istic equation indicated more damping and stability than obtained by 
using the steady- state data . Generally the data for an altitude of 
50,000 feet indicated similar characteristics, but with an improvement 
even at moderate angles of attack. 

Langley Aeronautical Laboratory, 
National Advisory Committee for Aeronautics, 

Langley Field, Va . , M~ 24, 1957. 
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TABLE I. - PERTINENT GEOMETRIC CHARACTERISTICS OF MODELS 

Fuselage: 
Length, in. .... 
Maximum diameter, d, in. 
Fineness ratio. . 
Body-size ratio, d/bw 
Volume, cu in. 
Side area, sq in. 

Wing: 
Aspect ratio . . . . . . 
Taper ratio . . . . . . 
Leading-edge sweep angle, deg 
Dir~dral angle, deg 
Twist, deg ..... 
NACA airfoil section 
Area, sq in. 
Span, in. 
Mean aerodynamic 
Root chord, in. 

Vertical tail: 
Aspect ratio 

chord, in. 

Taper ratio 
Leading-edge 
NACA airfoil 
Area, sq in. 
Span, in. 

sweep angle, deg 
section 

Root chord, in. 
Mean aerodynamic chord, in. 
Tail length, in. 
Area ratio, Sy/Sw 
Tail-length ratio, tv/bw 

. . . . 

. . . . . 

21 

54·0 
6.0 
9·0 

0.165 
990 
252 

2.31 
o 

60 
o 
o 

65A003 
576·7 
36.5 
21.1 
31.6 

2.18 
o 

42.5 
65-006 

66.0 
12.00 
11.00 
7·35 
21.5 

0.115 
0·59 
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TABLE 11. - ORDINATES FOR NACA 65A003 AND 

65-006 AIRFOILS AND FOR THE FUSELAGE 

[Station and ordinates for wing and vertical tail in 
percent airfoil chord; s tation and ordinates f or 
fuse l age in per cent of fuselage length] 

Wing Vertical tail Fuselage 

NACA 65A003 NACA 65- 006 Station Ordinate 

Station Ordi nate St ation Or dinate 

0 0 0 0 0 0 
·50 .234 ·50 .476 .6 .17 
.75 .284 ·75 .574 · 9 .24 

1.25 .362 1.25 .717 1.5 .41 
2 ·50 .493 2 ·50 .956 3 ·0 . 80 
5·00 .658 5 ·00 1.310 6 .0 1.54 
7·50 .796 7 ·50 1 .589 9.0 2.22 

10 .00 ·912 10 .00 1. 824 12 .0 2.84 
15·00 1 .097 15 ·00 2 .197 18.0 3.87 
20 .00 1.236 20 .00 2.482 24.0 4 .67 
25·00 1 .342 25 ·00 2 .697 30.0 5 ·20 
30.00 1.420 30 .00 2 .852 36.0 5·50 
35·00 1.472 35 ·00 2 .952 40.0 5 .56 
40.00 1 .498 40. 00 2. 998 42.0 5.54 
45·00 1 .497 45 .00 2 .983 48 .0 5·52 
50 .00 1.465 50 .00 2.900 54 ·0 5.41 
55·00 1 .402 55·00 2 .741 60.0 5.24 
60.00 1 .309 60.00 2. 518 66.0 5 ·04 
65.00 1 .191 65 .00 2. 246 72.0 4 ·76 
70.00 1.053 70. 00 1.935 78 .0 4 .43 
75 ·00 .897 75 ·00 1 .594 84.0 4 .06 
80.00 ·727 80 .00 1 .233 90.0 3.61 
85.00 .549 85 ·00 .865 96.0 3.13 
90.00 .369 90 .00 .510 100 .0 2 .76 
95·00 .188 95 ·00 .195 

100 .00 .007 100 .00 0 

L. E. radius , 0 .057 L. E. r adius , 0.240 

------



a, VJ 

deg ft /se 
1 

2 701 -0.0124 

10 289 -. 1269 

16 223 - . 1689 

20 201 -. 2094 

22 192·9 -. 2290 

24 187 .0 -. 2836 

26 181.6 .3850 + 0.46781 

28 178 -.0535 

TABLE III.- ROOTS OF THE LATERAL-STABILITY CHARACTERISTIC EQUATION 

[Altitude, 0 ft; \.l 11.85; b 39 .1 fiJ 

Steady st at e 

2 3 4 1 2 

-2.875 -0 .6197 + 3.549i -0.6197 - 3 .549i -0.0086 - 2.892 

- 2.479 -.8095 + 4 . 6621 - .8095 - 4 .662i -. 0824 - 2.574 

- 2.463 -.8814 + 5 . 2881 -.8814 - 5 .2881 -.1478 - 2·533 

-2.419 -. 8755 + 5 ·409i -.8755 + 5 .4091 -. 2180 - 2.432 

- 2· 573 -· 9339 + 4 ·9521 -· 9339 - 4·9521 -. 2552 -2.480 

- 2. 687 -.8855 + 3.6141 -. 8855 - 3 .6141 -. 2865 - 2.484 

.3850 - 0.46781 - 2.788 + 1. 2841 - 2·788 - 1.284i -.4049 -· 5159 

2·311 -3.602 + 1.6281 -3.602 - 1.6281 -.0014 .0150 

Oscillatory 

3 

- 0.3018 + 3.9461 

-. 2258 + 5 .0211 

-. 5202 + 5 .8331 

-. 7951 + 6 .5981 

-.4752 + 6 .6221 

-. 6556 + 6 ·5041 

-1. 752 

-1. 862 

4 

-0 .3018 - 3.946i 

-. 2258 - 5.0211 

-· 5202 - 5.833i 

-. 7951 - 6·5981 

-.4752 - 6.6221 

-. 6556 - 6·5041 

-21.78 

-37·88 

~ o 
:x> 

~ 
5: 
~ o 
-.,J 

I\) 
\.>J 



cr., V, 
deg t/sec 

1 

10 724 .0 -0 . 1317 

16 561.0 -. 1688 

20 508 .0 -· 2092 

22 490 .3 -. 2,31 

24 475 .6 -. 2849 

26 462 .6 .8249 + 0 .47161 

28 453.0 -. 0531 

TABLE ri. - ROOTS OF THE LATERAL-STABILITY CHARAC'l'ERISTIC EQUATION 

~ltitUde, 50, 000 ft; ~ = 17 .8; b = .39 . 1 ftJ 

Steady state Oscillatory 

2 3 4 1 2 3 

- 2.432 - 0 .8306 + 12. 26i -0.8306 - 12. 26i - 0.0707 - 2.557 - 0. 5657 + 12 .981 

- 2 .410 - .9076 + 13 .86i -.9076 - 13.86i -. 1033 - 2·527 - 1.105 + 15.34i 

- 2.375 - .8976 + 14 .15i -. 8976 - 14 .15i -. 1513 - 2.473 - 1.518 + 16 . 041 

- 2.490 -. 9732 + 13 .13i -· 9732 - 13 . 13i -. 1723 - 2.630 - 1.778 + 15.981 

-2 .447 - 1.005 + 9 ·9951 - 1.005 - 9 .9951 -. 1919 - 2.765 - 2 ·921 + 15 .371 

. . 8249 - 0 .47161 -3 . 228 + 3 .8861 -3.228 - 3.886i -. 0436 + 0 .60481 - .0436 - 0.6048 3. 133 

6.010 - 5 ·452 + 3.167i - 5 .452 - 3.1671 - .0351 1.540 3.009 

--

4 

- 0.5657 - 12.98i 

- 1.105 - 15 .34i 

- 1.518 - 16 .041 

- 1. 778 - 15.981 

-2· 921 - 15.371 

- 23 .88 

-39.40 

~ 

~ 
:;:. 

~ 
(;; 
~ 
o 

-...:] 
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TABLE V_ - LIST OF TESTS AND DATA FIGURES 

Oscillatory 
Configuration Data amplitude Figure 

of sideslip 

Wing Steady-state CL, Cm, 
Wing-fuselage and CD against a, 7 
Wing-fuselage-tail 

Wing Steady-state Cn13 , Cl13' Wing-fuselage 
Wing-fuselage-tail and CY13 against a, 8 

Wing Cn~ , ill' C16,ill' Cn13 ,ill' 9(a) 
Wing-fuselage ±2° 9(b) 
Wing-fuselage-tai l 

and Cl13,ill against a, 
9 (c) 

Wing Cni3 ,ill' CZ~ , Cn13 ' lO(a) 
Wing-fuselage 

,ill , ill ±2° lOeb) 
and CZ 13 ,ill against illb 

Wing-fuselage - tail 2V lO(c) 

Airfoil wing Cn6,ill' CZ6 ' Cn13 ' ±2° Flat-plate wing 
, ill ,ill 11 

and CZ 13 , ill against a, 

Cnr ill - Cn~ ill ' , , CZr ill , - CZ- u:I 13, 
Airfoil wing Cn13 + (~ )2cnr ,ill' and ±2° 12 
Flat-plate wing , ill 

( illb ) 
2 

C + - C • Z13, ill 2V l r ,ill against a, 

P, Tl / 2, and T2 against a, for 

O- foot altitude 13 
Wing-fuse l age- tail P, Tl / 2, and T2 against a, for 

50, OOO-foot altitude 14 

Steady-state Cz , Cn , Cyr' 
Wing-fuselage-tail 

r r 
15 

C Z , C~, and Cy against a, 
p p 
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Drag 

y Lateral force 

Drag 

Figure 1. - System of stability axes . Arrol'rs indicate positive forces) 
moments ) and angular displacements . 
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Figure 2.- Three-view sketch of model used in tests . (All dimensions are in inches.) 

~ » 
~ 
t-i 
\J1 

-.;J 
o 

-.;J 

I\) 
-.;J 



L-907Bl 
Figure 3.- Photograph of the complete-model configuration mounted in the 6- by 6- foot t e s t 

section of the Langley stability tunnel for oscillation-in- sideslip tests . 
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(a) View of l eft side of tunnel. L-92023·l 

Figure 4.- Photographs showing the oscillation apparatus and drive mechanism. 
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(b) View of right side of tunnel . L- 90775 · l 

Figure 4.- Continued . 
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Tachometer genera 

(c) View of the drive mechanism. L-90776 .l 

Figure 4.- Concluded . 

~ 
() 

:x> 

~ 
t"1 
\Jl 

-;;j 
o 
~ 

VI 
I-' 

, 



32 NACA RM L57F07 



~------,~----

L-90778 
Figure 6.- Photograph of the box used to encase the model for determining the still-air correction . 
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ConfiguratIon 
-0- Wing 
-0- Wing - Fuse/age 
-0-- WIng - Fuse/age - Tall 

8 /2 /6 20 24 28 32 

Angle of attack, 0;, deg 

.8 

.7 
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.5 
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Figure 7.- Variati on of stati c lift, drag , and pi tching-moment coeffi
ci en t.s wi t h angl e of att ack for the three configurations tested . 
i3 = O. 
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Figure 8.- Variation of the static lateral stability characteristics with angle of attack for 
three configurati ons tested . 
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- - - Theoreltcal results from reference 11 

4 8 12 16 20 24 28 32 
Anqle of allack, ce, deq 

(a) Wing- alone configuration . 

Figure 9 .- Variat ion of stability derivatives vith angles of at tack 
measured during oscillation for the three configurations t es ted . 
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(b) Wing- fuse lage configuration. 

Figure 9 .- Continued . 
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(c ) Wing- fus elage - tai l configuration . 

Figure 9 .- Concluded. 
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(a) Wing- alone configuration . 

Figure 10 .- Variation of stability derivatives with fr equency for various angle s of attack f or 
the three configurations t ested . 
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(b) Wing- fuselage configuration. 

Figure 10.- Continued . 
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(c) Wing- f us elage- tai l configuration . 

Figure 10 .- Concluded . 
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Figure 11.- Osci llation- in- s ideslip stability derivatives plotted against 
angle of attack for the wing wi th a sharp leading edge (NACA 65A003 
airfoil) and for the wing with a round leading edge (the flat - plate 
sections) for t wo frequencies . 
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Figure 12. - Oscillation-in- yaw stability derivatives plotted against 
angle of attack for the wing with a sharp leading edge (NACA 65A003 
airfoil) and for the wing with a round l eading edge (the flat- plate 
sections ) for vari ous frequencies. 
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Figure 13 .- Period and time to damp to one-half amplitude of the OSCillatory modes f or an al t itude 

of 0 feet . 
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Figure 14.- Period and time to damp to one-half amplitude of the oscillatory modes for an altitude 
of 50,000 feet. 
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Figure 15 .- Variation with angle of attack of the steady-state rolling 
and yawing derivatives for the wing- fuselage - tail configuration used 
in computations. Rolling data from reference 12 and yawing data from 
referenc e 13 . 
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