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SUMMARY

A fuselage and a wing-fuselage combination employing a wing with
450 sweepback of the 0.25-chord line, aspect ratio 4, taper ratio 0.6,
and NACA 65A006 airfoil sections have been investigated in the slotted
test section of the Langley 8-foot transonic tunnel at Mach numbers
from 0,6 to 1.13 for angles of attack up to 36°. Maximum 1ift was
reached at Mach numbers from 0.6 to 0.92,

For the wing-fuselage configuration increases in Mach number at
low lift coefficients resulted in an increase in lift-curve slope up
to a Mach number of 0,91, a rapid increase in drag between the Mach
numbers of 0.93 and 1.04, rearward shifts of the aerodynamic center up
to a Mach number of 1.0, and a reduction in maximum lift-drag ratio
from 14 at subcritical speeds to 7.5 at Mach numbers above 1035 ~With
increases in 1ift coefficient from 0.3 to 0.6 the growth of leading-
edge separation increased the lift-curve slope, decreased leading-edge
suction, and shifted the aerodynamic center rearward. At lift coeffi-
cients above 0.6 more extensive flow separation caused decreases in
the lift-curve slope and large very abrupt forward and rearward move-
ments of the aerodynamic center.

INTRODUCTION

As part of a general National Advisory Committee for Aeronautics
research program the serodynamic characteristics of a fuselage and a
wing-fuselage configuration employing a wing with 45° sweepback of the
0.25-chord line, an aspect ratio of 4, a taper ratio of 0.6, and
NACA 65A006 airfoil sections parallel to the plane of symmetry have
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been investigated at transonic speeds by the transonic-bump, rocket,
and free-fall techniques. The results are reported in references Ly
2, 3, and L.

In addition, force tests of sting-supported models of these con-
figurations were conducted at angles of attack up to 14° at Mach numbers
from 0.6 to 0.96 and at a Mach number of 1.2 in the Langley 8-foot high-
speed tunnel. The results are presented in reference 5. Subsequently
a slotted nozzle was installed in the tunnel (ref. 6), and a compara-
tively complete investigation of the configurations, including force
and pressure-distribution tests and flow surveys, was conducted at Mach
numbers varying continuously from 0.6 to 1.13. The results of the
pressure-distribution tests are reported in reference 7. The loading
characteristics obtained are discussed in references 8 and 9 and the
flow phenomena in reference 10.

There is relatively little information available on the character-
istics of fuselage and wing-fuselage configurations at high angles of
attack in the transonic Mach number range, and therefore, in apprecia-
tion of the need of aircraft and missile designers for more of these
data, the angle-of-attack range of the force tests of these configura-
tions in the slotted tunnel was extended to 36°. Lift, drag, pitching-
moment, and base pressure coefficients were obtained, and some boundary-
layer characteristics were determined from tuft surveys. The results
are presented in this paper.

SYMBOLS
A aspect ratio
Cp drag coefficient, D/qS
CDo drag coefficient at zero 1lift

ACp = Interference-free drag coefficient - Measured drag coefficient

C, 1ift coefficient, L/gS
acy, ,

= lift-curve slope per degree
o

Mz /u
aSc

Chm pitching-moment coefficient,




NACA RM L52E1k4

3¢,
acr,

(el

static-longitudinal-stability parameter

wing mean aerodynamic chord, in.
drag, 1b

1talitig, Sillo

average stream Mach number
Pitching moment about 0.25¢, in.-1b

Ppis Po

base pressure coefficient, 2

incremental base pressure coefficient due to addition of
wing to fuselage

free-stream static pressure, 1b/sq ft

static pressure at model base, 1b/sq ft

free-stream dynamic pressure, ZpvZ, 1b/sq ft

2
Reynolds number based on ¢
wing area, sq ft
free-stream velocity, ft/sec
angle of attack of fuselage center line, deg

angle of wing-tip twist, deg,
Angle of attack of wing-tip chord - o

free-stream density, slugs/cu ft
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APPARATUS AND METHODS

Tunnel . ‘

The tests were conducted in the Langley 8-foot transonic tunnel
which is a dodecagonal slotted-throat, single-return wind tunnel
designed to obtain aerodynamic data through the speed of sound with-
out the usual effects of choking and blockage. The tunnel operates
at atmospheric stagnation pressures.

As was shown in reference 11, the flow in the region of the test
section occupied by the model was satisfactorily uniform at all test
Mach numbers. Iocal deviations from the average stream Mach number
were no larger than 0.003 at subsonic speeds. With increases in Mach
number above 1.0, the deviations increased but did not exceed 0.010
at a Mach number of 1.13. Tests reported in reference 12 indicated
that local flow nonuniformities of this magnitude had no effect on the
measured force data. Some typical Mach number distributions and the -
relative axial positions of the slots, test region, and approximate
model location are shown in figure 1.

Model

A photograph of the wing-fuselage configuration is presented as
figure 2 and dimensional details are shown in figure 3 and table 1I.
The wing had 45° sweepback of the 0.25-chord line, an aspect ratio
of 4, a taper ratio of 0.6, and NACA 65A006 airfoil sections parallel
to the model plane of symmetry and was of solid steel construction.

The first part of the investigation consisted of tests of a fuse-
lage of hollow steel construction designed by cutting off the rear
portion of a basic body of revolution with a fineness ratio of 12 to
form a body with a fineness ratio of 10. The body with a fineness ratio
of 10 is referred to hereinafter as the original fuselage. After com-
pletion of these tests the internal strain-gage balance failed and a
balance of slightly larger diameter was substituted. The rear portions
of the original fuselage, however, fouled the larger balance at com-
paratively low loads and the subsequent enlargement of the interior of
the body necessitated removal of approximately 2 percent of the aft end.
The shorter body had a fineness ratio of 9.8 and is referred to herein
as the fuselage. Details of the fuselages are presented in figure 4
and table I. The ratio of wing area to fuselage frontal area was 16.5.

The wing was tested on the fuselage at an angle of incidence of Dt o
Vertically it was located at the horizontal diameter of the fuselage and
was rigidly attached at the wing-fuselage Jjuncture.
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Model Support System

The model was attached to an enclosed strain-gage balance at its
forward end. At its downstream end the balance was attached to a
support tube through couplings which were varied to keep the model
close to the center line of the tunnel at all angles of attack. The
support tube was fixed axially in the center of the tunnel by two sets
of support struts projecting from the tunmnel walls. A typical support
configuration is shown in figure 5.

Details of the mechanism for changing angle of attack with the
tunnel operating are presented in reference 5.

Measurements and Accuracy

The average stream Mach number was determined to within +0.003
from a calibration with respect to the pressure in the chamber sur-
rounding the slotted test section.

Lift, drag, and pitching moment were determined by means of a
strain-gage balance located inside the fuselage. The measured coef-
ficients were estimated to be accurate within the following limits:

cL, Cp e

Omnicine:l, fuseldage. | 45 Wit wh i e ee 10.01 +0.001 10.005
Ul ST G R PN Y i S T Taa e e o] +0.002 +0.004
Wngeltorloge -l o i 5e 5 0.9 0 oo et die: 2 HOLOP 1t0.002 0,004

The base pressure was determined from a static orifice located on
the side of the sting support in the plane of the model base. The base
pressure coefficient was estimated to be accurate within +0.003.

The angle of attack of the model was measured by an optical cathe-
tometer sighted on a reference line on the side of the fuselage. A
consideration of the accuracy of the cathetometer readings (+0.1°) and
the flow angularity measurements (+0.1°) indicated that the angle of
attack was accurate to within $0.2°, The angles of wing-tip twist were
determined from measurements of the angles of attack of the wing-tip chord
obtained by sighting the cathetometer on a reference line at the tip. Due
to vibration of the tip and the relatively short reference line, the angles
of wing-tip twist may be in error as'much as +0.3°.

Test Conditions

The tests were conducted through a Mach number range from 0.6 to
approximately 1.13. The Reynolds number based on the wing mean aero-
dynamic chord was of the order of 2 x 100 (fig. 6). The wing-fuselage
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configuration was tested at angles of attack from 0° to 36° Above

20° angle of attack, however, load limitations of the balance prevented
testing at some of the higher Mach numbers. The fuselage configurations
were tested at angles of attack from -4° to 36°.

A tuft survey was conducted on the wing-fuselage configuration at
angles of attack from -4° to 20°. Alternate rows of woolen yarn and
nylon tufts were glued on the upper surface of the left wing and on the
upper left half of the fuselage. The tuft patterns were photographed
at several Mach numbers at each angle of attack.

CORRECTIONS

Boundary Interference

Subsonic speeds.- The axially slotted test section minimized boundary

interference due to solid blockage (ref. 13), and a qualitative analysis
indicated that other subsonic boundary interference effects on the data
presented herein were either negligible or very small up to the highest
angles of attack tested. Experimental evidence of these small effects

is indicated in figure 7, which presents a comparison of some representa-
tive data for the wing-fuselage configuration with data obtained from
tests of the same model and strain-gage balance in the Langley 16-foot
transonic tunnel. The comparatively large cross-sectional area and
axially slotted boundary of the test section of the latter facility
insured that data obtained for the relatively small model at subsonic
speeds were interference-free. The only appreciable disagreement between
the two sets of data at Mach numbers below 1.0 occurred in drag coeffi-
cient at an angle of attack of 32°, It is notable, however, that the
difference in magnitude was less than 2 percent of the total drag coef-
ficient and, when considered in conjunction with the difference in 1ift
coefficient, appeared to have been due to a discrepancy in angle of
attack which was less than the sum of the probable errors in angle-of-
attack measurement for the two tests.

Supersonic speeds.- Boundary interference effects at Mach numbers

above 1.0 consisted of shocks and expansions from the model which were
reflected back to the surface of the model by the test-section boundary.
For the present case, these disturbances passed downstream of the model
base at a Mach number of approximately 1.1 and data for all higher Mach
numbers were completely free of interference.

However, even in the Mach number range where boundary-reflected
disturbances reached the model, the effects on the force and moment
characteristics of the present configurations were small. These effects
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are evident from the comparisons presented in figure 7. The Langiley
16-foot transonic-tunnel data for these models were shown in refer-

ence 11 to be free of boundary-reflected disturbances execept at a Mach
number of approximately 1.015 and therefore provided a basis for eval-
uating these effects on the present data. The indication was that the
effects were negligible for 1lift coefficient, increased the drag coef-
ficient at low angles of attack as much as 0.002 at a Mach number of
approximately l.Oh, decreased it as much as 0.002 at a Mach number of
approximately 1.09, and decreased the pitching-moment coefficient on
the order of 0.005 at high angles of attack at a Mach number of approxi-
mately 1.06. These errors have been minimized by fairing the data
plotted against Mach number, and it is believed that none of the gen-
eral trends exhibited by the faired data or the conclusions drawn there-
from were affected by boundary-reflected disturbances.

It must be emphasized that the effects of boundary-reflected dis-
turbances discussed apply only to the specific models described herein.
Configurations employing a horizontal tail and bodies of different shape
and length, for example, might be expected to sustain considerably dif-
ferent effects than did the present models.

Aeroelasticity

No corrections for the effects of wing elasticity have been applied
to the data presented herein. Comparisons with unpublished data obtained
for angles of attack up to 20° on an identical configuration employing a
relatively flexible wing constructed of aluminum alloy indicated that
aeroelastic effects on the 1lift and drag of the present steel wing were
negligible and that the aerodynamic center was moved forward approxi-
mately 1 percent of the mean aerodynamic chord as compared with a rigid
wing. The measured angles of wing-tip twist shown in figure 8 were
small and were indicative of the rigidity of the steel wing.

Sting Interference

Sting interference probably had no effect on the 1lift and pitching
moment of the models (ref. 14). Decreases in drag coefficient due to
sting interference were estimated as outlined in reference 5 and are
presented in figure 9. These estimates were based on the assumption
that the present bodies were identical to the body of reference 1k.
Values for the fuselage also apply to the wing-fuselage configuration.
Because of the uncertainty of these values, especially at high angles
of attack, no corrections have been applied to data presented herein
except 1INt plotsi of 'drag at zero it and tin calculations of lift-drag
ratio.
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The presence of the sting was estimated to increase the base pres-
sure coefficients on the order of O.1 at all Mach numbers tested for
low angles of attack (ref. 5). No corrections have been applied, how-
ever, to the base pressure coefficients presented herein.

RESULTS

An index of figures 10 to 31 presenting the results is shown in
table IT.

For 1lift coefficients up to approximately 0.8 improved accuracy of
the force and moment characteristics of the wing-fuselage configuration
at constant Mach number (fig. 12) has been obtained, despite the rela-
tively large increments between test points, by fairing the data in
accordance with unpublished data obtained from a model differing from
the present one only in wing stiffness which was tested at angle-of-
attack increments of 2° or less.

In the intervals of angle of attack where test points for the fuse-
lage were not available, these data were faired to conform to the more
complete original fuselage data (fig. 13) and interpolated values for
the fuselage were subtracted from the wing-fuselage data to obtain the
force and moment coefficients for the wing with wing-fuselage inter-
ference (fig. 14). It can be assumed that these wing-plus-interference
data require no corrections for sting interference.

Since the model was symmetrical about the wing-chord plane, the
tuft patterns over the upper surface at an angle of attack of =42
(fig. 28) also apply to the lower surface at an angle of attack of i3

The base-pressure coefficients for the fuselage (fig. 30) were sub-
tracted from those for the wing-fuselage configuration (fig. 29) to
obtain the incremental values due to addition of the wing to the fuse-
lage which are presented in figure 31. These increments were probably
unaffected by sting interference.

In order to facilitate presentation of the data, staggered scales

have been used in many of the figures and care should be taken in
selecting the zero axis for each curve.

DISCUSSION

The force and moment characteristics were probably not significantly
altered by the comparatively low test Reynolds number. It was indicated
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in reference 15 and by unpublished results of tests of similar wings at
high subsonic Mach numbers that scale effects were small as the Reynolds

number was varied from 1.2 x 106 to at least 8.5 x 106.

Discussion concerning pressure distributions and wing loading is
based on pressure measurements obtained on a similar configuration and
reported in reference 7. The force data at a Mach number of 1.2 were
obtained from reference 5 and have been corrected for differences in
wing elasticity.

Lift ‘Characteristics

Wing-fuselage configuration.- The effects of increasing Mach num-

ber at constant angle of attack for the wing-fuselage configuration at
angles of attack up to 109 consisted of a gradual increase in 1ift coef-
ficient up to a Mach number of 0.92, followed by a small decrease up to
the highest test Mach number (fig. 10(a)). At high angles of attack
the characteristic effect was a rapid increase in 1ift coefficient
beginning at Mach numbers varying from 0.92 at an angle of attack of
12° to 0.84 at an angle of attack of 36° and ending at a Mach number

of approximately 1.0l. The rapid increase in 1ift with increasing Mach
number at an angle of attack of 12° was due to an increase in loading
over the outboard forward portions of the wing, while at an angle of
attack of 20° it was due to an increase in loading over the entire wing.
Increases in Mach number from 1.01 to 1.11 resulted in reductions in
1ift coefficient of approximately 5 percent.

The lift-curve slope at zero 1lift (fig. 15) increased approximately
29 percent from 0.059 at a Mach number of 0.6 to 0.076 at a Mach number
of 0.91. With further increases in Mach number the lift-curve slope
decreased to a value of 0,067 at a Mach number of 1.13 and 0.062 at a
Mach number of 1.2. At a 1ift coefficient of 0.4 (a x 6°) similar trends
with Mach number were indicated, with the lift-curve slopes being approxi-
mately 13 percent greater at Mach numbers from 0.6 to 0.85 and 5 percent
greater at higher Mach numbers. This increase was probably due to a
leading-edge separation vortex such as that described in reference 16.
The leading-edge separation was indicated in the pressure distributions
by leading-edge negative pressure peaks which became progressively lower
and broader from the wing root to the tip and was shown in the tuft
patterns by an outward redirection of the boundary layer along the
leading edge (figs. 28(a) and 28(b), « = 6° and 8°). A comparison of
figures 28(a) and 28(c) showed that the outward flow had been eliminated
along the leading edge of the inboard portion of the semispan at Mach
numbers of 0.84 and above and indicated that the separation vortex was
no longer present in those regions.




10 NACA RM I52E1k

With increases in 1lift coefficient above 0.6 (o ~ 8°) extensive
and severe flow separation beginning at the wing tips, shown by the
turning outward and rapid fluctuation of the tufts (fig. 28), caused
the lift-curve slopes of the wing-fuselage configuration to decrease
(fig. 12(a)). Because of a general rearward and outboard contraction
of the area of separated flow with increases in Mach number above 0.89
(compare fig. 28(d) with fig. 28(i), \a = 10° and 12°), the losses in
lift-curve slope were more severe at the lower Mach numbers. For
example, at Mach numbers from 0.6 to 0.84, it was indicated that maxi-
mum 1ift was being approached at an angle of attack of 18°. However,
further increases in angle of attack resulted in substantial increases
in lift-curve slope until the angle of attack for maximum 1ift was
approached. The maximum 1ift coefficients increased from 1.01 to 1.15
at Mach numbers from 0.6 to 0.92 (fig. 16(a)) and occurred at angles
of attack from 31° to 33° (fig. 16(b)). Maximum 1ift was not attained
in this investigation at Mach numbers above 0.92 because of fouling
between the model and the strain-gage balance.

Fuselage.- At constant angle of attack the 1lift coefficients for

the fuselages (fig. 11(a)) did not vary with Mach number up to an angle
of attack of 200, At higher angles a small, approximately linear
increase in 1lift coefficient with Mach number was indicated. The 1lift-
curve slopes generally increased slightly with increasing angle of
attack (fig. 13(a)) and, at angles of attack above 20°, they also
increased with Mach number.

Drag Characteristics

Wing-fuselage configuration.- The variations of drag coefficient
with Mach number at constant angle of attack for the wing-fuselage con-

figuration (fig. 10(b)) indicated a drag increase of approximately 0.013

between the Mach numbers of 0.93 and 1.04 at an angle of attack of 0°.
The magnitude of the drag rise and the Mach number range over which it
occurred increased as the angle of attack was increased to 36°. The
appreciable decrease in drag coefficient which began at a Mach number
of approximately 1.01 at angles of attack above 8°, combined with the
reduction in 1lift coefficient previously discussed, resulted in drag
polars of constant shape in this region (see fig. 12(b)). It must be
noted again that the basic drag data presented in figures 10 to 13
include the effects of sting interference and that this accounts for
the apparently low values of drag coefficient for the wing-fuselage and
fuselage configurations at an angle of attack of 09,

The drag coefficients at zero 1lift for the wing-fuselage configu-
ration were corrected for sting interference (representing support-free,
power-off conditions) and are shown in figure 17. An increase in drag
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coefficient of approximately 120 percent occurred between the Mach num-
bers of 0.93 and 1.04. Since the tuft patterns for an angle of attack
of 0° (fig. 28) were not indicative of boundary-layer separation, most
of this drag rise must have been due to shock losses alone rather than
to shock-induced separation.

The variations of drag coefficient due to 1lift with 1ift coeffi-
cient squared for 1lift coefficients up to approximately 0.6 are shown
for several Mach numbers in figure 18 along with the ideal induced
drag CLE/ﬂA and the theoretical drag due to 1lift with no leading-
edge suction Cp, tan a. At a Mach number of 0.6 leading-edge suction
reduced the drag due to 1lift approximately 50 percent for 1lift coeffi-
cients up to 0.3. At higher 1ift coefficients, however, the -leading-
edge suction wss decreased by the onset of the leading-edge separation
previously discussed. With increases in Mach number the effects of
leading-edge suction were apparently reduced at all 1ift coefficients.
At a lifticoefficient of 10.55, Tor example, the drag due toNl BN thinc
leading-edge suction was decreased 21 percent at a Mach number of 0.6,
15 percent at a Mach number of 0.89, and only 11 percent at Mach numbers
of 0.99 and above. It should be noted that the wing leading edges were
swept behind the Mach line at all Mach numbers tested and that the
apparent loss in leading-edge suction at high Mach numbers was due to
the development of supersonic-type flow over the leading edges and to
increased drag resulting from separation near the trailing edges of the
wing.

The variations of drag coefficient with 1ift coefficient squared
for 1lift coefficients up to approximately 1.0 (fig. 19) indicated drag
increases at 1ift coefficients above 0.6 which resulted in large depar-
tures from the straight line indicative of a parabolic drag polar. The
very large drag increases at the lower Mach numbers were substantially
alleviated at Mach numbers above 0.89 as a result of contraction of the
regions of separated flow.

Fuselage.- At constant angle of attack the drag rises for the fuse-
lage configurations increased in magnitude and began at lower Mach num-
bers as the angle of attack was varied from 0° to 36° (fig. 11(b)). The
drag coefficients at zero 1ift for the original fuselage, which are pre-
sented corrected for sting interference in figure 17, increased 80 per-
cent between the Mach numbers of 0.99 and 1.04., This drag rise was
probably due almost entirely to the formation of strong shocks on the
aft portions of the body. No separation was evident in the tuft pat-
terns in figure 28. The mechanism of the drag rise for a similar body
is discussed in some detail in reference 3.

The drag peak occurring at a Mach number of 1.01 for the wing
with wing-fuselage interference (fig. 17) was probably the result of
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wing-fuselage interference which reduced the pressures over the rear-
ward portions and the base of the fuselage (see RS 331 ),

Lift-Drag Ratios

Wing-fuselage configuration.- The lift-drag ratios for the wing-
fuselage configuration (fig. 20) have been corrected for the effects
of sting interference on drag and therefore represent the configuration
in a support-free, power-off condition. The values of maximum 1lift-
drag ratio (fig. 21) decreased from 14 at subcritical Mach numbers to
approximately 7.5 at Mach numbers above 1.03. The rapid decrease begin-
ning at a Mach number of approximately 0.91 was caused primarily by the
drag rise previously discussed. The 1lift coefficient for maximum lift-
drag ratio (fig. 22) increased from 0.23 at Mach numbers up to 0.91
to 0.33 for Mach numbers above 1.1.

Pitching-Moment Characteristics

Wing-fuselage configuration.- For lifting conditions, increases
in Mach number up to approximately 1.0l for the wing-fuselage configu-
ration at constant angle of attack resulted in decreases in pitching-
moment coefficient (fig. 10(c)) which became more severe as the angle
of attack was increased. For angles of attack up to approximately 12°
the reductions in pitching-moment coefficient with increasing Mach
number were due largely to a rearward shift in the chordwise center of
pressure associated with an outboard shift in spanwise loading; whereas
at higher angles of attack they were caused primarily by rapidly
increasing 1lift in combination with smaller rearward shifts in the
center of pressure (see fig. 10(a)). The variations of pitching-moment
coefficient with Mach number were small at Mach numbers above 1.0l except
for an angle of attack of 120, where pressure distributions indicated a
continuing rearward and outward movement of the center of pressure.

The variations of static-longitudinal-stability parameter BCm/BCL
with Mach number (fig. 23) indicated that at zero 1ift the aerodynamic
center was 5 percent of the mean aerodynamic chord ahead of the E/h loca-
tion at a Mach number of 0.6. With increases in Mach number it moved rear-
ward until at a Mach number of 1.00 it was located approximately 19 per-
cent of the mean aerodynamic chord behind the E/h. The particularly
rapid rearward movement between the Mach numbers of 0.91 and 1.00 was
caused by substantial rearward and outward shifts in center of pressure.

At Mach numbers from 1.00 to 1.2 the aerodynamic-center location remained
essentially constant. At a lift coefficient of O.4 (a x 6°) the varia-
tions of OCy[dCy with Mach number were similar to those at zero lift,




NACA RM L52E1k4 13

but it was indicated that the aerodynamic center had moved rearward by
8 percent of the mean aerodynamic chord at the lower Mach numbers and
4 percent at Mach numbers above 0.9 as compared with the zero-lift
condition. This rearward shift can be attributed to the previously
discussed leading-edge separation.

The variations of pitching-moment coefficient with 1ift coeffi-
cient (fig. 12(c)) indicated that at a Mach number of 0.6 increases in
1ift coefficient above 0.54 (a = 8°) resulted in an abrupt forward
movement of the aerodynamic center which then remained ahead of the
¢/4 up to a 1ift coefficient of 0.83 (a = 16°). With further increases
the gerodynamic center moved immediately rearward of the 6/4, and this
stabilizing tendency continued up to maximum 1lift (a z 31°). At angles
of attack beyond maximum 1ift the pitching-moment effects were desta-
bilizing. Pressure distributions and the tuft patterns shown in fig-
ure 28 indicated that the forward movement of the aerodynamic center
beginning at an angle of attack slightly above 8° was due to the inboard
spreading of strong flow separation over the outboard portions of the
wing with an attendant inboard and forward shift of the center of pres-
sure. At an angle of attack of 20° complete separation over the wing
resulting in increased loading over the trailing edges of the inboard
portions of the semispan caused a rearward movement of the center of
pressure.

With increases in Mach number above 0.89 the abrupt forward and
rearward movements of the aerodynamic center were delayed to higher
1ift coefficients. At a Mach number of 1l.11 the forward shiftreccurred
at a 1lift coefficient of 0.75 (a = 11°), and it was indicated that the
rearward shift oceurredtat a 1lift coefficient of gpprogimagey Siesli
(o = 21°). These delays were the result of increased loading over the
outboard portions of the wing caused by the rearward and outward con-
traction of the regions of flow separation with increasing Mach number
f1e. 28).

Increasing Mach number also had a significant effect on the mag-
nitude of the forward shift of the aerodynamic center which occurred
at moderate 1lift coefficients (fig. 24). The forward shift was greatly
increased at Mach numbers from 0.79 to 0.99 and reached a maximum of
130 percent of the mean aerodynamic chord at a Mach number of 0,92.
This was the result of relative changes in total load and chordwise
center-of-pressure location which occurred in this Mach number range
for angles of attack from 8° to 16°. There was some indication that
the shift also increased at Mach numbers above 1l.1; however, it may be
concluded that efforts to alleviate these adverse pitch-up character-
igsties, at least for transonic speeds, should be concentrated at Mach
numbers from 0.8 to 1.0.
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Fuselage.- For the fuselage configurations at constant angle of

attack increases in Mach number up-to approximately 1.01 at angles of
attack up to 16° resulted in slight increases in pitching-moment coef-
ficient which were no larger than 0.01, (fig. 11(c)). At higher angles
of attack increases as large as 0.11 occurred over the same Mach number
range. The configurations possessed destabilizing pitching-moment char-
acteristics with respect to the E/h location at all Mach numbers and
angles of attack tested (fig. 13(c)).

At a Mach number of 0.6 the center of pressure for the original
fuselage moved rearward from 11 percent of the fuselage length ahead of
the nose at an angle of attack of 4° to 39 percent behind the nose at
an angle of attack of 36° (fig. 25). This rearward movement was associ-
ated mainly with an increase in the positive pressures over the lower
surface of the forward portions of the body. With increases in Mach
number from 0.6 to 1.11 the center of pressure moved rearward as much
as 27 percent of the fuselage length at angles of attack from IO o122
At higher angles of attack, however, Mach number effects were small.

Comparison With Other Test Results

The force and moment characteristics presented herein were in agree-
ment with those reported in reference 5 with allowance made for differ-
ences in wing elasticity. Comparisons were also made with similar data
obtained from semispan models tested on the transonic bump of the
Langley high-speed T- by 10-foot tunnel (ref. 1), from flight tests of
rocket-powered models (ref. 2), and from free-fall tests (refs. 3 and 4).
These data represent wing-fuselage and fuselage-alone models of like
shape, with the minor exception that the rear one-sixth of the basic
body (see table I) had not been cut off in the case of the free-fall
models and the fineness ratio was therefore increased from 10 to 12%

The drag data for the sting-supported models have been corrected for
sting interference. The approximate test Reynolds numbers, based on
the wing mean aerodynamic chord, were as follows:

8-foot transonic tUnnEl . « « o o o o o o o o« o o o o o o o o o 2X 106
BUDE  oon § <t o o B s e Fom s b fadih et 50 U e OBCNOSG
ROCRED -~ b o e e e e e d e e e e e el o 6100 1E6 Ee AL
Free Pall o 5 s o o o v o v mie o e Wl R B X 00 ol RBRSNGE

Lift and pitching-moment characteristics.- The variations of 1lift-
curve slope and static-longitudinal-stability parameter BCm/BCL with
Mach number for the sting-supported and the bump model of the wing-

fuselage configuration are compared in figure 26. The bump model
employed a steel wing mounted inside the bump 25 percent semispan from
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the fuselage center line. The slopes used for the comparisons were
averaged over the lift-coefficient .range from zero up to the 1LiPh
coefficient at which obvious departures from linearity occurred.

The variations of lift-curve slope with Mach number for the two
models were in good qualitative agreement (fig. 26(a)); however, the
values for the bump model were approximately 4 percent greater than
those for the sting-supported model. The variations of BCm/BCL with

Mach number (fig. 26(b)) were in excellent agreement. The comparisons
of 1ift coefficient with angle of attack and pitching-moment coeffi-
cient with 1ift coefficient (not shown herein) were similar to those
presented in reference 1 for the bump model and for the tests of the
sting-supported model which were reported in reference 5. They indi-
cated that the decreases in lift-curve slope and the destabilizing
pitching~-moment break which occurred at a 1ift coefficient of the order
of 0.6 for the sting-supported model occurred at a lift coefficient
approximately 0.1 lower and with less abruptness for the bump model.

Drag characteristics.- The variations of drag coefficient at zero

1ift with Mach number as obtained from the sting-supported, rocket, and
free-fall tests are compared in figure 27. Data for the bump models

have not been shown since it was concluded in reference 1 that they

were unreliable. The data were in good agreement, the comparison between
the sting-supported and free-fall configurations being especially remark-
able. The slightly decreased rate of drag rise for the sting-supported
fuselage (fig. 27(b)) may have been due to overexpansion of the flow

over the forward portion of the body caused by boundary-reflected dis-
turbances (see ref. 11).

The reliability of the present data which was indicated by the com-
parisons with data from the Langley 16-foot transonic tunnel (fig. 7) was
further confirmed by the foregoing comparisons with data obtained by the
rocket and free-fall techniques. It was also indicated that boundary-
reflected disturbances need not invalidate or obscure the over-all force
and moment characteristics of models such as those used in the present
investigation.

Base-Pressure Characteristics

Wing-fuselage configuration.- With increases in Mach number at

constant angle of attack the base pressure coefficients for the wing-
fuselage configuration generally decreased rapidly beginning at Mach
numbers varying from 1.0 at an angle of attack of 09 to 0.90 at an
angle of attack of 36° (fig. 29). It was shown in reference 17 that
the abrupt reductions in base pressure were due to corresponding reduc-
tions in pressure on the surface of the fuselage just ahead of the base.
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The pressure distributions of reference 7 confirmed this conclusion. At
an angle of attack of 0°, for example, it was indicated that the pres-
sures over the body from the 90-percent station to the base were abruptly
reduced between the Mach numbers of 0.99 and 1.02. Some of the irregu-
larities in base pressure coefficient in the vicinity of a Mach number

of 1.08 may have been due to the passage of boundary-reflected expansions
and compressions over the model base. With increases in angle of attack
at constant Mach number the base pressures decreased rapidly above angles
of attack ranging from 20° at a Mach number of 0.6 to 8° at a Mach number
(opi LIk

Fuselage.- With increases in Mach number the base pressure coeffi-
cients for the fuselages increased up to a Mach number of approximately
1.01 and then abruptly decreased (fig. 30). At constant Mach number the
base pressures were generally reduced with increases in angle of attack.
The characteristics for the fuselage were similar to those for the
original fuselage except that the values of base pressure coefficient
at angles of attack from 20° to 360 were decreased on the order of 0.1.

Addition of the wing to the fuselage at angles of attack up to 8°
had no effect on the base pressures of the fuselage except at a Mach
number of 1.01, where the base pressure coefficients were reduced approxi-
mately 0.07 (fig. 31). At angles of attack from 20° to 36° addition of
the wing reduced the base pressure coefficients as much as 0.4 at the
higher Mach numbers. These effects were probably caused by wing-fuselage
interference which decreased the pressures over the fuselage just forward
of the base.

CONCLUSIONS

The following may be concluded from an investigation to determine
the aerodynamic characteristics of a 45° sweptback wing-fuselage com-
bination and the fuselage alone at transonic speeds:

1. At low 1lift coefficients increases in Mach number above 0.6 for
the wing-fuselage configuration resulted in an increase in lift-curve
slope up to a Mach number of 0.91, a 120-percent increase in drag coef-
ficient between the Mach numbers of 0.93 and l.Oh, and a rearward move-
ment of the aerodynamic center ending at a Mach number of 1.0. The
maximum lift-drag ratio decreased from 14 at subcritical speeds to 7.5
at Mach numbers above 1.03.

2. The growth of leading-edge separation with increases in 1lift
coefficient from 0.3 to 0.6 caused increases in the lift-curve slope,
decreases in leading-edge suction, and a rearward shift of the aero-
dynamic center.




NACA RM L52E1k4 ¥

3. In the lift-coefficient range from 0.6 to maximum 1ift, the
spread of strong separation over the outboard portions of the wing
resulted in general decreases in lift-curve slope accompanied by large
and exceedingly abrupt forward and rearward shifts of the aerodynamic
center. Efforts to alleviate the adverse pitch-up characteristics
should be concentrated in the Mach number range from 0.8 to 1.0.

4. At Mach numbers from 0.6 to 0.92, maximum 1lift coefficients
from 1.01 to 1.15 were attained at angles of attack from 31° to 33°.

5. The effects of boundary layer separation on the force and
moment characteristics generally decreased with increasing Mach number
because of the rearward and outward contraction of the separated regions

on the wing.

6. At low angles of attack the drag coefficients for the fuselage
increased 80 percent between the Mach numbers of 0.99 and 1.04, The
fuselage center of pressure generally moved rearward with increases in
angle of attack and Mach number.

Langley Aeronautical Laboratory
National Advisory Committee for Aeronautics
Langley Field, Va.
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ORDINATES FOR THE FUSELAGE AND FOR THE NACA 65A006 AIRFOIL SECTION
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Figure l.- Typical Mach number distributions in the test section of the
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Figure 2.- Model as tested in the Langley

8-foot transonic tunnel.
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Wing Details

Airfoil section

(parallel to plane of symmetry)  NACA 654006
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Figure 3.- Model details. All dimensions in inches unless otherwise noted.
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Figure 4.- Details of model base for the original fuselage and the
fuselage configurations. All dimensions in inches unless otherwise
noted.
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Figure

support system, and portion of slotted test
the Langley 8-foot transonic tunnel.
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Figure 11.- Concluded.
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Figure 12.- Variation with lift coefficient of the force and moment
characteristics of the wing-fuselage configuration.
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Figure 13.- Variation with angle of attack of the force and moment charac-
teristics of the criginal fuselage and fuselage configurations.
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Figure 13.- Continued.
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Figure 13.- Continued.
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Figure 1k4.- Variation with 1lift coefficient of the force and moment
characteristics of the wing with interference.
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Figure 15.- Variation with Mach number of lift-curve slope for the wing-
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M= 1.2 from reference 5.
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Figure 17.- Variation with Mach number of drag coefficient at zero 1lift
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the wing with interference. Corrected for sting interference. Data
at M = 1.2 from reference 5.
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Figure 21.- Variation with Mach number of maximum lift-drag ratio for
the wing-fuselage configuration. Drag corrected for sting inter-
ference. Data at M =12  from reference. 9.
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Figure 23.- Variation with Mach number of the static-longitudinal-stability
parameter for the wing-fuselage configuration and for the wing with
interference. Data at M = 1.2 from reference 5.
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Figure 29.- Variation with Mach number of the base pressure coefficient
for the wing-fuselage configuration.
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Figure 30.- Variatioa with Mach number of the base pressure coefficient
for the original fuselage and fuselage configurations. Flagged
symbols denote data for the fuselage configuration.
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Figure 31l.- Variation with Mach number of the incremental base pressure
coefficient due to the addition of the wing to the fuselage.
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