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NACA RM A53G08 CONPEDENTTAT
NATIONAL ADVISORY COMMITTEE FOR AERONAUTICS

RESEARCH MEMORANDUM

A METHOD.FOR CALCULATING THE LIFT AND CENTER OF
PRESSURE OF WING-BODY-TAIL COMBINATIONS AT
SUBSONIC, TRANSONIC, AND SUPERSONIC SPEEDS

By Jack N. Nielseh, George E. Kaattari,
and Robert F. Anastasio

SUMMARY

A method is presented for calculating the 1lift and pitching-moment
characteristics of circular cylindrical bodies in combination with tri-
angular, rectangular, or trapezoidal wings or tails through the subsonic,
transonic, and supersonic speed ranges. The method covers unbanked
wings, sweptback leading edges or sweptforward trailing edges, low
angles of attack, and the effects of wing and tail incidence. The wing-
body interference is handled by the method presented in NACA RM!'s A51J0OL-
and A52B06, and the wing-tail interference is treated by assuming one
completely rolled-up vortex per wing panel and evaluating the tail load
by strip theory. A computing table and set of design charts are pre-
sented which reduce the calculations to routine operations. Comparison
1s made between the estimated and experimental characteristics for a
large number of wing-body and wing-body-tail combinations. Generally
speaking, the lifts were estimated to within #10 percent and the centers
of pressure were estimated to within #0.02 of the body length. The
effect of wing deflection on wing-tail interference at supersonic speeds
was not correctly predicted for triangular wings with supersonic leading

edges. '
INTRODUCTION

In recent years the problems of the interference among the compo-
nents of airplanes or missiles have received much attention because of
their great importance in high-speed aircraft design. This increased
importance is due to the current design trends toward larger fuselage
radii and tail spans relative to the wing span. With. regard to wing-
body interference, one of the notable methods for its determination at
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subsonic speeds is that of Lennertz, reference 1; recent data supporting
the work of Lennertz are presented in references 2 and 3. Laborious
methods are available (refs. 4, 5, and 6) for computing the interference
load distributions of wing-body (or tail-body) combinations at super-
sonic speeds, and simple engineering methods are available for estimat-
ing the effects of wing-body interference on 1ift and pitching moment
at these speeds (refs. T, 8, and 9). With regard to wing-tail inter-
ference, one of the notable methods for its calculation in subsonic
aircraft design is that of Silverstein and Katzoff in references 10

and 11. For supersonic speeds, Morikawa (ref. 12) has examined the four
limiting cases of zero and infinite aspect ratio for wing and tail and
has found that the loss of lift due to interference can be as large as
the 1ift of the wing itself for equal wing and tail spans. Using

~ slender-body theory, Lomax and Byrd (ref. 13) have analyzed the wing-
tail interference of a family of combinations having swept wings. Sev-
eral authors have studied problems of the nonuniform downwash field
behind wings in combination with a body at supersonic speeds; Lagerstrom
and Graham (ref. 14) present solutions for certain vortex models repre-
‘senting the downwash field. Spahr and Dickey (ref. 15) have compared
experimental measurements of downwash with the theoretical values and
have found that the assumption of one fully rolled-up vortex per wing
panel provides a good prediction for low-aspect-ratio. triangular wings
at small angles of attack. However, for large aspect ratios or high
angles of attack more than one vortex per wing panel is needed to pro-

. vide agreement between theory and experiment. With regard to the prob-
lem of determining the tail loads due to the nonuniform downwash field,
Lagerstrom and Graham (ref. 14) advocate the use of strip theory. Alden
and Schindel (ref. 16) have developed a method based on linear theory
for determining the tail load in certain cases. With regard to over-all
1ift and moment for wing-body-tail combinations, Grigsby (ref. 1T),
Edwards (ref. 18), Edelman (ref. 19), and Rainey (ref. 20) have compared
experiment and theory on the basis of one fully rolled-up vortex per
wing panel and have usually obtained good agreement for the specific
configurations they have analyzed.

_ The present report can be conslidered an extension of references 7,
8, and 9 to include subsonic speeds and wing-body-tail combinations.

Its purpose is threefold: first, to present a unified procedure for
calculating interference effects and to examine the assumptions under-
lying the procedure; second, to compare the predictions of the method
with experiment to estimate the accuracy of the predictions and the
range of application; and third, to make suggestions for future research
to improve the accuracy and increase the scope of the method.

-GONFTDENTTAT™
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SYMBOLS

Ap tail-alonel aspect ratio

Ay wing-alonel aspect ratio

cr chord at wing-body juncture or tail-body juncture, in.

ct tip chord of tail or wing, in.

Cy, 1ift coefficient based on wing-alone area

Ky

lift-curve slope, per deg (unless otherwise specified)

lift-curve slope of tail based on tail-alone area

pitching-moment coefficient based on wing-alone area

wing vortex semispan at tail position, in.

wing vortex semispan at wing trailing edge,,iq.

wing vortex semispan for large downstream distances, in.
Alden-Schindel influence coefficient at spanwise distance 17
image vortex semispan at tail position, in.

image vortex semispan at wing position, in.

height of wing vortex above body axis at tail center of presF
sure, in. A '

tail interference factor

ratio of 1ift component to 1lift of wing alone or tail alone for
variable wing or tail incidence

ratio of 1lift component to 1lift of wing alone or tail alone for
variable angle of attack

ratio of 1lift of body nose to lift of wing alone

1The wing alone or tail alone is defined to be the exposed panels of the

wing or tail Jjoined together.
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length of wing-body-tail combination, in.

distance from most forward point of body to wing leading edge and
body intersection, in.

distance from most forward point of body to center of moments,
in.

distance from most forward point of body to shoulder of body
" nose, in. ‘ '

distance from most forward point of body to tail leading edge ang
body intersection, in. : '

distance from most forward point of body to center of Pressure
of combination, in.

moment reference length, in.
1lift force, 1b
1ift on tail section due to wing vortices, 1b

1ift on body section between wing and tail due to wing vortices,
1b .

cotangent of leading-edge~sweep angle

free-stream Mach number

free-stream dynamic pressure, lb/sq in,

body'radiﬁs at shoulder of nose, in.

body radius at wing, in.

body radius at tail, in.

Reynoldsvnumber based)qn mean aerodynamic chord of exposed wing
semispan of tail in combination,. in. |

cross-sectional area of nose at maximum section, sq in.
reference area of combination lift coefficient, sq in.

tail-alone area, sq in.

~CONFIDENTTAT™
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Sy wing-alone area, sq in. : !
Vo free-stream velocity, in./sec ;
VN volume of body nose up to shoulder, cu in. N
‘ i
X distance to center of pressure measured from wing leading edge :
" and body intersection for wing quantities and from tail lead-

ing edge and body intersection for tail quantities, in.
Xy distance from leading edge and body intersection to wing hinge

line, in.
a angle of attack of body center line, deg
B v -1
) circulation at wing-body juncture of combination, 1n.2/sec
r circulation, positive counterclockwise facing upstream, in.z/sec
S tail incidence angle, deg
Sy wing incidence angle, deg
A tail taper ratio, (ét/ér)T
AW wing taper ratio, (Ct/cr)w j

A1, ,E. sweep angle of leading edge, deg o . o |

Po free-stream density, slugs/cu in.
Subscripts
B body alone
c combination, either body-wing or body-wing-tail
F forebody

N body nose
T tail alone

Vv wing vortex
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W wing alone

AS Alden-Schindel theory
B(T) body in presence of tail
B(W) body in presence of wing
ST strip theory |
T(B) tail in presence of body
W(B) wing in presence of body
a a variable, & constant

e} & variable, a constant
LIFT THEORY

The 1lift theory as developed is for the angle-of-attack range over
which the lift and moment curves are linear and is equally applicable to
subsonic and supersonic speeds unless otherwise noted. The methods
developed in references 7 and 9 for determining the various components
of the 1ift have been substantiated for supersonic speeds. These methods .
are summarized and their applicability to subsonic speed shown.

Attention is focused on pointed bodies having wings and tails
mounted on body sections of uniform diameter. For the sake of being
specific, the forward lifting surfaces are termed the wings, even in
cases of canard configurations. Both wings and tails may have variable
incidence, but cases of differential incidence are beyond the scope of
this paper.

The terminology used is indicated in figure 1. The nose is that
Part of the body in front of the wing. However, when the wing is
mounted on an expanding section of the body, the nose is taken to be
the entire expanding part of the body. The principal 1ift components
are (neglecting wing-tail interference):

1. Lift on nose including forebody, LN

- Lift on wing in presence of body, LW(B)
Liftlon body due to wing, Lp(w)

Lift on tail in presence of body, LT(B)
. Lift on body due to tail, LB(T)

CONFEDRNFEAL e
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The additional 1ift components due to the wing trailing vortices are:
6. Lift on tail section due to wing vortices, LT(V)
7. Lift on wing afterbody due to wing vortices,LB(v)

All 1ift coefficients, except those for the tail alone, are based:
on the wing-alone area. All 1ift components are referred to experimen-
tal or theoretical values of -CLw or CLT, through which Mach number

effects enter. Experimental values of CLw or Cr, should be used when

these are avallable, otherwise any discrepancies between experiment and
theory for these component parts of a combination will also carry over
to the characteristics of the complete configuration. The 1ift results
for tail-body interference are identical to those for wing~body inter-
ference, except for a term to refer the tail-body interference 1ifts to
the wing area and, therefore, will not be treated separately.

~te

Lift on Body Nose

The method given in reference 7 for specifying the 1ift on the nose
makes use of the equation

Cry = KN<CLa>W 9B o (1)

wherein the coefficient Ky 1s defined as

for equal angles of attack of wing and nose. For many applications it
is sufficiently accurate to evaluate Ly by use of slender-body theory

‘LN = 21[1'N2 ap q . : (3)

Lp = 0 | ‘ (%)
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so that

25 (ry®)

Ky = EWTCL:X (5)

It is known that slénder-body theory is usually not sufficiently accu-
rate to determine body-alone lifts in cases such as nonslender bodies,
hypersonic speeds, or large angles of attack. These effects are dis-
cussed in references 21, 22, and 23, respectivyely. However, for com-
binations which are not predominantly body, the nose 1ift is not a
large part of the total 1lift,and slender-body theory gives satisfa.ctory
results in most instances.

Lift on Wing in Presence of Body

The 1ift on the wing in the presence of the body is given in refer-
ence 9 as

CLy(p) = [KW(B) @ + ky(B) %],(CL¢)W | (6)
The factor KW(B) is defined as

Ky(B) = E%Ilil with 8y =0 | (7)

and is greater than unity because of body upva.sh. The factor kW(B) is
defined as K

L (B)
Ly

ky(p) = with a=0 (8)

and is less than unity because of the effects of interference on wing
1ift in the absence of body upwash. The 1ift ratios Ky(B) and ky( Bz
have been determined from slender-body theory and are presented in fig-
ure 2 as taken from reference 9. The use of slender-body values of Ky W(B) .
and kw B% for combinations employing wings of large aspect ratio has

been justified in references 7, 9, and 24 for supersonic Speeds.

It might be surmised that the present method of determining the
1lift on a wing in the presence of the body is applicable at subsonic

CONFEDENEEAL,
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speeds since the slender-body-theory values of KW(B) and kW(B) on
which it is based are not dependent on Mach number and the effect of
Mach number enters only through <iﬁ; ) . This supposition will sub-

W
sequently be shown to be borne out by experimental data. Spreiter
made the observation in reference 25 that the loading on the minimum

drag wing-body combination of Lennertz (ref. 1) is identical at low
speeds to that of a slender wing-body combination with a body of uni-
form diameter. The division of 1lift between wing and body based on
this loading is shown in figure 3. Since the present method is based
on the division of 1ift as given by Spreiter, the equality of the
results of Spreiter and Lennertz is further evidence of the applicabil-
i1ty of the present method to subsonic speeds.

At this point, it is desirable to consider the effects of span
loading on the division of 1lift between wing and body because this
information has bearing on the validity of the vortex model used in
determining some later results. Besides his result for minimum drag,
Lennertz also determined the division of load between wing and body for
uniform span loading. This result, which corresponds to replacing each
side of the combination by a horseshoe vortex, is shown in figure 3,
wherein the part of the lift carried by the body is shown as a function
of the ratio of body radius to vortex semispar. For the same value of
the abscissa there is not much difference between the fractions of the
1lift acting on the body for the two cases. Generally, the span of a
horseshoe vortex replacing a wing is less than the wing span. If
account is taken of this fact in the comparison, the existing differ-
ence would largely disappear. Thus, the representation of the wing-
‘body combination by a horseshoe vortex on each side is compatible with
the present method of determining the division of 1ift between wing and
body.

Lift on Body Due to Wing

The same general scheme used to compute the 1lift on the wing in the
Presence of the body 1s used to compute the 1ift on the body due to the
wing. In fact, the equation analogous to equation (6) is

Crywy = [ Ka(w) ® * En(w) f’w] (Cia)w o)

The factors KB(W) and kp(y), defined so that equation (9) is valid
under the assumptions of linearity, are

LB (w)
Ly

Kp(w) = with 8y = 0 (10)

CONEEDENTEA
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LB(w)
Ly

kp(w) = with a =0 ' (11)

Generally, the values of KB(W) based on slender-body theory are used,
and these values are given in figure 2. However, for the high-aspect-
ratio range at supersonic speeds, a special design chart was developed
in reference 7 by use of the planar model shown in figure 4. This
design chart is presented in figure 5(a).

The case of no afterbody behind the wing or tail is investigated
in Appendix A for the high-aspect-ratio range at supersonic speeds.
The analysis is based on the planar model of figure 4, and the 1lift is
assumed to carry over onto the body only back to the wing (or tail)
trailing edge. The design chart based on this assumption is presented
in figure 5(b). The difference between the afterbody and no-afterbody
cases for the low-aspect-ratio range at supersonic speeds has not been
considered.

A comparison of Kp(y) as determined from figure 5(a) with that
from figure 5(b) gives an 1ndication of the importance of the afterbody
for any particular configuration. For small values of the ratio
2B(r/cr) there is very little effect of the afterbody on ‘KB(W) but,
for large values, the effect can be as large as several hundred percent.
At subsonic speeds no distinction will be made between the afterbody

and no-afterbody cases. The difference between the two cases, which is
usually small in terms of total 1ift at supersonic speeds, is further
reduced at subsonic speeds because of the lesser tendency of 1lift to be
carried downstream.

Slender-body theory is the only general means avallable for the.
determination of kp W)+ The values of kB(W so. determined are pre-
sented in figure 2 (see ref. 9) These values are used for both sub-
sonic and supersonic speeds.

Lift on Tail Section Due to Wing Vortices

Wing-tall interference reésults from downwash in the region of the
tail caused by the wing vortices. The problem of determining wing-tail
interference breaks down into the problems, first, of determining the
number, strengths, and positions of the wing vortices at the tail and,

second, of determining the reaction of the tail section to the nonuniform
~ flow field induced by the wing vortices. This ¢omponent of the combina-
tion 1ift is the most laborious to calculate. The same method will be
used for subsonic and supersonic speeds.

7
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Line-vortex theory is used in the solution of the wing-tail-
interference problem following' the general lines of other investigators.
The model to be used is illustrated in figure 6. This model of the
wing is the same as the lennertz model for uniform loading previously
discussed and 1s thus compatible with the method used here for calculat-
ing wing-body interference. Only one trailing vortex per wing panel is
considered although more vortices per panel could be used to obtain
greater accuracy at the expense of greater complication. The wing
trailing vortices stream backward but undergo lateral and vertical
deflections as a result of the body cross-flow field and the interaction
between vortices. Image vortex lines are introduced inside the body at
the image position of the trailing vortices to satisfy the boundary con-
dition for a circular body. Sufficiently far downstream the external
vortices approach an asymptotic spacing. :

Number of vortices per panel.- For ease of calculation it will be
assumed that one fully rolled-up vortex is discharged from each wing
panel. While this model simulates the flow behind the wing panels of
many combinations, there are cases where it does not. For instance,
the work of Spahr and Dickey, reference 15, shows that for panels of
high aspect ratio the flow behind the panel can consist of a flat sheet
or several vortices, and for high angles of attack body vortices appear
in the flow. Thus, it is a fact that the simplified model of one vortex
per wing panel. is not always an adequate basis for computing downwash.
However, several investigators, such as Grigsby, Edwards, Edelman, and
Rainey, (refs. 17, 18, 19, and 20) have successfully applied this sim-
plified model to the computation of tail loads. These results indicate
that the total tail load of each of the configurations investigated is
insensitive to the details of the vortex flow although the downwash and
spanwise distribution of tail load are not. This conjecture is substan-
tiated in part'by the theoretical work of Morikawa, reference 12, who
has calculated the tail 1lifts of slender wing-body-tail combinations
using one fully rolled-up vortex per wing panel and using a flat vortex
sheet. Only for fully rolled-up vortices in the immediate vicinity of
the tail tip does any appreciable difference between the two cases occur.
The results of Lomax and Byrd, reference 13, for a family of swept wing-
body-tail combinations are in accord with the findings of Morikawa. It
was on the basis of this evidence and because of its great simplicity
that the use of one wing vortex per panel was adopted. The accuracy of
this assumption and its range of application will subsequently be deter-
mined by comparison between experiment and . theory. .

Vortex strength.- The circulation distribution at the wing trailing
edge determines the strength I and the spanwise position fyy of the
vortex at the trailing edge. The actual circulation distribution is
replaced by an equivalent horseshoe vortex corresponding to the Lennertz
model for uniform loading. Figure 7 illustrates this model. Note that
figure T contains the tacit assumption that the maximum value of the

-
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circulation is at the wing-body juncture. Since the 1ift of the bound
vortex is P,V Iy, per unit span, the value of Im can be estimated
from the follow1ng series of equations:

o W@  __ I ) * Iaw) (12)
2oVo(fy-Ty)  2pdo(ry-gy)  2oVo(fy-gy) ‘
fw gy =rw2 (13)

to satisfy the boundary condition that the body is circular. The first
form of the equation will be used for determining I'p. From égqua-
tions (6) and (12) it follows that’

-

Iy - ‘VO[KW(B) a + kW(B) GW] (C )

1k
h—(fw - I‘W) ( )

Vortex lateral position.- The problem of determining the lateral
positions of the wing vortices must be solved before the foregoing equa-
tion can be used to evaluate I'y. The assumption is made that the vor-
tices of the wing in combination are discharged at the center of vortic-
ity of the panels of the wing alone as determined by lifting-line theory
or linear theory. This assumption is necessary because the circulation
distribution is not generally known for the wing-body combination. The
validity of this assumption can be examined for slender wing-body com-
binations for which the span loading is known and from which the lateral
position of the vortex can be determined. In fact, the lateral vortex
position on the basis of slender-body theory is given as

“<l ol
AN SO 2O}

()]

This equation gives the lateral position of the vortex as a fraction of
the semispan of the exposed wing panel and as a function of the radius-

‘ semispan ratio. The maximum deviation between the values given by this
equation and the wing-alone value of 0.786 (or m/h) is about 3 percent.
TﬁTE”?€§ﬁIf’I§—IEEE§§ﬁHéﬁf”f the plan form of the wing or body in front
of the maximum span position since in slender-body theory the potential
and, hence, the circulation depend only on the cross-flow plane under
consideration.

(&) -
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For nonslender wing-body combinations the lateral positior. can
easily be determined if the wing 1ift coefficient and the loading at
the root chord are known. The necessary equation is

( cL)w Sy

fy = (16)
w E(CZC) . :
In this equation (czc) is the product of the section 1ift coefficient

at the center line of the wing and the chord at that position. Inherent
in the equation is the assumption that the maximum circulation occurs

at the center line of the wing.

A series of charts has been prepared for wings of unswept leading
edges, midchord lines, and trailing edges to give the vortex location

as a fraction of the wing-alone semispan and as a function of the effec-.. . .

tive aspect ratio with taper ratio as parameter. The charts for sub-
sonic speeds, shown in figure 8, are based on the 1lift charts of DeYoung
and Harper, reference 26. It is noteworthy that for low aspect ratios
the lateral positions of the vortices all tend toward the slender-body
value of n/l. ' No systematic set of 1ift charts similar to those of
DeYoung and Harper is available for supersonic speeds. However, where
linear-theory results were available, they were used to obtain the )
curves shown solid in figure 9, which is the supersonic analog of fig-
~ure 8. To complete the charts the solid lines have been continued as
dashed lines toward the slender-body value of n/h at zero aspect ratio
for the cases in which it was felt that the extrapolation could be made
safely. For the A =0 case with no leading-edge sweep, there is a
‘possibility that the circulation distribution does not have its maximum
at the center line of the wing as assumed in equation (16). The linear-
theory solution for the load distribution for the reversed triangular
wing is unknown for pAy < k. -

While the foregoing charts give the vortex lateral position at the
wing, the lateral position at the tail, fp, is required for calculating
wing-tail interference. The simple assumption can be made that fo is
equal to fy. The determination of fyy has been discussed by Spreiter
and Sacks in reference 27. Also fq can be set equal to £y, the asymp-
totic vortex lateral position, as determined from reference 1k. (A
step-by~-step calculation of fp using the graphical aids of reference 28
can be made, if desired.) To determine which of the approximations
to fq, fy, or £y, is more accurate, the experimental lateral positions
are compared with fy and f, in figures 10, 11, and 12 for three tri-
angular wing and body combinations reported by Spahr and Dickey in
reference 15. As the angle of attack increases, the vortices become
more rolled up at a given downstream station and are spaced closer
together. Grigsby, reference 17, has also found similar results. How-
ever, the data of figures 10, 11, and 12 exhibit certain behavior that
must be considered if accurate vortex positions at the tail are to "be

N CONFIDENTIAL....,,
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Predicted. In the first place, more than one vortex per wing panel
sometimes occurs in the field for the higher aspect ratios. Secondly,

at high angles of attack body vortices appear in the flow and affect

the positions of the wing vortices. Further work is required before
accurate predictions can be made of the vortex positions at the tail.

On the basis of the comparison between theory and experiment, neither Ty
nor f, 1is superior for predicting the vortex spacing at the tail because
of the appearance of other vortices in the flow. Until more data are __
available on vortex positions to justify a more elaborate estimate, the
value of fy will be used.

Vortex vertical positions.- The vertical position of the vortex at
the tail can be estimated by the step-by-step calculative procedure des-
cribed in reference 15, but the process is generally too lengthy. Two
alternate methods are considered. In the first method, the vortex is
assumed to stream backward in the free-stream direction from the wing
trailing edge. The second method, suggested by Lagerstrom and Graham,
reference 14, is to ignore the effects of the image vortices, which are
nearly equal and opposite, but to consider crossflow and the mutual
effects of the external vortices. A comparison between the two positions
predicted by these methods and the positions measured by Spahr and Dickey
are shown in figures 10(b), 11(b), and 12(b). Because of the occurrence
of more than one wing vortex per panel and of body vortices, neither
theoretical method appears superior. Therefore, it seems best to use the
simpler of the two methods which assumes that the vortices stream back
from the trailing edge in the free-stream direction. This assumption
leads to the following equation for vortex vertical location:

hp = - (cp - xH)W sin dy + [iT(B)" Iy - (cr)wi] sin a (17)

~~——

The height is measured above the body axis and normal to it at the center
of pressure of the tail panels.

Lift due to wing vortices.- The load transmitted to the tail section
because of the wing vortices depends on the vortex positions at the tail
and the vortex strengths. For estimating the loads on the tail section,
strip theory is generally applicable but the method of -Alden and Schindel,
reference 16, can be applied when the necessary theoretical span loadings
are known. In specifying the tail load, use will be made of a tail inter-
ference factor

Lpyy/(Lp)
L T(V)/\ LT , (18)
57.3 Im/2na Vo (sq-rm)

CONPIDENTTAL ™" -
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where (LT)a is the lift of the tail alone at angle of attack o. The
interference factor represents a nondimensional quantity useful for
computing tail loads. The factor i depends on the parameters KT,
(r/s)q, (Cr/BS)T; (f/s)T, and (h/s)T. For a fixed body-tail configura-
tion, the factor depends only on the vortex positions in the cross-flow
plane of the tail. -

Whether the factor 1 1s calculated by strip theory or by the
Alden-Schindel technique, several simplifying assumptions are required
regarding the wing-tail interference. The first assumption 1is one
,already used in determining Kp(w) for large aspect ratios at supersonic
speeds - that the nonplanar tail section can be reduced to an equivalent
planar model similar to that shown in figure 4. The body is assumed to
be flat and to act at zero angle of attack, while the tail angle of
attack ap varies spanwise. The second assumption is that the 1ift on
the tail section due to wing-tail interference is all developed by the
tail panels, even though part of it is transferred to the body. In the
application of strip theory to determine this 1ift, Lagerstrom and
Van Dyke in reference 29 have shown that an exact value (within the
realm of linear theory) will be obtained for the over-all 1lift of the
bplanar model if the leading edge is supersonic and the trailing edge is
straight, as for a triangular wing of effective aspect ratio greater
than 4. It is to be noted that the second assumption circumvents the
question of whether an afterbody occurs behind the tail. Generally, the
1ift acting on the body is only a small fraction of that acting on the-
tail section due to wing-tail interference, so that no precise considera-
tion of the tail afterbody is usually required.

Strip theory has been used to calculate a series of design charts
for the estimation of i. The details of thée calculations are given 1n'
Appendix B, and the charts are presented in figure 13. The charts of
this figure show contours of constant values of i 1in the cross-flow
plane of the tail with the parameters Ap and (r/s)T varying from _
chart to chart. It is to be noted that strip theory is. independent. of
the chord-span ratio (c¢/ps)p. In fact, strip theory represents the
limiting case of linear theory as (C/BS)T'—4>O-, The charts give an

. immediate idea of the regions wherein wing-tail interference is most
important. For triangular tails (AMp'= 0) it is to be noted that the -
interference is a finite maximum when the vortex is in the plane of the
tail and slightly inboard of the tip. For all other taper ratios, how-
ever, an infinite maximum effect occurs when the vortex is at the tail
tip. Strip theory is, thus, not accurate for positions of the vortex
near the tail tip, except in the case of triangular wings with supersonic
leading edges, in which case it is accurate to the order of linear theory,

. An alternate method for the determihation of i 1is the method of
Alden and Schindel, which will serve as a basis for assessing the accu-
racy of strip theory. The essential result of the method is that the

CONEIDENTIAL



16 | CONPEPENTHme NACA RM A53G08

1ift of a 1lifting surface with supersonic edges in a nonuniform flow
field that varies spanwise can be evaluated to the accuracy of linear
theory by the equation

L =/;pan w(y)F(y)dy (19)

where Ww(y) is the vertical velocity at the spanwise position y and F(y)
is proportional to the span loading of the tail at uniform angle of
attack in reversed flow. Heaslet and Spreiter in reference 30 have
extended the range of equation (19) to include surfaces with subsonic
edges. For triangular tails with supersonic leading edges, the reversed
tail is uniformly loaded so that F(y) is proportional to the local
chord. Thus, strip theory and the Alden-Schindel method give identical
results for this case. Generally speaking, the Alden-Schindel technique
is not suited for an analytical determination of i because, in some ’
cases, the necessary functi®on F(y) is not known or leads to complicated
integrations. (A clever electromagnetic device for performing these
integrations has been described by Hill in ref. 31.) The Alden-Schindel .
method leads to results in closed form for rectangular tail and body
combinations, and the calculation has been carried out in Appendix C.

The values of 1 for the vortex in the plane of a rectangular tail and
for a radius-semispan ratio of 0.2 are given in figure 14 for four values
of (c/Bs)T. For a value of (¢/Bs)p = O the Alden-Schindel technique
and strip theory are identical. Thus, a comparison of the curves for
other values of (c/Bs)T with those for zero gives an indication of the
error due to the use of strip theory for large chord-span ratios. The
first result is that the infinity at (f/s)p = 1 (for values of (c/Bs)p
not equal to zero) has been eliminated by using the Alden-Schindel tech-
nique. For vortex positions outboard of the tail tip, the effect of

(c BS)T is very small. However, for vortex positions inboard of the
tip, a larger effect of (c/Bs)T is indicated. To obtain an idea of
where the discrepancy due to the use of strip theory is large and where
small, a figure has been prepared showing the ratio of (ipg - igr)/iag
as a measure of the error incurred in using strip theory for (c/ﬁs)T=O.5.
This ratio is shown as a function of vortex position in figure 15. ~For
positions of the vortex outboard of the tail tip, the error is generally
very small except in the immediate vicinity of the tip. For positions
of the wing vortex inboard of the tail tip, a maximum error of about

35 percent can be incurred by the use of strip theory. This error
decreases with distance from the tail. The reason that larger errors
are incurred for positions of the vortex inboard of the tail tip is

that here the net effect of the vortex is the small difference of large
positive and negative lifts, while for outboard positions the vortex
induces negative 1ift across the entire tail. It is believed that the
use of strip theory is more accurate for tapered wings than for rectan-
gular wings since it is known to be exact for triangular wings with

"GONFIDENEEAlng
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supersonic edges. Despite the fact that strip theory does not possess
the accuracy of linear theory for purposes of estimating tail loads, it
has several decisive advantages over the linear theory (exemplified at
supersonic speeds by the Alden-Schindel method) . First, the necessary
theoretical information is not available for using linear theory in
some cases at supersonic speeds. Second, separate determinations would
be required for different (c/Bs)T values and for subsonic and super-
sonic speeds, making the construction of design charts extremely diffi-
cult. For these reasons and because of its great simplicity, strip
theory is used in this report for computing the tall interference fac-
tors except for rectangular tails at supersonic speeds. ;

N .
The contribution of wing-tail interference to thé lift coefficient
is now derived. The contribution is by definition

Lo(v) = ng) (20)
With the e.id of equations (14) and (18) there is obtained
57.3 (CLQ)W (g i [KW(B) o + ky(p) Sw]‘fi(sm - 71p)
CLr(v) = — ()

2n Ap(ty - ry)

The values of KW(B or kW(B) are obtained from figure 2, the value
of i from figure 13, and fthe value of fy from figures 8 or 9. For
rectangular tails at supersonic speeds the value of 1 calculated by
use of the Alden and Schindel technique is recommended.

Lift on Wing Afterbody Due to Wing Vortices

In the previous work it was assumed that no change 1n lateral vortex .
spacing occurred between the wing and tail because, for the purposes of
this report, the extra work to compute the change is usually not war-

" ranted. However, if for some reason a step-by-step calculation of the
vortex path is made, the 1ift on the wing afterbody can be estimated.
The model shown in figure 6 is used in the estimation. The 1lift repre--
sented by a horseshoe vortex is p Volm per unit span. The 1lift repre-
sented by the vortex system at- the wing trailing edge is thus
2P VoIm(fy-gy) and at the tail location is 2o Volm(fp-gp). The net lift-
retained on the body between the wing and the tail is thus

IB(v) = - 2Polpl(fy-gy) - (fp-gq)] (22)

CONFEDRNTTAT
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With the aid of the relationships

&y = — (23) s

(2k)

gT =.
/e 2 2
fT + hT
equation (P2) becomes in 1lift coefficient form

hrm (fWZ_WZ) ) - rT2 . N

CLy(y) = - o o ~fp + ——-———-——-.,____._sz ] | (25)

Lagerstrom and Graham (ref. 14) have derived this same result using a
different method. Generally, the change in f between wing and tail
1is not known unless the step-by-step solution mentioned in reference 15
is performed. In this case both the total 1ift and distribution of 1lift
on the body due to the trailing vortices is known. However, if only an
upper bound on the value of CLB ) is desired, then the value of o

can be used for fp in equation (25)

14

Summary of Lift Components of Wing-Body-Tall Combinations

The seven components of the lift acting on a wing-body-tail com-
bination are outlined as follows'

1. Lift on body nose,
(CL)N = KN(CLCL>W ap (26) A

2. Lift on wing in presence of body,

(CL)W(B) =[KW(B) @ + ky(p) SW:I (CL“>w (27)
3. Lift on body due to wing,
(CL)B(W) =|:KB(W) a + kp(y) aw] (CL“)W (28)

P
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4. Lift on tail in presence of body (neglecting wing vortices),

(CL) gy ”[KT(B) @+ kp(p) ST:I (CLCL>T<§§> (29)

5. Lift on body due to tail (neglecting wing vortices),

| (CL)B(T)_"[KB(T) “.+ kB(f) 5_'1’] (CLG)T<%T; (30)

’ 6. Lift on tail section due to wing vortices,

735, (), [0 o+ ] e

C = " (31)
( L)T(V) 2nAn(fy-ry) .
T. Lift on wing afterbody due to wing vortices,
urp | (£%-r°) o .
(Cu)peyy = - e A L (32)
SyVo Ty fq° + rq°

A calculative form for determining the 1ift and moment characteris-
tics of wing-body-tail combinations utilizing the foregoing results will
subsequently be presented. However, the last 1lift component will not be
incorpdrated_igto the form since 1t is only of importance in rare
~ instances, and since 1t can only be computed aftss & step-by-5tep com-
putation of the type discussed in reference 15. A chart summarizing )

he lift-curve slopes of wings at supersonic speeds as determined from
\linear theory is included as figure 16 for use with these formulas.

CENTER-OF-PRESSURE THEORY

In the section on 1ift theory the differences between subsonic and
supersonic speeds were given only passing attention since the 1ift theory
as developed applies in the same form to both speed ranges. The primary
effect of Mach mumber was manifest through the quantities . CLd~w and

C . However, in the center-of-pressure theory the Mach number has -
La ) , :

a direct effect on the centers of Pressure of several of the 1ift com-
bonents, and a definite distinction must be made between the subsonic
and supersonic cases for these components.

CONRSDENTIAL
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Several conventions are adopted with regard to center-of-pressure
position in this report. All positions for the complete configuration
are ultimately given in fractions of the body length behind the 'most
forward point of the body. The design chart for the centers of pres-
sure of Lp(y), LW(B)’ Lp(g), and Lp(7) are given in fractions of the
root chord (at the juncture with the body) behind the juncture of the
leading edge with the body. All length symbols having bars over them
represent center-of-pressure lengths.

Center of Pressure of Body Nose

For most purposes the center of pressure of the bo&y nose can be
estimated with sufficient accuracy by slender-body theory. The result
is obtained that .

Iy = Iy (l W ) | (33)

wherein Vy, Ty, and Iy are the volume, radius, and length of the body
nose. For bodies with noses of small fineness ratio or even for bodies
with slender noses at high Mach numbers, some 1ift is carried over onto
the body behind the nose, tending to make iN greater than the value
glven by equation (33). If the 1ift on the nose is a substantial frac-
tion of the total 1ift, the effect can be significant. In such cases .
linear theory is better than slender-body theory, although experimental
values of 1y are always to be preferred. In this report, slender-body
theory will be used when theoretical values are used.

Center of Pressure of Wing in Presence of Body

The center of pressure of the wing in the presence of the body
depends slightly on whether the 1lift is developed by varylng the body
angle of attack at fixed wing incidence or varylng the wing incidence
at constant body angle of attack. The difference in centers of pressure
for these 1lift components, determined experimentally for triangular all-
movable wings and reported in reference 9, amounts at supersonic speeds
to about 2 percent of the root chord or 3 percent of the mean aerody-
namic chord. If account is taken of the difference, the center of pres-
sure for the wing in the presence of the body is '

KW(B)“(C—D»:(B)Q * *u(B) oW (%%(B)a (34)

<—<;I_‘ W(B) - KW(B) a + kW(B) Oy
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Generally speaking, the theoretical values of (i/cr)w(B)m and (i/cz;)w(B)B

are not known so that some approximate method of estimating them is
required. In reference 9 the values of (i/br)w(B)a and (i/cr)w(B)8 for

triangular wings in combination with a round body are -given as computed -
on the basis of slender-body theory. Also, the values of (i/cr)W(B)a

.for rectangular wings of effective aspect ratio 2 or greater are reported
as determined by linear theory. For other cases the following approxi-
mate result is recommended in lieu of more specific information:

(é.) - (g-‘;w : | (35)

()

The distance of the center of pressure of the wing in the Presence of
the body measured from the most forward point of the body is, then

' iW(B) = iy + (Cr)w, <Ei; () (36)

At subsonic speeds the charts of DeYoung and Harper, reference 26,
may be used for estimating (i/cr)w for a wide range of aspect ratios,
taper ratios, and sweep angles. A chart presenting the results is
shown as figure 17. The results have been extrapolated from values
of BA =2 to the slender-body values at pA = O. Cross-plotting
alded in the extrapolation. A set of charts for supersonic speeds is
presented as figure 18. These charts are based on linear theory and
have been extrapolated-to the slender-body values at zero aspect ratio
when linear theory was not available for the low-aspect-ratio range.

The curve for A =0 and no leading-edge sweep could not be extrapo-
lated with any degree of assurance. .

Center of Pressure of Body Due to Wing

The center of pressure acting on the body due o the wing is deter-
mined by different methods, depending on whether subsonic or. supersonic
flow is considered. For the supersonic case the method of reference 8
1s used. In this method the planar model of figure 4 1s used with the
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assumption that the wing is at a uniform angle of attack. Generally
speaking, the model is applicable only if the tip Mach cones do not
intersect the wing-body juncture, thereby influencing the wing-body
interference. For this high-aspect-ratio range two cases are distin-
guished: that of an afterbody behind the wing and that of no afterbody.
The afterbody case is approximated by integrating the pressure field on
the body to the trailing-edge Mach waves, as shown in figure 4, and the
no afterbody case is approximated by integrating only up to an exten--
sion of the wing trailing edge. Based on these models, charts for
determining (i/cr)B(w) for the afterbody and no afterbody cases are

presented in figures 19(a) and 19(b), respectively.

While the charts of figure 19 can be used for an approximation to
(i/cr)B(W) even for the low-aspect-ratio range, as indeed was done in

reference 9, nevertheless, a somewhat more accurate method can be
derived for this range. In the more accurate method the independent
variables are taken to be aspect ratio and taper ratio, with radius-
. semispan ratio as parameter. The values of (i/cr)B W for BA =0

- are those given by slender-body theory, and the values for (r/s)w =0
are those for the wing alone as given by linear theory. On the basis
of this information it is possible to extrapolate the high-aspect-ratio
theory to BA = 0, as has been done in figure 20 for the afterbody case.
These charts are to serve as design charts for the aspect-ratio range.
Similar charts can easily be formulated for the no afterbody case by
use of the results of figure 19(b). In establishing the slender-body
values at BA = 0, it was assumed that no lift was developed downstream
of the maximum wing span. The extrapolation was not attempted for A =0
and no leading-edge sweep.

'Hitherto, no method seems to have been available for estimating
(i/cr)B(w) at subsonic speeds. For this purpose, the 1lifting-line

model shown in figure 21 has been used. The lifting line is placed
along the quarter-chord line of the wing and its image is introduced
inside the body. The external 1ifting line is divided into a number of
bound vortices, the strengths of which are proportional to the circula-
tion distribution. The lifting line is not uniformly loaded although
the horseshoe vortices are. The external vortices have their internal
images which produce the 1ift on the body, this 1ift being produced at
the bound part of the horseshoe vortex. Since the 1ift on the body
due to each elemental image horseshoe vortex is proportional to the
product of its strength times the length of its bound element, and
since its 1lift acts at the bound element, it is easy to determine the
center of lift of all the image horseshoe vortices. The formulas

for the calculation are presented in Appendix D and the results are
presented in figure 22 as a series of design charts for (i/cr)B W)

at subsonic speeds. In Appendix D, the lifting line was assumed to be
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elliptically loaded. This assumption should be valid for most cases
since the calculation is not sensitive to the span loading and since
efficient wings tend to be elliptically loaded.’ No difference between
(i/cr)B(w)a and (i/cr)B(w)8 has been considered since any such differ-

ences will be small and are beyond the scoﬁe of available theory. ’

The charts of figure 22 give results for unswept leading edges,
midchord lines, and trailing edges as a function of BA and (r/s).
The results for PpA > 4 represent the results of 1lifting-line theory.
It is to be noted that no dependence on aspect ratio is found on the
basis of lifting-line theory. It is knoéwn that at low aspect ratios
the loading on the wing-body combination approaches the slender-body
loading for which' the center of pressure on the body is known. The
value from slender-body theory is plotted on the charts of figure 22
at PBA = 0. Furthermore, for r/s = 0 it is clear that (i/cr)B(W)

equals the center of pressure of the loading at the root chord of the
wing alone. For rectangular and triangular wings of low aspect ratio
this quantity has been obtained from the work of reference 32. The ,
results for r/s = 0 at low aspect ratio agree with good accuracy with
the lifting-line-theory results for r/s =0 at about BA = 4. There- .
fore, lifting-line theory has been adopted for pA > 4, and for BA < L
the curves have been extrapolated to the slender-body_values at BA =0
with the r/s = 0 results used as a guide. The extrapolated curves

are shown dotted in figure 22. The distance of the center of pressure
from the body point is given as '

iB(W) = Y’W + (Cr)w (.(fi—r B(w) (37)

Center of Pressure of Tail in Presence of Body

The center of pressure of the tail in the presence of the body
(wing-tail interference being neglected) is given by the same procedure
as that for the wing. For supersonic speeds the value of (i/cr)T as’

determined from figure .18 is used as an approximation to'(i/cr)T(B).'

For subsonic speeds the charts of reference 26 or those of figure 17
are available for estimating (i/cr)T. The distance from the most forward

point of the body to the tail center of pressure is thus given as

ip(g) = Ip + (er)qg (%)1‘(3) ' ,(38)
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Center of Pressure on Body Due to Tail

The center of pressure on the body due to the tail, wing-tail inter-
ference being neglected, is determined by the same procedure as that due
to the wing. For supersonic speeds the charts of figures 19 and 20 are
used for cases of afterbody and no afterbody. For subsonic speeds the
charts of figure 22 are used in estimating (i/cr)B(T). From these values

the distance from the point of the body to the center of pressure is
given

Tp(r) = 0+ (er)y (o (39)

>B(T)

Center of Pressure of Tail Section Due to Wing Vortices

The flow over the tail due to the wing vortices varies greatly as
the position of the vortex varies with respect to the tail. It follows
that the center of pressure of the 1ift due to the effect of the vortices -
on the tail section is also dependent on the position of the vortices
with respect to the tail. It is possible on the basis of strip theory
to take account of this effect. However, the refinement is hardly war-
ranted in view of the fact that the distance from the center of moments
to the tail is usually large so that great precision in the location of
the center of pressure of the load on the tail section due to the wing
vortices is unnecessary. A good approximation is to take the center of
bressure as that for the tail panels in combination with the body. Thus

iT(V) = iT(B) . ()'"O)

Surmary of Center-of-Pressure Positions
of Wing-Body-Tail Combination

The components of the lift, with the exception of the 1ift on the
wing afterbody due to the wing vortices, have center-of-pressure posi-
tions estimated as follows:

1. Center of pressure of body nose,

- Vy
=y 1-m (k1)
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2. Center of pressure of wing in presence of body,

Ty = o+ ( é)W(B) (ex), ()
with

e « <E§>W(B)o. Fue o (),

(& = 43
<°r)w<B) | Ky(B) @ + ku(B) OV 43

3. Center of pressure on body due to wing,

= £\
Ig(w) = g + (cr) (-c—> | A (4h)
B YA E ) ~ |
4. center of pressure of tail in the presence of body,

e) = i+ ey (), (45)

5. Center of pressure on body due to tail,

() = Ir + (Cr)T’(c—i:)B(T) | (k6)

6. Center of pressure of tail section due to wing vortices,

br(v) = ln(s) (47)
The center of pressure for the entire combination is thus

Zc=

IN(CL) g+ Ty(B) L)y iy *1B(W) (CL) gy I(T) (CL) r)* ¥2(8) (CL) g gy () (CL)T(V)

(Cr)y+ (CL)ypy * (CL)B(W’+ (CL)p(my *+ (CL)qpy + (CL) gy

ST Al
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COMPUTATIONAL TABLE FOR DETERMINING LIFT COMPONENTS AND
CENTERS OF PRESSURE

To organize and illustrate the calculations of the 1ift and center-
of -pressure characteristics of wing-body-tail combinations, a computa-
tional table, based on the equations and charts already presented, is
presented as table I. A numerical example is included in the table,
which is self-explanatory. The reference area and moment reference
point and length are arbitrary. Angular measures are always to be taken
in degrees.

A possible confusion in the use of the computing table is the man-
ner of using figure 13 when interpolations must be made with respect
to A and r/s. Normally, one can interpolate at constant values of the
vortex lateral and vertical positionms. However, for positions of the
vortex near the body, interpolating in r/s may carry the vortex inside
the body. Under such circumstances, it is recommended that the interpo-
lation be made at constant values of (fy - rT)/(sW - rp), the vortex
lateral position as a fraction of the span of the exposed wing panel.

. Again, it is advocated that experimental values of the lift-curve
slopes (CLa, ) , cLa> ; and <cla) be used if available. If the
YW /T

B
experimental values of (CLa> and (CLa, . are unavallable and if the
_

theoretical values are not obtaineble from the material at hand, then
references 26, 33; or 34 should be consulted. It is to be noted that

in the calculative form, the body radius can be variable since the quan-
tities ry, Ty, and rp are all considered separately. If the body
radius 1s varying at the wing or tail location, an average radius should
be used at each location. The assumption has been used in determining
the lateral vortex position at the tail that the wing vortex streams
back in the free-stream direction. For variable body radius the assump-
tion is made that in the plan view, the wing vortex streams back parallel
to the side of the body. This assumption is incorporated into the com-

- . puting table. -A special figure to aid in determining the center of

bressure of ogival noses is presented in figure 23 and used in the com-
puting table.

RESULTS AND DISCUSSION

To test the method of this report, a series of calculations have
been performed to estimate the characteristics of a number of combina-
tions, and these characteristics have been compared with experiment.
The geometric and aerodynamic characteristics of those combinations for

SO RN
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which the comparisons have been made are summarized in table II for
wing-body combinations and in table III for wing-body-tail combinations.
The experimental data have been taken from references 35 to 65, inclusive.

In summarizing the aerodynamic data, little difficulty was experi-
enced with wing-body combinations because their lift and moment charac-
teristics, being usually linear at low angles of attack, are well repre-
sented by lift-curve slope and center of pressure at a = 0. However,
these quantities are not sufficient to describe the nonlinear character-
istics exhibited by many wing-body-tail combinations. Some of the moment
characteristics were so nonlinear that it was impossible to determine
the center-of-pressure position at ap = O accurately, and in these
cases the information was not entered in table III. Curves of the non-
linear characteristics will subsequently be presented.

The discussion of the main 1ift and center-of-pressure correlations
between experiment and theory is for no deflection of wing or tail. The
effects of wing deflection on wing-body interference were discussed in
reference 9. Some effects of wing deflection on wing-tail interference
are discussed after the main 1ift and center-of-pressure results.

Lift

_ In presenting the 1lift results attention is fi..st focused on sub-

sonic wing-body combinations. No results are presented for supersonic
combinations since it has already been shown in reference 7 that the
present method is applicable to combinations employing rectangular, tri--
angular, and trapezoidal wings at supersonic speeds to within an error
of about *10 percent for 1lift.

Wing-body combinations.- In figure 24 the experimental values

of B(dCL/da)C for subsonic wing-body combinations are plotted against
the estimated values. A 45° line of perfect agreement is shown in the
figure together with lines of *10-percent error. Certain of the correla-
tion points have flags to indicate that they represent the Mach number
range 0.9 to 1.0. It is apparent that the present method of predicting
(dCL/da)C is accurate to within about *10 percent for wing-body com-
binations at subsonic speeds, as well as supersonic speeds, except for
certain combinations in the transonic range.

Figure 25 is presented to show how the present method predicts the .
trend with Mach number of the lift-curve slopes of wing-body combinations.
In general, the trends are well represented by the theory and the magni-
tudes are within the expected accuracy, except for certain combinations
in the transonic range. For these combinations the wing-alone lift-curve
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slopes 1in the transonic range are greater than the value given by linear
theory because of nonlinear transonic effects. McDevitt (ref. 66) has
shown that for rectangular wings having NACA 65A0XX sections, good
agreement between linear theory and experiment is obtained near My =1
for 1ift if the transonic similarity parameter A(t/c)'/® is less than
unity. No well-defined dependence of the agreement between experiment
and theory on this parameter was noted for the various plan forms repre-
sented in figure 25.

For some combinations the theory shows a peak in the 1ift-
coefficient variation at Mg = 1, while for other combinations the Ppeak
occurs on the supersonic side. For Mo = 1, the effective aspect ratio
1s zero, and the slender-body value of the lift-curve slope, (x/2)A,
has been used in the theory. On the supersonic side of Mo = 1 the .
values of BA are small and the wing lift-curve slope has been obtained
from low-aspect-ratio linear theory. If the lift-curve slope so.obtained
is greater than that obtained from slender-body theory, then the maximum
lift-curve slope occurs on the supersonic side of My = 1. The behavior
of the 1lift variation with Mach number around Mo =1 +thus depends on
the low-aspect-ratio 1ift characteristics of the wing alone.

While the agreement between the estimated and experimental lift-
curve slopes for the large number of combinations compared is evidence
suggesting that the division of 1lift between wing and body is correctly
given by the present method, nevertheless, more direct evidence is
needed to prove the point. Such evidence has been obtained for super-
sonic speeds and is available in reference 67. At subsonic speeds data
in references 2 and 3 give the same division of lift between wing and
‘body as a function of diameter-span ratio as the present method. The
comparison of the data of these reports is with the theoretical division
as given by the Lennertz theory which, as previously pointed out, is
numerically the same as that given by slender-body theory on which the
Present method is based.

Wing-body-tail combinations.- The values of B(dCr,/da)c at @ = 0
obtained from experiment are plotted against the estimated values in
figure 26 for subsonic speeds and in figure 27 for supersonic speeds.

To illustrate the importance of wing-tail interference, the points are"
shown as squares for no wing-tail interference and as circles for wing-
tail interference included in the estimated values. It is apparent
that effects of wing-tail interference can be very large on a percentage
basis, 30 to 40 percent. However, after the effects of wing-tail inter-
ference have been included in the theory, the errors are generally
within +10 percent. Therefore, the accuracy of prediction of the wing-

tail interference in the worst cases must be within about 125 to 30
percent. .
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Sufficient data have been analyzed to present some effects of
angle of attack and Mach number on the 1ift characteristics of wing-
body-tail combinations. The nonlinear variations of Cj, with a for
subsonic wing-body-tail combinations are shown in figure 28. 'The
theory with and without wing-tail interference is shown. The theory
including wing-tail interference is in good accord with the experiment.
As expected, in the high-angle-of-attack range the measured lift tends
to be greater than the estimated lift, probably as a result of body
cross flow. Comparison has been made between experiment and theory for
supersonic speeds in figure 29. Again, in the low-angle-of-attack
range the agreement between the experimental and theoretical values of
the 1ift coefficient is good. The variations of lift-curve slope for
zero angle of attack and of 1lift coefficient for several angles of
attack with Mach number are shown in figures 30(a) through 30(j) for a
number of combinations. It is clear that the trends with Mach number
are well predicted for the combinations considered. Where the theory _
has not been extended to Mo = 1 from the subsonic or supersonic range,
the wing-alone or tail-alone lift-curve slopes could not be predicted
accurately for the low effective aspect ratios involved. The large
transonic effects exhibited by some of the combinations are predicted
by the theory. Unfortunately, the wing-body-tail characteristics were
not available for any wing-body combination exhibiting nonlinear tran-
-sonic characteristics, so it was impossible to see the effect of adding
a tail in such a case.

Center of Pressure

Wing-body combination.- The center-of-pressure locations for
wing-body combinations at supersonic speeds are not considered since
the problem is discussed in reference 8, where it was shown that the
center of pressure of wing-body combinations employing triangular, rec-
tangular, or trapezoidal wings could be estimated to within about +0.0161
or less at supersonic speeds by the'bresent method.

The center-of-pressure positions for subsonic wing-body combina-
tions as determined experimentally have been plotted as a function of -
the estimated positions in figure 31. Lines of #+0.021 error have been
included in the figure. Generally speaking, the configurations corre-
lated lie within the 20.021 error limits. It is to be noted that the
errors are randomly distributed about the line of perfect agreement.
Comparison is made between theory and experiment for subsonic and super-
sonic speeds in figure 32 in which the variation with Mach number of
the centers of pressure is presented for a number of wing-body combina-
tions. The theory for supersonic speeds has been presented in two
manners. The solid line represents the theory without correction, while
the dashed lines represented the theory with the corrections advocated
in reference 8. Generally speaking, the variation with Mach number of
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the center of pressure 1s not large so long as the transonic range 1s
not traversed. However, through the transonic range, changes in center
- of pressure of appreciable magnitude can occur. The magnitudes of the
shift are fairly well predicted by the theory when the correction of
reference 8 is made. It should be remembered that the correction
applies only to wing-body combinations at supersonic speeds.

Wing-body-tail combinations.- A correlation of the center-of-
pressure positions for a = 0 as determined experimentally and as
estimated are presented in figure 33 for subsonic wing-body-tail com-
binations. It is clear that including the effects of wing-tail inter-
ference is sufficient to move the points into the correlation band for
almost all cases.

The results corresponding to figure 33 are shown in figure 34 for
supersonic wing-body-tail combinations. The effects of wing-tail inter-
ference are larger generally than for the subsonic wing-body combina-
tions. The correlation is accurate to within +0.021 for nearly all the
combinations.

The effects of Mach number and angle of attack on the center-of-
pressure position of wing-body-tail combinations can be very large.
The effects of angle of attack are illustrated in figure 28 for sub-
sonic combinations and in figure 29 for supersonic combinations. In
figure 28 the theory with and without wing-tail interference is shown.
The effects of wing-tail interference are generally large for the com-
binations illustrated and the effects are generally predicted to
within 0.021. One important observation is that some large rearward
changes in center-of-pressure location with angle of attack are observed
and predicted for combinations such as number 101, changes that are
comparable in magnitude to the effects of wing-tail interference itself.
The rearward shift is due to a decrease in the tail download caused by
the wing vortices as the angle of attack increases. An examination of
Tigure 29 for supersonic speeds discloses results similar to those of
figure 28. The most significant difference is that the supersonic con-
figurations exhibit more drastic angle-of-attack effects than the sub-
sonic combinations.

One of the important problems of aircraft and missile design, the
center-of-pressure travel in the transonic range, is considered in fig-
ure 35. The wing-body-tail combinations shown in this figure exhibit
very small to large rearward shifts in center-of-pressure position.
Another important effect shown is the large rearward shift due to chang-
ing the angle of attack. The changes due to angle of attack are in-one
instance greater than those due to Mach number. With regard to the
comparison between experiment and theory, it can be said that the trends
with angle of attack and Mach number are well predicted and that the
absolute values of the center-of-pressure position are within the +0.021
given as the accuracy of the method by the correlation curves.

~CONBEBENIE Al
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Effects of Wing Incidence

Varying the incidence of the wing affects the wing-body and wing-
tail interference, while varying the tail incidence affects only the
tail-body interference. The effects of wing and tail deflection on
wing-body and tail-body interference have already been considered in
reference 9, wherein it was shown that the present method predicts the
effects with engineering accuracy. Thus, there remain to discuss only
the effects of wing deflection on wing-tail interference.

Deflecting a wing positively will normally cause an upload on the
wing, but the resulting wing vortex causes a download on the tail. As
a result, a considerable pitching moment is developed. For slender wing-
‘body-tail combinations with tail spans greater than the wing span,
Morikawa, in reference 12, pointed out that the 1ift on the tail due to
interference is equal and opposite to that on the wing. Under these
circumstances a pure couple is developed on the airplane due to wing
deflection so that the center of pressure moves forward. The forward
movement can be large.

To determine the validity of the present computational method for
estimating the effects of wing incidence on the 1ift and moment inter-
ference of complete configurations, estimates are made of the 1lift and
-moment characteristics of those combinations for which data for variable
wing incidence are available. The estimated and experimental character-
istics are compared in figures 36 to L0, inclusive, for several combina-
tions differing widely in Mach number and wing and tail plan form. All
combinations exhibit the forward movement of the center of pressure. In
the low-angle-of-attack range where the theory applies, the agreement
between theory and experiment is good except for the combination of fig-
ure 39. This combination, which was tested at supersonic speeds and
which has a triangular wing with supersonic leading edges, exhibits a
behavior which is not explainable in terms of the theoretical model with
one fully. rolled-up vortex per wing panel.

A closer examination of figure 39 reveals that the predicted lift
due to wing deflection is in good agreement with experiment, but the
predicted moment is not realized. Since the predicted moment is due
primarily to tail download, it follows that the tail download is not
developed. This behavior is explainable in terms of span loading. As
yet unpublished experimental results and theoretical results (ref. L)
indicate that for rectangular wings of sufficiently large aspect ratio,
the span loading at the juncture of the wing and body is considerably
below the maximum span loading on the wing for variable wing incidence
at zero angle of attack. This means that the shed vorticity inboard
has the opposite sense of rotation of that shed outboard, and upwash
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1s generated inboard. Under these circumstances it appears that two
vortices per wing panel are the least number that can adequately repre-
sent the trailing-vortex system. The combination of figure 39 possesses
a triangular rather than a rectangular wing, but its effective aspect
ratio is 6.8 so that the foregoing effect may be anticipated. A compli-
cating factor is that the shock wave is detached from the wing for all
angles greater than about 3° so that the flow is, in part, transonic. !
Also, the tail span is considerably less than the wing span so that the
tail is located largely behind the inboard portions of the wing. For
these reasons it is felt that the theoretical model of one vortex per
wing panel is inapplicable and that two vortices per wing panel is the
minimum number that can describe the gross effects of the Phenomenon
However, more experimental work must be done before an accurate theory
can be developed to cover this case.

S

Limitations and Extensions of the Method

. In the application of any method such as the present one, the
important question of its limitations- arises. Because of the very large

number of variables specifying a wing-body-tail combination, it is not

practical to present correlations covering all possible combinations.

For this reason the limitations and possible extensions of the method

are best determined by an examination of the assumptions made with regard

to configuration geometry, angle of attack, and Mach number.

With regard to configuration effects, the assumption was made that
the leading edges are not swept forward nor are the trailing edges swept
back. For sweptforward leading edges or sweptback trailing edges, the
solution of slender-body theory used to determine KW(B)'and KB(W) is

not applicable because no account is taken of the trailing-vortex system
that passes through the cross-flow planes of the wing-body combination.
The use of the correct cross-flow solution, determined by the method of
Lomax and Byrd in reference 13, should circumvent this difficulty. How-
ever, some successful preliminary correlations between data on swept
wing-body combinations and the estimates of the present method (ignoring
the sweep of the trailing edges) indicate that the effect may not be
large. While the present method is worked out only for unbanked con-
figurations with two wing panels, it seems possible by use of the appro-
priate slender-body-theory solution to extend the method to banked con-
figurations with any number of wing panels. For interdigitated or high
talls the method can be easily generalized. For differential incidence
of the wing panels, the method is still applicable if a step-by-step
calculation of the type mentioned in reference 15 is used to determine
the vortex position at the tail. The model on which the present method
is based corresponds to the case of the maximum circulation of the wing-
body juncture. A violation of this assumption invalidates the model.

GOINRED BN« -~
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Such a condition could conceivably arise through the use of inverse
taper, sweptforward wings, high-aspect-ratio deflected wing panels with
supersonic leading edges, or wing panels having large gaps between wing
and body.

With regard to angle-of-attack effects, it has already been stated
that the assumption of linearity in the present method limits the useful
angle-of-attack and wing-deflection ranges of the theory. Body vortices
and more than one vortex per wing panel can occur in flow at high angles
of attack, as shown by reference 15. With regard to Mach number effects
in the transonic and hypersonic ranges, the present method will fail
where nonlinear effects become important. However, since the division
of 1lift is not sensitive to span loading, the 1ift ratios may be appli-
cable in the nonlinear range.

CONCLUSIONS

On the basis of the comparison between predicted and measured lifts
and center-of-pressure positions of a large number of wing-body and
wing-body-tail combinations, the following conclusions can be drawn:

1. It was determined that the present method predicts lift-curve
slope to within #10 percent for most combinations through the speed
range. However, in the transonic range nonlinear effects may reduce the
accuracy of the 1ift prediction.

2. For wing-body-and wing-body-tail combinations at subsonic
speeds, the center-of-pressure positions are predicted to within *0.02
of the body length. At supersonic speeds the same accuracy is obtained
for wing-body-tail .combinations. '

3. The effects of wing-tail interference may change the‘combination
lifts by as much as 35 to 4O percent and may change the center-of-pressure
positions by as much as 10 to 20 percent of the body length.

k. The nonlinear effects of angle of attack on center-of-pressure ’
pPosition and 1lift may be as important as those of Mach number.

Ames Aeronautical Laboratory
National Advisory Committee for Aeronautics
Moffett Field, Calif., July 8, 1953
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APPENDIX A

DETERMINATION OF KB(W) AND KB(T) FOR NO BODY

BEHIND WING OR TATL TRAILING EDGE

The method for determining KB(W) or Kg(r) for the case of no

afterbody parallels closely the method used in reference 7 for the
~afterbody case. Referring to figure 41 the pressure distribution acting
on the top of the plan-form area of the body is

¢ - ,
: = + mfn
' P = % -;.’wni.__ cos'l E——— (Al)
./ mQBE_l T] + m§
for supersonic leading edges and

boy (pm)*>2 /% - q

—_— (a2)
7B(mp + 1) mé+ n

P =

for subsonic edges, where P is the Pressure coefficient and ay 1is
in radians. These results have been taken from references 68 and 69.
The 1lift acting on the body due to using both panels is then

' a Cr ' |
L = lq f dn f P d¢ (A3)
o BN :

where d is the body diameter. Carrying out this intégration and
dividing by the 1ift of the wing alone yields

- KB(W) [ B(CLQ )W} (A+1) (% - 1) =

C

ﬂ/‘B:F'I <Ecd_> (1+n§ Zcos'l TB:E -m2B2<E(;?>2 cos™t (m—lﬁ-> +
) 3

2 d
mp (E%) N m2pZ-1 gin~? -BE(E ~ & 1®p% -1 cosh~l -Bca- g Bm>l,% > d (Alk)
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KB(W) I: B (CLQ>W] (A+1) <% - 1) -

s (OG0 G () e

ﬁﬁ(B—‘a)e (Bm+l)|:tan"1/%— tan'l/(ﬁ—(; —1)/(%9+ 1)]_

R G e e w

The restriction that = >d is not a serious one. For 4 >% it is-

B

Clear that the 1lift transmitted to the body is the same as for 4 = %

so that KB(W) is constant.. The value of the Parameter KB(W)[B(CLOL)w:]

(A + 1) % - 1) is a function only of mB and Bd/c, and has been
pPlotted as a function of these two variables in figure 5(a). The fig-

ure is so constructed for Bd/c > 1 that KB(W) is constant for a
given wing panel.

CONPPEEERAL,,
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APPENDIX B
DETERMINATION OF TAIL INTERFERENCE FACTOR BY USE OF

STRIP THEORY AND SLENDER-BODY THEORY

The tail interference factor to be evaluated is

Ly(vy/ (Iﬂr)a
57+3 I /2na Vo(sp - rp)

(B1)

The 1ift ratio is readily evaluated by a combination of strip theory

and slender-body theory. The model used to obtain the vertical velocity
at the tail induced by the wing vortices is the slender-body model given
by figure 42. From the Blot-Savart law for an infinite line vortex, the
vertical velocity due to the right external vortex is ’

v Ln(f - n) (B2)
2n [b2 + (£-1)3)

In this equation I 1is positive counterclockwise‘facing‘upstream, and
w 1s positive upward. The tail is effectively twisted because of the
variation of w across its span. All geometric quantities in the deri-
vation are understood to be those of the tail rather than the wing so
that no subscript will be used.

The application of strip theory to obtain the load on the tail due
to the vortex involves an integration across the exposed part of the
tail. As previously discussed, the 1ift evaluated by this procedure
appears partly on the tail panels and partly on the body. If the section
1ift coefficient is taken as h/B, the 1ift due to the right external
vortex on the right external panel is

M 8 sy Im (£-n) ‘
. —2-’?1 <§). s (r-m2z N | =

The value of 1, obtained by integrating equation (B3) is obtained with
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the aid of the following function:

4L<M;,_,_) {<s-rx) £(1- M h2+<f-s)2

8 r) - h2+ (f-r)2 )

;::i; [(s-r) +h tan'l(f—;—s> — h tan-1 f}-l-r J} (Bk4)

as
hq Iy ey
2n BV,

Ly = L (,‘)\)E, g:%) | (B5_)

The 1ift on the right pahél due to the left vortex is

hq T
L.=- — T (7\:—)‘—:—

(B6)
2 2nBVO ,
Consider the image vortices having coordinates fj and hj given by the
following equation: ,
£ fre ]
R R
) (B7)
hr? -
hi{ = ————ror :
£2 + n? J
The 1ifts of the right and left image vortices are then given, respec-
tively, by
. _barper r fi hi
Ly =~ L (7\,-’ = = ) (B8)
2n BV, s
r
L,=mer | /0ronom (39)
4 s° s’ 8
2npY,
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The total 1ift due to the wing vortices and their images is

= G [+ (8) - 26)-1(8) -2 ()] oo

To obtaln the tail 1nterference factor, i, requires a determination
of the 1lift of the tail alone by strip theory to nondimensionalize the
foregoing 1ift quantity.

(Lr) = % /; s<—l[§> cﬁ dn (B11)

Integration gives

hag(s-r)ecp(1+A)

(L) = (B12)
< 57.3 B
Forming the ratio given by equation (Bl) yields the Tfollowing result
for 1i:
. 2 h f
-5 [0558) -1(uesn) - <—~ ) (up- )]

(B13)
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APPENDIX C
DETERMINATION OF TAIL INTERFERENCE FACTOR FOR RECTANGULAR

TATLS USING ALDEN-SCHINDEL TECHNIQUE

The technique of Alden and Schindel described in reference 16 can
be used for estimating the load on the tail section due to wing vortices.
Figure 43 shows the model which is analyzed. The assumption is made
- that the 1lift due to the vortices originates on the exposed tail panels
even though some of this 1lift may be carried over onto the body. Thus,
an integration across the exposed wing panels gives all the 1ift. This
assumption is the same as that made in evaluating the tail interference
factor by strip theory and has been previously discussed. The analysis
i1s carried out with B =1 to simplify the algebra, and the PB's are.
reintroduced into the final charts. The essential idea of the Alden-
Schindel technique is that the total 1ift acting on a wing of arbitrary
twist can be evaluated by a strip technique wherein the weighting factor
for the local strip corresponds to the span loading at the strip for the
same plan form at uniform angle of attack in reversed flow. In mathe-
matical form this result is stated as

L = w(n) F(n) an ~ (c1)
Jé;an

wherein F(n) is the weighting factor and w(n) is the vertical component
of velocity. With reference to figure 43 for model and coordinates, the
weighting factor is given for the three regions as

Region I.:
F(n) = %c- (c2)
o}
Region II.:
P = 5 [ Feos (142 2?3‘>*§/<§‘ -1 e
Region III.:

e XY PR
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The vertical velocity component due to the right external vortex is

_ Im(£-1)
(- 2n [b® + (£ -1)?) ()

To evaluate the 1ift due to the right external vortex the following
integration must be performed:

-S+C i -a
Ly =f F(n) w(n) dn +f ' F(n) w(n) dan +

) -5 -8+C
fs-c F(n) w(n) dn +fs F(n) w(n) dn (c6)
a ’ 5=-C

Performing the integrations presents some algebraic difficulty. However,
the answer was obtained in closed form in terms of the following func-
~tionm: (

'L]_ : (82+l)2+ " —
X(fhsr> 2cJ1 , (c -51) +

—y—y—y— = m————m (= In +(8'
c’c’c’e Tmds/xVo & )2 (51+1)2 + (.2—1-1. 3 ®

2 )
512 + (%) +7; + ﬁlﬁllﬂ/ag_{-yl-rﬁ(%-l-) NEX e

1

= 1ln v +
2h\2 zh
822 + <?> +72+4/ 2'82|.'/a2+72+ﬁ<-c—) A/-(:!,2+7'2
2h “2hY\ .
ﬁ51<‘c"'> N o-aa+7; a181,/ay + 71 N2 52("6‘) N -t 7s
+ — —
71 ﬁlsll"l 72
adaa/ 0z + 72 L1 Zn[ bZ+ (£-s+c)? :l [ hZ + (f4r)2 ] > (1)
VZ[85|7 2 hZ+ (£-r)2 hZ + (f+s-¢)2 J
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where
af
oy = 228, \
c c .
-.2f_2s
8o = o 5 + 1
2 : > (c8)
a,2 = 81,2°- 1 - ( %?
2 2
2h \2 2h
71,2 =/[51,22-(?> -l:l +1¥51,22<—c' J
In terms of the function X, the 1lift is
I'nas (f h s r>
= X | =—y== ) Y
Ly g R ( 9)

The contribution of the image vortex to the 1ift must now be determined.
The coordinates of the image vortex to the_right are

2
£y = r=f
£2+n2 :
p (c10)
2 .
hy = r“h
£2+h®

In terms of these coordinates the lift due to the image vortex, taking
into account the change in the sign of the circulation, is

Lz—"

' gs . Y
m f4+ h
X 1lsr>

v PR

¢c C ¢Cc¢c¢C (Cll)
(o)

The X function is determined in terms of the f‘ollowing parameters:
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53=T——C- l W
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c° ? (c12)
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The 1lift due to the two external irortices and the two internal vortices
is thus

2lpas fhsr i hlnsr
2(Ly1+1L,) = e [x <c c,c,c> - X Tros (c13)

The 1ift so determined is exact within the limits of linear theory.
It is necessary to obtain the 1lift of the wing alone, as given by linear
theory, to form the ratio given by the tail interference factor 1i.

. 2(L1+L2) /(LT)CL | (c1h)
57.3 I'p /27Voa(s-r)

The lift-curve slope of a rectangular tail per radian is

dCL 4< ____) | (015).

) = 2c(s-r)qa I:h<1—':') '-EJ
* 57.3 (1 r

s

so that

(Lp

(c16)

The 1lift ratio is obtained by division
2(La+L2) =[ 57.3In ] ( (1 - —) [ ( > (_’f‘i hi J (c17)
(LT)Q Vo(s-r) [ h(l r c 7
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APPENDIX D
DETERMINATION OF CENTER OF BODY LIFT DUE TO WING

AT SUBSONIC SPEEDS

Hitherto, no subsonic method has been available for estimating the
center of the 1lift transferred by a wing or tail to the body. An .
approximate method for accomplishing this, based on lifting-line theory,
is now presented. It is known that a good approximation of the 1ift
and moment characteristics of swept wings at subsonic speeds can be
gained by placing a lifting line of variable loading at the wing quarter
chord and satisfying the tangency conditions at the three-quarter chord.
See, for instance, reference 26. An extension of this model to include
the body is shown in figure 21. The image of the quarter-chord line
inside the body is obtained by reflecting each point of the quarter-
chord line into the body in its cross-flow plane. Since the quarter-
chord line is not uniformly loaded, trailing vortices will stream back-
ward from the line proportional in strength to the gradient of the
span-loading curve. A series of three horseshoe vortices rerresenting
the span loading is shown in figure 21 Image vortices inside the body
are also illustrated. In the mathematical treatment that follows, the
number of vortices increases without limit.

Consider the quarter-chord line with an elliptical loading

r_r/1-<2:§ (p1)

The strength of the bound vortices is proportional to I', for both the
external flow and the internal flow. The lift due to the bound part of
an elementary horseshoe vortex is proportional to the product of its
strength times its length

2
dL ~TPdn; ~ T d<rn—>~- rr? %—g— (D2)

The 1ift due to any horseshoe vortex is concentrated at its bound vortex
so that the moment about the leading-edge quarter-chord intersection is

I'r2tq rr?(n-r)tan A, ,, 4
@i~ - n __Ir%(n )n‘2 17480 (D3)
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- .Cr_M_ _
=T = (Dk)
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fs J(s-'r>2.- (n-r)2

- Cp : T n
Xp(w)~ L - tAn Ay, - (D5)
s Wf(s5-1)2 - (1-1)2
|
r n
The value of iB(W) as determined by integrating equation (D5) is
X - lr + (s-r) tan A S
B(W) = % 1/4) Tg
-1/ s-r nr
A/s(s-2r) cosh (—-I-,-)- (s-r) + =

5 s> 2r (D6)
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TABLE II.- SUMMARY OF GEOMETRIC AND AERODYNAMIC CHARACTERISTICS
| AND TEST CONDITIONS FOR WING-BODY COMBINATTONS

(a) Geometric Characteristics
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f 1.50 {2.2200° | 2.38 11.32 [23.88 | 46.93 b.c. .03 | 10.50 | 20.29 | 2.77 | 19.2° JB27l 2.3 k5| M (,22‘;
[ 1.60 |2.2210% | 2.38 | 11.32 |23.88 |46.93 b.c. .03 | 10.50| 2029 3.53] 19.20 [ .be7| 2.3 5] m P
: a 1.90 |2.22q000 | 2.38 11.32 [23.88 {46.93 b.c. .03 |10.5 | 20.29] k.56 | 19.2° d27l 2.38) aks| n é?:t
|
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TABLE II.- SUMMARY OF GEOMETRIC AND AERODYNAMIC CHARACTERISTICS
AND TEST CONDITIONS FOR WING-BODY COMBINATIONS - Continued

(b) Aerodynamic Characteristics

Theoretical Experimental
. Srift . Center of pressure SLift c.p.
No.| Mo | Ky [Xy(p)|Kp(w) ] -~ T1- - .
1 1

BCLoy| PCLoy Frag | W [%usy | e | ¢ (;)c Brgy | AL, (_i)c
la 10.20 (0.077 | 1.14 [0.24 |3.47 | 0.27 °| 5.05| 33.4 [70.76| 70.05 | 68.67 [0.470 4.70] 0.b71
b | .50 072 | L.14 | .24 |3.16 .23 | k.59 [ 33.4 |70.76 69.99 | 68.78 | .4TL 4.35| .468
e | .70 | .067 | 1.1k ..gh 2,831 .19 | 4.0/ 33.4 [70.76 | 69.82 | 68.87 | .u72 3.9% .470
a | .80 .063 | 1.14 | .24 |2.51 .16 3.62 | 33.k |70.76 | 69.60 | 68.9% | 472 3.56| .40
e | .90 .057 { 1.1k | .24 |2.02 212 | 2.90 [ 33.4 }70.76 | 69.23 | 69.02 | .473 3.08| .475
2a | .80 |%.21%)| 1.22 | .38 |1.43 19k | 2.60 | 2.52] 9.73] 9.39 | 8.80.673 ] (0.305) 2.51] .690
b | .90 |(.232)|1.22 .38 |[1.04 | 1.90] 2.52) 9.70| 9.3 | 8.71].667 | (.282) 1.82| .695
c {1.10 [(.176)|1.22 | .38 [1.26 b7 [T2.2h [2.52]10.10 [ 10.25 | 9.39 | .718 (.221) 2.59] 710
a [1.73 {(.130)| 1.22 | .29 [3.29 57| 5.%0 ] 2.52[10.39 [ 1.2 | 9.02 [ L759 [ (.%27) 5.441 .73
3a | .80 |(.814)|1.26 | .46 [1:56 .81 3.95| 2.52] 2.35| 2.17| 2.38 | .182 | (1.27) 7| .187
b{ .90 |(.855)|1.26 | .46 |1.18 .59 3.04 ) 2.52| 2.35| 2.16 | 2.38 | .182 | (1.00) | . 3.%0 .195
c {1.10 [(.615)] 1.26 | .46 |1.50 .62 3.%0 | 2.52] 2.55] 2.69 | 2.57| .197 (.92) 3.75] .187
4 ]1.73 [(.520)}1.26 | .34 {3.k2 | 1.91 7.25 | 2.52| 2.65] 3.23 | 2.71|.207 | (1.78) 7.56{ .180
ba | .465| .109 |1.18 ] .31 [2.25 .25 | 3.60 [11.6 |30.18 | 28.74 [28.62 | .446 " Loo| .60
b | .70 04 f1.18 | .31 |1.90 .20 3.03 |11.6 |30.20 | 28.86 |28.71 | 448 3.39] .k62
c | .9 .094 1,18 | .3 [1.28 .12 | 2,03 |11.6 |30.39 | 29.09 |29.00 | .452 2.22] .45
Sa | 465 .206 | 1.2 | .37 [3.1% .65 5.61 [11.6 [60.74 | 60.03 |55.00 | .854 5.65| .835
v | .70 .187 {121 | .37 |2.78 .52 b.o1 [11.6 [60.76 | 60.08 [55.u4k | .864 L.46] .878
c| .90 162 | 1.21 | .37 [1.97 .32 3.43 [11.6 |60.80 | 60.20 |56.05 [ .875 3.25] .925
6 204 [1.578 11.47 | .82 {2.82 | b.45 |10.91 ] 7.21]13.05 12.37 [10.5% | .131 11.50| .122
7 .204 | .263 |1.21 | .36 [3.08 .50 5.35 | 7.21 53'.71 53.34 [49.26 | .613 5.15| .609
8a | .60 L045 | 1.11 [ .20 |2.49 .11 3.37 |12.23(30.62 | 28.01 |29.64 | .632 3.68| .634
v | .90 .038 | 1.11 ] .20 {1.59 .06 2.14 |12.23(30.88 [ 28.69 [30.04 | .640 2.k2| .648
c [r.20 .036 | 1.11 | .18 [2.58 .09 3.b2 112.23(32.77 [ 31.36 32.0'3 684 3.3+ .678
a |1.% OB 11,11 | .17 {3.36 b | bb5 12.23]32.77 | 32.09 |32.05 | .684 L.28| .676
e |1.53 Ok | 1.11 | .17 |3.72 .16 b.92 112.23]32.77 | 32.55 |32.06 |.685 L.55( .675
£ |1.70 L0488 | 1.11 | .16 k.00 .19 5.28 (12.23]32.77 | 33.10 |32.07 | .685 5.15) .672
9a | .60 .038 | 1.11 | .20 |2.65 .10 3.58 [12.23{24.68 [23.83 |2k.21 |.508 3.82) .510
b-| .70 .037 | 1.11 ] .20 |2.46 .09 3.32 112.23(24.68 {23.75 2k.21 |.508 8.80| .510
c | .80 .035 [ 1.11 | .20 |2.17 .08 2.92 [12.23(24.68 |23.64 [24.21 |.508 83.50 | .510
a | .90 .03 | 1.1 | .20 |1.72 .05 2.30 [12.23(2k.62 [23.43 [24.15 |.507 8.3 .61
e [1.20 .028 |1.11 | .19 |3.04 .09 4.05 (12.23]26.68 |29.13 [26.73 {.561 3.74| .558
£ |1.%0 | .036 |1.11 | .17 {3.48 .13 | k.60 |12.23(26.99 [30.20 |27.00 |.567 k51| .565
g |1.60 Ok [ 1.11 | .16 |3.64 .16 L.81 |12.23(27.10 | 30.96 [27.08 |.569 L.97| .570
h |1.90 054 | 1.11 | .26 |3.78 .20 5.01 (12.23]27.14 |31.90 [27.10 |.569 5.05| .575

b i st e

CONPRBTRTTAL

o7
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TABLE II.- SUMMARY OF GEOMETRIC AND AERODYNAMIC CHARACTERISTICS
AND TEST CONDITIONS FOR WING-BODY COMBINATIONS - Continued
(c) Geometric Characteristics

1.
Mo R e 5 Iy 1 Sectton | & |2 Wy gA [App. x oy (f) Fecility
w

R Lang}
0.60 }1.66:10° | 1.667 | 6.125 | 20.0 | 33.33 | conoms | 0-06 |5.89] 18.23 [2.85 | 3.0 | 0.635 | 1.667] 0139 rered
. . CHER NACA o Langley

b 70 [1.79x20% | 1.667 | 6.125 | 20.0 | 33.33 658006 .06 [5.89 18.23 |2.55 | 3.6 635 [ 1.667] .139 e
80 |1.88:10° [ 1.667 | 6.125 | 20.0 |33.33 | JACA | o5 |spg| 1823 |28 | 3.60 | .63 | .667| 139 iy
+90 {1.9310°% | 2.667 | 6.125 | 20.0 | 33.33. 6‘““ .06 |5.89| 18.23 |1.56 | 3.6° 635 | 1.667| .139 l‘é‘ﬂﬁey
“NACA Langley

1.20 |1.86a0° | 1.667 | 6.125 | 20.0 | 33.33 654006 .06 15.89| 18.23 [2.37 | 3.6° 635 | 1.667| .139 B tt

o , NACA Ames

.24 | 2.66000° | 3.06 - [22.67 | B.12 | 60.bb o008-63 | -0 [8-60| 27.2% [1.9h [63.8° | o 3.06 | .180 12 o

NACA Anes

. 60 | 2.56x10° | 3.06 [22.67 | 38.12 | 6044 0008-63 | 08 fB-60| =27.2% J1r.60 | 63.%° | o 3.06 | .180 12 2t

NACA - o Ames

.80 |2.46x10% | 3.06 |22.67 | 38.12 | 60.4b 563 .08 NB.60| 27.24% |1.20 | 63.% o 3.06 .180 103t

NACA o Ames

.90 |2.46x10% | 3.06 |[22.67 | 38.12 | 60.44 363 .08 p8.60| =27.24 .87 | 63.4 1] 3.06 .180 121

s NACA 0 Anzes

.95 [2.46x10% | 3.06 |22.67 | 38.12 | 60.4% 63 .08 h8.60| =27.24 .62 | 63.4 (] 3.06 .180 12 8¢

E NACA o Ames

1.30 [2.56¢10° | 3.06 " | 22.67 | 3B.12 | 60.44 0008-63 .08 18.60( 27.2% {1.66 | 63.1 [} 3.06 .180 &6 1t

RACA . Ames

1.53 | 2.k6q0° | 3.06 |22.67 38.12 | 6054 000863 | 08 Ji8.60f 272k 2.3 [ 63.%° | o 3.06 | .180 66 £t

170 [2.46010% | 3.06 |22.67 | 312 | 6o.bs | SEA | .08 [18.60| 2r.2h 2.5 | 6300 | o 3.06 [ .18 e,

60 |3.63a0° | 2.38 [12.86 2780 | 46.93 | .. | .03 [0.90| 2043 [3.20 | #® | 0 | 23| .2 66 £

.80 [ 3.6310° 2,38 |12.46 | 27.40 | 46.93 b.c. .03 [10.90] 20.43 [2.0 | 45° | o 2.38 [ .27 4}2’&

-90 |3.6310° | 2.38 | 12.86 | 27.50 | 46.93 b.e <03 |w.90) 20.43 J2.7h | W° | o 2.38 | .27 6‘:’2‘&

1.20 [3.63x10% [ 2.38 ]12.86 | 27.%0 | 46.93 b.e. | .03 [10.90 20.43 [2.65 | 45° | o 2.8 .27 &t‘?:t

e 1.50 [3.63x10% | 2.38 [12.86 | 27.80 | ¥6.93 b.c. .03 f20.90 20.43 [3.92 [ 452 | o 2.8 227 &?;z
4 1.70 |3.63Q0°% |'2.38 | 12.56 | 27.h0 | 46.93 b.c. .03 [10.90 2043 [5.50 [ #5° [ o 2.8 | .27 6:2‘;‘
13 .50 [h.2x10® | .50 1.00 9.79 | 9.19 b.c. 063 2.08 3.723[ 1.73 [ 26.5° | o 50 [ .2n3 German
b .70 .50 1.00 9.79| 9.79 b.c. .063] 2.08 3.723| 1,83 | 26.5° | o .50 243 German
c . 6.58x10% | .50 1.00 9.79 | 9.79 b.c. -063} 2.08 3.7231 .872] 26.5°{ o 250 ] .243 German
2 S[1.bs [2.760° | 50 1.00 9.719 | 9.79 b.c. .063] 2.08 3.723[2.10 | 26.5° [ ¢ 50 | 283 German
e . 2.3x10%| .50 1.00 9.79 1 9.79 b.c. -063] 2.08 3.723] 3.45 | 26.5° [ © 50| 243 German
1ba . 250 | 5.60x10° | .50 1.00 9.79:| 9.79 b.c. .o37| 2.7% 3.475] _.866] u5° | o S| .3t German
b é .70 50 | 1.00 | 9.79| 9.19 vee. | o3| 2.7h|  3.475| .78 4 | o 50| 327 German
c .90 |8.6%10° | .50 1.00 9.79 | 9.19 b.c. .037] 2.7% 3575 B3 B [ o 50 32T German
a 1.45 | 3.6%10%1 .50 1.00 9.794, 9.179 b.c. -037] 2,74} . 3.475]1.05[ & [ o .50 .27 15 | German
3 1.99 |3.08<10%{ .%0 1.00 9.79 1 9.79 b.c. .037] 2.74 3.47501.72 | 45° | o 50| .3R7] 45 | German

. NACA ° e

158 -2b [2.46010% | 3.06 |22.67 | 38.12 | 60.uk 0005-53 | O [18.60| 27.2% [1.95 | 63.8°1 o 3.06| .180 | us [ Awes
60 | 246080 | 3.06 |22.67 | Bz | 6o.h | SAEA | o5 j18.6o| er.2h | 1.60 | 6349 o 3.06] .80 | us | s

RACA o Anes

-80 | 2.56¢10° | 3.06 [ 22.67 | 38.12 | 60.uk 0005-53 | -©° [18-60| 27.2k 11.20 | 63.4° [ 0 3.06| .80 k6 [ 9%

. . X . . . RACA . . . . RA Y X . Ames

90 12.46x108 | 3.06 |22.67 | B.12 | 60.4% 000553 05 |18.60[ 27.24 87 | 63.% 3.06 180 16 o

Ly [2.4600° | 3.06 |22.67 | Bz | o | o0t 1 o5 [18.60| eren 166 630 0 3.06| .180f us [ A2

RACA o Ames

1.53 | 2.56x10° | 3.06 | 22.67 | 38.12| 60.4% 0005-53 | 95 18.60| =21.248 {2.32| 63.8° | o 3.06 2180 | 46 6x6 £t

NACA o Ames

1.70 [2.46¢10° | 3.06 | 22.67 | B.12| 60.44 0005-53 | % 18.60f 27.24 [ 2.751 63.4 | o 3.06 2180 | b6 &6 £t
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TABLE IT.- SUMMARY OF GEOMETRIC AND AERODYNAMIC CHARACTERISTICS
AND TEST CONDITIONS FOR WING-BODY COMBINATIONS - Continued
() Aerodynemic Characteristics

Theoretical Experiment
No. | Mg Ky KW(B) KB(W) SLift Center of pressure SLift c.p.

I |1 i i 1 1

Poray | Flay | Fro,| W [ Tee) | B [ e G)C FoLag | FLq, <1)C

10a [0.60 [0.038 | 1.11}0.19| 3.07 |o.11 | 4.2 7.88 | 20.02 [19.93 [ 19.66 | 0.590 8.01 0.575
v| .70| .036| 1.11| .19] 2.88 .10 | 3.85 7.88 | 20.02 {19.89 [19.68 | .590 83.72| 517
c| .80 | .o3% ] 1.11| .19/2.58 | .09 [ 3.5 | 7.88]20.02 |29.82{19.68{ .500 8,731 .572
a| .90| .03 | 1.11( .19]| 2.07 06 | 2.75 7.88 |20.02 [19.65|19.69 | .501 83,12 .601
e |l.20| .03 | 1.12| .18 3.28 .10 | 4.33 7.88 [21.27 122.98 | 22.20 [ .636 |. 83.77| .67
lla | .2h | .068 | 2.25] .25|2.15 | .15 | 3.15 | 12.44 | k2.7h | 39.28 | 40.75 | .67% 3.30| .676
b| .60 | .066 1.15| .25[ 1.84 12 | 2,70 | 12.44 [ 42.88 [39.62 | 40.95 | .678 2.79| .681L
c| .80 061} 1.15| .25 1.47 .'09 2.15 | 12.44 | 43,02 |39.93 | k1L.21 | .682 2.24| .685
a| .90} 0581} 1.15| .25|1.13 .07 ]1.65 | 12.44 | h3.33 [40.20 | b1.56 | .688 1.78| .691
el .95 .05k | 1.15( .25| .87 .05 | 1.26 | 12.44 | 43.75 |k0.46 | 42.001 | .695 1.36' .706
f|2.30| .055 | 1.15| .22(2.26 2 | 3.22 | 12,44 § 45,84 |Bh.02 | B4.26 | .733 3.27| .723
1.53 ] .061 | 1.15| .21| 2.87 A8 [ 3.07 | 12.44 | 45.84 |45.14 | 44.30 | .733 h.ok| .723
h{1.70 { .064 | 1.15| .20! 3.22 21 | .56 [ 12,44 [ 45.84 |45.75 P b1 ] .733 L4881 .723
12a | .60 | .036 | 1.10| .17} 2.96 11 | 3.86 9.65|29.k0 |26.63 | 28.50 | .598 L2k | 8606
b| .80 | .032 | 1.10| .r7| 2.49 .08 | 3.24 9.65 }29.43 |26.92 | 28.62 | .601 3.47| 8612
el .90 .03 | 1.20] .17 1.97 .06 [ 2.55 | 9.65[29.50 [27.33]28.76| .60k 2,92 8620
di1.20 | .028 | 1.10] .15] 3.1% .09 [ k.0r } 9.65|31.29 [30.38|30.71] .645 3.78| .645
e |l.b0 | .033 | 1.10( .14 3.96 .13 | 5.0% 9.65 | 31.29 | 31.03 | 30.70 | .645 L.61] .645
£ [{1.70| .0%6 | 1.10| .15| %.00 A8 | 5.17 9.65 [ 31.29 | 32.14 | 30.62 | .643 5.17| .64k
13a 50 | .14%2 | 1.20 .35} 1.97 .28 | 3.3k 1.00 [7(4.19)j 4.2 | 3.97] .ko5 3.36| .ko8 _
| .70] .136 | 1.20| .35]1.70 .23 | 2.86 1.00 | (4.19)| 4.38| 3.97| ‘405 3.04| .ho8
c| .90 .125] 1.20] .35[1.13 .16 [1.89 | 1.00{ (4.19)| .32 [ 3.98] .406 2.18| .ko8

d[1.k5] 3127 1.20] .35[ 2.69 .3 k%0 1.00 | (4.67)] 5.93]| 4.66| .k76 L.ho]
e[1l.99] .151 | 1.20] .35| 3.7T1 .55 16.31 | 1.00f (4.67) 6.19] 4.66| .476 5.95| .he8
lka | .50 [ .21 1.28| .49l 1.22 .33 | 2.48 1.00] 446} b.25] 3.96] .hob 2.49] .18
b| .70| .26 | 1.28| .49|1.02 | .27 | 2.08 1,00 b4 | b21| 3.9%] ko2 2.05| .408
c| .90] .25 | 1.28] .ho| .65 16 | 1.32 1 1.00] 4.36 | 4.5 3.89! .397 1.50| .ho8
d]1.45] .20 1.28| .h9|2.01 40 [ 3.96 | 1.00]| 4.63] 5.46| 4.48( .u57 3.35] Juhk
e|1.99| .23 | 1.28| .49{2.83 65 | 5.66 | 1.00| 4.81| 5.96] 4.66| .45 5.12] .uikg
15 | .24 | .068 | 1.15| .25] 2.15 15 | 3.15 | 12.4k | k2,74 39.28 Lo.75| .67% 3.33| .679
b| .60 | .066 | 1.15{ .25} 1.8k 12 [ 2.70 | 12,44 | k2.88 | 39.62 | 40.95| .678 2.719| .682
c| .80 .061 | 1.15] .25[21.47 .09 | 2.15 | 12.4b4 1 43.02 {39.93 | 41.21| .688 2.26] .689
df .90) .058 | 1.15| .25( 1.13 .07 | 1.65 | 12.44 | 43.33 [4o.20 | b1.56 | .695 1.77| .695
e|1.30| .055| 1.15| .22 2.26 2 | 3.22 | 12,44 [ 45,84 | Wh.02 | Bh.26| .733 3.24] .728
£11.53| .061| .15 .21]|2.87 .18 | b.o7 | 12.44 | 45.84 (45,14 | B4.30| .733 L.ok| .728
g{1.70| .064| 1.15| .20} 3.22 2L | .56 | 12.84 | 45.84 [ 45,75 Bu.31 | .733 L.481 .727

HE coimmvtineins. | e
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TABLE ITI.~ SUMMARY OF GEOMETRIC AND AERODYNAMIC CHARACTERISTICS
AND TEST CONDITIONS FOR WING~BODY COMBINATIONS - Continued
(e) Geometric Characteristics

|
No. | Sketen Mo R g N Ty 1 Section ’% 12, y M |ALE A ry ( §> Ref. | Factlity
. . (]
1%6a ! 0.60 }3.6310° | 2:38 | 12.46 | 27.80 | 46.93 | ®b.c. ]0.03 | 10.90 [ 20.53 [3.20 4 | o 2.3 |o.azr | w7 ;g’;t
| b .80 |3.6310% | 2.8 | 12.86 | 27.k0 | 86.93 | v.c. .03 [10.90 [20.83 J2.ko [45° | o |28 .azr| w7 s,
c ‘ .90 [3.6310° | 2.8 12.46 | 27.40 | 46.93 b.c. .03 | 10.90 | 20.%3 [2.7% | M50 1} 2.3 | .227| a7 6??:».
a 1.20 [3.6310° | 2.8 12.k6 | 27.5%0 | 46.93 b.c. .03 10.90 | 20.53 2.6ls 450 "] 2.8 127 &7 6:29;1;
e 1.530 [3.63x0° | 2.38 12.56 | 27.%0 | k6.93 b.c. .03 | 10.90 { 20.53 | 3.92 | &5° o 2.8 | .az7| &7 &‘:?:t
4 1.70 [3.63x10% | 2.38 12.46 | 27.%0 | 16.93 b.c. .03 | 10.90 | 20.43 | 5.50 [ a0 o 2.8 | 27| w7 6:'612;;
17 .: .13 )2.7x10°% [26.9% | 196.%0 [358.6 |673.9 *a.v. .08 [161.20 [26k.1 | 2.00 [63.0° o 26.94 96 | L8 ho?aan
] 18a e b0 |2.8%10° | 3.10 1%.20 | 27.0 | 51.8 6:1‘“;312 12 | 12.80 | 20.02 | 2.51 | 35° .35%2 | 330 | 260 | w9 ‘7‘;‘1’31;{
‘ b .60 [3.6710° | 3.10 14.20 [ 27.0 | 5.8 6}::%12 12 | 12.80 | 20002 | 2.19 | 35° 352 | 3.0 | .260 [ k9 :;gl;{
e .80 |[h.6310°% | 3.10 14,20 [ 27.0 | 5.8 &!:%12 12 | 12.80 | 20.2 [ 1.64 | 35° .35 [ 3.0 | 160 | u9 ;glg
a .90 |5.89a0° [ 3.0 | 1h.20 | 27.0 | 51.8 &“:%12 22 | 1280 | 20,2 |19 | 35° 352 [ 300 | 260 | #s "m
19 +, 200 | .5pa0® | 3.4 9.50 [ 13.0 | bo.31 x‘;‘z a2 90| 0.5 | 5.62 |00 .88 | 3. | s so ’;’1’31;{
20 + 1200 | .62x10° | 3.hh 9.85 | 13.0 | %0.31 ’;303‘1‘2 a2 [ 1020 [ 7.47 | 5.52 |18.9° B k| 5| s :;glg’
21 '*, 100 | L6200 | 3.4 9.85 [ 13.0 | k0.3 ’;3“;,_‘2 .12 | 10.20] 8.98 [ 5.% | 9.3 B8 |3 | ns5) s ’;‘1‘(8)1;{
22 t'p- 2100 | 62108 | 3.8 985 [23.0 [ ho.; | B | 12 | 10.20| 103 [ 5.5 | 0® B |3 | 5] s pasley
‘ 23a é JTHT | 1.27x108 .583 k.07 | 8.9 | 1k.0 b.c. .06 3.5 | 5.83 | 1.b9 | 60° 0 572 A58 | S ‘zll‘?ggll’i;')'
b 851 |1.3a08 | .583| .07 | -8.49 | 140 b.c. 06 | 34| 53108 | 600 | o 12| as| s ‘(’1‘:&2‘;")’
I 1.067 [1.2%a08 { .583| L4.07| 8.4 | 1k.0 b.c. .06 30 | 5.3 B3| 6° | o 572] 58| s ‘(';‘g&%;‘)’
: 2ta ?5 47 |1.3008 | 583 3.87 | 8.92| 1.0 b.c. .06 3.66| 6.99|1.60 | o} o 502 39| s Yﬁ‘éﬁiﬁ
» 851 |1.u10% | .83 3.87 | 8.92| 14.0° b.c. .06 3.66| 6.99|1.26 | 00| o s02| a3 | s ‘Zm‘;‘;
‘ e 1.067 [1.2908 | .583 3.87 | 8.92 10 b.c. .06 3.66| 6.9 .00 | | o 02| am | m ‘(’:.:5;2%
25 + 183 | .7aos | k25| 8.25 | 66.15|106.5 aw. oh | 7.09] 87.73 | 2.53 | 2% 272 | b.a25[ .333| S D.T.M.B.
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TABLE II.- SUMMARY OF GEOMETRIC AND AFRODYNAMIC CHARACTERISTICS
AND TEST CONDITIONS FOR WING-BODY COMBINATIONS - Concludeé
(f) Aerodynamic Characteristics

Theoretical Experiment
SLift. Center of pressure SLift c.p.

No.| Mg Xy | Ku(B) |KB(w) _ - _ 3 i
Plag|Flay | Flg,| W | Wey| Tw)| Ic (72 N (TC
16a | 0.60 0.036 [1.10 |0.17 [ 2.96 [0.11 {3.86 | 9.65 | 29.40 | 26.63 | 28.50 |0.598 4.30 | 0.608
bv{ .80 032 11,10 | .17 | 2.49 | .08 |3.2% 9.65 | 29.43 | 26.92 | 28.62 | .601L 3.47 1 .612
c| .90 +030 11.10 | .17 [1.97 | .06 [2.55 | 9.65 | 29.50 | 27.33 | 28.76 | .60L 2.89 | .617
a]1.20 028 11.10 | .15 | 3.14 | .09 [4.01 | 9.65 | .29 | 30.38 | 30.71 | .645 3.78 | .647
e| 1.k .033 | 1.10 | .14 | 3.96 .-13 5.0k | 9.65 | 31.29 | 31.03 | 30.70 | .645 L.61L | .646
f£1.70 -046 | 1.30 | .15 [ k.00 | .18 [5.17 | 9.65 | 31.29 | 32,14 | 30.62 | .643 5.17 | .64k
17 .13 069 |1.15 | .25 [2.19 | .15 [3.22 |139.1 [398.5 [368.2 [3B1.0 .566 3.38 | .567
M18a| b0 | .052{1.13 ] .22 [2.72 | .k [3.81 28.02 | 26.19 3.84 | .522
b| .60 | .05 [1.23 | .22 |2.5 | .13 [3.: 28.04 | 26.16 3.64 | .52
c| .80 L045 11.13 | .22 [2.07 | .09 |2.88 28.06 | 26.21 3.15 522
at .90 .ok2 (1,13 | .22 [ 1.63 | .07 [2.26 27.99 | 26.26 2.63 | .509
19 2100 | .145 [1.09 | .155| 4.13 | .60 '5.30 h.ok | 12.85 | 12.97 | 12.62 | .15 5.81 1 .323
20 2100 | .14 }1.09 | 155 ka2 [ .58 [5.27 | h.ob | 13.62 | 12.68 | 13.12.| .38 4.83 | .323
21 -100 | 141 11.09 {..155 | k.12 | .58 [5.27 | koo | 13.46 | 12.72 | 13.11 | .38 4.83 1 .323
22 | .100| .14 [1.09 | .155[%.12 | .58 [5.27 | 4.ob | 13.09 | 13.73 12.92 | .323 4,831 .323
2% -TH7 | 052 |1.13 | .23 | 1.76 | .092 |2.48 | 3.04 | 8.29 | 7.67 | 7.98]| .570 2.40 | .560
b| .851| .okg |1.13 | .23 |1.46 | .072 |2.06 | 3.0% | 8.33 ] 7.73 | 8.05| .575 1.95 | .56k
c|1.067 | .ok2 [1.13 | .21 1.22 | .051 |1.68 | 3.04 | 8.83 | 8.18 | 8.56| .61 1.53 | .589
2ha | 7hT | .048 |1.11 | .188|1.84 | .090 [2.48 | 3.04 | 7.80 | 7.92 | 7.66| .586 2.8 | .502
b| -851 | .ok6 |1.11 [ .188]1.53 | .071 |2.05 | 3.04 | 7.78 ) 7.8% | 7.63| .5u5 2.19 | .503
¢ {1.067 | .038 [1.11 | .188f1.31 | .050 [1.7% | 3.0% | 7.5 | 8.09 | 7.49| .535 1.76 | .538
25 .183 | .366 |1.285| .50 |2.72 [1.00 |5.85 | 10.8 51.09 | 50.63 | 44.13{ .k 5.74 | .39h
1. denotes nonuniform or unknown t/c, thickness-chord ratio

hex. indicates hexagonal

3b.c. indicates biconvex

*d,w, indicates double wedge

SConfiguration tested with extended tail boom coaxial with body
GBCIQ' Per radian based on exposed wing area

7() denotes experimental value used in theory for combination
8Experimental data nonlinear near a=0°

Nos. 11 and 15 identical except wing thickness
10408, 12 and 16 identical except wing thickness distribution
) experimental or theoretical value available for iN

¢ based on exposed wing area

CONREDRIERRh,
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TABLE TIT.- SUMMARY OF GEOMETRIC AND AERODYNAMIC CHARACTERISTICS
BODY-WING-TAIL COMBINATIONS

AND TEST CONDITIONS FOR

(a) Geometric Characteristics
Wy
Fo. | Sketch Mo R I | ow 1 Surface | Section ? % or B [Ape. [ A r 5 [Rer | Pactitey
I

107 | emmumnfle | 0.183 [ 0.7900% | 1.125 | 8.25 6615 [ 1065 | uine anrarsarsan e A
102 a8 oao®|2.85 | 563 [$as | ey [vims | hex. f-o-c 3 D0 (20 M2 e ngg—g"} 53 e
103 :—: 2184 | x20%| 2,815 | 5.63 |28 | s6.37 —%ﬁ ::: — __E_g 13;73: Eg‘f 1i£2° fm 2312 :ﬁ 53 e
o | | | raaoe |2 [y |ms | o [ e Lectetbea b b fasnl ) T
19| g | 0 [18600% |60 finr oo | we e R e R SR S ER LR s |
» L 0 |18600° | 648 |18.67 |50 | wwe | i ] mex 0@ ILFL D [3.02 Lol GG Al | A

. o |18600% |68 o6t o | 6 e e e e e ] P | me
a B [1.860°| 6.8 [18.67 o0 | we | jpen | Q2 MBI O B e R R 5| on
. -0 186007 608 |18.67 {050 | e | hex. 2S00 L e ae ey LB T [ B
106a —é B9 [6.000° |3.%0 [17.89 [€0.0 |12 o8 lgg gg igg g S g; g 5% | rugne
» 1.25 |9.2x10% | 3.5 | 17.89 {60.0 [ 1am.2 :‘;‘; 1;::_2( éggg i?’g :g: g 33;552 :Z 54 Flight
107n | <G | 83 |3.00° |3.%0 | 10.57 913 |15k A 2 el ot ¢ R LB s | ne
v 1.38 |8.x10% [3.5 | 17.57 [91.3 | 1s8.2 —:‘13% 1;:; 1(211 ;g 5:0;, g ;553 22 55 Flignt
108 ﬁ B0 | 80| Lm2s| 1.625] 6.575 | 13.075 ik T B EE RN S N e R
: = oizs| 1623 65 | 13005 |28 TR T Ao e % |~
c 1.0 | .6mw0%] .8125| 1.€25 6.5715 | 13.075 :u igg ;:22 .}’gg :gﬁ {':1 :g:: g 36 oAL
a 173 |1.6a0° | 125 1.625) 6.575 | 13.075 [ ig‘; e :?: :31'1 % 23;’2 7 oaL
1098 - l H65| 1.93a0% [2.00 | 8.38 {3606 | e |58 ggg g;g'; §; fgg : 2.0 ::155 B | caacwr
b 70 13108 [2.00 | 8.38 3556 | ena "t::f 2932 ;f:;; ;% i‘;o g :g :216 B | caacwr
c -0 [1.0%10° | 2.00 | 8.38 |36.86 | e [V :38 ;;;'; igt ﬁ?z g 208 z;f 38| caacwr
: i o |25 | T o o | e e T
. 1.5 [i.26a08[1.80 | 7.5 2008 | s7.97 :;’i ;?; iﬁ §§§ ?5: g iao :‘l; 5':'2’;
t Lo j126a0° |08 | T.5% [k | stor T Al o I T Pyl
®1108 Wl .20k | .82¢10° | 3.50 7.00 |76.27 8041 :’:‘i ?,ig ;1; ;:;g 2;';0 fgg ;;z Z; 39 DRMB
® 1.5 .50 1.00 | 5.75 1.k wing d.v, .06 .39 | 1.72 }2.98 26.§° .500 [ k6 | .LB6 5 Azes
tail hex .06 | 1.06] 7.2k 13,30 | 1K RS NS 250 X3 1t

. 2.0 o | oo | uky e R e T e e % | e
W | 193 | 3300 | 6| 83| Wkt | gao UM e ool loBl . 169 | O e L Leogley
12 | o | 1.93 | .3300°%] 16 | 83| 53| 9.9 e r2 e ;gf ng 23 ::ig ::3 51| Lo
u3 —Q-G 1.93 | .33a0%| 6| 83| 5.3 9.9 %—“ ::: s 1:25 ::S}ig iﬁz &; g :::g :%5 51 L;nﬁ?y
b | @ 1o | e s | el sam | o e e ol dS] sale L L el e T
1o | e 153 | oa0’] s | owl san| owe | e Bl RRER LS| e Iy | ey
16 | ol |1.93 | 83.10°| a6 | 3 53 | oae |02 e e R e 7 | e
1 | <ol |295 | e3a00| s | owlsay | gap |t lben foo 0L I8 TR0 AR AT, T ety
18 .a Lo | woao®| .35 | ves[wamr | e IS | Beee |08 L1023 g:z‘;f 2:?: g: 22 BN P nerey
119 ﬁ Loz | deaot| .35 | d.25 | her [ s |oE | Pec. | .06 L225 ;:g;f g:ﬁ g: == 10 1 5 I‘;“f’l:"
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TABLE III.- SUMMARY OF GEOMETRIC AND AERODYNAMIC CHARACTERISTICS
AND TEST CONDITIONS FOR BODY-WING-TAIL COMBINATIONS - Contirued

(b) Aerodynemic Characteristics

63

Sq Theoretical Experimental
K
Fo ; Ky KH(B)‘ KB(H) "'r(n) KB(T) LA c Center of pressure = ; Lify c.;.
- - - - < s -

POLgy | BLay | PLay [HLay [KLae [ I | Wwem)| Iaw)| ey | (DY} "Te | Ic (T): (T)c Blay | Plag (T)c
101 1135 [ 0.338] 1.29]0.50|1.28{0.48] 2.95| 2.97 | 1.00 |10.87 | 8.17 |10.83 [51.05|50.56] 96.90| 96.39] 69.59| 60.460.653 |0.568 8.5 | 0.576
102 {3.227 481 1.32{ .61 1.21{ .35| 2.98 | 2.9% b ] 6.76 | 5.86 [ 5.05 |16.07}15.80 40.39] Lo.o4| 31.84 30.k9f .565| .58 4.90 545
103 {6.286 93| 1.80| .70|1.21| .35] 2.96| 2.9% b4 | 6.03] 5.5%2 | 5.05 [16.35[16.24] %0.39| bo.0%| 33.76| 33.14] .599 | .588 4.68 5715
108 |3.259 L8821 1.39| .70|1.22] .35| 1.69| 2.9% 4h 1 6.08| 5.52  5.05 [16.00]15.3kf 40.39| bo.Ob} 33.45| 32.74| .593| .581 L5 565
| 105ef .252 | .OTT| 1.15] .2b|1.14) .24 3.47| 3.88| .27 6.45| 5.5 |33.63 |70.76|70.05]138.00[133.63] 62.23| 76.10] 557 | .51 5.20 505
o .252| .072| 1.4( .24[ 1.4 .24 ) 3.6 36| .23] 5.7 5.16 | 33.43 |70.76{69.99[13%.00|133.61| 81.23| 75.71| .557 ) .519 4.85 .500
o .25 <067} 1.1 | 28| 1.ak{ .2k 2.83] 2.83 .19 | k.70 | .21 [33.53 [70.76|69.82|13%.00]133.52} 82.50| 76.66] .565| .55 k.25 ko3
a .25 L063| 1.4] 24p1.ab| 2| 251 2.5 61 4.50 | k.02 33.&3 70.76|69.60|134.00§133.42{ 81.48| 75.13] .558 | .515 3.87 489
e .252 <057 1.b| .2k 1.k| .24 2.02] 2.02 .12 | 3.60 | 3.17 |33.k3 [70.76/69.23|134.00]133.23] 81.65) 7£.h8 .55 1 .510 3.11 .483
106ef 9.00 2957 1.k2| .7e)1.19( .32 31.327 1.32| .4 2.51 | 2.06 [12.88 |29.82[29.32| 80.06| 78.00{ €8.77 66.33] .602 | .581 1.97 .583
Y 9.00 890 | 1.k2| .62}1.19| .27| 2.3 2.3 | .23 5.17| 3.50 |11.88 |30.k9[32.04 82.07f 81.51] T1.63| 69.29{ .627 | .607 3.38 .603
1067ah5.69 | 1.762| 1.k9| .87|1.19| .| 1.56] 1.5 | .18 2.61| 2.46 |11.83 {29.65]29.31[119.75|118.01}105.08|102.90] .681 | .667 2.62 .650
569 | 1.690| 1.9} 72| 1.19) .26| 2.77] 2.8 L0 | Bo7H | BB |21.83 |30.17)32.47|121.81[122.01(107.66/205.36| .698 | .683 5.23 678
108al 8.16 | X.814) 1.26] .46 1.22| .38 1.56| 1.43 A9 | 3.20 | 2.78 | 2.52 | 2.35) 2.17| 9.73( 9.39} 7.47 T.24| 571 | .5u6[(0.30)| 2.85 555
Yy 3.16 (.855) 1.26} .46|1.22| .38} 1.18| 1.0% Wb | 2,67 2.35 | 2.52 | 2.35) 2.6 9.700 9.3} T.32| 7.01| 560 .536| (.2n)| 2.27 .553
g 8.16 | (.615)] 1.26] .86(1.22y .38| 1.5 | 1.26 15| 2.86| 2.36| 2.52 | 2.55| 2.69{ 10.10] 10.25] 7.85| 7.39} .6oL| .565| (.22)| 2.3 517
4536 | (.520) 1.26( .34|1.22| .29 3.h2| 3.29| M6 6.72| 5.2 | 2.5 | 2.65| 3.23] 10.39} 11.22] 8.5 8.20] .6%0 | .627| (.43)| 5.96 .599
1099 .381 109 1.8 .| 1.2 37| 2.25( 3.4 25| 5.53| .26 [11.6 |30.18|28.74] 60.74] 60.03| 39.90| 33.70] .620 | .523 4.35 .505
Y .381 J104 | 18| .3 .2 .37| 2.90| 2.78 W2 | 4661 3.56[12.6 30.20}29.86| 60.76] 60.08| 40.19| 33.95| .624 | .526 3.63 .509
q .381) .o9%| 1.18| .q;|1.22| .37 1.28) 1.97| 12| 3.22| 2.3 1.6 [30.39[29.09 60.80] 60.20| B0.71 .01 63| .58 2.2% .503
4 .38 .08s) 1.18| .27|1.21| .22 1.86] 2.84| .16| 439 2.99 |10.h |28.46]27.64| 55.29|.55.55| 37.03[ 28.54| .639 | .u96 2.86 516
d .381{ .095| 1.18| .25)1.21| .17| 2.83} 3.96 6.4 [ %.72 [10.48 |28.u6[28.85( 55.29] 55.20| 36.40| 29.59{ .628 | .509 kg .522
1 -8 an} 18| 2hra| v 3] soo| .38 7.33] 5.01 108 |28.46|29.18| 55.20] 55.20] 35.18] 30.20] .606| .52 615 | .53
110« 8.8% | 1.578| 1.57} .82 1.21) .36 | 2.82| 3.08] .50 | 6.06[ 5.67| 7.22 [13.0512.37[ 53.71) 53.34] &4.77[ B2} .558 | .5M9 5.25 514
Y¥8.83 | 1.503| 1.4k} .56f1.21¢ .29 3.b9| 3.56{ .58 6.73] 6.28| 1.03 | 2.01] 2.84] 7.89] 8.5 6.69| 6.61) .583| .575] .60 [ 6.45 557
q8.83 | 2.591| 1M | .50f1.20) 27| 3.73| 3.78| .89 | 7.5%| 7.25| 1.03 | 2.02] 2.66 7.92| 8.78] 6.bo[ 6.33f 557 .550) 1.09 | 7.96 | ‘o567

m1| .839| (.829) 1.8 .63 1.M| .26| 2.9%| 3.2 2.00 (12,77} 8.70 |(2.50) | 5.22] 5.82| 8.63 8.70| 5.78) w.mb| .635| .u88{ 2.1 [ 8.39 |20
n2| .93 | (.819) 1.8 .63]1.29( .057) 2.9% [ 3.64| 2.01 [12.87 [11.73|(1.12) | 5.61 6.22| 9.23] 9.3 6.14 5.85] .647| .626] 2.1 | 1125 .599
113]1.01 (.819) 1.31 .63| 2.34| .| 2.98 3.67| 1.99|13.81 |10.3n [(2.22) | 5.61] 6.22| 9.10] 9.15| 6.29| 5.33] .662| .561| 2.39 | 10.72 .555
nh[5.7% [(1.155)] 1.86| .69|1.31| .54} 2.9% | .98 | k9| 4.98| .26 (1.12) | 3.43| b.o9| 7.88{ 8.24| 6.3 5.93| .666| .625] .55 |*9%.90 | %595
15 R3.10 | (3.579) 1.5%| .70[ 2.3 .54] 3.91| 1.9% b9 [ Bk | 8.16 [ (1.12) | 4.28) b.79p 7.88; 8.24 6.82( 6.69| .8 .705{ .59 [ 3.77 .683
116 |10.30 | (1.556)0 1.43| .s5u| 1.3 .54 3.91| 1.9% 49| bg2 ] 416 )(1.12) | k.o .67 7.88] 8.24| 6.62] 6.h0f .698| .675] .59 3.82 663
uv|s5.79 | (.873) 1.36| usfa.3| 4] 3.9 298| .u9f 5.39| .26 {(1.12) | b.09| k.57 7.88] 8.24| 6.38 5.97| .672| .629] .59 | %.00 | * 6o
18| .21 | (.067) 1.1 .12} 1.19( .06 3.65| 3.60 230 5.731 5.85 [ (.| s.22] 5.78] 8.35] 8.57[ 4.79] k.63] 548 [ .5e9] .23 | s.24 .527
ng{ .221| (.067| 1.12] .12 1.39| .069 3.65| 3.60 23] 5.73| 5.%5 (.311)'1».92 5,53 8.35| 8.471 5.3 5.21| .615] .55 .23 | 5.3 599
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TABLE IIT.- SUMMARY OF GEOMETRIC AND AFRODYNAMIC CHARACTERISTICS
AND TEST CONDITIONS FOR BODY-WING-TAIL COMBINATIONS - Continued
(c) Geometric Characteristics

Fo. Sketch ¥o r y R Iy v |Surface | Section —iE 2 %’ g | ALz, A r L [rer. | pectrrey
120 ﬁ L |oboac®| 0.350| 125 | 567 | 8.7 |1 Tbec: f0:06 L2 3ol 20 & Tfo-301 0. ey
121 | <y | 162 | 2300°| 30| ro0| ws | goo [ T er [-- oIl e T o T — R 5 | ey
= [ ] L v e e RS el
5 [y [0 | | n| o o | | e B e e
2% Guunnly | 162 | 2300°| 30| 0| w3is | g0 | | pex [o- — el TR 5 | e
| [ | | on| [ | v [ (s e e P e
g |1 | ] | | o | e s e e
1 | g |26 | a0f| 30| | han | g0 [ ] e LB [T oo a5t ol SR 2 | e
o [ v | | | o s [ s o e S Tl B | ae
129 | B} | 162 | 00%| 0| oo ks | goo || ven £ LA lest LIyl o el | hT
10 |~mBg | 1@ | eao®| 30| w0l ks | goo ] e Lo} Lo e ial @ o % | S
13 * 1.72 |1.2kao®| 50| 12 |10.68 |19.075 ‘&;“f ::: :gzg §jgg lé%? :gg 6%523 g %—% 60 BRL
12 | —emBmg | 1.28 |10200° | Le5| 1.25 | 9.125 |15.00 ving | bex. 1-- - 5:71 ig:ogsl Lo 1%;__2%8_%5— :";,g 61 ERL
133 ﬁ 128 |2.2k10%| 625) 1.25 | 9.125 |15.00 | ¥ing ] ex [°- - %I: 1.0 %;—%_62_2 :37‘" 61 BRL
i # 18 | 190|625 125 | 9.125 1500 | ding g Bex. - - - 15 L:% e ——% Zla BRL
135 4»" 1.28 { .8pa0%| .625 1.25 | 9.125 |{15.00 g pex: > f:gﬁ l;’;g i:g; %—%———g—%—% 61 BRI,
15 | ] |17 [0 | 5| v [ o [ [y [ P A en e e
it % LT | 56a0° | 6250 1.25 | 925 [15.00 | ine | bex. Hh e T o ] -3l e BRL
138 | 172 1.3a0® | 625 2.25 | 9.125 [ 15.00 | ¥ing | _per. :%&‘E% é:% ggz :;53 _22552 :25 62 ERL
19 | e {17 [1apa0° | .625) 125 | 9.125 [15.00 [ima [ hem. Y MR R Y A e %“292‘ 62 ERL
o | Bl [17e Josmn | | 10 | oo [0 |t Loil s o Fog o P =S
m * L72 |1.2bao® | .625) 125 | 9.125 |15.00 (yin | her. = %3:—2 ;:gg 5‘32 :253 W%%E 62 HRL
1o | —em@ng | 172 | 50| @5] 125 | 9.5 | 15.00 T B e MV T T L o s ) B PPN Ry
13 | B | 45 190008 | 2.00 8.38 |36.46 |gh.aa |-ma 3:::: :8—23(9,— : g:gg 5,,3;, 02 :%6‘- 38 | caL & cwr
1 * 150 (1200 | .5 | 226 | 962 ug.0 | | v 080 | f:f?, ggf: - :;” :glsg 64 QL
145 | eonfummng} | 199 | 8ma0® | 563|105 | 525 |10.5 s dov. .08 - = e
16 | ~emBumml | 2.90 [150ac® [ 1.8 |13 |eg.k |stm fos | dv. 103 Lo a2t e Jhoes
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TABLE III.- SUMMARY OF GEOMETRIC AND AERODYNAMIC CHARACTERISTICS
AND TEST CONDITIONS FOR BODY-WING-TAIL COMBINATIONS - Concluded
(d) Aerodynamic Characteristics

Theoretical Experimental
No. S Kn Ky(p) | KB(W) 1K(B) |¥B(T) LAt 3 3 cenur“w‘;m 73 1 — CAIP’
Su Boigy, [ Fiy | Flag [Plag| i | T | Wuta)] o] tace)| Taem| e | Te (T>c @), | oty | e (T)c
2120 | 0.221 {0.067) | 1.21| 0.12| 1.19]0.069 3.65 | 3.60 [ 0.23 | 5.73 | 5.85 (0.7} | 5.67| 6.29| 8.35] 8.47| 5.97| 5.78 | 0:652 | 0.661 0.23 5.36| 0.673
121]1.00 | (b77) [1.%0] 53] 1.3 .53 [3.62 | 3.62 J1m [an.gr | 9.78) (1.36) | 3.:[ %.05| .23} B.58] 5.48| k.01 | 609} M6 | (1.72)| 9.09 19,886
122]1.00 | (411 |12 .53) 1.30]| .53 [3.62 [3.62 | 1.5 hweor [ 9.758| (1.86) | 5.m1] 5.55] 8.23| 8.58[ 6.28]5.08| .686| .564 | (1.72)] 9.94] .570
123} 1.00 | (o) | 13| .39 1.30| .53 |3.62 | 3.62 | 250 [18.53 1073 | (1.46) [ 3.87) B.15] 8.23)'8.58| 5.65| k.70 | 628 .522 | (1.72)] 10.02] .515
128 {100 | (477 fa30) .39 1.30| .53 |3.62 | 3.6 | 1.5 |18.53 |10.73] (2.46) [ 5.37) 5.65] 8.23| 8.58| 6.28| 5.59| .698] .6 | (1.72)| 9.82| .€15
125 1.00 | (.11 |13 39| 1.30] .20 [3.62 | 3.62 § 1.5 13.29 [ 9.59 [ (1.46) [ 3.87) h.15] 8.597 8.58} 5.52 1 b.43 ) 613 ) .bo2 | (1.72)] 9.00 486
126)1.00 | (410 [2.0] .39 1.30] .20 |3.62 | 3.62 { 1.3 |33.29 | 9.89] (1.56) | 5.37] 5.65] 8.59| 8.58] 6.21| 5.%0| .690 | .600 | (2.72)}| 9.0} .580

2107 [ 1.00 | (310) [2.30] .39] 1.30| .53 |2.79 [2.79 | .76 |11.02 | 6.79] (1.46) | 3.63| k.15] 8.34| 8.57| 5.78 | k12| .68 ;lo51 {.87)| 6.99|
Mioali.00 | (w20 | 2.3 .39 2.30| .53 [2.79 | 2.9 .76 |n.o2 | 6.79 (2.36) | 5.13| 5.65] 8.34| 8.57| 6.53|5.23| Tk | .81 | (.87)) 7.05( .88
Mg | .667 | (.263) | 1.30 .53 | 1.30| .53 [2.19 | 2.76 50 | 7.96 | 4.67] (1.%6) | 3.30! 3.70] 8.38! 8.57] 5.h4] 3.34| 604 | .3M (.58)| 5.55 392

Paso| .667 | (.263) 1.3 53| L.} .53 |2.19 | 2.76 .50 | 7.96 | b.67] (1.46) | v.80] 5.20[ 8.38 8.57| 6.20| k.63 | .689 | .51k | (.38)| k.bB|2C
131 5.64 (.727) | 1.28 40| 1.23) .34 |2.81 | 2.08 .33 | k.81 | 3.61]| (2.13) | 2.30] 3.19(13.89(13.93[11.65 \1_1.15 611 | .585 (.36)| 3.38 559
13| .35 (-129) | 1.22 B 1.33] ., |23 | 179 22 | 576 | 3.71| (4.27) | 8.9%| 9.70[1k.00[14.21] 9.96| 8.82 | .66k | .588 (.28)| 3.26 .535
133| .35 | Casw) |12l .35] 1.33] 2 fu9 |1.79 ] .22 | W22 3.21 (8.27) [ 9.08] 9.31]14.00(14.12 20,09} 9.0k | .672 | .602 | (.28) #3.25| 2,515
13| .70 (.259) | 1.29 S1| 1.33] W8 2.3 | 1.79 4 | 6.55 | 3.98] (4.17) | 9.00] 9.69[1k.00{1k.11]10.38 | 8.05 | .692 | ".537 (.956)| 3.7% 545
135 .70 | (.306) | 120 46| .33 .1 ]1.82 | 279 | 4| 5.95 | 3.62] (2.17) | 9.08[ 9.ko[2k.00[2k.11[10.50 )| 8.27| 700 | 551 | (.56)] 3.68| .575
136| 53| (am) | 18] .| 125 .23 |3.60 | 3.68 | .39 | 8.18 | 649l 3.7 | 9.26} 9.56/am.06[ak17j00.46 | 9.56 | 698 | 637 | .7 |®6.10[ ¥.620
137| 500 (a23) | 102) 2| 1.25] .23 [3.73 ] 3.68 1 .38 1 7.86| 7.37] 3.17 | 9.2h[10.10[1%.06[14.17 20.6h ho. 4k | .20 | .696 6 27,26 | E.en
138) .50 ] (.150) | 1.22] .37] 1.25] .23 {3.06 |3.68 | .38 |8.30] 5.61]| 3.7 | 9.22 9.93[14.06/14.17[10.66) 9.26] .710 | 611 16 25,30 | 608
139 .500 | (.149) | 1.22 .38] 1.25] .23 | 3.08 | 3.68 .38 | 8.18 | 5.85| 3.17 9.17{10.27 [14.06 |15.17 1.0.6-6 8.961 .T10{ .597 56 |M25.72 | 2,50
1ko| .500 | (.157) | 1.22 .38 1.25] .23 |2.93 | 3.68 .38 | 7.94 | 5.05] 3.17 9.16{10.23|14.06 [14.17{10.69] 8.79 | .T13 | .586 RS l2:‘».50 12 608
1| .s00 i (.157) | 1.22 .30 1.25| .23 | 2.9% | 3.68 .38} 7.70 | .89} 3.17 9.20| 9.5111%.06[1k.17{20.64 } 8.69 | .T10 § .580 46 hTu] 565
w2 | 500 .128 1.16 22| 1.25] .23 | 3.59 | 3.68 .38 | 8.18 | 6.89| 3.17 9.2k} 9.76|14.0614.17[10.60 | 9.97 | .T06 | .665 A6 7.26 | 2,601
3| .381) .08 | 18| .m} 1.21] .37 j2.22 | 3.2 | .24 [ 5.%0 | 525|116 30.19]28.79[60.75[60.04[39.8033.33 | .618 | .518 3.75| .509
s | kg2 100 1.18 250 1.19] .16 | 3.10 | k.00 .3t 7.37 | 5.85] 3.13 9.9510.0319.10119.10{12.98 10.78 | .652 | .5k2 5.51 .553
ws] .9 .69 | 16| .23| 127 .22 [boo | b0} .68 |7.99] 7.20] 1.62 | 5.25| 5.86] 9.99| 9.99] 6.03] 5.62 | .575 | .535 T.78] .5%
we| 32| 076 {1.38] .3:| 1.36) .62 |2.93 ) 1.50 | .22 | 5.7 | 5.19] 0.4 [27.26]31.33]49.51 [53.35[32.0229.18 | .559 | .508 5.00| .h85

R based on & of larger lifting surface
:- denotes nonuniform or unknown t/c, thickness-chord ratio
d,v. indicates double wedge
‘hex. indicates hexagonal
®b.c. indicates biconvex
8511ght variation between subsonic end supersonic model wing proportions, subsonic configuration tested with extended, cylindrical tall boom coaxisl with body.
7All 1ift curve slopes {per radian) referred to exposed area of larger lifting surface except BC[“U or Bc!“-‘l"

8value by neglecting ving-tail interference
®() indicates experimental value used in theory for combination
1oExperimental Cp or Cp curve noulinear near a = 0.

11 p13en-5chindel technique applied in estimating interference.
12F.xper].mae:rﬂ.le 1if¢ or moment curves v.s.

13 5 pased on exposed aren

a do not, pass through origin for sympetrical models.
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(b) Tail plan form dimensions.

Figure 42—Model and dimensions for determination of tail interference
factor by strip theory.
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for for rectangular tail by Alden-Schindel technique.

NACA-Langley - 11-12-53 - 325



	Page 1
	Page 2
	Page 3
	Page 4
	Page 5
	Page 6
	Page 7
	Page 8
	Page 9
	Page 10
	Page 11
	Page 12
	Page 13
	Page 14
	Page 15
	Page 16
	Page 17
	Page 18
	Page 19
	Page 20
	Page 21
	Page 22
	Page 23
	Page 24
	Page 25
	Page 26
	Page 27
	Page 28
	Page 29
	Page 30
	Page 31
	Page 32
	Page 33
	Page 34
	Page 35
	Page 36
	Page 37
	Page 38
	Page 39
	Page 40
	Page 41
	Page 42
	Page 43
	Page 44
	Page 45
	Page 46
	Page 47
	Page 48
	Page 49
	Page 50
	Page 51
	Page 52
	Page 53
	Page 54
	Page 55
	Page 56
	Page 57
	Page 58
	Page 59
	Page 60
	Page 61
	Page 62
	Page 63
	Page 64
	Page 65
	Page 66
	Page 67
	Page 68
	Page 69
	Page 70
	Page 71
	Page 72
	Page 73
	Page 74
	Page 75
	Page 76
	Page 77
	Page 78
	Page 79
	Page 80
	Page 81
	Page 82
	Page 83
	Page 84
	Page 85
	Page 86
	Page 87
	Page 88
	Page 89
	Page 90
	Page 91
	Page 92
	Page 93
	Page 94
	Page 95
	Page 96
	Page 97
	Page 98
	Page 99
	Page 100
	Page 101
	Page 102
	Page 103
	Page 104
	Page 105
	Page 106
	Page 107
	Page 108
	Page 109
	Page 110
	Page 111
	Page 112
	Page 113
	Page 114
	Page 115
	Page 116
	Page 117
	Page 118
	Page 119
	Page 120
	Page 121
	Page 122
	Page 123
	Page 124
	Page 125
	Page 126
	Page 127
	Page 128
	Page 129
	Page 130
	Page 131
	Page 132
	Page 133



