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NOTATION

A list of the symbols used throughout this document and their definitions is
provided below for convenience.

oAk s UK

U

.. total internal energy

.. first grid index of numerical solution

.. second grid index of numerical solution

.. third grid index of numerical solution or thermal conductivity
.. rotational speed (revolutions per second) or time step level

.. radius or radial coordinate

. fimme

.. velocity in the Cartesian x direction

Roman Symbols

. gas specific heat at constant pressure
. gas specific heat at constant volume



Uy ... velocity in the Cartesian y direction

U, ... velocity in the Cartesian z direction

z ... Cartesian coordinate system coordinate

y... Cartesian coordinate system coordinate

z ... Cartesian coordinate system coordinate

ADPACO8... Advanced Ducted Propfan Analysis Code Version 08
ADPOST ... ADPAC post processing program

ASCII... American Standard Code for Information Interchange
CFL... Courant-Freidrichs-Lewy number (At/Atmaz, stabie)
CHGRIDV?2... Ducted propfan grid generation code

D... reference length

F ... 1 coordinate direction flux vector

G ... j coordinate direction flux vector

GRIDGEN ... Multiple block general purpose mesh generation system
H ...k coordinate direction flux vector

J ... advance ratio (J = U/nD)

JERRYC ... TRAF2D Airfoil Cascade C-Mesh Generation Program
M ... Mach number

N ... Number of blades

Q ... vector of conserved variables

R... gas constant or residual or maximum radius

Re... Reynolds Number

Pr... gas Prandtl Number

SDBLIB... Scientific DataBase Library (binary file I/O routines)
T... Temperature

TOMC ... TRAF2D Airfoil Cascade C-Mesh Generation Program
U ... Freestream velocity (units of length/time)

V... volume

Greek Symbols

.. specific heat ratio

.. calculation increment
.. density

.. coefficient of viscosity

ST B

.. coefficient of viscosity
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Chapter 1
SUMMARY

The overall objective of this study was to examine the aerodynamics and
heat transfer characteristics of discrete site film-cooled turbine airfoils. The
specific objective was to attempt to predict the three-dimensional flow about
the C3X turbine vane cascade with a leading edge showerhead film-cooling
arrangement. The motivation behind this work was to validate and assess
the accuracy of present 3-D Navier-Stokes predictions for realistic film-cooled
airfoil heat transfer predictions through comparisons with experimental data.

Several 2-D calculations were initially performed for both the Mark II
and C3X turbine cascade geometries to verify the accuray of the analysis
for turbine airfoil heat transfer predictions in the absence of film-cooling.
Three-dimensional calculations were performed for the C3X airfoil with film-
cooling using a Cartesian coordinate system and taking advantage of the
spanwise periodicity of the C3X geometry. Coolant flow was introduced into
the blade passage through the use of separate mesh systems and transpira-
tion/injection boundary conditions. The grid generation for the C3X cascade
involved modeling the film-cooling holes as discrete objects in a 3-D mesh.
Calculations were performed for the C3X at multiple operating points, both
with and without cooling holes activated. The film-cooling flow was modeled
both as injection at discrete holes, and as a uniform injection porous blade
surface. Predicted results were compared with both experimental data and
boundary layer code predictions.






Chapter 2

INTRODUCTION

2.1 Description of the Film Cooling Prob-
lem

Trends in thermodynamic design of gas turbine engines has traditionally led
to higher and higher turbine inlet temperatures to improve overall thermo-
dynamic efficiency. The result of this tendency is that turbine airfoils now
often operate in an environment where the temperature of the primary gas
flow exceeds the melting point of the surrounding metal. In order to provide
adequate safety margins and to increase material life, complex airfoil cool-
ing strategies are employed to isolate the airfoils and endwalls from the hot
gas. A common technique to accomplish this goal is the use of film-cooling,
wherein a layer of relatively cool gas is injected near the metal surfaces to
provide a buffer layer between the hot gas and the protected surfaces. As
operational temperature levels rise in modern gas turbine engines, the impor-
tance of accurately controlling turbine cooling flows presents one of the more
difficult engineering challenges in the overall turbomachinery design process.

Turbine airfoil blade row flows are characterized by large temperature
gradients, Mach numbers ranging from low subsonic (< 0.15) to the tran-
sonic range (> 1.0), and high levels of freestream turbulence with strong,
small scale interactions between surface boundary layer convective flows, dif-
fusive transport, and turbulent shear transport. Aerodynamic and thermal
design techniques currently available to turbine airfoil designers have de-
ficiencies which do not permit a prior: designs which meet desired design
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goals without expensive experimental devlopment iterations. As such, the
airfoil /coolant flow injection design (hole size, placement, shaping, etc) is
often based on experience and/or empirical databases. Increased utilization
of computational fluid dynamics (CFD) techniques in the design process for
turbmomachinery airfoils and flowpaths has naturally led to the use of these
tools for predicting airfoil surface heat transfer and film cooling effectiveness.
Unfortunately, our lack of comprehensive turbulence models capable of ac-
curately predicting heat transfer in high Reynolds number turbulent flows
has prevented widespread acceptance of CFD techniques in the heat transfer
design arena. The use of CFD tools for predicting details of the primary gas
path/coolant flow interaction can still be very useful for determining trends
which might give the designer a better understanding of the problem, and
ultimately lead to improvements in the final design.

2.2 Experimental Studies

Numerous experimental studies exist containing data involving measure-
ments for film-cooled heat transfer. Most experimental studies involve surface
meausrements of heat transfer in the vicinity of a film-cooling injection site.
A review of film-cooling research prior to 1970 is given by Goldstein [4]. Nu-
merous studies have been performed to examine the effects of hole geometry,
boundary layer thickness, hole and row spacing, and coolant flow/primary
flow gas property variations. The works of Goldstein et al. [5], Foster and
Lempard [6], and Jubran and Brown [7] to name a few, are representative of
this type of work.

Data specific to turbine film cooling problems were reported by Mehen-
dale and Han [8], who investigated the effects of mainstream turbulence on
the film cooling effectiveness and heat transfer coefficient for a turbine air-
foil leading edge. A large volume of data is available in a series of studies
which were performed on the C3X airfoil cascade [1],[2],[3]. Airfoil surface
heat transfer data were determined from experiments at realistic engine flow
conditions for a baseline (no film cooling) airfoil, a modified airfoil with a
leading edge showerhead film cooling arrangement [1],[2], and a third airfoil
with an additional downstream array of cooling holes [3].
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2.3 Computational Studies

Numerous computational approaches for film-cooling applications exist based
on the boundary layer equations. These methods are useful for rapid design
analysis to describe global properties of the boundary layer, but fail to cap-
ture three-dimensional variations and may not work at all for large coolant
blowing ratios.

Navier-Stokes predictions of film-cooling flows related to gas turbine en-
gine flows have only recently become feasible, and are, therfore, few in num-
ber. Yang et al. [9] attempted to predict the C3X airfoil cascade flow with
film cooling on a two-dimensional basis using a time-marching Navier-Stokes
solution technique. Dorney and Davis [10] performed both 2-D and 3-D flow
simulations of a simplified turbine stage in the presence of a combustor hot
streak. Through parametric studies, they identified a film cooling scheme to
combat the problem of pressure surface hot streak migration. Garg and Gau-
gler [11] predicted the flow through the C3X turbine vane cascade with film
cooling using a 3-D Navier Stokes solution technique. In all of these studies,
no attempt was made to discretize details of the cooling holes themselves;
rather, the cooling holes were modeled using boundary conditions applied to
the “nearest-neighbor” mesh points from a mesh generated based on airfoil
shape considerations only.

Zhou et al. [12] performed a study of film cooling from rows of cooling
holes on a flat plate using a 3-D Navier-Stokes modeling technique. In this
case, the circular cooling holes were modeled as square holes in a traditional
rectangular Cartesian mesh. Similar calculations for film cooling on a flat
plate were given by Leylek and Zerkle [13]. In this case, the computational
mesh modeled the actual geometry of the experimental rig test descibed by
Pietrzyk [14] including discrete mesh representation of the cooling holes, feed
flowpath, and coolant flow plenum.

2.4 Objectives of the Present Study

At present, there are two major problems prohibiting widespread use of 3-D
Navier-Stokes prediction techniques for film-cooled turbine airfoil heat trans-
fer analysis. The first problem is related to geometry. Tools simply do not
exist to permit numerical analysts (much less turbine airfoil designers) to
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conveniently assign hole patterns, and generate a satisfactory mesh complete
with adequate resolution of the coolant holes on the airfoil surface for use
in complex 3-D numerical analysis. It may be demonstrated through pained
manipulation of cumbersome general grid generation tools that it is possible
to generate a suitable mesh for a given configuration, but only after exten-
sive manipulation. Unfortunately, should a modification to the design be
required, the effort to regenerate the numerical mesh is often greater than
the effort to set up, compute, and post-process the solution by an order
of magnitude. This problem clearly demonstrates the need for a combined
computer-aided design/mesh generation capability. In addition, the actual
mesh requirements for the coolant flow/airfoil flow problem have not been
adequately defined, and, as such, even if adequate mesh generation tools were
available, the research required to define the minimum mesh requirements for
such an analysis has not, to date, been performed. The seond major obsta-
cle is the lack of comprehensive, accurate turbulence modeling procedures
for high Reynolds number, high freestream turbulence turbine airfoil flows
with heat transfer. Several numerical procedures have been described using
high order (2 equation) turbulence models to predict turbine airfoil flows
with heat transfer ([18], for example) and in nearly every case, the turbulene
model is observed to be deficient, whether it be in the prediction of near wall
turbulent flow behavior, transition, or the failure to accurately capture the
jet flow/wall bounded shear layer intraction.

The numerical study described in this report is an attempt to address
the problems of mesh definition and resolution for the prediction of discrete
site film-cooled turbine airfoils. No attempt is made to conjure up a turbu-
lence model capable of reproducing a limited amount of experimental data.
Instead, a simple, proven turbulence modeling scheme is employed, and the
focus is shifted to examining the mesh requirements for detailed analysis of
the general turbine airfoil film cooling problem. To this end, detailed Navier-
Stokes predictions of a realistic turbine airfoil design with a showerhead film
cooling scheme were performed with emphasis on examining the mesh gen-
eration difficulties and resolution requirements for the cooling holes, and ex-
amining details of the flow structure resulting from the coolant flow /primary
flow interaction.

This study represents one of the first attempts at predicting fine scale
details of the aerodynamic and heat transfer characteristics resulting from
the primary gas flow/coolant flow interaction of realistic gas turbine en-
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gine turbine airfoils. The approach in this paper was to develop an analysis
which possesses all the capabilities necessary to accurately solve this complex
problem short of the advanced turbulence modeling necessary to accurately
predict the true levels of the turbine airfoil heat transfer problem. The ana-
lytical tool used in this analysis is a 3-D Navier-Stokes analysis code referred
to as ADPACO8 . In the first section which follows this introduction, the
theoretical basis and numerical implementation of the ADPAC08 code are
described in detail. Next, a series of 2-D aerodynamic/heat transfer calcu-
lations are performed for two non-cooled planar cascades representative of
turbine airfoil blade rows. These calculations serve to quantify the accuracy
of the present analysis for heat transfer predictions, and several mesh stud-
ies are included to determine a minimum mesh requirement for the general
turbine airfoil heat transfer analysis problem. Finally, a series of 3-D viscous
flow calculations are performed for a planar turbine airfoil cascade employing
a leading edge showerhead film cooling scheme.






Chapter 3

ADPAC08 NAVIER-STOKES
NUMERICAL ALGORITHM

Aerodynamic/heat transfer predictions for the film-cooled turbine airfoils
described in this study were obtained using the ADPAC08 analysis. The
ADPACO8 code is a general purpose turbomachinery aerodynamic design
analysis which has undergone extensive development, testing, and verifica-
tion [30], [25], [22], [24]. There is also extensive documentation available for
the ADPAC08 program [26], [27], [28]. Briefly, the ADPAC08 analysis uti-
lizes a finite volume, explicit multigrid Runge-Kutta time-marching solution
algorithm to solve a time-dependent form of the 3-D Reynolds-Averaged
Navier-Stokes equations. A relatively standard Baldwin-Lomax [23] tur-
bulence model was incorporated to compute the turbulent shear stresses.
The code employs a multiple-blocked mesh discretization which provides
extreme flexibility for analyzing complex geometries. The block gridding
technique enables the coupling of complex, multiple-region domains with
common grid interface boundaries through specialized boundary condition
procedures. The ADPAC08 analysis has been successfully utilized to predict
both the steady state and time-dependent aerodynamic interactions occur-
ring in modern multistage compressors and turbines.

In this chapter, the governing equations and computational model applied
for this study in the ADPAC0S8 are described. In some cases, additional
capabilities are available in the ADPAC08 program, and these are described
further in References [22], [28]. The definitions of the pertinent variables
used in this chapter may be found in the Nomenclature.
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3.1 Nondimensionalization

To simplify the implementation of the numerical solution, all variables are
nondimensionalized by reference values as follows:

z Z 7 b 71 5 Uy B U,
chf ; chf i Uref b Uref ; Uref
p f % & k
Presf 4 Href A “ Rfcf i chf 3 krcf
T =
T = £ (3.1)

Tref gy Pref L

The reference quantities are defined as follows:
L,.; is a constant user-defined length scale
Pres is normally the inlet total pressure (user-defined)
pres is the freestream or inlet total density (pref =pres / Rres /
Tres )
ares is determined by /Y R,esTses

Ures is determined from the freestream total acoustic velocity as
Vref = 3\7,7

Kres 1s determined from the other factors as:
Href = prcf'urefLref

kres is the freestream thermal conductivity (extracted from user-
defined parameters such as 4 and Prandtl number)

R..s is the freestream gas constant (user-defined)

T,e; is normally the inlet total temperature (user-defined)

3.2 3-D Navier-Stokes Equations

The ADPAC08 numerical solution procedure is based on an integral repre-
sentation of the strong conservation law form of the Navier-Stokes equations
expressed in either a cylindrical or Cartesian coordinate syatem. User input
determines which solution scheme is selected, and can be varied on a block
by block basis. The Cartesian form of the equations are presented below
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since all of the calculations performed in this study utilized the Cartesian so-
lution scheme. Details of the corresponding cylindrical solution scheme are
available in References [25], and [22]. The Euler equations may be derived
as a subset of the Navier-Stokes equations by neglecting viscous dissipation
and thermal conductivity terms (i.e. - g and k = 0).

3.3 Governing Equations for Cartesian So-
lution

Integration of the differential form of the Navier-Stokes equations over a finite
control volume yields the following set of equations:

[ 5@ + Lins(Q) = Lua(@) (3:2)
where:
Lim:(Q) = /dA [ErwdAz gt Gim:dAy ar EirwdAz] (3.3)
and:
Lvu(Q) = /dA [FviadAz Gz éviodAy r EvudAz] (3.4)

The inviscid (convective) and viscous (diffusive) flux contributions are ex-
pressed separately by the operators Lin, and L,,, respectively.

The vector of dependent variables ) is defined as:

P
PVz
Q= |pvy (3.5)
PV
PEt

where the velocity components v,,v,, and v, are the absolute velocity com-
ponents in the z, y, and z coordinate directions, respectively (see e.g. - Fig.

3.1). The total internal energy is defined as:

P 1 2 2 2
L e 3.6
e (7_1)p+2(v,+v,,+vz) (3.6)
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ADPACO08 Cartesian Coordinate System Reference

2-D Turbine Vane Calculations

| 3—-D Turbine Vane Calculations

X

3 Figure 3.1: ADPAC08 Cartesian Coordinate System Reference
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The individual flux functions are defined as:

PV=z Pl pY:
pvitp PUzVy PUzV:
Fine'= PULVy ’ Gim: = P'UZ =D |5 Hipy = PUyVz (3-7)
PV, pUyY; (pv2 + p)
pv-H pv, H pv.H
0 0 0
Tz Ty= T2z
Fm’: = | Tzy | » Gm’: = | Ty | » Hvi: = | Tzy | > (3'8)
Tzz Tyz T2z
9z 9y q:z
F=F@Q), G=0GQ), H=H(@Q)
Fv o Fv(Q)v Gv = Gv(@), I_Iv = Hv(@) (3'9)

The total enthalpy, H, is related to the total energy by:

H =eidid (3.10)
p

The viscous stress terms may be expressed as:

Tez = 2/*" (%:::) + Avv 7 V, (3.11)
& Ovy Ov,
w=s|(3)+(5)) )
H dv, 0v,
B
e (%_’;’) AT (3.14)
. Ovy Ov,
w=](5)+ (%) o
Tzz = 2/" (681:) 55 /\vv 3 V (3'16)



oT

Gz = VoToz + UyTay + VT2 + k‘a‘; (3.17)
oT

Qy = VzTyz + VyTyy =3 V:Tyz ar kgz‘l‘ (3.18)
oT

Gz = VpTze + VyTay + V.T2: + kE; (3.19)

where p is the first coefficient of viscosity, A, is the second coefficient of
viscosity, and:

= Ov, Ov, Ov,
Y Fia T 6

The remaining viscous stress terms are defined through the identities:

(3.20)

Tye = Tay) (3.21)
Tzy = Tyz, (3.22)
Tzz = Tzzy (3.23)

Transition of the ADPACO08 code from a cylindrical coordinate system
solver to a Cartesian coordinate system solver was accomplished through the
use of an input trigger variable. When activated, the trigger selects the ap-
propriate calculations of cell areas, volumes, and fluxes to be consistent with
the governing Cartesian equations. In addition, the cylindrical coordinate
system source term is eliminated for Cartesian solutions. The modified AD-
PAC08 code retains both the cylindrical and Cartesian coordinate solution
capabilities.

The governing equations for the 2-D flow problems discussed in the follow-
ing chapters may be similarly derived from the 3-D equations by eliminating
the z-momentum equation and assuming that the z velocity, v, is zero.

3.4 Fluid Properties

The working fluid is assumed to be air acting as a perfect gas, thus the ideal
gas equation of state has been used. Fluid properties such as specific heats,
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specific heat ratio, and Prandtl number are assumed to be constant. The
fluid viscosity is derived from the Sutherland (see e.g. [35]) formula:

(T)?
= !
TG (3.24)
The so-called second coefficient of viscosity A, is fixed according to:
2
Ay = —3# (3.25)

The thermal conductivity is determined from the viscosity and the definition

of the Prandtl number as:

= ol
k=2 (3.26)

3.5 Numerical Formulation

The discrete numerical solution is developed from the integral governing
equations derived in the previous sections by employing a finite volume so-
lution procedure. This procedure closely follows the basic scheme described
by Jameson [37]. In order to appreciate and utilize the features of the AD-
PAC08 solution system, the concept of a multiple blocked grid system must
be fully understood. It is expected that the reader possesses at least some
understanding of the concepts of computational fluid dynamics (CFD), so
the use of a numerical grid to discretize a flow domain should not be for-
eign. Many CFD analyses rely on a single structured ordering of grid points
upon which the numerical solution is performed (the authors are aware of a
growing number of unstructured grid solution techniques as well, but resist
the temptation to mention them in this discussion). Multiple blocked grid
systems are different only in that several structured grid systems are used in
harmony to generate the numerical solution. The domain of interest is sub-
divided into one or more structured arrays of hexahedral cells. Each array
of cells is referred to as a “block”, and the overall scheme is referred to as a
multiple blocked mesh solver as a result of the ability to manage more than
one block. This concept is illustrated graphically in two dimensions for the
flow through a nozzle in Figures 3.2-3.4.
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ADPAC-AOACR 2-D Single Block Mesh Structure Illustration
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Figure 3.2: ADPAC08 2-D Single Block Mesh Structure Illustration
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ADPAC-AQOACR 2-D Two Block Mesh Structure Illustration
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ADPAC-AOACR 2-D Multiple Block Mesh Structure Illustration
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Figure 3.4: ADPAC08 2-D Multiple Block Mesh Structure Illustration
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The grid system in Figure 3.2 employs a single structured ordering, re-
sulting in a single computational space to contend with. The mesh system
in Figure 3.3 is comprised of two, separate structured grid blocks, and con-
sequently, the numerical solution consists of two unique computational do-
mains. In theory, the nozzle flowpath could be subdivided into any number
of domains employing structured grid blocks resulting in an identical num-
ber of computational domains to contend with, as shown in the 20 block
decomposition illustrated in Figure 3.4. The complicating factor in this do-
main decomposition approach is that the numerical solution must provide
a means for the isolated computational domains to communicate with each
other in order to satisfy the conservation laws governing the desired aerody-
namic solution. Hence, as the number of subdomains used to complete the
aerodynamic solution grows larger, the number of inter-domain communica-
tion paths increases in a corresponding manner. (It should be noted that
this domain decomposition/communication overhead relationship is also a
key concept in parallel processing for large scale computations, and thus,
the ADPACO8 code appears to be a viable candidate for parallelization via
_the natural domain decomposition division afforded by the multiple-blocked
grid data structure.) Clearly, it is often not possible to generate a single
structured grid to encompass the domain of interest without sacrificing grid
quality, and therefore, a multiple blocked grid system has significant advan-
tages.

The ADPAC08 code was developed to utilize the multiple blocked grid
concept to full extent by permitting an arbitrary number of structured grid
blocks with user specifiable communication paths between blocks. The inter-
block communication paths are implemented as a series of boundary con-
ditions on each block which, in some cases, communicate flow information
from one block to another. The advantages of the multiple-block solution
concept are exploited in the calculations presented in Chapter 4 as a means
of treating complicated geometries with multiple blade rows of varying blade
number, and to exploit computational enhancements such as multigrid.

The solution for each mesh block in a multiple-blocked grid is computed
identically, and therefore the numerical approach is described for a single
mesh block. In any given mesh block, the numerical grid is used to define a set
of hexahedral cells, the vertices of which are defined by the eight surrounding
mesh points. This construction is illustrated in Figure 3.5.

The cell face surface area normal vector components dA;, dA,, and dA,
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are calculated using the cross product of the diagonals defined by the four
vertices of the given face, and the cell volume is determined by a proce-
dure outlined by Hung and Kordulla [36] for generalized nonorthogonal cells.
The integral relations expressed by the governing equations are determined
for each cell by approximating the area-integrated convective and diffusive
fluxes with a representative value along each cell face, and by approximat-
ing the volume-integrated terms with a representative cell volume weighted
value. The discrete numerical approximation to the governing equation then

becomes
n+1 n

Vol-—i-'j'kA—t—i'j’k = (Fino(@)iz1.5% — Fino(Q)ijn (3.27)

+Gino(Q)i 41k — Gino(Q)i ik
+ Hino(@)i b1 — Hino( Q)i in
+Fois(@)i+1,k — Fois(Q)iik
+6ie (@) 5414 — GoialQ)iciin
+Hois(Q)isike+1 — Hois(Q)iik)
+VolK + D; ;x(Q)

Here, 1,7,k represents the local cell indices in the structured cell array,
Vol is the local cell volume, At is the calculation time interval, and D; ;x
is an artificial numerical dissipation function which is added to the govern-
ing equations to aid numerical stability, and to eliminate spurious numerical
oscillations in the vicinity of flow discontinuities such as shock waves. Fol-
lowing the algorithm defined by Jameson [37], it is convenient to store the
flow variables as a representative value for the interior of each cell, and thus
the scheme is referred to as cell-centered. The discrete convective fluxes are
constructed by using a representative value of the flow variables Q which is
determined by an algebraic average of the values of Q) in the cells lying on
either side of the local cell face. Viscous stress terms and thermal conduction
terms are constructed by applying a generalized coordinate transformation
to the governing equations as follows:

£ = €(z,y’z)’ .= 77(-'0,3/,2), ¢= C(z’y’ z) (3'28)
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The chain rule may then be used to expand the various derivatives in the
viscous stresses as:

5 89 md 8D

Be — GuDE 0ty T o200 3:29)
o _o0 o oo

By BpE | Oyon " buBl )
L4 8¢ 87 67000 9 (3.31)

Bz 0z0f  0z0n @ 820(

The transformed derivatives may now be easily calculated by differencing
the variables in computational space (i corresponds to the { direction, 7
corresponds to the 7 direction, and k corresponds to the { direction), and
utilizing the appropriate identities for the metric differences (see e.g. [35]).

3.6 Boundary Conditions

In this section, the various boundary conditions utilized in this study as part
of the ADPACO08 analysis are described. Before describing the individual
boundary conditions, it may be useful to describe how the boundary condi-
tions are imposed in the discrete numerical solution. Finite volume solution
algorithms such as the ADPAC08 program typically employ the concept of
a phantom cell to impose boundary conditions on the external faces of a
particular mesh block. This concept is illustrated graphically for a 2-D mesh
representation in Figure 3.6.

A phantom cell is a fictitious neighboring cell located outside the extent
of a mesh which is utilized in the application of boundary conditions on the
outer boundaries of a mesh block. Since flow variables cannot be directly
specified at & mesh surface in a finite volume solution (the flow variables
are calculated and stored at cell centers), the boundary data specified in the
phantom cells are utilized to control the flux condition at the cell faces of the
outer boundary of the mesh block, and, in turn, satisfy a particular boundary
condition. All ADPAC08 boundary condition specifications provide data
values for phantom cells to implement a particular mathematical boundary
condition on the mesh. Another advantage of the phantom cell approach is
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that it permits unmodified application of the interior point scheme at near
boundary cells.

Inflow and exit boundary conditions are applied numerically using charac-
teristic theory. A one-dimensional isentropic system of equations is utilized
to derive the following characteristic equations at an axial inflow/outflow
boundary:

aC- aC~
—BT — ('U:B -l —BT = 0, (3.32)
oct act
5 + (v + a) S 0 (3.33)
where: 5 5
i v A a
CF e wy P C v,+7_1 (3.34)

For subsonic normal inflow, the upstream running invariant C~ is ex-
trapolated to the inlet, and along with the equation of state, specified total
pressure, total temperature, and flow angles the flow variables at the bound-
ary may be determined. For turbomachinery based flow calculations, the
flow angles are representative of the spanwise flow and the pitchwise (blade-

to-blade) flow.

Outflow boundaries require a specification of the exit static pressure.
In this case, the downstream running invariant C'* is used to update the
phantom cells at the exit boundary. Velocity components parallel to the cell
face are extrapolated to the phantom cell from the neighboring interior cells.

It should be mentioned that all of the characteristic boundary schemes
utilize a local rotated coordinate system which is normal to the bounding
cell face.

All solid surfaces must satisfy the no slip boundary condition for viscous
flows:

vy =0, v, =i, vy =) (3.35)

No convective flux through the boundary (an impermeable surface) is permit-
ted. The phantom cell velocity components are thus constructed to ensure
that the cell face average velocities used in the convective flux calculation
are identically zero. The phantom cell pressure is simply extrapolated based
on the boundary layer flow concept dp/dn = 0. The phantom cell density or
temperature is imposed by assuming either an adiabatic surface dT'/dn =0
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or a specified surface temperature, which suggests that the phantom cell
temperature must be properly constructed to satisfy the appropriate average
temperature along the surface.

For the multiple-block scheme, the solution is performed on a single grid
block at a time. Special boundary conditions along block boundaries are
therefore required to provide some transport of information between blocks.
This transport may be accomplished through one of four types of procedures
in the ADPAC08 code. Each procedure applies to a different type of mesh
construction and flow environment, and details of each approach are given
in Reference [22]. For neighboring mesh blocks which have coincident mesh
points along the interface separating the two blocks (as used in this study),
a simple direct specification of the phantom cell data based on the near
boundary cell data from the neighboring block has been used successfully.
This concept is illustrated graphically in Figure 3.7. Each phantom cell in

the block of interest has a direct correspondance with a near boundary cell in
the neighboring mesh block, and the block coupling is achieved numerically
by simply assigning the value of the corresponding cell in the neighboring
block to the phantom cell of the block of interest. This procedure essentially
duplicates the interior point solution scheme for the near boundary cells,
and uniformly enforces the conservation principles implied by the governing
equations.

Some final comments concerning boundaries are in order at this point.
Artificial damping is applied at the block boundaries by prescribing zero
dissipation flux along block boundaries to maintain the global conservative
nature of the solution for each mesh block. Fourth order dissipation fluxes
at near boundary cells are computed using a modified one-sided differencing
scheme. Implicit residual smoothing is applied at the block boundary by
imposing a zero residual gradient (i.e. (dR/dz) = 0.0) condition at the
boundary.

3.6.1 Porous Surface Boundary Condition

Discrete modeling of injection holes for actual gas turbine engine hardware
is extremely difficult due to the large numbers of cooling holes present (often
greater than 100) on even moderately high temperature applications. The
problem of modeling engine hardware therefore requires some simplification
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of the overall simulation process. To satisfy this objective, a porous surface
boundary condition model was developed to permit evaluation of film-cooled
engine hardware without the problems associated with modeling the individ-
ual injection sites. The porous boundary model assumes that the injection
sites are relatively large in number and relatively small in scale when com-
pared to the overall aerodynamic scale (such as airfoil span or chord), and
that their influence on the flow can be modeled as a continuum across the
surface of interest. This scheme is illustrated graphically in Figure 3.8. The
introduction of cooling flow and the mixing which occurs at the discrete
injection sites are modeled by imposing the injected flow uniformly across
the region of interest and adjusting for the influence of the solid wall por-
tion which separates adjacent injection sites. The model utilizes both the
solid wall and inflow boundary conditions described above to define separate
contributions due to the injection and separating solid walls, respectively.
These contributions are then combined algebraically based on the relative
areas associated with the injection holes and separating wall, respectively.

3.7 Runge-Kutta Time Integration

The time-stepping scheme used to advance the discrete numerical representa-
tion of the governing equations is a multistage Runge-Kutta integration. An
m stage Runge-Kutta integration for the discretized equations is expressed
as:

Q: = Q" — . At[L(Q™) + D(Q")],
Q2 = Q" — 2 At[L(Q1) + D(Q")];
Qs = Q" — asAt[L(Q2) + D(Q™)],
Qs = Q" — cuAt[L(Qs) + D(Q")],

Qm=Q" — amAt[L(Qm—l) 5 D(Qn)]a
Q"+1 2.0 (3.36)
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where:
Q) = Lins( @)= Lisi(Q) (3.37)

For simplicity, viscous flux contributions to the discretized equations are only
calculated for the first stage, and the values are frozen for the remaining
stages. This reduces the overall computational effort and does not appear
to significantly alter the solution. It is also generally not necessary to re-
compute the added numerical dissipation terms during each stage. Three
different multistage Runge-Kutta schemes (2 four-stage schemes, and 1 five-
stage scheme) are available in the ADPAC08 code, but only the four-stage
time-marching scheme described below was utilized for the calculations pre-
sented in this report.
The coeffeicients for the four stage Runge-Kutta time-marching scheme
employed in this study are listed below;
e 1 g
al‘_ga az:z') a3"§?
A linear stability analysis of the four stage Runge-Kutta time-stepping scheme
utilized during this study indicate that the scheme is stable for all calculation
time increments §t which satisfy the stability criteria CFL < 2v/2. Based
on convection constraints alone, the C F'L number may be defined in a one-
dimensional manner as:

Qg4 = 1 (3.38)

At
Iv. |+a

Az
In practice, the calculation time interval must also include restrictions re-
sulting from diffusion phenomena. The time step used in the numerical
calculation results from both convective and diffusive considerations and is
calculated as:

CFL = (3.39)

At=CFL ( i ) (3.40)
A+A+dtvitv+u

where the convective and diffusive coordinate wave speeds (A and v, repsec-
tively) are defined as:

Xi = Vol/(V - 5+ a) (3.41)
pVol?

i 3.42

%7 Ca(Shp W)
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The factor Ca; is a “safety factor” of sorts, which must be imposed as a result
of the limitations of the linear stability constraints for a set of equations
which are truly nonlinear. This factor was determined through numerical
experimentation and normally ranges from 2.5-7.5.

For steady state flow calculations, an acceleration technique known as
local time stepping is used to enhance convergence to the steady-state solu-
tion. Local time stepping utilizes the maximum allowable time increment at
each point during the course of the solution. While this destroys the phys-
ical nature of the transient solution, the steady-state solution is unaffected
and can be obtained in fewer iterations of the time-stepping scheme. For
unsteady flow calculations, of course, a uniform value of the time step At
must be used at every grid point to maintain the time-accuracy of the solu-
tion. Other convergence enhancements such as implicit residual smoothing
and multigrid (described in later sections) are also applied for steady flow
calculations.

3.8 Dissipation Function

In order to prevent odd-even decoupling of the numerical solution, nonphysi-
cal oscillations near shock waves, and to obtain rapid convergence for steady
state solutions, artificial dissipative terms are added to the discrete numeri-
cal representation of the governing equations. The added dissipation model
is based on the combined works of Jameson et al. [37], Martinelli [29], and
Swanson et al. [38]. A blend of fourth and second differences is used to
provide a third order background dissipation in smooth flow regions and
first order dissipation near discontinuities. The discrete equation dissipative
function is given by:

D;;x(Q) = (D} — D} + D} — Dj + Di — D;)Qi jx (3.43)

Bl acoud anflionzth ardeonilsisbiion operatoms o detsrmined by
DgQijne = Ve((Ae)ir €1 1) De Qi (3-44)
DgQik = Ve((Ae)ir1 €611 ja) De Ve De Qi (3-45)

where A¢ and Y7, are forward and backward difference operators in the ¢
direction. In order to avoid excessively large levels of dissipation for cells with
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large aspect ratios, and to maintain the damping properties of the scheme,
a variable scaling of the dissipative terms is employed which is an extension
of the two dimensional scheme given by Martinelli [29]. The scaling factor is
defined as a function of the spectral radius of the Jacobian matrices associated
with the £, 5, and ( directions and provides a scaling mechanism for varying
cell aspect ratios through the following scheme:

(e )i+§,j,k = (Ae)is ;—,j,k‘I’i+ 1.k (3.46)

The function ® controls the relative importance of dissipation in the three
coordinate directions as:

e (il M
The directional eigenvalue scaling functions are defined by:
()‘e)i+§,j,k e Ui+%,j,k(S£)i+§-,j,k i C(St)i+§,j,k (3.48)
(An)ist ik = Ui+§,j,k(5n)e+;-,j,k + c(Sn)is1.ik (3.49)
(A¢ )i+§,j,k = Ui+§,j,k(5c)i+§,j,k + C(Sc)i+§,j,k (3.50)

The use of the maximum function in the definition of @ is important for grids
where \,/)\¢ and X¢/)\¢ are very large and of the same order of magnitude.
In this case, if these ratios are summed rather than taking the maximum, the
dissipation can become too large, resulting in degraded solution accuracy and
poor convergence. Because three-dimensional solution grids tend to exhibit
large variations in the cell aspect ratio, there is less freedom in the choice of
the parameter a for this scheme, and a value of 0.5 was found to provide a
robust scheme.

The coefficients in the dissipation operator use the solution pressure as a
sensor for the presence of shock waves in the solution and are defined as:

2 2 . .
€i+15,j,k =K ma:c(V,-_llj,k, Vi, ], k, Vit1,5.k9 V,’+2,j,k) (351)

~ Npi1gk — 2055 + Pisrin)l
l/,',j’k — (352)
(Bi—1.5k + 2Pijx + Piv1,ik)
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e:.l+%_'jlk = ma.:c(O,n“" - 6?+%,j,k) (3.53)

where x?,x* are user-defined constants. Typical values for these variables
are 1 1

K== ==
2 64

The dissipation operators in the  and { directions are defined in a similar
manner.

(3.54)

3.9 Turbulence Model

As a result of computer limitations regarding storage and execution speed,
the effects of turbulence are introduced through an appropriate turbulence
model and solutions are performed on a numerical grid designed to capture
the macroscopic (rather than the microscopic) behavior of the flow. A rel-
atively standard version of the Baldwin-Lomax [23] turbulence model was
adopted for this analysis. This model is computationally efficient, and has
been successfully applied to a wide range of geometries and flow conditions.

The effects of turbulence are introduced into the numerical scheme by
utilizing the Boussinesq approximation (see e.g. [35]), resulting in an effective
calculation viscosity defined as:

Heffective — Hlaminar + Bturbulent (3.55)

The simulation is therefore performed using an effective viscosity which com-
bines the effects of the physical (laminar) viscosity and the effects of turbu-
lence through the turbulence model and the turbulent viscosity piurbutent-

The Baldwin-Lomax model specifies that the turbulent viscosity be based
on an inner and outer layer of the boundary layer flow region as:

e <
(Keurbutent Jinners Y < Yerossover (3.56)

turbulent —
Pt { (Pburbulent)outer, Yy > Yerossover

where y is the normal distance to the nearest wall, and Ycrossover is the smallest
value of y at which values from the inner and outer models are equal. The
inner and outer model turbulent viscosities are defined as:

(F’turb)inner = Plz |(.U| (3.57)
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(F’turb)outer = KCCppFwakeFkleby (3.58)

Here, the term [ is the Van Driest damping factor
I = ky(1— e-¥'/4M) (3.59)
w is the vorticity magnitude, Fi qke is defined as:

Fwake — ymaszaz (3.60)

where the quantities Ymaz, Frmaz are determined from the function

F(y) = ylw|[1 — ' /47 (3.61)
The term y™* is defined as
Hlaminar

The quantity Farax is the maximum value of F(y) that occurs in a pro-
file, and yarax is the value of y at which it occurs. The determination
of Farax and ypax is perhaps the most difficult aspect of this model for
three-dimensional flows. The profile of F(y) versus y can have several local
maximums, and it is often difficult to establish which values should be used.
In this case, Farax is taken as the maximum value of F(y) between a y*
value of 350.0 and 1000.0. The function Fj;.p is the Klebanoff intermittency
factor given by

Frue(y) = [1+ 5.5(9"’—"3‘1)"]‘1 (3.63)

max

and the remainder of the terms are constants defined as:

A =26,
o5y,
Chies = 0.3,
E=04,
K = 0.0168 (3.64)

In practice, the turbulent viscosity is limited such that it never exceeds 1000.0
times the laminar viscosity.
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The turbulent flow thermal conductivity term is also treated as the com-
bination of a laminar and turbulent quantity as:

ke f fective — klaminar A kturbulent (3-65)

For turbulent flows, the turbulent thermal conductivity Kturbuient is deter-
mined from a turbulent Prandtl number Priyrpuient such that

Prtufbulcnt = _c%ﬁdﬂ (3.66)
turbulent

The turbulent Prandtl number is normally chosen to have a value of 0.9.

In order to properly utilize this turbulence model, a fairly large number
of grid cells must be present in the boundary layer flow region, and, perhaps
of greater importance, the spacing of the first grid cell off of a wall should be
small enough to accurately account for the inner “law of the wall” turbulent
boundary layer profile region. Unfortunately, this constraint is often not
satisfied due to grid-induced problems or excessive computational costs. In
this report, special attention was given to the problems associated with grid
refinement and the resulting effects on predicted heat transfer.

Practical applications of the Baldwin-Lomax model for three-dimensional
viscous flow must be made with the limitations of the model in mind. The
Baldwin-Lomax model was designed for the prediction of wall bounded tur-
bulent shear layers, and is not likely to be well suited for flows with massive
separations or large vortical structures. There are, unfortunately, a number
of applications for turbomachinery where this model is likely to be invalid,
although for turbine airfoils, the boundary layers typically experiance a favor-
able pressure gradient and the model is mopre likely to be valid in this case.
In general, howevere, turbulence modeling is likely to be an area requiring
improvement in the future.

3.10 Implicit Residual Smoothing

The stability range of the basic time-stepping scheme can be extended us-
ing implicit smoothing of the residuals. This technique was described by
Hollanders et al. [39] for the Lax-Wendroff scheme and later developed by
Jameson [37] for the Runge-Kutta scheme. Since an unsteady flow calcu-
lation for a given geometry and grid is likely to be computationally more
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expensive than a similar steady flow calculation, it would be advantageous
to utilize this acceleration technique for time-dependent flow calculations as
well. In recent calculations for two dimensional unsteady flows, Jorgensen
and Chima [40] demonstrated that a variant of the implicit residual smooth-
ing technique could be incorporated into a time-accurate explicit method to
permit the use of larger calculation time increments without adversely af-
fecting the results of the unsteady calculation. The implementation of this
residual smoothing scheme reduced the CPU time for their calculation by a
factor of five. This so-called time-accurate implicit residual smoothing op-
erator was then also demonstrated by Rao and Delaney [41] for a similar
two-dimensional unsteady calculation. Although this “time-accurate” im-
plicit residual smoothing scheme is not developed theoretically to accurately
provide the unsteady solution, it can be demonstrated that errors introduced
through this residual smoothing process are very local in nature, and are gen-
erally not greater than the discretization error.
The standard implicit residual smoothing operator can be written as:

(1 — &6 D Ve)(1 — &n Ly Vn)(1 = & D¢ Vo) Brn = B (3.67)

where the residual R,, is defined as:

= am%i(Qm — D,,), m = 1,mstages (3.68)

for each of the m stages in the Runge-Kutta multistage scheme. Here Qrm
is the sum of the convective and diffusive terms, D,, the total dissipation at
stage m, and R, the final (smoothed) residual at stage m.
The smoothing reduction is applied sequentially in each coordinate direc-
tion as:
R, = (1- € D¢ Ve) B
Ry =(1-e0gVn) R,
Rt =(1—e Ocve) B
=0 (3.69)

where each of the first three steps above requires the inversion of a scalar
tridiagonal matrix. The application of the residual smoothing operator varies
with the type of Runge-Kutta time marching scheme selected. The full four
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and five stage time-marching schemes utilize residual smoothing at each stage
of the Runge-Kutta integration. The reduced four stage scheme employs
residual smoothing at the second and fourth stages only.

The use of constant coefficients (€) in the implicit treatment has proven
to be useful, even for meshes with high aspect ratio cells, provided addi-
tional support such as enthalpy damping (see [37]) is introduced. Unfortu-
nately, the use of enthalpy damping, which assumes a constant total enthalpy
throughout the flowfield, cannot be used for an unsteady flow, and many
steady flows where the total enthalpy may vary. It has been shown that the
need for enthalpy damping can be eliminated by using variable coefficients
in the implicit treatment which account for the variation of the cell aspect
ratio. Martinelli [29] derived a functional form for the variable coefficients for
two-dimensional flows which are functions of characteristic wave speeds. In
this study, the three-dimensional extension described by Radespiel et al. [38]
is utilized, and is expressed as:

1, CFL 1+maz(r3rg)
2 2! ne ¢€/12 _ 4 .
S ( 2 CFL 1T maz(Tyeree) e
1 CFL 1+ maz(rgrs)
— 0 7 il _ 1 . 1
€n = maz ( : 4[CFLmaz 1+ maz(renren) SN
1. CFL 1+maz(rrs)
4 g n¢Té¢)z 4 3.72
P ( ; 4[CFL,m 1+ maz(rncrec) g <

CFL represents the local value of the CF'L number based on the calcula-
tion time increment At, and CF L,,,, represents the maximum stable value of
the C F L number permitted by the unmodified scheme (normally, in practice,
this is chosen as 2.5 for a four stage scheme and 3.5 for a five stage scheme,
although linear stability analysis suggests that 24/2, and 3.75 are the the-
oretical limits for the four and five stage schemes, respectively). From this
formulation it is obvious then that the residual smoothing operator is only
applied in those regions where the local C F'L number exceeds the stability-
limited value. In this approach, the residual operator coeflicient becomes
zero at points where the local C' F'L number is less than that required by
stability, and the influence of the smoothing is only locally applied to those
regions exceeding the stability limit. Practical experience involving unsteady
flow calculations suggests that for a constant time increment, the majority

36



of the flowfield utilizes C F L numbers less than the stability-limited value
to maintain a reasonable level of accuracy. Local smoothing is therefore
typically required only in regions of small grid spacing, where the stability-
limited time step is very small. Numerical tests both with and without the
time-accurate implicit residual smoothing operator for the flows of interest
in this study were found to produce essentially identical results, while the
time-accurate residual smoothing resulted in a decrease in CPU time by a
factor of 2-3. In practice, the actual limit on the calculation C F'L number
were determined to be roughly twice the values specified for C'F L., above.

3.11 Multigrid Convergence Acceleration

Multigrid (not to be confused with a multiple blocked grid!) is a numerical
solution technique which attempts to accelerate the convergence of an itera-
tive process (such as a steady flow prediction using a time-marching scheme)
by computing corrections to the solution on coarser meshes and propagating
these changes to the fine mesh through interpolation. This operation may be
recursively applied to several coarsenings of the original mesh to effectively
enhance the overall convergence. In the present multigrid application, coarse
meshes are derived from the preceding finer mesh by eliminating every other
mesh line in each coordinate direction as shown in Figure 3.9. As a result,
the number of multigrid levels (coarse mesh divisions) is controlled by the
mesh size, and, in the case of the ADPACO8 code, also by the indices of
the embedded mesh boundaries (such as blade leading and trailing edges,
etc.) (see Figure 3.9). These restrictions suggest that mesh blocks should be
constructed such that the internal boundaries and overall size coincide with
numbers which are compatible with the multigrid solution procedure (i.e.,
the mesh size should be 1 greater than any number which can be divided by
2 several times and remain whole numbers: e.g. 9, 17, 33, 65 etc.)

The multigrid procedure is applied in a V-cycle as shown in Figure 3.10,
whereby the fine mesh solution is initially “injected” into the next coarser
mesh, the appropriate forcing functions are then calculated based on the dif-
ferences between the calculated coarse mesh residual and the residual which
results from a summation of the fine mesh residuals for the coarse mesh cell,
and the solution is advanced on the coarse mesh. This sequence is repeated
on each successively coarser mesh until the coarsest mesh is reached. At
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Multigrid Mesh Level Decomposition

Fine Mesh Coarse Mesh Coarse Mesh
(Level 1) (Level 2) (Level 3)

Figure 3.9: Multigrid Mesh Coarsening Strategy and Mesh Index Relation
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this point, the correction to the solution (Q7} — QF; ) is interpolated to the

next finer mesh, a new solution is defined on that mesh, and the interpolation
of corrections is applied sequentially until the finest mesh is reached. Fol-
lowing a concept suggested by Swanson et al. [38], it is sometimes desirable
to smooth the final corrections on the finest mesh to reduce the effects of
oscillations induced by the interpolation process. A constant coefficient im-
plementation of the implicit residual smoothing scheme described in Section
3.5 is used for this purpose. The value of the smoothing constant is normally
taken to be 0.2.

A second multigrid concept which should be discussed is the so-called
“full” multigrid startup procedure. The “full” multigrid method is used to
initialize a solution by first computing the flow on a coarse mesh, performing
several time-marching iterations on that mesh (which, by the way could be
multigrid iterations if successively coarser meshes are available), and then
interpolating the solution at that point to the next finer mesh, and repeating
the entire process until the finest mesh level is reached. The intent here is
to generate a reasonably approximate solution on the coarser meshes before
undergoing the expense of the fine mesh multigrid cycles. Again, the “full”
multigrid technique only applies to starting up a solution.

3.12 Solution Procedure

The overall solution procedure begins by defining a set of initial data, and ad-
vancing the solution from that point forward in time until the desired solution
(steady state, time-periodic, or finite time interval) has been reached. Initial
data is normally specified as a uniform flow, or may be read in as a “restart”
of a previous existing solution. Normally, for steady flow calculations, the
“full” multigrid startup procedure is utilized to accelerate convergence by
initializing the solution on a coarse mesh before incurring the expense of fine
mesh iterations. Steady state solutions are normally deemed converged when
the average residual R has been reduced by a factor of 1073, or when the
residual has ceased to be reduced. It is possible that for some steady flow
calculations, the solution is truly unsteady (i.e. - vortex shedding behind a
circular cylinder) and in these cases the residual may not be reduced beyond

a certain limit.
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Multigrid V-Cycle Strategy

O —» Advance Solution on Current Mesh

D - Update Solution with Corrections

Mesh Level

Solution

Injection Interpolate

Corrections

Solution Interpolate
Injection Corrections
Solution Interpolate

Corrections

v Injection

Figure 3.10: Multigrid V Cycle Strategy
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Chapter 4

MARK II VANE CASCADE
2-D HEAT TRANSFER
CALCULATIONS

In order to assess the accuracy of the ADPACO8 analysis of turbine vane
heat transfer, and to provide some measure of the effect of geometry on
solution behavior, several preliminary 2-D calculations were performed for
the Mark II vane cascade described in Reference [1]. This airfoil has been
tested extensively through both experimental measurements and through
numerical analysis [1].

4.1 Mark II Vane Cascade Description

The Mark IT design is characteristic of an advanced first stage core turbine.
The experimental data used for this preliminary set of comparisons were
derived from Reference [1]. Experimental data were taken for two different
exit Mach numbers (0.9 and 1.05) in a linear cascade facility. A complete
description of the cascade facility and test procedure and data reduction
are given in Reference [1]. Details of the Mark II vane design are given in
Table 4.1.

An interesting feature of this test case is that at the exit flow Mach num-
bers tested, a strong normal shock forms on the suction surface of the airfoil
at approximately 40% axial chord. This feature contrubutes to the robust-
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Mark II Vane Cascade Design Parameters

Setting Angle 63.69 degrees
Air Exit Angle 70.96 degrees
Throat 1.568 inches
Vane Height 3.000 inches
Vane Spacing 5.108 inches
Suction Surface Arc 6.274 inches
Pressure Surface Arc 5.098 inches
True Chord 5.363 inches
Axial Chord 2.698 inches

Table 4.1: Mark II Vane Cascade Design Parameters

ness of the Navier-Stokes solution approach (as opposed to a boundary layer
code) in that heat transfer in the shock-induced separation and subsequent
reattachment regions can be accurately predicted whereas pressure-gradient
specification boundary layer schemes will fail due to the singularity of the
equations for these flow conditions.

4.2 Mark IT Vane Cascade Mesh Generation

The ADPAC08 analysis was applied to the Mark II vane during this prelimi-
nary study to predict both aerodynamic and heat transfer performance. The
calculations were performed using 2-D C-type meshes generated using the
JERRYC/TOMC mesh generation system developed for the TRAF2D [15]
code, and are similar in construction to the 3-D mesh which was generated
for the 3-D discrete site film-cooling calculations for the C3X airfoil described
later in this report. An illustration of the C-type mesh is given in Figure 4.3.

The C-grid generated by the JERRYC/TOMC combination has a non-
contiguous mesh connection along the approximate wake centerline extending
from the vane trailing edge. This mesh boundary is handled by the TRAF
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boundary procedure in the ADPAC08 code. The datajc and airfoil.dat
files used by the JERRYC mesh generation code for the finest mesh (Mesh
#5) are listed in Appendix A. The corresponding ADPACUS input file and
boundary data file for the calculation of the Mark II airfoil are also given in
Appendix A for reference.

4.3 Mark II Vane 2-D Heat Transfer Mesh
Dependence Study

In order to quantify the effects of mesh density on’predicted aerodynamic
and heat transfer performance, a mesh dependence study was performed for
the Mark II vane geometry. A series of five meshes with increasing mesh
density were analyzed at identical flow conditions, and predicted airfoil sur-
face static pressure distributions and heat transfer coefficient distributions
were compared to determine the minimum mesh density required for mesh-
independent heat transfer results. This minimum mesh density was then
later applied to predict additional flow cases for the Mark II airfoil cascade.
The flow conditions selected for this study correspond to Run 4321 of the
Mark II airfoil described in Reference [1]. The exit Mach number is 0.89,
inlet total pressure and total temperature were 38.33 psia and 1389 degrees
R, respectively.

A common measure of mesh integrity for heat transfer predictions is the
near wall value of y* defined as:

A y(|Twant|/ puwan)?
Vayall

where y is the distance from the wall to the first mesh point off the wall,
Pwan is the density at the wall, Tyan is the wall shear stress, and vqn is the
kinematic viscosity at the wall. Most studies recommend a near wall mesh
spacing resulting in a y* value of 3.0 or less in order to place at least one mesh
point in the laminar sublayer of the boundary layer flow. This restriction is
necessary to accurately predict near wall flow characteristics such as skin
friction and heat transfer. In each of the results presented below, detailed
measures of the mesh refinement are given in the form of near airfoil surface
mesh y* plots.
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Predicted airfoil surface heat transfer coefficients were determined by the
following first order approximation

G k(Tncarwall . Twall )
An ( Ttotal ,freestream — Twau )

h:urface =

where h,urface is the airfoil surface heat transfer coefficient, k is the fluid
thermal conductivity, Tyany and Thearwan are the fluid static temperatures at
the wall and the first mesh point off the wall, respectively, Tiotal, freestream 18
the freestream total temperature, and An is the distance between the wall
and the first mesh point off the wall (the mesh is assumed to be normal to
the wall at the airfoil surface). The fluid thermal conductivity is evaluated
from a constant value of the Prandtl number defined as

e = izﬁ —0.69

wher ¢, is the specific heat at constant pressure, and p is the fluid viscosity
evaluated using the Sutherland formula [35]. The value of 0.69 for the Prandtl
number was selected from a chart of Prandtl number versus temperature for
air [16] evaluated at the average of the fluid total and wall temperatures.
All presented heat transfer values are normalized by a reference value of 200
BTU /hr/ft?/F.

Details of the five meshes employed in the mesh dependence study are
presented in Table 4.2. The first four meshes were designed to increase both
the number of normal (mesh lines around the airfoil) and the number of
contour (mesh lines away from the airfoil) mesh lines used in the C-type
mesh. The fifth mesh increased the number of contour mesh lines only.
Each increase in the number of contour mesh lines was accompanied by a
reduction in the minimum spacing employed between adjacent contours at the
airfoil surface. Graphical illustrations of the five mesh systems are presented
in Figures 4.3-4.7 along with the predicted Mach number contours for a
transitional flow. Each mesh was generated such that 3 levels of multigrid
were available to the ADPAC08 during execution. Each run for all five meshes
were performed by using the full multigrid initialization procedure, using 100
iterations on each coarse mesh level, followed by 300 iterations on the fine
mesh.

Preliminary computations indicated that for the coarser meshes, the so-
lution convergence normally encountered a limit cycle after 100 fine mesh
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iterations due to numerical “noise” in the turbulence model. The source
of the turbulence model “noise” was traced to the calculation of the Ymaz
parameter associated with the F,,,. parameter in the outer portion of the
Baldwin-Lomax turbulence model (see Section 3.5). During the evaluation
of the turbulence model, a discrete search is performed along the grid lines
extending normal to the airfoil surface to determine the computational cell
with the maximum value of F(y) in the turbulent boundary layer. The dis-
tance from the airfoil surface where F(y) peaks, Ymaz, is then used in the
evaluation of the turbulent viscosity for the outer portion of the Baldwin
Lomax turbulence model. During the course of the time-marching solution,
the actual mesh cell where F(y) peaks occaisionally varies from one mesh
index to the next (perhaps occurring at j=11 at one iteration and then at
j=12 at the next iteration). This change results in a finite “jump” in the
value of Y.z SINCE Ypmq 1S DOt a continuous function, but is represented by
the discrete values associated with the mesh. This “jumping” from itera-
tion to iteration in the value of Yy, was the direct cause of the turbulence
model “noise” which caused the limit cycle in the overall solution conver-
gence. This limit cycle normally centered around a logl0 RMS residual level
of -6.5 to -7.5, which is normally considered to be a converged solution. It
was desirable to analyze the effect of convergence level on predicted airfoil
surface heat transfer, and it was therefore important to be able to achieve so-
lutions at lower convergence levels. To counter this problem, a strategy was
adopted whereby the turbulent viscosity was “frozen” after 150 fine mesh
iterations, resulting in overall convergence levels a full order of magnitude
lower than those achievable when the turbulence parameters were updated
at every iteration. The effect on convergence for this procedure is illustrated
in Figure 4.1. This figure compares the convergence history behavior for two
calculations at the same operating condition. The first calculation utilized
the standard approach whereby the turbulence model is updated at every
iteration throughout the calculation. The second calculation employs the
frozen turbulence modeling scheme described above. The limit cycle associ-
ated with the standard turbulence model application is clearly present after
approximately 370 total iterations (200 on coarse meshes + 160 on the fine
mesh). Freezing the turbulent viscosity after 150 fine mesh iterations (350
total iterations) results in a continuous decline in the solution convergence
to a logl0 RMS value below -8.5. No discernable difference was observed

between the standard turbulence model approach (limit cycle convergence)
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Mark II Vane Cascade Mesh Dependence Study
Mesh Geometric Parameters

Mesh Size Normal # Pts. # Pts. #Pts. #Pts.
Mesh S.S. P.S. Wake Inlet
Spacing
at Airfoil
Surface 1
Mesh #1 145x25 0.000250 48 24 24 8
Mesh #2 193x33 0.000100 64 32 32 8
Mesh #3 289x41 0.000050 96 48 48 16
Mesh #4 385x49 0.000025 128 64 64 16
Mesh #5 385x65 0.000010 128 64 64 16

1 - normalized by airfoil axial chord

Table 4.2: Mark II Vane Cascade Mesh Dependence Study Mesh Parameters

results and the frozen turbulence model results for heat transfer coefficient as
demonstrated in Figure 4.2. This figure compares the predicted airfoil sur-
face heat transfer coefficient distributions for the two calculations described
above. The differences between the two heat transfer coefficient distributions
are so slight that it was concluded that the distributions were esentially in-
dependent of convergence at this logl0 RMS residual level. Although the
turbulence model limit cycle was evident only in the coarser meshes, the
frozen turbulence model strategy was adopted for all of the calculations in
the Mark II mesh dependence study.

The following paragraphs describe results from the Mark II vane cascade
mesh dependence study. The ADPAC08 analysis was applied to the Mark
II cascade in three different modes for each of the 5 meshes. The first mode
was based on purely laminar flow, the second on fully turbulent flow, and the
third was based on transitional flow calculations. The purpose of the fully
laminar and fully turbulent flow calculations was to pinpoint the accuracy
of the calculation in the laminar flow region (near the leading edge) and
to demonstrate the requirement for accurate transition modeling for turbine
airfoil heat transfer analysis.
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Mark II Airfoil Cascade (uncooled,Mexit=0.89,Rel.56E6)

ADPAC 2-D Aerodynamic Analysis-Frozen Turbulence Model Strategy
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Figure 4.1: Mark II Vane Mesh Dependence Study Frozen Turbulence Model
Strategy Convergence History Comparison
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Figure 4.3: Mark II Vane Cascade Mesh Dependence Study - Mesh
(145x25) Mesh System and Predicted Mach Number Contours
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Figure 4.4: Mark II Vane Cascade Mesh Dependence Study - Mesh #2
(193x33) Mesh System and Predicted Mach Number Contours
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Figure 4.5: Mark II Vane Cascade Mesh Dependence Study - Mesh
(241x41) Mesh System and Predicted Mach Number Contours
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Figure 4.6: Mark II Vane Cascade Mesh Dependence Study
(385x49) Mesh System and Predicted Mach Number Contours
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Figure 4.7: Mark II Vane Cascade Mesh Dependence Study - Mesh #35
(385x65) Mesh System and Predicted Mach Number Contours
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Comparisons of the predicted and experimental airfoil surface static pres-
sure ratio distributions for the laminar flow calculations are given in Fig-
ure 4.8 for the 5 meshes generated for the mesh dependence study. The
strong shock on the suction surface causes massive separation for the lam-
inar flow analysis, and these results are not particularly realistic or useful,
but are reported here for completeness. Similar comparisons of the predicted
and experimental airfoil surface heat transfer coefficient distributions for the
laminar flow calculation is given in Figure 4.9. The interesting feature here
is that good agreement with the experimental data was observed near the
stagnation point (ostensibly because the flow is laminar there), and over a
portion of the pressure surface of the airfoil. It will later be shown that
while the laminar flow solution somewhat underpredicts heat transfer on the
airfoil pressure surface, the fully turbulent and transitional flow solutions
overpredict the pressure surface heat transfer coefficients, which indicates
the presence of an unusual state of transition on the airfoil pressure sur-
face. The resulting near airfoil surface y* distributions for the laminar flow
calculations on the five meshes are compared in Figure 4.10.

Comparisons of the predicted and experimental airfoil surface static pres-
sure ratio distributions for the fully turbulent flow calculations are given in
Figure 4.11 for the 5 meshes generated for the mesh dependence study. In this
case, the flow remains essentially attached downstream of the strong shock
on the suction surface and the predicted pressure distributions are in excel-
lent agreement with the experimental measurements. Discrepancies between
the various predictions are discussed further in the section dealing with the
transitional flow predictions below. A comparison of the fully turbulent pre-
dicted and experimental airfoil surface heat transfer coefficient distributions
is given in Figure 4.12. Now the interesting feature is that the calculated
stagnation region and pressure surface heat transfer coefficient distributions
are overpredicted by the fully turbulent analysis, and, to a lesser extent,
on the suction surface. The resulting near airfoil surface y* distributions
for the fully turbulent flow calculations on the five meshes are compared in
Figure 4.13.

Calculations based on transitional flow for the Mark II vane cascade em-
ployed the C-type mesh turbulence modeling scheme described in Section
3.5. The pressure surface was treated as fully turbulent, while the suction
surface assumed a natural transition based on a Baldwin and Lomax [23]
transition parameter (C,) value of 14.0. Predicted Mach number contours
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Mark II Cascade Run (uncooled,Mexit=0.89,Re2=1.56E6)

ADPAC 2-D Aerodynamic Analysis Mesh Dependence Study (Laminar Flow)

Airfoil Surface Static Pressure Ratio Distribution
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Figure 4.8: Mark II Vane Cascade Mesh Dependence Study - Comparison of
Predicted (Laminar Flow) and Experimental Airfoil Surface Static Pressure
Ratio Distributions.
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Mark II Airfoil Cascade (uncooled,Mexit=0.89,Re2=1.56E6)
ADPAC 2-D Aerodynamic Analysis Mesh Dependence Study (Laminar Flow)
Airfoil Heat Transfer Coefficient Distribution (ho=200BTU/hr/sqft/F)
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Figure 4.9: Mark II Vane Cascade Mesh Dependence Study - Comparison of
Predicted (Laminar Flow) and Experimental Airfoil Surface Heat Transfer

Coeflicient Distributions.
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Figure 4.10: Mark II Vane Cascade Mesh Dependence Study - Comparison
of Predicted (Laminar Flow) Near Airfoil Surface Mesh y* Values.
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Mark II Cascade Run (uncooled,Mexit=0.89,Re2=1.56E6)
ADPAC 2-D Aerodynamic Analysis Mesh Dependence Study (Fully Turbulent Flow)
Airfoil Surface Static Pressure Ratio Distribution
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Figure 4.11: Mark II Vane Cascade Mesh Dependence Study - Comparison
of Predicted (Fully Turbulent Flow) and Experimental Airfoil Surface Static

Pressure Ratio Distributions.
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Figure 4.12: Mark II Vane Cascade Mesh Dependence Study - Comparison
of Predicted (Fully Turbulent Flow) and Experimental Airfoil Surface Heat

Transfer Coeflicient Distributions.
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for each of the five meshes used in the mesh dependence study are presented
in Figures 4.3-4.7, respectively. Details of the suction surface shock, rapid
accelereation on the pressure surface, and wake flow may be compared as
the mesh is refined. In particular, the sharpness of the shock is visually im-
proved by streamwise mesh refinement. Comparisons of the predicted and
experimental airfoil surface static pressure ratio distributions for the tran-
sitional flow calculations is given in Figure 4.14 for the 5 meshes generated
for the mesh dependence study. Again, the flow remains essentially attached
downstream of the strong shock on the suction surface and the predicted
pressure distributions are in excellent agreement with the experimental mea-
surements for every mesh. However, the presence of the normal shock on
the suction surface of the airfoil causes some differences in the vicinity of
the shock for the first four meshes considered in the mesh dependence study.
These differences are clearly displayed in the vicinity of the minimum pres-
sure on the airfoil which exists just upstream of the shock. Increasing the
streamwise spatial resolution along the aurface of the airfoil results in a finer
representation of this shock, and true mesh independence was not achieved
in the present set of meshes due to this behavior. (Note that Mesh #4 and
#5 appear to be in good agreement because only the normal distribution of
mesh points was altered to obtain Mesh #5 from Mesh #4.) Comparisons
of the transitional predicted and experimental airfoil surface heat transfer
coefficient distributions are given in Figure 4.15. In the ADPAC08 transi-
tional calculation, transition was only permitted on the suction surface of
the airfoil. Initial calculations using the Baldwin-Lomax transition strategy
described in Section 3.5 for the pressure surface of the airfoil indicated that
transition would normally occur at approxiumately 20% axial chord on the
pressure surface, but then the flow would relaminarize farther downstream
due to the rather strong favorable pressure gradient. This relaminarization is
clearly not indicated in the experimentally-derived heat transfer coefficients,
and as a result of the relatively unknown state of transition on the pressure
surface, the flow was simply treated as fully turbulent from the leading edge
to the trailing edge on the pressure side of the airfoil. As a result, the pres-
sure surface predictions are generally higher than the experimental data over
most of the pressure surface. It appears that the heat transfer predictions
from Mesh #3, $4, and #5, are very nearly mesh independent, and this ob-
servation ultimately led to the conclusions regarding mesh independent heat
transfer predictions described in the next paragraph.
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The near airfoil surface y* distributions for the transitional flow calcu-
lations on the five meshes are compared in Figure 4.16. For heat transfer
applications, it is normally recommended that a minimum y* value of 3.0 or
less be maintained for the near airfoil surface mesh to achieve accurate heat
transfer results. From this study, it appears that Meshes #3, #4, and #5
satisfy this criteria, and the predicted heat transfer results would appear to
confirm the accuracy of this meausre.

4.4 Mark IT Vane 2-D Heat Transfer Oper-
ating Point Study

Following the mesh dependence study, two mesh systems were constructed
and evaluated for four different cascade operating points for the Mark II
cascade. The coarsest mesh system used was the 193x33 mesh illustrated in
Figure 4.17. This mesh incorporates 97 points about the airfoil and has a near
wall mesh spacing of 107 inches. A finer mesh (385x49) was also generated
and is illustrated in Figure 4.18. This mesh utilizes 193 points about the
airfoil and has a near wall mesh spacing of 1.0x107° inches. Results from the
mesh dependence study suggest that near airfoil mesh y* values of 3.0 or less
are required to establish the mesh independence of the numerical solution.
For comparison, the computed near airfoil surface mesh distributions of y*
for the two meshes previously described for the Mark II airfoil are plotted in
Figure 4.19 for a flow Mach number of 0.9, and exit flow Reynolds number of
1,550,000. The finer mesh clearly satisfies the y* < 3 criteria over the entire
airfoil surface, while the coarser mesh does not. It is therefore expected
that the results for the finer mesh are probably representative of the mesh
independent result.

The cascade operating points used in the comparisons for the Mark II
vane are given in Table 4.3. The Mark II results are categorized based on
the exit Mach number (either 0.9 or 1.05). Calculations for the 0.9 exit
Mach number case were performed for two Reynolds numbers (1,550,000 and
2,500,000) as shown in Table 4.3. Similarly, two Reynolds numbers (2,000,000
and 2,500,000) were also computed for the 1.05 Mach number flow. The
ADPAC08 convergence history for the coarse mesh (193x33) calculation is
available in Figure 4.1 for the 0.9 Mach number, 1,550,000 Reynolds number
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Mark II Cascade Run (Uncooled,Mexit=0.89,Re2=1.55E6)
ADPAC 2-D Aerodynamic Analysis Mesh Dependence Study (Transitional Flow)
Airfoil Surface Static Pressure Ratio Distribution
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Figure 4.14: Mark II Vane Cascade Mesh Dependence Study - Compari-
son of Predicted (Transitional Flow) and Experimental Airfoil Surface Static
Pressure Ratio Distributions.
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Mark 11 Airfoil Cascade (Uncooled,Mexit=0.89,Re2=1.56E6)
ADPAC 2-D Aerodynamic Analysis Mesh Dependence Study (Transitional Flow)
Airfoil Heat Transfer Coefficient Distribution (ho=200BTU/hr/sqft/F)
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Figure 4.15: Mark II Vane Cascade Mesh Dependence Study - Compari-
son of Predicted (Transitional Flow) and Experimental Airfoil Surface Heat
Transfer Coefficient Distributions.
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Mark Il Airfoil Cascade (Uncooled,Mexit=0.89,Re2=1.56£6)
ADPAC 2-D Aerodynamic Analysis Mesh Dependence Study (Transitional Flow)
Near Airfoil Surface Mesh y+ Value
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Figure 4.16: Mark II Vane Cascade Mesh Dependence Study - Comparison
of Predicted (Transitional Flow) Near Airfoil Surface Mesh y* Values.
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Mark II Vane Cascade 193x33 2-D C-Grid Mesh System

Figure 4.17
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Figure 4.18: Mark II Vane Cascade Operating Point Study 385x49 2-D C-
Grid Mesh System
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Mark 11 Airfoil Cascade (uncooled,Mexit=0.89,Rel.56E6)
ADPAC 2-D Aerodynamic Analysis
Near Airfoil Surface Mesh y+ Value
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Figure 4.19: Mark II Vane Cascade Operating Point Study 2-D C-Grid Mesh
System Airfoil Surface y+ Values
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Mark II Turbine Vane Flow Conditions for ADPAC Code Verification

1 2 3
RunCode | Exit Mach | Exit Re TcoTg Pc/Pg Tw/Tg Pt1 Ttl
Uncooled | 4311 0.90 1.56E+06 0.71 5774.40 | 1445.0
4321 0.89 1.55E+06 0.70 5519.52 | 1389.0
5411 1.04 2.01E+06 0.68 7040.16 | 1418.0
5421 1.04 2.05E+06 0.70 7237.44 | 1429.0
5511 1.04 2.51E+06 0.71 8213.76 | 1339.0
1 - Run Code taken from NASA CR-168015 Runs 4311, 5411, 5511 Tu =6.5%

2 - Pounds per square foot Runs 4321,5421 Tu=8.3%

3 - Degrees Rankine

Table 4.3: Mark II Vane Cascade Calculation Operating Point Description

case. All calculations utilized three levels of multigrid, and the full multigrid
initialization procedure. The frozen turbulence model strategy described in
the previous section was utilized for all of the Mark II vane cascade calcu-
lations. Convergence was observed to be very stable and uniform for each
case, and a three order reduction in the solution residual is achieved after
a total of 300 iterations (100 on each coarse mesh level followed by 100 fine
mesh iterations). A similar convergence behavior was observed for all other
runs for the Mark II airfoil, and therefore, additional convergence histories
will not be presented for each case.

Comparisons of predicted and experimental airfoil surface static pressure
distributions and airfoil surface heat transfer coefficient distributions for the
Mark II airfoil at an exit Mach number of 0.9 and exit flow Reynolds numbers
of 1,550,000 and 2,500,000 (based on true chord) are given in Figures 4.20
and 4.21, respectively. Both the coarse (193x33) and fine (385x49) mesh
predictions are plotted on each figure.

Again, the most striking feature of this flow is the presence of a normal
shock on the suction surface of the airfoil at roughly 40% axial chord. The
predicted and experimental airfoil static pressure distributions clearly depict
the large overspeed and rapid compression associated with the shock system.
Both the fine and coarse mesh solutions accurately capture this flow, and out-
standing agreement with the experimental static pressure distributions was
achieved. The predicted heat transfer distributions were also found to be in
very good agreement with the experimental data. This is achieved, in part,

69



Mark Il Cascade Run (uncooled,Mexit=0.89)
ADPAC 2-D Aerodynamic Analysis - Reynolds Number Comparison
Airfoil Surface Static Pressure Ratio Distribution
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Figure 4.20: Comparison of Predicted and Experimental Airfoil Surface
Static Pressure Ratio Distributions for Mark II Vane Cascade Operating
Point Study (M2=0.89)
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Figure 4.21: Comparison of Predicted and Experimental Airfoil Surface Heat
Transfer Coefficient Distributions for Mark II Vane Cascade Operating Point
Study (M2=0.9)
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Figure 4.22: Comparison of Predicted and Experimental Airfoil Surface
Static Pressure Ratio Distributions for Mark II Vane Cascade Operating
Point Study (M2=1.05)
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Mark II Airfoil Cascade (Uncooled,Mexit=1.05)
ADPAC 2-D Aerodynamic Analysis - Reynolds Number Comparison
Airfoil Heat Transfer Coefficient Distribution (ho=200BTU/hr/sqft/F)
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Figure 4.23: Comparison of Predicted and Experimental Airfoil Surface Heat
Transfer Coefficient Distributions for Mark II Vane Cascade Operating Point
Study (M2=1.05)
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due to the normal shock, which initiates transition in a rapid manner, much
like the point transition model in the ADPAC08 code. The absolute levels
of heat transfer downstream of the leading edge and traunsition regions are
generally overpredicted. There are substantial differences between the coarse
and fine grid heat transfer coefficient distributions. In fact, the coarse grid
results appear to match the experimental better than the fine mesh results.
This observation demonstrates the absolute necessity for determining the
true mesh dependence of any numerical scheme for predicting heat transfer,
a qualification that many researchers choose to ignore. A promising obser-
vation is that the effective change in heat transfer levels due to changes in
Reynolds numbers appears to be accurately captured by the ADPAC08 code
for both meshes. This suggests that differences in design configurations might
be accurately predicted in spite of the fact that the absolute levels of heat
transfer are not.

Comparisons of predicted and experimental airfoil surface static pressure
distributions and airfoil surface heat transfer coefficient distributions for the
Mark II airfoil at an exit Mach number of 1.05 and exit flow Reynolds number
based on true chord of 2,000,000 and 2,500,000 are given in Figures 4.22
and 4.23, respectively. Once again, the agreement between experiment and
prediction is very good, and the same trends observed in the 0.9 exit Mach
number case were found in the 1.05 Mach number cases. No significant
difference were observed in the airfoil surface static pressure distributions at
Reynolds numbers of 2,000,000 and 2,500,000. The predicted heat transfer
coefficient distributions display the observed experimental trend of increased
heat transfer levels as Reynolds number increases. The overall agreement
between prediction and experiment is thought to be very good, in spite of
the known deficiencies of the ADPAC(8 turbulence model.

It should be mentioned that several sources of error are present which
could account for some of the differences between predicted and experimen-
tal heat transfer coeflicient values. The calculations were performed with a
constant airfoil surface temperature, while the experimental data shows a
nontrivial variation in airfoil surface temperature. For the purposes of sim-
plifying the calculations, a constant gas Prandtl number was employed. The
solutions also assume a fully turbulent pressure surface, although the real
flow situation is more likely a long, gradual transition along the pressure
surface. The margin of error in the experimentally-determined heat trans-
fer coefficients is reported to be as large as +/- 6.8% near the leading edge
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to +/- 23.5% near the airfoil trailing edge, so clearly, detailed comparisons
cannot be interpreted too literally.
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Chapter 5

C3X VANE CASCADE 2-D
HEAT TRANSFER
CALCULATIONS

Several preliminary 2-D calculations were performed for the C3X vane cas-
cade described in Reference [1]. This airfoil has been tested extensively
through both experimental measurements and through numerical analysis [1].
These calculations address the baseline geometry used in comparison with
the film-cooled C3X turbine airfoil results described in the next chapter.

5.1 C3X Vane Cascade Description

The C3X airfoil is an Allison-designed film cooled turbine vane, experimen-
tally tested in a planar cascade under NASA contract (References [1],(2],(3]).
The C3X airfoil is shown in Figure 6.1. The C3X geometry is representative
of a first vane in a modern high pressure turbine. Additional descriptions
of the C3X cascade, and particularly the film cooling geometry are given in
Chapter 5.0. The remainder of this chapter is dedicated to details associated
with a series of 2-D heat transfer predictions for the non-cooled C3X vane
cascade. A mesh dependence study and an operating point study (similar to
those previously descibed for the Mark II vane cascade) are described in the
paragraphs below for the C3X vane cascade.

The experimental data used for this preliminary set of comparisons were
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C3X Vane Cascade Design Parameters

Setting Angle 59.89 degrees
Air Exit Angle 72.38 degrees
Throat 1.296 inches
Vane Height 3.000 inches
Vane Spacing 4.635 inches
Suction Surface Arc 7.001 inches
Pressure Surface Arc 5.403 inches
True Chord 5.706 inches
Axial Chord 3.077 inches

Table 5.1: C3X Vane Cascade Design Parameters

derived from References [1] and [2]. Experimental data were taken for two
different exit Mach numbers (0.9 and 1.05) in a linear cascade facility. A
complete description of the cascade facility and test procedure and data
reduction are given in Reference [1]. Details of the C3X vane design are
given in Table 5.1.

5.2 C3X Vane Cascade Mesh Generation

The ADPACO08 analysis was applied to predict the two-dimensional flow
about the C3X vane during this preliminary study to predict both aerody-
namic and heat transfer performance. The calculations were performed using
2-D C-type meshes generated using the JERRYC/TOMC mesh generation
system developed for the TRAF2D [15] code, and are similar in construction
to the 3-D mesh which was generated for the 3-D discrete site film-cooling
calculations for the C3X airfoil described later in this report. These C-type
meshes are similar to those described earlier for the Mark II vane cascade.
During the course of the 2-D C3X calculations, an interesting phenomenon
related to geometry and mesh generation was observed. As part of the mesh
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dependence study described below for the C3X vane cascade, ADPAC0S so-
lutions were obtained for a series of meshes with increasing mesh density,
similar to the study performed for the Mark II vane cascade using the dis-
crete point geometry definition provided in Reference [1]. Predictions from
the 2-D analysis displayed a series of oscillations in blade surface static pres-
sure on the suction surface of the airfoil between 30% and 40% axial chord,
near the throat. These oscillations were not found to exist in previous calcu-
lations using coarser meshes, and an investigation was launched to determine
the cause of this behavior.

The predicted oscillations were found to be particularly sensitive to the
mesh point distribution on the airfoil surface. The following meshes were
studied:

- A coarse mesh developed using the JERRYC/TOMC [15] mesh genera-
tion programs for the non-cooled vane. The mesh dimensions were 193x25
(normals by contours).

- A finer mesh developed using JERRYC/TOMC for the non-cooled vane.
The mesh dimensions were 497x65 (normals by contours).

- A mesh developed using GRIDGEN. This grid has a concentration of points
near the leading edge for the resolution needed for film cooling. The dimen-
sions are 497x65 normals by contours.

Several additional meshes were eventually generated by modifying the
interpolation scheme utilized to distribute mesh points on the airfoil suction
surface. The suction surface of the GRIDGEN mesh was modified for each
interpolated definition of the vane, and aerodynamic results were obtained
from the ADPACO08 code.

The airfoil surface static pressure distributions for the various meshes
are compared with experimental data in Figure 5.1. The GRIDGEN meshes
which are to be used for film cooling result in much larger pressure oscillations
than the meshes for a non-cooled vane because of the increased number of
points in the area of interest.

Two factors which affect the oscillations in the surface static pressure
ditribution are surface curvature and the near wall mesh distribution. The
oscillations in the surface static pressure distribution are caused by a step
discontinuity in the slope of the surface curvature of the points that define
the airfoil shape. This slope discontinuity is located in the same area as the
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C3X Airfoil Cascade (Mexit=1.05,Twall/Tgas=0.75)
ADPAC 2-D Aerodynamic Analysis
Airfoil Surface Static Pressure Ratio Distribution
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Figure 5.1: Comparison of Predicted and Experimental Airfoil Surface Static
Pressure Distributions for the C3X Vane Cascade Illustrating Suction Surface
Pressure Oscillations Due to Geometric Irregularity.
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pressure oscillations. The aerodynamic response to the irregular surface is
amplified by the fact that the disturbance occurs near the sonic point on the
suction surface.

To correct this anomoly, several methods of defining the airfoil geometry
have been used. Figure 5.2 illustrates the suction surface curvature distri-
bution for the original vane definition (78 points), an Akima cubic spline
fit of the original data, and a piece-wise cubic fit of the original definition.
Note that the irregularity of the blade definition curvature causes overshoot
in both interpolation methods.

A NURBS definition of the airfoil was provided by NASA Lewis Research
Center personnel in the form of an IGES entity. Various manipulations were
performed on this geometric representation but again a satisfactory blade
profile could not be obtained. Ultimately, the vane surface was modified us-
ing an optimization technique to obtain a favorable pressure gradient in the
area of interest (surface oscillations characteristically displayed non-favorable
surface pressure gradients). This vane surface definition has a smooth cur-
vature distribution, as shown in Figure 5.4. The 2-D calculation mesh was
modified for this airfoil definition, and the ADPAC08 code was used to ob-
tain the aerodynamic predictions. The static pressure oscillations along the
suction surface of the vane were not evident in any of the calculations using
the optimized smooth airfoil definition. Figure 5.3 compares the static pres-
sure distribution along the vane surface from the original definition with the
optimized airfoil defintion.

The final datajc and airfoil.dat files used by the JERRY C mesh gen-
eration code for the finest mesh in the mesh dependence study (Mesh #5)
are listed in Appendix B. These files relate to the modified geometry used
for all final calulations for the C3X airfoil in this report. The corresponding
ADPAC08 input file and boundary data file for the calculation of the C3X
airfoil are also given in Appendix B for reference.

5.3 C3X Vane 2-D Heat Transfer Mesh De-
pendence Study

In order to quantify the effects of mesh density on predicted aerodynamic and
heat transfer performance, a mesh dependence study was performed for the
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C3X Vane
Suction Surface Curvatures
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Figure 5.2: Comparison of Mesh Airfoil Surface Curvature for C3X Vane
Cascade Illustrating Suction Surface Curvature Discontinuity.
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C3X Airfoil Cascade Run 4400 (Uncooled,Mexit=0.90,Re2=2EG6)
ADPAC 2-D Aerodynamic Analysis
Airfoil Surface Static Pressure Ratio Distribution

1.00 —%._ﬁ_ﬂ_ P
\ T o L
i o
0.90 — \ Q
\ \
A 3]
\ N\
0.80 \
\
\ \Q\
\ \
\ \

g 0.70 — \ a
\ \
©
2 060 \o Y
© 0 ol
s \s\.n..\n o i SR
% 0.50 — \\.// \E. Ill'l
s o \‘ll#
o
o
£ o404 }
8
o
(&}
'E 0.30 —
w

0.20 ~ O Experimental Data NASA CR-168015

——— ADPAC Run 4400
0.10—
0.00 " | I T T ]
0.00 0.20 0.40 0.60 0.80 1.00

Axial Distance (x/Cx)

Figure 5.3: Comparison of Predicted and Experimental Airfoil Surface Static
Pressure Distributions for the C3X Vane Cascade Illustrating Improved Suc-
tion Surface Pressure Distribution Due to Smoothed Airfoil Surface Geome-
try.
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C3X Vane
Suction Surface Curvatures
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Figure 5.4: Comparison of Mesh Airfoil Surface Curvature for C3X Vane
Cascade Illustrating Improved Suction Surface Curvature Distribution.
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C3X vane geometry. A series of five meshes with increasing mesh density were
analyzed at identical flow conditions, and predicted airfoil surface static pres-
sure distributions and heat transfer coefficient distributions were compared
to determine the minimum mesh density required for mesh-independent heat
transfer results. This minimum mesh density was then later applied to pre-
dict additional flow cases for the C3X airfoil cascade. The flow conditions
selected for this study correspond to Run 4411 of the C3X airfoil described
in Reference [2]. The exit Mach number is 0.90, inlet total pressure and total
temperature were 46.34 psia and 1415 degrees R, respectively.

Details of the five meshes employed in the mesh dependence study are pre-
sented in Table 5.2. The first two meshes were designed to increase both the
number of normal (mesh lines around the airfoil) and the number of contour
(mesh lines away from the airfoil) mesh lines used in the C-type mesh. The
third, fourth, and fifth meshes increased the number of contour mesh lines
only. Each increase in the number of contour mesh lines was accompanied
by a reduction in the minimum spacing employed between adjacent contours
at the airfoil surface. Graphical illustrations of the five mesh systems are
presented in Figures 5.5-5.9 along with the predicted Mach number contours
for a transitional flow. Each mesh was generated such that 3 levels of multi-
grid were available to the ADPAC08 during execution. Each run for all five
meshes were performed by using the full multigrid initialization procedure,
using 100 iterations on each coarse mesh level, followed by 300 iterations on
the fine mesh. The frozen turbulence model strategy described earlier for
the Mark II vane cascade mesh dependence study was not employed in this
series of calculations.

The following paragraphs describe results from the C3X vane cascade
mesh dependence study. All 2-D flow calculations for the C3X were based on
transitional flow. Calculations based on transitional flow for the C3X vane
cascade employed the C-type mesh turbulence modeling scheme described
in Section 3.5. The pressure surface was treated as fully turbulent, while
the suction surface assumed a natural transition based on the Baldwin and
Lomax [23] transition parameter (C,) value of 14.0.

A comparison of the convergence histories (in the form of log 10 RMS
residual summations) are provided in Figure 5.10. No significant differences
were observed in the convergence histories for the various meshes. Each mesh
clearly displayed a full four order of magnitude reduction in the residuals for
each case.
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C3X Vane Cascade Mesh Dependence Study - Mesh #1 (193x33)

Mesh System and Predicted Mach Number Contours

Figure 5.5




Figure 5.6: C3X Vane Cascade Mesh Dependence Study - Mesh #2 (385x49)
Mesh System and Predicted Mach Number Contours
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Figure 5.7: C3X Vane Cascade Mesh Dependence Study - Mesh #3 (385x65)
Mesh System and Predicted Mach Number Contours
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Mesh #4 (385x81)

C3X Vane Cascade Mesh Dependence Study

Mesh System and Predicted Mach Number Contours

Figure 5.8
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C3X Vane Cascade Mesh Dependence Study - Mesh #5 (385x97)

Mesh System and Predicted Mach Number Contours

Figure 5.9
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C3X Vane Cascade Mesh Dependence Study
Mesh Geometric Parameters

Mesh Size Normal # Pts. # Pts.
Mesh S.S. P.S.
Spacing
at Airfoil
Surface 1
Mesh #1 193x33 0.000100 64 32
Mesh #2 385x49 0.000050 128 64
Mesh #3 385x65 0.000010 144 72
Mesh #4 385x81 0.000005 144 72
Mesh #5 385x97 0.000001 144 72

1 - normalized by airfoil axial chord

Table 5.2: C3X Vane Cascade Mesh Dependence Study Mesh Parameters)

Comparisons of the predicted and experimental airfoil surface static pres-
sure ratio distributions for the transitional flow calculations are given in Fig-
ure 5.11 for the 5 meshes generated for the mesh dependence study. The pre-
dicted pressure distributions are in excellent agreement with the experimental
measurements for every mesh. Comparisons of the transitional predicted and
experimental airfoil surface heat transfer coeflicient distributions are given
in Figure 5.12. The pressure surface predictions are generally higher than
the experimental data over most of the pressure surface. The experimental
data for the suction surface indicate a finite length transition region which
is not adequately represented by the ADPAC08 point transition model. As
a result, the ADPAC08 heat transfer coeflicient distributions are rather high
immediately downstream if the transition point, while the experimental data
suggest a more gradual rise in heat transfer coeffient. It appears that the
heat transfer predictions from Meshes #3, #4, and #5, are very nearly mesh
independent, and this observation ultimately led to the conclusions regarding
mesh independent heat transfer predictions described in the next paragraph.

The near airfoil surface y* distributions for the transitional flow calcu-
lations on the five meshes are compared in Figure 5.13. For heat transfer
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applications, it is normally recommended that a minimum y* value of 3.0
or less be maintained for the near airfoil surface mesh to achieve accurate
heat transfer results. Meshes #3, #4, and #b5 satisfy this criteria, and the
predicted heat transfer results would appear to confirm the accuracy of this
measure.

5.4 C3X Vane 2-D Heat Transfer Operating
Point Study

Following the mesh dependence study, two mesh systems were constructed
and evaluated for four different cascade operating points for the C3X cascade.
The intention here was to evaluate predictions for the C3X vane cascade
for two different exit Mach numbers (0.9, 1.05) and two different exit flow
Reynolds numbers (2,000,000 and 2,500,500). The coarsest mesh system used
was the 193x33 mesh illustrated in Figure 5.14. This mesh incorporates 97
points about the airfoil and has a near wall mesh spacing of 10~* inches.
A finer mesh (497x65) was also utilized in this study and is illustrated in
Figure 5.15. This mesh was obtained by extracting a single spanwise slice
from the 3-D mesh generated for the film cooling flow predictions described
in Chapter 6. This mesh utilizes 383 point points about the airfoil and
has a near wall mesh spacing of 1.0x10™° inches. Many of the points along
the airfoil surface are clustered around the leading edge due to the presence
of the film cooling holes in the original 3-D mesh (see Chapter 6). The
computed near airfoil surface mesh distributions of y* for the two meshes for
the C3X airfoil operating point study are plotted in Figure 5.16 for a flow
Mach number of 0.9, and exit flow Reynolds number of 2,000,000. The finer
mesh clearly satisfies the y* < 3 criteria over the entire airfoil surface, while
the coarser mesh does not. It is therefore expected that the results for the
finer mesh are probably representative of the mesh independent result.

The cascade operating points used in the comparisons for the C3X vane
are given in Table 5.3. The C3X results are categorized based on the exit
Mach number (either 0.9 or 1.05). Calculations for both exit Mach number
case were performed for two Reynolds numbers (2,000,000 and 2,500,000)
as shown in Table 5.3. The coarse mesh calculations utilized three levels
of multigrid, and the full multigrid initialization procedure. Convergence
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C3X Airfoil Cascade (Uncooled,Mexit=0.90,Re2=1.99E6)
ADPAC 2-D Aerodynamic Analysis Mesh Dependence Study (Transitional Flow)
Convergence History Comparison

0.00 —
-1.00 —
ADPAC MESH 1 (197x33 Mesh) Log 10(RMS Error)
------- ADPAC MESH 2 (385x49 Mesh) Log 10(RMS Error)
------ ADPAC MESH 4 (385x65 Mesh) Log 10(RMS Error)
200—|| ==~ ADPACMESH 4 (385x81 Mesh) Log 10(RMS Error)
: ——— ADPAC MESH 5 (385x97 Mesh) Log 10(RMS Error)
-3.00
-4.00 —
£ -5.00 —
2
=
o
5
-6.00 —
-7.00 —
g T 9 | T ~J
0.00 100.00 200.00 300.00 400.00 500.00

lteration Number

Figure 5.10: C3X Vane Cascade Mesh Dependence Study Convergence His-
tory Comparison
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C3X Airfoil Cascade (Uncooled,Mexit=0.90,Re2=1.99E6)
ADPAC 2-D aerodynamic Analysis Mesh Dependence Study (Transitional Flow)
Airfoil Surface Static Pressure Ratio Distribution
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Figure 5.11: C3X Vane Cascade Mesh Dependence Study - Comparison of
Predicted (Transitional Flow) and Experimental Airfoil Surface Static Pres-
sure Ratio Distributions.
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C3X Airfoil Cascade (Uncooled,Mexit=0.90,Re2=1.99E6)
ADPAC 2-D aerodynamic Analysis Mesh Dependence Study (Transitional Flow)
Airfoil Heat Transfer Coefficient Distribution (ho=200BTU/hr/sqft/F)
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Figure 5.12: C3X Vane Cascade Mesh Dependence Study - Comparison of
Predicted (Transitional Flow) and Experimental Airfoil Surface Heat Trans-
fer Coefficient Distributions.
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Figure 5.14: C3X Vane Cascade 193x33 2-D C-Grid Mesh System
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Figure 5.15: C3X Vane Cascade Operating Point Study 497x65 2-D C-Grid
Mesh System
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C3X Turbine Vane Flow Conditions for ADPAC Code Verification

1 2 3 4
RunCode | Exit Mach | Exit Re Tc/Tg Pc/Pg Tw/Tg Pt1 Ttl Coolant Flow
Uncooled | 4400 0.90 1.99E+06 0.78 5711.04 1236.0
5400 1.05 2.00E+06 0.76 5598.72 12470
4500 0.89 2.49E+06 0.81 7220.16 1245.0
5500 1.05 2.49E+06 0.79 6923.52 12440
Cooled 4415 0.90 1.99E+06 | (min) 0.71 | 1.100 0.77 5757.12 1243.0 0.0133
4417 0.90 2.00E+06 | (min) 0.66 | 1.501 0.76 5785.92 1245.0 0.0304
4435 0.89 1.99E+06 | (max) 0.86| 1.099 0.77 5770.08 12440 0.0094
4437 0.90 2.00E+06 | (max) 0.90 | 1.505 0.79 5760.00 1243.0 0.0187
1 - Run Code taken from NASA CR-174827 Tu=6.5%
2 - Pounds per square foot
3 — Degrees Rankine

4 - Pounds per second

Table 5.3: C3X Vane Cascade Calculation Operating Point Description

was observed to be very stable and uniform for each case, and a three order
reduction in the solution residual is achieved after a total of 300 iterations
(100 on each coarse mesh level followed by 100 fine mesh iterations). The fine
mesh utilized 5 levels of multigrid, and followed a similar pattern of coarse
and fine mesh iterations. A comparison of convergence histories for the two
meshes for the case corresponding to Run #4400 described on Table 5.3 is
given on Figure 5.17. Both solutions achieved a nearly 6 order of magnitude
reduction in the RMS residual. A similar convergence behavior was observed
for all other runs for the C3X airfoil, and therefore, additional convergence
histories will not be presented for each case.

Comparisons of predicted and experimental airfoil surface static pres-
sure distributions and airfoil surface heat transfer coeflicient distributions
for Run #4400 of the C3X airfoil at an exit Mach number of 0.9 and exit
flow Reynolds numbers of 2,000,000 (based on true chord) are given in Fig-
ures 5.18 and 5.19, respectively. Both the coarse (193x33) and fine (497x65)
mesh predictions are plotted on each figure.

Both the fine and coarse mesh solutions accurately <ns1:XMLFault xmlns:ns1="http://cxf.apache.org/bindings/xformat"><ns1:faultstring xmlns:ns1="http://cxf.apache.org/bindings/xformat">java.lang.OutOfMemoryError: Java heap space</ns1:faultstring></ns1:XMLFault>