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A list of the symbols used throughout this document and their definitions is 
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Chapter 1 

SUMMARY 

The overall objective of this study was to examine the aerodynamics and 
heat transfer characteristics of discrete site film-cooled turbine airfoils. The 
specific objective was to attempt to predict the three-dimensional flow about 
the C3X turbine vane cascade with a leading edge showerhead film-cooling 
arrangement . The motivation behind this work was to validate and assess 
the accuracy of present 3-D N avier-Stokes predictions for realistic film-cooled 
airfoil heat transfer predictions through comparisons with experimental data. 

Several 2-D calculations were initially performed for both the Mark II 
and C3X turbine cascade geometries to verify the accuray of the analysis 
for turbine airfoil heat transfer predictions in the absence of film-cooling. 
Three-dimensional calculations were performed for the C3X airfoil with film
cooling using a Cartesian coordinate system and taking advantage of the 
spanwise periodicity of the C3X geometry. Coolant flow was introduced into 
the blade passage through the use of separate mesh systems and transpira
tion/injection boundary conditions. The grid generation for the C3X cascade 
involved modeling the film-cooling holes as discrete objects in a 3-D mesh. 
Calculations were performed for the C3X at multiple operating points, both 
with and without cooling holes activated. The film-cooling flow was modeled 
both as injection at discrete holes, and as a uniform injection porous blade 
surface. Predicted results were compared with both experimental data and 
boundary layer code predictions. 
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Chapter 2 

INTRODUCTION 

2.1 Description of the Film Cooling Prob
lem 

Trends in thermodynamic design of gas turbine engines has traditionally led 
to higher and higher turbine inlet temperatures to improve overall thermo
dynamic efficiency. The result of this tendency is that turbine airfoils now 
often operate in an environment where the temperature of the primary gas 
flow exceeds the melting point of the surrounding metal. In order to provide 
adequate safety margins and to increase material life, complex airfoil cool
ing strategies are employed to isolate the airfoils and endwalls from the hot 
gas. A common technique to accomplish this goal is the use of film-cooling, 
wherein a layer of relatively cool gas is injected near the metal surfaces to 
provide a buffer layer between the hot gas and the protected surfaces. As 
operational temperature levels rise in modern gas turbine engines, the impor
tance of accurately controlling turbine cooling flows presents one of the more 
difficult engineering challenges in the overall turbomachinery design process. 

Turbine airfoil blade row flows are characterized by large temperature 
gradients, Mach numbers ranging from low subsonic « 0.15) to the tran
sonic range (> 1.0), and high levels of freest ream turbulence with strong, 
small scale interactions between surface boundary layer convective flows, dif
fusive transport, and turbulent shear transport. Aerodynamic and thermal 
design techniques currently available to turbine airfoil designers have de
ficiencies which do not permit a priori designs which meet desired design 
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goals without expensive experimental devlopment iterations. As such, the 
airfoil/coolant flow injection design (hole size, placement, shaping, etc) is 
often based on experience and/or empirical databases. Increased utilization 
of computational fluid dynamics (CFD) techniques in the design process for 
turbmomachinery airfoils and flowpaths has naturally led to the use of these 
tools for predicting airfoil surface heat transfer and film cooling effectiveness. 
Unfortunately, our lack of comprehensive turbulence models capable of ac
curately predicting heat transfer in high Reynolds number turbulent flows 
has prevented widespread acceptance of CFD techniques in the heat transfer 
design arena. The use of CFD tools for predicting details of the primary gas 
path/ coolant flow interaction can still be very useful for determining trends 
which might give the designer a better understanding of the problem, and 
ultimately lead to improvements in the final design. 

2.2 Experimental Studies 

Numerous experimental studies exist containing data involving measure
ments for film-cooled heat transfer. Most experimental studies involve surface 
meausrements of heat transfer in the vicinity of a film-cooling injection site. 
A review of film-cooling research prior to 1970 is given by Goldstein [4]. Nu
merous studies have been performed to examine the effects of hole geometry, 
boundary layer thickness, hole and row spacing, and coolant flow/primary 
flow gas property variations. The works of Goldstein et al. [5], Foster and 
Lempard [6], and Jubran and Brown [7] to name a few, are representative of 
this type of work. 

Data specific to turbine film cooling problems were reported by Mehen
dale and Han [8], who investigated the effects of mainstream turbulence on 
the film cooling effectiveness and heat transfer coefficient for a turbine air
foil leading edge. A large volume of data is available in a series of studies 
which were performed on the C3X airfoil cascade [1],[2],[3]. Airfoil surface 
heat transfer data were determined from experiments at realistic engine flow 
conditions for a baseline (no film cooling) airfoil, a modified airfoil with a 
leading edge showerhead film cooling arrangement [1],[2], and a third airfoil 
with an additional downstream array of cooling holes [3]. 
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2.3 Computational Studies 

Numerous computational approaches for film-cooling applications exist based 
on the boundary layer equations. These methods are useful for rapid design 
analysis to describe global properties of the boundary layer, but fail to cap
ture three-dimensional variations and may not work at all for large coolant 
blowing ratios. 

N avier-Stokes predictions of film-cooling flows related to gas turbine en
gine flows have only recently become feasible, and are, therfore, few in num
ber. Yang et al. [9] attempted to predict the C3X airfoil cascade flow with 
film cooling on a two-dimensional basis using a time-marching Navier-Stokes 
solution technique. Dorney and Davis [10] performed both 2-D and 3-D flow 
simulations of a simplified turbine stage in the presence of a combustor hot 
streak. Through parametric studies, they identified a film cooling scheme to 
combat the problem of pressure surface hot streak migration. Garg and Gau
gler [11] predicted the flow through the C3X turbine vane cascade with film 
cooling using a 3-D Navier Stokes solution technique. In all of these studies, 
no attempt was made to discretize details of the cooling holes themselves; 
rather, the cooling holes were modeled using boundary conditions applied to 
the "nearest-neighbor" mesh points from a mesh generated based on airfoil 
shape considerations only. 

Zhou et al. [12] performed a study of :film cooling from rows of cooling 
holes on a flat plate using a 3-D Navier-Stokes modeling technique. In this 
case, the circular cooling holes were modeled as square holes in a traditional 
rectangular Cartesian mesh. Similar calculations for film cooling on a flat 
plate were given by Leylek and Zerkle [13]. In this case, the computational 
mesh modeled the actual geometry of the experimental rig test descibed by 
Pietrzyk [14] including discrete mesh representation of the cooling holes, feed 
flowpath, and coolant flow plenum. 

2.4 Objectives of the Present Study 

At present, there are two major problems prohibiting widespread use of 3-D 
Navier-Stokes prediction techniques for film-cooled turbine airfoil heat trans
fer analysis. The first problem is related to geometry. Tools simply do not 
exist to permit numerical analysts (much less turbine airfoil designers) to 

5 



conveniently assign hole patterns, and generate a satisfactory mesh complete 
with adequate resolution of the coolant holes on the airfoil surface for use 
in complex 3-D numerical analysis. It may be demonstrated through pained 
manipulation of cumbersome general grid generation tools that it is possible 
to generate a suitable mesh for a given configuration, but only after exten
sive manipulation. Unfortunately, should a modification to the design be 
required, the effort to regenerate the numerical mesh is often greater than 
the effort to set up, compute, and post-process the solution by an order 
of magnitude. This problem clearly demonstrates the need for a combined 
computer-aided design/mesh generation capability. In addition, the actual 
mesh requirements for the coolant flow/airfoil flow problem have not been 
adequately defined, and, as such, even if adequate mesh generation tools were 
available, the research required to define the minimum mesh requirements for 
such an analysis has not, to date, been performed. The seond major obsta
cle is the lack of comprehensive, accurate turbulence modeling procedures 
for high Reynolds number, high freestream turbulence turbine airfoil flows 
with heat transfer. Several numerical procedures have been described using 
high order (2 equation) turbulence models to predict turbine airfoil flows 
with heat transfer ([18], for example) and in nearly every case, the turbulene 
model is observed to be deficient, whether it be in the prediction of near wall 
turbulent flow behavior, transition, or the failure to accurately capture the 
jet flow/wall bounded shear layer intraction. 

The numerical study described in this report is an attempt to address 
the problems of mesh definition and resolution for the prediction of discrete 
site film-cooled turbine airfoils. No attempt is made to conjure up a turbu
lence model capable of reproducing a limited amount of experimental data. 
Instead, a simple, proven turbulence modeling scheme is employed, and the 
focus is shifted to examining the mesh requirements for detailed analysis of 
the general turbine airfoil film cooling problem. To this end, detailed Navier
Stokes predictions of a realistic turbine airfoil design with a showerhead film 
cooling scheme were performed with emphasis on examining the mesh gen
eration difficulties and resolution requirements for the cooling holes, and ex
amining details of the flow structure resulting from the coolant flow/primary 
flow interaction. 

This study represents one of the first attempts at predicting fine scale 
details of the aerodynamic and heat transfer characteristics resulting from 
the primary gas flow/coolant flow interaction of realistic gas turbine en-
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gine turbine airfoils. The approach in this paper was to develop an analysis 
which possesses all the capabilities necessary to accurately solve this complex 
problem short of the advanced turbulence modeling necessary to accurately 
predict the true levels of the turbine airfoil heat transfer problem. The ana
lytical tool used in this analysis is a 3-D Navier-Stokes analysis code referred 
to as ADPAC08. In the first section which follows this introduction, the 
theoretical basis and numerical implementation of the ADPAC08 code are 
described in detail. Next, a series of 2-D aerodynamic/heat transfer calcu
lations are performed for two non-cooled planar cascades representative of 
turbine airfoil blade rows. These calculations serve to quantify the accuracy 
of the present analysis for heat transfer predictions, and several mesh stud
ies are included to determine a minimum mesh requirement for the general 
turbine airfoil heat transfer analysis problem. Finally, a series of 3-D viscous 
flow calculations are performed for a planar turbine airfoil cascade employing 
a leading edge showerhead film cooling scheme. 
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Chapter 3 

ADPAC08 NAVIER-STOKES 
NUMERICAL ALGORITHM 

Aerodynamic/heat transfer predictions for the film-cooled turbine airfoils 
described in this study were obtained using the ADPAC08 analysis. The 
ADPAC08 code is a general purpose turbomachinery aerodynamic design 
analysis which has undergone extensive development, testing, and verifica
tion (30], (25], (22], (24]. There is also extensive documentation available for 
the ADPAC08 program [26], [27], [28]. Briefly, the ADPAC08 analysis uti
lizes a finite volume, explicit multigrid Runge-Kutta time-marching solution 
algorithm to solve a time-dependent form of the 3-D Reynolds-Averaged 
Navier-Stokes equations. A relatively standard Baldwin-Lomax (23] tur
bulence model was incorporated to compute the turbulent shear stresses. 
The code employs a multiple-blocked mesh discretization which provides 
extreme flexibility for analyzing complex geometries. The block gridding 
technique enables the coupling of complex, multiple-region domains with 
common grid interface boundaries through specialized boundary condition 
procedures. The ADPAC08 analysis has been successfully utilized to predict 
both the steady state and time-dependent aerodynamic interactions occur
ring in modern multistage compressors and turbines. 

In this chapter, the governing equations and computational model applied 
for this study in the ADPAC08 are described. In some cases, additional 
capabilities are available in the ADPAC08 program, and these are described 
further in References [22], [28]. The definitions of the pertinent variables 
used in this chapter may be found in the Nomenclature. 
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3.1 N ondirnensionalization 

To simplify the implementation of the numerical solution, all variables are 
nondimensionalized by reference values as follows: 

Z 
Z=-- , 

L.,.e! 

r 
r=--, 

L.,.e! 

- Cp Cp - --, 
R.,.e! 

i 

Cv 
Cv = --, 

R.,.e! 

P 
T=--, 

T.,.e! 
p=--, 

P.,.e! 

The reference quantities are defined as follows : 
L.,.e! is a constant user-defined length scale 
P.,.e! is normally the inlet total pressure (user-defined) 

(3.1) 

Pre! is the freestream or inlet total density (Pre! = Pre! / R.,.e! / 

T re! ) 

are! is determined by ..j1R.,.e!T.,.e! 

V re! is determined from the freestream total acoustic velocity as 
a"~1 

Vrej = v':r 
JLre! is determined from the other factors as: 

JLrej = PrejVre! L rej 
krej is the freestream thermal conductivity (extracted from user

defined parameters such as I and Prandtl number) 
R.,.e! is the freestream gas constant (user-defined) 
T rej is normally the inlet total temperature (user-defined) 

3.2 3-D Navier-Stokes Equations 

The ADPAC08 numerical solution procedure is based on an integral repre
sentat ion of the strong conservation law form of the Navier-Stokes equations 
expressed in either a cylindrical or Cartesian coordinate syatem. User input 
determines which solution scheme is selected, and can be varied on a block 
by block basis. The Cartesian form of the equations are presented below 
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since all of the calculations performed in this study utilized the Cartesian so
lution scheme. Details of the corresponding cylindrical solution scheme are 
available in References [25], and [22]. The Euler equations may be derived 
as a subset of the Navier-Stokes equations by neglecting viscous dissipation 
and thermal conductivity terms (i.e. - JL and k = 0). 

3.3 Governing Equations for Cartesian So
lution 

Integration of the differential form of the N avier-Stokes equations over a finite 
control volume yields the following set of equations: 

J ! (Q)dV + Linv ( Q) = Lvi .. ( Q) (3.2) 

where: 

(3.3) 

and: 
(3.4) 

The inviscid (convective) and viscous (diffusive) flux contributions are ex
pressed separately by the operators Linv and Lvi .. , respectively. 

The vector of dependent variables Q is defined as: 

p 

pVz 

Q= PV'II (3.5) 
pVz 

pet 

where the velocity components VZ'V'II' and V z are the absolute velocity com
ponents in the x, y, and z coordinate directions, respectively (see e.g. - Fig. 
3.1). The total internal energy is defined as: 

(3.6) 
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ADPAC08 Cartesian Coordinate System Reference 

2-D Turbine Vane Calculations 

y 

3-D Turbine Vane Calculations 

Figure 3.1: ADPAC08 Cartesian Coordinate System Reference 
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The individual flux functions are defined as: 

pv", pVy pvz 
PV; +p pV",Vy pV",Vz 

Finv = pV",Vy , Ginv = PV; +p , Hinv = pVyVz 
pv",vz pVyVz (pv; + p) 
pv",H pVyH pvzH 

0 0 0 
T",,,, Tvz T zz 

Fvi. = T",y , Gvi.= T1I1I , Hvl• = Tzy , 
Tzz Tyz Tzz 
qz qy qz 

F = F(Q), G = G(Q), fI = H(Q) 

Fv = Fv(Q), Ov = Gv(Q), fIv = Hv(Q) 

The total enthalpy, H, is related to the total energy by: 

H = et + !!. 
P 

The viscous stress terms may be expressed as: 

(
8vz) .... 

Tzz = 2J.L 8x + Av \7 . V, 

T zy = J.L [ ( ~; ) + (~~ ) 1 ' 

T zz = 2J.L [ ( ~; ) + (~~ ) 1 ' 

(
8vy) .... 

T 1111 = 2J.L 8y + .Av \7 . V 

Tyz = 2J.L [ ( ~; ) + (~~ ) 1 ' 

(
8vz) .... 

Tzz = 2J.L 8z + Av \7 . V 
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(3.7) 

(3.8) 

(3.9) 

(3.10) 

(3.11) 

(3.12) 

(3.13) 

(3.14) 

(3.15) 

(3.16) 



_______ "~ ,_ ' __ ~~""J' _ ___ ,.w. _ ____ ~ . _ ____ ., ___ _ 

(3.17) 

(3.18) 

(3.19) 

where JL is the first coefficient of viscosity, Av is the second coefficient of 
viscosity, and: 

~ V'" 8vz 8vll 8vz 
v · =-+-+-8x 8y 8z 

(3.20) 

The remaining viscous stress terms are defined through the identities: . 

(3.21) 

(3.22) 

(3.23) 

Transition of the ADPAGOB code from a cylindrical coordinate system 
solver to a Cartesian coordinate system solver was accomplished through the 
use of an input trigger variable. When activated, the trigger selects the ap
propriate calculations of cell areas, volumes, and fluxes to be consistent with 
the governing Cartesian equations. In addition, the cylindrical coordinate 
system source term is eliminated for Cartesian solutions. The modified AD
PAGOB code retains both the cylindrical and Cartesian coordinate solution 
capabili ties. 

The governing equat ions for the 2-D flow problems discussed in the follow
ing chapters may be similarly derived from the 3-D equations by eliminating 
the z-momentum equation and assuming that the z velocity, V z is zero. 

3.4 Fluid Properties 

The working fluid is assumed to be air acting as a perfect gas, thus the ideal 
gas equation of state has been used. Fluid properties such as specific heats, 
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specific heat ratio, and Prandtl number are assumed to be constant. The 
fluid viscosity is derived from the Sutherland (see e.g. [35]) formula: 

The so-called second coefficient of viscosity .Av is fixed according to: 

2 
.Av = --JL 

3 

(3.24) 

(3.25) 

The thermal conductivity is determined from the viscosity and the definition 
of the Prandtl number as: 

k = CpJL 
Pr 

3.5 Numerical Formulation 

(3.26) 

The discrete numerical solution is developed from the integral governing 
equations derived in the previous sections by employing a finite volume so
lution procedure. This procedure closely follows the basic scheme described 
by Jameson [37]. In order to appreciate and utilize the features of the AD
PAC08 solution system, the concept of a multiple blocked grid system must 
be fully understood. It is expected that the reader possesses at least some 
understanding of the concepts of computational fluid dynamics (CFD), so 
the use of a numerical grid to discretize a flow domain should not be for
eign. Many CFD analyses rely on a single structured ordering of grid points 
upon which the numerical solution is performed (the authors are aware of a 
growing number of unstructured grid solution techniques as well, but resist 
the temptation to mention them in this discussion). Multiple blocked grid 
systems are different only in that several structured grid systems are used in 
harmony to generate the numerical solution. The domain of interest is sub
divided into one or more structured arrays of hexahedral cells. Each array 
of cells is referred to as a "block", and the overall scheme is referred to as a 
multiple blocked mesh solver as a result of the ability to manage more than 
one block. This concept is illustrated graphically in two dimensions for the 
flow through a nozzle in Figures 3.2-3.4. 
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ADPAC-AOACR 2-D Single Block Mesh Structure lllustration 

Physical Domain 

Computational Domain 

j~----' 
i 

Figure 3.2: ADPAC082-D Single Block Mesh Structure illustration 
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ADPAC-AOACR 2-D Two Block Mesh Structure lliustration 

Physical Domain 

Computational Domain 

Block #1 Block #2 

j. L ______ 
L Inter-block communication required 

i to couple computational domains 

Figure 3.3: ADPAC082-D Two Block Mesh Structure illustration 
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ADPAC-AOACR 2-D Multiple Block Mesh Structure Dlustration 

Physical Domain 

j 

i 

Computational Domain 

Inter-block communication required 
to couple computational domains 

Figure 3.4: ADPAC08 2-D Multiple Block Mesh Structure illustration 
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The grid system in Figure 3.2 employs a single structured ordering, re
sulting in a single computational space to contend with. The mesh system 
in Figure 3.3 is comprised of two, separate structured grid blocks, and con
sequently, the numerical solution consists of two unique computational do
mains. In t heory, the nozzle :flowpath could be subdivided into any number 
of domains employing structured grid blocks resulting in an identical num
ber of computational domains to contend with, as shown in the 20 block 
decomposit ion illustrated in Figure 3.4. The complicating factor in this do
main decomposition approach is that the numerical solution must provide 
a means for the isolated computational domains to communicate with each 
other in order to satisfy the conservation laws governing the desired aerody
namic solution. Hence, as the number of sub domains used to complete the 
aerodynamic solution grows larger, the number of inter-domain communica
t ion paths increases in a corresponding manner. (It should be noted that 
t his domain decomposition/communication overhead relationship is also a 
key concept in parallel processing for large scale computations, and thus, 
t he ADPAGOB code appears to be a viable candidate for parallelization via 

. t he natural domain decomposition division afforded by the multiple-blocked 
grid data structure.) Clearl~, it is often not possible to generate a single 
structured grid to encompass the domain of interest without sacrificing grid 
quality, and therefore, a multiple blocked grid system has significant advan
t ages. 

The ADPAGOB code was developed to utilize the multiple blocked grid 
concept to full extent by permitting an arbitrary number of structured grid 
blocks with user specifiable communication paths between blocks. The inter
block communication paths are implemented as a series of boundary con
ditions on each block which, in some cases, communicate :flow information 
from one block to another. The advantages of the multiple-block solution 
concept are exploited in the calculations presented in Chapter 4 as a means 
of treating complicated geometries with multiple blade rows of varying blade 
number, and to exploit computational enhancements such as multigrid. 

The solution for each mesh block in a multiple-blocked grid is computed 
identically, and therefore the numerical approach is described for a single 
mesh block. In any given mesh block, the numerical grid is used to define a set 
of hexahedral cells, the vertices of which are defined by the eight surrounding 
mesh points. This construction is illustrated in Figure 3.5. 

The cell face surface area normal vector components dAz , dAti, and dAz 
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are calculated using the cross product of the diagonals defined by the four 
vertices of the given face, and the cell volume is determined by a proce
dure outlined by Hung and Kordulla [36] for generalized nonorthogonal cells. 
The integral relations expressed by the governing equations are determined 
for each cell by approximating the area-integrated convective and diffusive 
fluxes with a representative value along each cell face, and by approximat
ing the volume-integrated terms with a representative cell volume weighted 
value. The discrete numerical approximation to the governing equation then 
becomes 

Qn+l Qn 
V 1 i,j,k - i,j,k (F. (Q-) F. (Q-) 

o llt = in" i+l ,j,k - in" i,j,k 

+Fvi.( Q)i+l,j,k - Fvi.( Qkj,k 

+G"i.(Qki+l,1c - Gvi.(Qkj,1c 

+Hvi.(Qkj,1c+l - H"i.(Qkj,k) 

+V01K + Di ,j,1c(Q) 

(3.27) 

Here, i,j, k represents the local cell indices in the structured cell array, 
V 01 is the local cell volume, llt is the calculation t ime interval, and Di ,j,1c 
is an artificial numerical dissipation function which is added to the govern
ing equations to aid numerical stability, and to eliminate spurious numerical 
oscillations in the vicinity of flow discontinuities such as shock waves. Fol
lowing the algorithm defined by Jameson [37], it is convenient to store the 
flow variables as a representative value for the interior of each cell, and thus 
the scheme is referred to as cell-centered. The discrete convective fluxes are 
constructed by using a representative value of the flow variables Q which is 
determined by an algebraic average of the values of Q in the cells lying on 
either side of the local cell face. Viscous stress terms and thermal conduction 
terms are constructed by applying a generalized coordinate transformation 
to the governing equations as follows: 

e = e(x,y,z), ." = .,,(x,y,z), ( = ((x,y,z) (3.28) 
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Figure 3.5: Three-dimensional finite volume cell 
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The chain rule may then be used to expand the various derivatives in the 
viscous stresses as: 

8 8e 8 81/ 8 8( 8 -=--+--+--, 
8x 8x 8e 8x 81/ 8x 8( 

8 8e 8 81/ 8 8( 8 - - --+--+--
8y - 8y 8e 8y 81/ 8y 8(' 

8 8e 8 81/ 8 8( 8 -=--+--+--, 
8z 8z 8e 8z 81/ 8z 8( 

(3.29) 

(3.30) 

(3.31) 

The transformed derivatives may now be easily calculated by differencing 
the variables in computational space (i corresponds to the e direction, j 
corresponds to the 1/ direction, and k corresponds to the ( direction), and 
utilizing the appropriate identities for the metric differences (see e.g. [35]) . 

3.6 Boundary Conditions 

In this section, the various boundary conditions utilized in this study as part 
of the ADPAC08 analysis are described. Before describing the individual 
boundary conditions, it may be useful to describe how the boundary condi
tions are imposed in the discrete numerical solution. Finite volume solution 
algorithms such as the ADPAC08 program typically employ the concept of 
a phantom cell to impose boundary conditions on the external faces of a 
particular mesh block. This concept is illustrated graphically for a 2-D mesh 
representation in Figure 3.6. 

A phantom cell is a fictitious neighboring cell located outside the extent 
of a mesh which is utilized in the application of boundary conditions on the 
outer boundaries of a mesh block. Since flow variables cannot be directly 
specified at h mesh surface in a finite volume solution (the flow variables 
are calculated and stored at cell centers), the boundary data specified in the 
phantom cells are utilized to control the flux condition at the cell faces of the 
outer boundary of the mesh block, and, in turn, satisfy a particular boundary 
condition. All ADPAC08 boundary condition specifications provide data 
values for phantom cells to implement a particular mathematical boundary 
condition on the mesh. Another advantage of the phantom cell approach is 
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Figure 3.6: 2-D Mesh Block Phantom Cell Representation 
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that it permits unmodified application of the interior point scheme at near 
boundary cells. 

Inflow and exit boundary conditions are applied numerically using charac
teristic theory. A one-dimensional isentropic system of equations is utilized 
to derive the following characteristic equations at an axial inflow joutflow 
boundary: 

where: 

ac- ac-
at-(vz-a)&=O, 

ac+ ac+ 
at + (vz + a)& = 0 

2a c- =Vz - --, 
,-I 

2a c+ =vz +-,-I 

(3.32) 

(3.33) 

(3.34) 

For subsonic normal inflow, the upstream running invariant C- is ex
trapolated to the inlet, and along with the equation of state, specified total 
pressure, total temperature, and flow angles the flow variables at the bound
ary may be determined. For turbomachinery based flow calculations, the 
flow angles are representative of the spanwise flow and the pitchwise (blade
to-blade) flow. 

Outflow boundaries require a specification of the exit static pressure. 
In this case, the downstream running invariant C+ is used to update the 
phantom cells at the exit boundary. Velocity components parallel to the cell 
face are extrapolated to the phantom cell from the neighboring interior cells . 

It should be mentioned that all of the characteristic boundary schemes 
utilize a local rotated coordinate system which is normal to the bounding 
cell face. 

All solid surfaces must satisfy the no slip boundary condition for viscous 
flows: 

V z = 0, VII = 0, V z = 0 (3.35) 

No convective flux through the boundary (an impermeable surface) is permit
ted. The phantom cell velocity components are thus constructed to ensure 
that the cell face average velocities used in the convective flux calculation 
are identically zero. The phantom cell pressure is simply extrapolated based 
on the boundary layer flow concept dp/dn = O. The phantom cell density or 
temperature is imposed by assuming either an adiabatic surface dT / dn = 0 
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or a specified surface temperature, which suggests that the phantom cell 
temperature must be properly constructed to satisfy the appropriate average 
temperature along the surface. 

For the multiple-block scheme, the solution is performed on a single grid 
block at a time. Special boundary conditions along block boundaries are 
therefore required to provide some transport of information between blocks. 
This transport may be accomplished through one of four types of procedures 
in the ADPAC08 code. Each procedure applies to a different type of mesh 
construction and flow environment, and details of each approach are given 
in Reference [22]. For neighboring mesh blocks which have coincident mesh 
points along the interface separating the two blocks (as used in this study), 
a simple direct specification of the phantom cell data based on the near 
boundary cell data from the neighboring block has been used successfully. 
This concept is illustrated graphically in Figure 3.7. Each phantom cell in 

the block of interest has a direct correspondance with a near boundary cell in 
the neighboring mesh block, and the block coupling is achieved numerically 
by simply assigning the value of the corresponding cell in the neighboring 
block to the phantom cell of the block of interest. This procedure essentially 
duplicates the interior point solution scheme for the near boundary cells, 
and uniformly enforces the conservation principles implied by the governing 
equations. 

Some final comments concerning boundaries are in order at this point. 
Artificial damping is applied at the block boundaries by prescribing zero 
dissipation flux along block boundaries to maintain the global conservative 
nature of the solution for each mesh block. Fourth order dissipation fluxes 
at near boundary cells are computed using a modified one-sided differencing 
scheme. Implicit residual smoothing is applied at the block boundary by 
imposing a zero residual gradient (i.e. (dRjdz) = 0.0) condition at the 
boundary. 

3.6.1 Porous Surface Boundary Condition 

Discrete modeling of injection holes for actual gas turbine engine hardware 
is extremely difficult due to the large numbers of cooling holes present (often 
greater than 100) on even moderately high temperature applications. The 
problem of modeling engine hardware therefore requires some simplification 
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Figure 3.7: ADPAG08 Contiguous Mesh Block Coupling Scheme 
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of the overall simulation process. To satisfy this objective, a porous surface 
boundary condition model was developed to permit evaluation of film-cooled 
engine hardware without the problems associated with modeling the individ
ual injection sites. The porous boundary model assumes that the injection 
sites are relatively large in number and relatively small in scale when com
pared to the overall aerodynamic scale (such as airfoil span or chord), and 
that their influence on the flow can be modeled as a continuum across the 
surface of interest. This scheme is illustrated graphically in Figure 3.8. The 
introduction of cooling flow and the mixing which occurs at the discrete 
injection sites are m.odeled by im.posing the injected flow uniformly across 
the region of interest and adjusting for the influence of the solid wall por
tion which separates adjacent injection sites. The model utilizes both the 
solid wall and inflow boundary conditions described above to define separate 
contributions due to the injection and separating solid walls, respectively. 
These contributions are then combined algebraically based on the relative 
areas associated with the injection holes and separating wall, respectively. 

3.7 Runge-Kutta Time Integration 

The time-stepping scheme used to advance the discrete numerical representa
tion of the governing equations is a multistage Runge-Kutta integration. An 
m stage Runge-Kutta integration for the discretized equations is expressed 
as: 

Ql = Qn - a1Llt[L(Qn) + D(Qn)], 

Q2 = Qn - a2Llt[L( Ql) + D( Qn)], 

Q3 = Qn - a3Llt [L( Q2) + D( Qn)], 

Q4 = Qn - a4Llt[L( Q3) + D( Qn)], 
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Figure 3.8: ADPACOB Porous Wall Boundary Condition Model Schematic 
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where: 
(3.37) 

For simplicity, viscous flux contributions to the discretized equations are only 
calculated for the first stage, and the values are frozen for the remaining 
stages. This reduces the overall computational effort and does not appear 
to significantly alter the solution. It is also generally not necessary to re
compute the added numerical dissipation terms during each stage. Three 
different multistage Runge-Kutta schemes (2 four-stage schemes, and 1 five
stage scheme) are available in the ADPAGOB code, but only the four-stage 
time-marching scheme described below was utilized for the calculations pre
sented in this report. 

The coeffeicients for the four stage Runge-Kutta time-marching scheme 
employed in this study are listed below; 

1 
03 = 2' (3.38) 

A linear stability analysis of the four stage Runge-Kutta time-stepping scheme 
utilized during this study indicate that the scheme is stable for all calculation 
time increments ht which satisfy the stability criteria G F L ::::; 2v'2. Based 
on convection constraints alone, the G F L number may be defined in a one
dimensional manner as: 

(3.39) 

In practice, the calculation time interval must also include restrictions re
sulting from diffusion phenomena. The time step used in the numerical 
calculation results from both convective and diffusive considerations and is 
calculated as: 

(3.40) 

where the convective and diffusive coordinate wave speeds (A and v, repsec
tively) are defined as: 

Ai = Vol / (if . Si + a) 

pVo12 

Vi = 
G~t(S2)JL 
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The factor OM is a "safety factor" of sorts, which must be imposed as a result 
of the limitations of the linear stability constraints for a set of equations 
which are truly nonlinear. This factor was determined through numerical 
experimentation and normally ranges from 2.5- 7.5. 

For steady state flow calculations, an acceleration technique known as 
local time stepping is used to enhance convergence to the steady-state solu
tion. Local time stepping utilizes the maximum allowable time increment at 
each point during the course of the solution. While this destroys the phys
ical nature of the transient solution, the steady-state solution is unaffected 
and can be obtained in fewer iterations of the time-stepping scheme. For 
unsteady flow calculations, of course, a uniform value of the time step f:l.t 
must be used at every grid point to maintain the time-accuracy of the solu
tion. Other convergence enhancements such as implicit residual smoothing 
and multigrid (described in later sections) are also applied for steady flow 
calculations. 

3.8 Dissipation Function 

In order to prevent odd-even decoupling of the numerical solution, nonphysi
cal oscillations near shock waves, and to obtain rapid convergence for steady 
state solutions, artificial dissipative terms are added to the discrete numeri
cal representation of the governing equations. The added dissipation model 
is based on the combined works of Jameson et al. [37], Martinelli [29], and 
Swanson et al. [38]. A blend of fourth and second differences is used to 
provide a third order background dissipation in smooth flow regions and 
first order dissipation near discontinuities. The discrete equation dissipative 
function is given by: 

(3.43) 

The second and fourth order dissipation operators are determined by 

2 -) 2 ) DeQi,i,k = 'Ve((>'e i+~€i+t ,i,k 6 e Qi,i,k 

DtQi,i,k = 'Ve((Xe)i+~€:+t,i,k) 6e 'Ve 6e Qi,i,k 

(3.44) 

(3.45) 

where 6e and 'Ve are forward and backward difference operators in the e 
direction. In order to avoid excessively large levels of dissipation for cells with 
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large aspect ratios, and to maintain the damping properties of the scheme, 
a variable scaling of the dissipative terms is employed which is an extension 
of the two dimensional scheme given by Martinelli [29]. The scaling factor is 
defined as a function of the spectral radius of the Jacobian matrices associated 
with the e, 1/, and ( directions and provides a scaling mechanism for varying 
cell aspect ratios through the following scheme: 

(3.46) 

The function q; controls the relative importance of dissipation in the three 
coordinate directions as: 

The directional eigenvalue scaling functions are defined by: 

(3.47) 

(3.48) 

(3.49) 

(3.50) 

The use of the maximum function in the definition of q; is important for grids 
where >"f)/ >"e and >"d >"e are very large and of the same order of magnitude. 
In this case, if these ratios are summed rather than taking the maximum, the 
dissipation can become too large, resulting in degraded solution accuracy and 
poor convergence. Because three-dimensional solution grids tend to exhibit 
large variations in the cell aspect ratio, there is less freedom in the choice of 
the parameter a for this scheme, and a value of 0.5 was found to provide a 
robust scheme. 

The coefficients in the dissipation operator use the solution pressure as a 
sensor for the presence of shock waves in the solution and are defined as: 

2 2 ( 0 Ok ) 
€i+!. " Ie = K, max Vi-l,j,le, V'l., J, ,Vi+l,j,Ie, Vi+2,j,1e 

2' , 

Vi,j,1e = 
I(Pi-l,j,1e - 2Pi,j,1c + Pi+l,j,le) I 

(Pi-l,j,1e + 2Pi,j,1c + PHl,j,le) 
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<:~+! . Ie = max(O, ",,4 - <:~+! . Ie) 
" 2 ,3, , 2 ," 

(3.53) 

where ",,2, ",,4 are user-defined constants. Typical values for these variables 
are 

2 1 
"" =-2 

4 1 
"" =-64 

(3.54) 

The dissipation operators in the TJ and ( directions are defined in a similar 
manner. 

3.9 Turbulence Model 

As a result of computer limitations regarding storage and execution speed, 
the effects of turbulence are introduced through an appropriate turbulence 
model and solutions are performed on a numerical grid designed to capture 
the macroscopic (rather than the microscopic) behavior of the flow. A rel
atively standard version of the Baldwin-Lomax [23] turbulence model was 
adopted for this analysis. This model is computationally efficient, and has 
been successfully applied to a wide range of geometries and flow conditions. 

The effects of turbulence are introduced into the numerical scheme by 
utilizing the Boussinesq approximation (see e.g. [35]), resulting in an effective 
calculation viscosity defined as: 

/-Lei iective = /-Llaminar + /-Lturbulent (3.55) 

The simulation is therefore performed using an effective viscosity which com
bines the effects of the physical (laminar) viscosity and the effects of turbu
lence through the turbulence model and the turbulent viscosity /-Lturbulent. 

The Baldwin-Lomax model specifies that the turbulent viscosity be based 
on an inner and outer layer of the boundary layer flow region as: 

{ 
(/-Lturbulent )inner , Y ~ Ycrouover 

/-Lturbulent = ( ) 
fLturbulent outer, Y > Ycrouover 

(3.56) 

where Y is the normal distance to the nearest wail, and Ycrouover is the smallest 
value of Y at which values from the inner and outer models are equal. The 
inner and outer model turbulent viscosities are defined as: 

(3.57) 
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(J-Lturb)outer = KCcppFwakeFJdebY 

Here, the term 1 is the Van Driest damping factor 

w is the vorticity magnitude, Fwake is defined as: 

where the quantities Yma:e, Fma., are determined from the function 

The term y+ is defined as 

Y 
plwl 

J-Llamirwr 

(3.58) 

(3.59) 

(3.60) 

(3.61) 

(3.62) 

The quantity FMAX is the maximum value of F(y) that occurs in a pro
file, and YMAX is the value of Y at which it occurs. The determination 
of FMAX and YMAX is perhaps the most difficult aspect of this model for 
three-dimensional flows. The profile of F(y) versus Y can have several local 
maximums, and it is often difficult to establish which values should be used. 
In this case, FMAX is taken as the maximum value of F(y) between a y+ 
value of 350.0 and 1000.0. The function FJdeb is the Klebanoff intermittency 
factor given by 

Fk1eb(y) = [1 + 5.5( Ckleby ttl (3.63) 
Yma., 

and the remainder of the terms are constants defined as: 

Ccp = 1.6, 

Ck1eb = 0.3, 

k = 004, 

K = 0.0168 (3.64) 

In practice, the turbulent viscosity is limited such that it never exceeds 1000.0 
times the laminar viscosity. 

33 



I~ 

The turbulent flow thermal conductivity term is also treated as the com
bination of a laminar and turbulent quantity as: 

kef fectiue = k 1amif'l4r + kturbulent (3.65) 

For turbulent flows, the turbulent thermal conductivity kturbulent IS deter
mined from a turbulent Prandtl number PTturbulent such that 

P 
CpfLturbulent 

Tturbulent = k 
turbulent 

(3.66) 

The turbulent Prandtl number is normally chosen to have a value of 0.9. 
In order to properly utilize this turbulence model, a fairly large number 

of grid cells must be present in the boundary layer flow region, and, perhaps 
of greater importance, the spacing of the first grid cell off of a wall should be 
small enough to accurately account for the inner "law of the wall" turbulent 
boundary layer profile region. Unfortunately, this constraint is often not 
satisfied due to grid-induced problems or excessive computational costs. In 
this report, special attention was given to the problems associated with grid 
refinement and the resulting effects on predicted heat transfer. 

Practical applications of the Baldwin-Lomax model for three-dimensional 
viscous flow must be made with the limitations of the model in mind. The 
Baldwin-Lomax model was designed for the prediction of wa.ll bounded tur
bulent shear layers, and is not likely to be well suited for flows with massive 
separations or large vortical structures. There are, unfortunately, a number 
of applications for turbomachinery where this model is likely to be invalid, 
although for turbine airfoils, the boundary layers typically experiance a favor
able pressure gradient and the model is mopre likely to be valid in this case. 
In general, howevere, turbulence modeling is likely to be an area requiring 
improvement in the future. 

3.10 Implicit Residual Smoothing 

The stability range of the basic time-stepping scheme can be extended us
ing implicit smoothing of the residuals. This technique was described by 
Hollanders et al. [39] for the Lax-Wendroff scheme and later developed by 
Jameson [37] for the Runge-Kutta scheme. Since an unsteady flow calcu
lation for a given geometry and grid is likely to be computationally more 
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expensive than a similar steady flow calculation, it would be advantageous 
to utilize this acceleration technique for time-dependent flow calculations as 
well. In recent calculations for two dimensional unsteady flows, Jorgensen 
and Chima [40] demonstrated that a variant of the implicit residual smooth
ing technique could be incorporated into a time-accurate explicit method to 
permit the use of larger calculation time increments without adversely af
fecting the results of the unsteady calculation. The implementation of this 
residual smoothing scheme reduced the CPU time for their calculation by a 
factor of five. This so-called time-accurate implicit residual smoothing op
erator was then also demonstrated by Rao and Delaney [41] for a similar 
two-dimensional unsteady calculation. Although this "time-accurate" im
plicit residual smoothing scheme is not developed theoretically to accurately 
provide the unsteady solution, it can be demonstrated that errors introduced 
through this residual smoothing process are very local in nature, and are gen
erally not greater than the discretization error. 

The standard implicit residual smoothing operator can be written as: 

(3.67) 

where the residual Rm is defined as: 

(3.68) 

for each of the m stages in the Runge-Kutta multistage scheme. Here Qm 
is the sum of the convective and diffusive terms, Dm the total dissipation at 
stage m, and Rm the final (smoothed) residual at stage m. 

The smoothing reduction is applied sequentially in each coordinate direc
tion as: 

R;" = (1 - €e 6 e Vet l Rm 

R;: = (1 - €f1 6f1 Vf1tl R;" 

R;:* = (1 - €( 6( Vc:)-I R;: 
i4n = R;:* (3.69) 

w here each of the first three steps above requires the inversion of a scalar 
tridiagonal matrix. The application of the residual smoothing operator varies 
with the type of Runge-Kutta time marching scheme selected. The full four 
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and five stage time-marching schemes utilize residual smoothing at each stage 
of the Runge-Kutta integration. The reduced four stage scheme employs 
residual smoothing at the second and fourth stages only. 

The use of constant coefficients (to) in the implicit treatment has proven 
to be useful, even for meshes with high aspect ratio cells, provided addi
tional support such as enthalpy damping (see [37]) is introduced. Unfortu
nately, the use of enthalpy damping, which assumes a constant total enthalpy 
throughout the flowfield, cannot be used for an unsteady flow, and many 
steady flows where the total enthalpy may vary. It has been shown that the 
need for enthalpy damping can be eliminated by using variable coefficients 
in the implicit treatment which account for the variation of the cell aspect 
ratio. Martinelli [29] derived a functional form for the variable coefficients for 
two-dimensional flows which are functions of characteristic wave speeds. In 
this study, the three-dimensional extension described by Radespiel et al. [38] 
is utilized, and is expressed as: 

(3.70) 

€ - max 0 - -1 ( 
1 [ C F L 1 + max(re1)r~( )]2 ) 

1)- '4 CFLm=1+max(rel')r(l')) 
(3.71) 

( 
1[ CFL 1+max(r~(re()]2 ) 

€( - max 0 - -1 
- '4 CFLm=l + max(rl')(red 

(3.72) 

C F L represents the local value of the C F L number based on the calcula
tion time increment llt, and C F Lmaz represents the maximum stable value of 
the C F L number permitted by the unmodified scheme (normally, in practice, 
this is chosen as 2.5 for a four stage scheme and 3.5 for a five stage scheme, 
although linear stability analysis suggests that 2V2, and 3.75 are the the
oretical limits for the four and five stage schemes, respectively). From this 
formulation it is obvious then that the residual smoothing operator is only 
applied in those regions where the local C F L number exceeds the stability
limited value. In this approach, the residual operator coefficient becomes 
zero at points where the local C F L number is less than that required by 
stability, and the influence of the smoothing is only locally applied to those 
regions exceeding the stability limit. Practical experience involving unsteady 
flow calculations suggests that for a constant time increment, the majority 
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of the flowfield utilizes C F L numbers less than the stability-limited value 
to maintain a reasonable level of accuracy. Local smoothing is therefore 
typically required only in regions of small grid spacing, where the stability
limited time step is very small. Numerical tests both with and without the 
time-accurate implicit residual smoothing operator for the flows of interest 
in this study were found to produce essentially identical results, while the 
time-accurate residual smoothing resulted in a decrease in CPU time by a 
factor of 2-3. In practice, the actual limit on the calculation C F L number 
were determined to be roughly twice the values specified for C F Lm=, above. 

3.11 Multigrid Convergence Acceleration 

Multigrid (not to be confused with a multiple blocked grid!) is a numerical 
solution technique which attempts to accelerate the convergence of an itera
tive process (such as a steady flow prediction using a time-marching scheme) 
by computing corrections to the solution on coarser meshes and propagating 
these changes to the fine mesh through interpolation. This operation may be 
recursively applied to several coarsenings of the original mesh to effectively 
enhance the overall convergence. In the present multigrid application, coarse 
meshes are derived from the preceding finer mesh by eliminating every other 
mesh line in each coordinate direction as shown in Figure 3.9. As a result, 
the number of multigrid levels (coarse mesh divisions) is controlled by the 
mesh size, and, in the case of the ADPAC08 code, also by the indices of 
the embedded mesh boundaries (such as blade leading and trailing edges, 
etc.) (see Figure 3.9). These restrictions suggest that mesh blocks should be 
constructed such that the internal boundaries and overall size coincide with 
numbers which are compatible with the multigrid solution procedure (i.e., 
the mesh size should be 1 greater than any number which can be divided by 
2 several times and remain whole numbers: e.g. 9, 17,33,65 etc.) 

The multigrid procedure is applied in a V-cycle as shown in Figure 3.10, 
whereby the fine mesh solution is initially "injected" into the next coarser 
mesh, the appropriate forcing functions are then calculated based on the dif
ferences between the calculated coarse mesh residual and the residual which 
results from a summation of the fine mesh residuals for the coarse mesh cell, 
and the solution is advanced on the coarse mesh. This sequence is repeated 
on each successively coarser mesh until the coarsest mesh is reached. At 
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Multigrid Mesh Level Decomposition 

Fine Mesh 
(Levell) 

Coarse Mesh 
(Level 2) 

Coarse Mesh 
(Level 3) 

Figure 3.9: Multigrid Mesh Coarsening Strategy and Mesh Index Relation 
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this point, the correction to the solution (Qf.1l- Qi,j,./e) is interpolated to the 
next finer mesh, a new solution is defined on that mesh, and the interpolation 
of corrections is applied sequentially until the finest mesh is reached. Fol
lowing a concept suggested by Swanson et al. [38], it is sometimes desirable 
to smooth the final corrections on the finest mesh to reduce the effects of 
oscillations induced by the interpolation process. A constant coefficient im
plementation of the implicit residual smoothing scheme described in Section 
3.5 is used for this purpose. The value of the smoothing constant is normally 
taken to be 0.2. 

A second multigrid concept which should be discussed is the so-called 
"full" multigrid startup procedure. The "full" multigrid method is used to 
initialize a solution by first computing the How on a coarse mesh, performing 
several time-marching iterations on that mesh (which, by the way could be 
multigrid iterations if successively coarser meshes are available), and then 
interpolating the solution at that point to the next finer mesh, and repeating 
the entire process until the finest mesh level is reached. The intent here is 
to generate a reasonably approximate solution on the coarser meshes before 
undergoing the expense of the fine mesh multigrid cycles. Again, the "full" 
multigrid technique only applies to starting up a solution. 

3.12 Solution Procedure 

The overall solution procedure begins by defining a set of initial data, and ad
vancing the solution from that point forward in time until the desired solution 
(steady state, time-periodic, or finite time interval) has been reached. Initial 
data is normally specified as a uniform How, or may be read in as a "restart" 
of a previous existing solution. Normally, for steady How calculations, the 
"full" multigrid startup procedure is utilized to accelerate convergence by 
initializing the solution on a coarse mesh before incurring the expense of fine 
mesh iterations. Steady state solutions are normally deemed converged when 
the average residual R has been reduced by a factor of 10-3

, or when the 
residual has ceased to be reduced. It is possible that for some steady How 
calculations, the solution is truly unsteady (i.e. - vortex shedding behind a 
circular cylinder) and in these cases the residual may not be reduced beyond 
a certain limit. 
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Multigrid V -Cycle Strategy o ~ Advance Solution on Current Mesh 

D ~ Update Solution with Corrections 

Mesh Level 

I , 

Corrections 
Sample cycle shown is for 
four level multigrid 

Interpolate 
Corrections 

Interpolate 
Corrections 

Figure 3.10: Multigrid V Cycle Strategy 
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Chapter 4 

MARK II VANE CASCADE 
2-D HEAT TRANSFER 
CALCULATIONS 

In order to assess the accuracy of the ADPACOB analysis of turbine vane 
heat transfer, and to provide some measure of the effect of geometry on 
solution behavior, several preliminary 2-D calculations were performed for 
the Mark II vane cascade described in Reference [1]. This airfoil has been 
tested extensively through both experimental measurements and through 
numerical analysis [1]. 

4.1 Mark II Vane Cascade Description 

The Mark II design is characteristic of an advanced first stage core turbine. 
The experimental data used for this preliminary set of comparisons were 
derived from Reference [1]. Experimental data were taken for two different 
exit Mach numbers (0.9 and 1.05) in a linear cascade facility. A complete 
description of the cascade facility and test procedure and data reduction 
are given in Reference [1] . Details of the Mark II vane design are given in 
Table 4.1. 

An interesting feature of this test case is that at the exit :Bow Mach num
bers tested, a strong normal shock forms on the suction surface of the airfoil 
at approximately 40% axial chord. This feature contrubutes to the robust-
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Mark II Vane Cascade Design Parameters 

Setting Angle 63.69 degrees 
Air Exit Angle 70.96 degrees 
Throat 1.568 inches 
Vane Height 3.000 inches 
Vane Spacing 5.108 inches 
Suction Surface Arc 6.274 inches 
Pressure Surface Arc 5.098 inches 
True Chord 5.363 inches 
Axial Chord 2.698 inches 

Table 4.1: Mark II Vane Cascade Design Parameters 

ness of the Navier-Stokes solution approach (as opposed to a boundary layer 
code) in that heat transfer in the shock-induced separation and subsequent 
reattachment regions can be accurately predicted whereas pressure-gradient 
specification boundary layer schemes will fail due to the singularity of the 
equations for these flow conditions. 

4.2 Mark II Vane Cascade Mesh Generation 

The ADPAC08 analysis was applied to the Mark II vane during this prelimi
nary study to predict both aerodynamic and heat transfer performance. The 
calculations were performed using 2-D C-type meshes generated using the 
JERRYC/TOMC mesh generation system developed for the TRAF2D [15] 
code, and are similar in construction to the 3-D mesh which was generated 
for the 3-D discrete site film-cooling calculations for the C3X airfoil described 
later in this report. An illustration of the C-type mesh is given in Figure 4.3. 

The C-grid generated by the JERRYC/TOMC combination has a non
contiguous mesh connection along the approximate wake centerline extending 
from the vane trailing edge. This mesh boundary is handled by the TRAF 
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boundary procedure in the ADPACOB code. The datajc and airfoil.dat 
files used by the JERRYC mesh generation code for the finest mesh (Mesh 
#5) are listed in Appendix A. The corresponding ADPACOB input file and 
boundary data file for the calculation of the Mark II airfoil are also given in 
A ppendix A for reference. 

4.3 Mark II Vane 2-D Heat Transfer Mesh 
Dependence Study 

In order to quantify the effects of mesh density on' predicted aerodynamic 
and heat transfer performance, a mesh dependence study was performed for 
the Mark II vane geometry. A series of five meshes with increasing mesh 
density were analyzed at identical flow conditions, and predicted airfoil sur
face static pressure distributions and heat transfer coefficient distributions 
were compared to determine the minimum mesh density required for mesh
independent heat transfer results. This minimum mesh density was then 
later applied to predict additional flow cases for the Mark II airfoil cascade. 
The flow conditions selected for this study correspond to Run 4321 of the 
Mark II airfoil described in Reference [1]. The exit Mach number is 0.89, 
inlet total pressure and total temperature were 38.33 psia and 1389 degrees 
R, respectively. 

A common measure of mesh integrity for heat transfer predictions is the 
near wall value of y+ defined as: 

where y is the distance from the wall to the first mesh point off the wall, 
Pwall is the density at the wall, Twall is the wall shear stress, and Vwall is the 
kinematic viscosity at the wall. Most studies recommend a near wall mesh 
spacing resulting in a y+ value of 3.0 or less in order to place at least one mesh 
point in the laminar sublayer of the boundary layer flow. This restriction is 
necessary to accurately predict near wall flow characteristics such as skin 
friction and heat transfer. In each of the results presented below, detailed 
measures of the mesh refinement are given in the form of near airfoil surface 
mesh y+ plots . 
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Predicted airfoil surface heat transfer coefficients were determined by the 
following first order approximation 

h 
_ -k(Tnearwall - Twall ) 

.ur face - ( ) 
fl. n T total ,Jree.tream - TWall 

where h.urface is the airfoil surface heat transfer coefficient, k is the fluid 
thermal conductivity, Twall and Tnearwall are the fluid static temperatures at 
the wall and the first mesh point off the wall, respectively, Ttotal,jree.tream is 
the freestream total temperature, and fl.n is the dis tance between the wall 
and the first mesh point off the wall (the mesh is assumed to be normal to 
the wall at the airfoil surface). The fluid thermal conductivity is evaluated 
from a constant value of the Prandtl number defined as 

CpIL 
Pr = - = 0.69 

k 

wher Cp is the specific heat at constant pressure, and IL is t he fluid viscosity 
evaluated using the Suthe!land formula [35]. The value of 0.69 for the Prandtl 
number was selected from a chart of Prandtl number versus temperature for 
air [16] evaluated at the average of the fluid total and wall temperatures. 
All presented heat transfer values are normalized by a reference value of 200 
BTU / hr/ft2 /F. 

Details of the five meshes employed in the mesh dependence study are 
presented in Table 4.2. The first four meshes were designed to increase both 
the number of normal (mesh lines around the airfoil) and the number of 
contour (mesh lines away from the airfoil) mesh lines used in the C-type 
mesh. The fifth mesh increased the number of contour mesh lines only. 
Each increase in the number of contour mesh lines was accompanied by a 
reduction in the minimum spacing employed between adjacent contours at the 
airfoil surface. Graphical illustrations of the five mesh systems are presented 
in Figures 4.3-4.7 along with the predicted Mach number contours for a 
transitional flow. Each mesh was generated such that 3 levels of multigrid 
were available to the ADPAC08 during execution. Each run for all five meshes 
were performed by using the full multigrid initialization procedure, using 100 
iterations on each coarse mesh level, followed by 300 iterations on the fine 
mesh. 

Preliminary computations indicated that for the coarser meshes, the so
lution convergence normally encountered a limit cycle after 100 fine mesh 
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iterations due to numerical "noise" in the turbulence model. The source 
of the turbulence model "noise" was traced to the calculation of the Ymaz 
parameter associated with the Fmaz parameter in the outer portion of the 
Baldwin-Lomax turbulence model (see Section 3.5). During the evaluation 
of the turbulence model, a discrete search is performed along the grid lines 
extending normal to the airfoil surface to determine the computational cell 
with the maximum value of F(y) in the turbulent boundary layer. The dis
tance from the airfoil surface where F(y) peaks, Ymaz, is then used in the 
evaluation of the turbulent viscosity for the outer portion of the Baldwin 
Lomax turbulence model. During the course of the time-marching solution, 

the actual mesh cell where F(y) peaks occaisionally varies from one mesh 
index to the next (perhaps occurring at j=l1 at one iteration and then at 
j=12 at the next iteration). This change results in a finite "jump" in the 
value of Ymaz since Yma:e is not a continuous function, but is represented by 
the discrete values associated with the mesh. This "jumping" from itera
tion to iteration in the value of Yma:e was the direct cause of the turbulence 
model "noise" which caused the limit cycle in the overall solution conver
gence. This limit cycle normally centered around a log10 RMS residual level 
of -6.5 to -7.5, which is normally considered to be a converged solution. It 
was desirable to analyze the effect of convergence level on predicted airfoil 
surface heat transfer, and it was therefore important to be able to achieve so
lutions at lower convergence levels. To counter this problem, a strategy was 
adopted whereby the turbulent viscosity was "frozen" after 150 nne mesh 
iterations, resulting in overall convergence levels a full order of magnitude 
lower than those achievable when the turbulence parameters were updated 
at every iteration. The effect on convergence for this procedure is illustrated 
in Figure 4.1. This ngure compares the convergence history behavior for two 
calculations at the same operating condition. The nrst calculation utilized 
the standard approach whereby the turbulence model is updated at every 
iteration throughout the calculation. The second calculation employs the 
frozen turbulence modeling scheme described above. The limit cycle associ
ated with the standard turbulence model application is clearly present after 
approximately 370 total iterations (200 on coarse meshes + 160 on the nne 
mesh). Freezing the turbulent viscosity after 150 nne mesh iterations (350 
total iterations) results in a continuous decline in the solution convergence 
to a log10 RMS value below -8.5. No discernable difference was observed 
between the standard turbulence model approach (limit cycle convergence) 
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Mark IT Vane Cascade Mesh Dependence Study 
Mesh Geometric Parameters 

Mesh Size Normal # Pts. # Pts. #Pts. #Pts. 
Mesh S.S. P.S. Wake Inlet 
Spacing 
at Airfoil 
Surface 1 

Mesh #1 145x25 0.000250 48 24 24 8 
Mesh #2 193x33 0.000100 64 32 32 8 
Mesh #3 289x41 0.000050 96 48 48 16 
Mesh #4 385x49 0.000025 128 64 64 16 
Mesh #5 385x65 0.000010 128 64 64 16 

1- normalized by airfoil axial chord 

Table 4.2: Mark II Vane Cascade Mesh Dependence Study Mesh Parameters 

results and the frozen turbulence model results for heat transfer coefficient as 
demonstrated in Figure 4.2. This figure compares the predicted airfoil sur
face heat transfer coefficient distributions for the two calculations described 
above. The differences between the two heat transfer coefficient distributions 
are so slight that it was concluded that the distributions were esentially in
dependent of convergence at this 10glO RMS residual level. Although the 
turbulence model limit cycle was evident only in the coarser meshes, the 
frozen turbulence model strategy was adopted for all of the calculations in 
the Mark II mesh dependence study. 

The following paragraphs describe results from the Mark II vane cascade 
mesh dependence study. The ADPAC08 analysis was applied to the Mark 
II cascade in three different modes for each of the 5 meshes. The first mode 
was based on purely laminar flow, the second on fully turbulent flow, and the 
third was based on transitional flow calculations. The purpose of the fully 
laminar and fully turbulent flow calculations was to pinpoint the accuracy 
of the calculation in the laminar flow region (near the leading edge) and 
to demonstrate the requirement for accurate transition modeling for turbine 
airfoil heat transfer analysis. 
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Figure 4.1: Mark II Vane Mesh Dependence Study Frozen Turbulence Model 
Strategy Convergence History Comparison 
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Figure 4.3: Mark II Vane Cascade Mesh Dependence Study - Mesh #1 
(145x25) Mesh System and Predicted Mach Number Contours 
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Figure 4.4: Mark II Vane Cascade Mesh Dependence Study - Mesh #2 
(193x33) Mesh System and Predicted Mach Number Contours 
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Figure 4.5: Mark II Vane Cascade Mesh Dependence Study - Mesh #3 
(241x41) Mesh System and Predicted Mach Number Contours 
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Figure 4.6: Mark II Vane Cascade Mesh Dependence Study - Mesh #4 
(385x49) Mesh System and Predicted Mach Number Contours 
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Figure 4.7: Mark II Vane Cascade Mesh Dependence Study - Mesh #5 
(385x65) Mesh System and Predicted Mach Number Contours 
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Comparisons of the predicted and experimental airfoil surface static pres
sure ratio distributions for the laminar flow calculations are given in Fig
ure 4.8 for the 5 meshes generated for the mesh dependence study. The 
strong shock on the suction surface causes massive separation for the lam
inar flow analysis, and these results are not particularly realistic or useful, 
but are reported here for completeness. Similar comparisons of the predicted 
and experimental airfoil surface heat transfer coefficient distributions for the 
laminar flow calculation is given in Figure 4.9. The interesting feature here 
is that good agreement with the experimental data was observed near the 
stagnation point (ostensibly because the flow is laminar there), and over a 
portion of the pressure surface of the airfoil. It will later be shown that 
while the laminar flow solution somewhat underpredicts heat transfer on the 
airfoil pressure surface, the fully turbulent and transitional flow solutions 
overpredict the pressure surface heat transfer coefficients, which indicates 
the presence of an unusual state of transition on the airfoil pressure sur
face. The resulting near airfoil surface y+ distributions for the laminar flow 
calculations on the five meshes are compared in Figure 4.10. 

Comparisons of the predicted and experimental airfoil surface static pres
sure ratio distributions for the fully turbulent flow calculations are given in 
Figure 4.11 for the 5 meshes generated for the mesh dependence study. In this 
case, the flow remains essentially attached downstream of the strong shock 
on the suction surface and the predicted pressure distributions are in excel
lent agreement with the experimental measurements. Discrepancies between 
the various predictions are discussed further in the section dealing with the 
transitional flow predictions below. A comparison of the fully turbulent pre
dicted and experimental airfoil surface heat transfer coefficient distributions 
is given in Figure 4.12. Now the interesting feature is that the calculated 
stagnation region and pressure surface heat transfer coefficient distributions 
are overpredicted by the fully turbulent analysis, and, to a lesser extent, 
on the suction surface. The resulting near airfoil surface y+ distributions 
for the fully turbulent flow calculations on the five meshes are compared in 
Figure 4.13. 

Calculations based on transitional flow for the Mark II vane cascade em
ployed the C-type mesh turbulence modeling scheme described in Section 
3.5. The pressure surface was treated as fully turbulent, while the suction 
surface assumed a natural transition based on a Baldwin and Lomax [23] 
transition parameter (OJ') value of 14.0. Predicted Mach number contours 
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Figure 4.8: Mark II Vane Cascade Mesh Dependence Study - Comparison of 
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Figure 4.10: Mark II Vane Cascade Mesh Dependence Study - Comparison 
of Predicted (Laminar Flow) Near Airfoil Surface Mesh y+ Values. 

57 
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Figure 4.11: Mark II Vane Cascade Mesh Dependence Study - Comparison 
of Predicted (Fully Turbulent Flow) and Experimental Airfoil Surface Static 
Pressure Ratio Distributions. 
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Figure 4.13: Mark II Vane Cascade Mesh Dependence Study - Comparison 
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for each of the five meshes used in the mesh dependence study are presented 
in Figures 4.3-4.7, respectively. Details of the suction surface shock, rapid 
accelereation on the pressure surface, and wake flow may be compared as 
the mesh is refined. In particular, the sharpness of the shock is visually im
proved by streamwise mesh refinement. Comparisons of the predicted and 
experimental airfoil surface static pressure ratio distributions for the tran
sitional flow calculations is given in Figure 4.14 for the 5 meshes generated 
for the mesh dependence study. Again, the How remains essentially attached 
downstream of the strong shock on the suction surface and the predicted 
pressure distributions are in excellent agreement with the experimental mea
surements for every mesh. However, the presence of the normal shock on 
the suction surface of the airfoil causes some differences in the vicinity of 
the shock for the first four meshes considered in the mesh dependence study. 
These differences are clearly displayed in the vicinity of the minimum pres
sure on the airfoil which exists just upstream of the shock. Increasing the 
streamwise spatial resolution along the aurface of the airfoil results in a finer 
representation of this shock, and true mesh independence was not achieved 
in the present set of meshes due to this behavior. (Note that Mesh #4 and 
#5 appear to be in good agreement because only the normal distribution of 
mesh points was altered to obtain Mesh #5 from Mesh #4.) Comparisons 
of the transitional predicted and experimental airfoil surface heat transfer 
coefficient distributions are given in Figure 4.15. In the ADPAC08 transi
tional calculation, transition was only permitted on the suction surface of 
the airfoil. Initial calculations using the Baldwin-Lomax transition strategy 
described in Section 3.5 for the pressure surface of the airfoil indicated that 
transition would normally occur at approxiumately 20% axial chord on the 
pressure surface, but then the flow would relaminarize farther downstream 
due to the rather strong favorable pressure gradient. This relaminarization is 
clearly not indicated in the experimentally-derived heat transfer coefficients, 
and as a result of the relatively unknown state of transition on the pressure 
surface, the flow was simply treated as fully turbulent from the leading edge 
to the trailing edge on the pressure side of the airfoil. As a result, the pres
sure surface predictions are generally higher than the experimental data over 
most of the pressure surface. It appears that the heat transfer predictions 
from Mesh #3, $4, and #5, are very nearly mesh independent, and this ob
servation ultimately led to the conclusions regarding mesh independent heat 
transfer predictions described in the next paragraph. 
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The near airfoil surface y+ distributions for the transitional flow calcu
lations on the five meshes are compared in Figure 4.16. For heat transfer 
applications, it is normally recommended that a minimum y+ value of 3.0 or 
less be maintained for the near airfoil surface mesh to achieve accurate heat 
transfer results. From this study, it appears that Meshes #3, #4, and #5 
satisfy this criteria, and the predicted heat transfer results would appear to 
confirm the accuracy of this meausre. 

4.4 Mark II Vane 2-D Heat Transfer Oper
ating Point Study 

Following the mesh dependence study, two mesh systems were constructed 
and evaluated for four different cascade operating points for the Mark II 
cascade. The coarsest mesh system used was the 193x33 mesh illustrated in 
Figure 4.17. This mesh incorporates 97 points about the airfoil and has a near 
wall mesh spacing of 10-4 inches. A finer mesh (385x49) was also generated 
and is illustrated in Figure 4.18. This mesh utilizes 193 points about the 
airfoil and has a near wall mesh spacing of 1.0x10-5 inches. Results from the 
mesh dependence study suggest that near airfoil mesh y+ values of 3.0 or less 
are required to establish the mesh independence of the numerical solution. 
For comparison, the computed near airfoil surface mesh distributions of y+ 
for the two meshes previously described for the Mark II airfoil are plotted in 
Figure 4.19 for a flow Mach number of 0.9, and exit flow Reynolds number of 
1,550,000. The finer mesh clearly satisfies the y+ < 3 criteria over the entire 
airfoil surface, while the coarser mesh does not. It is therefore expected 
that t he results for the finer mesh are probably representative of the mesh 
independent result. 

The cascade operating points used in the comparisons for the Mark II 
vane are given in Table 4.3. The Mark II results are categorized based on 
the exit Mach number (either 0.9 or 1.05). Calculations for the 0.9 exit 
Mach number case were performed for two Reynolds numbers (1,550,000 and 
2,500,000) as shown in Table 4.3. Similarly, two Reynolds numbers (2,000,000 
and 2,500,000) were also computed for the 1.05 Mach number flow. The 
ADPAC08 convergence history for the coarse mesh (193x33) calculation is 
available in Figure 4.1 for the 0.9 Mach number, 1,550,000 Reynolds number 
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Figure 4.14: Mark II Vane Cascade Mesh Dependence Study - Compari
son of Predicted (Transitional Flow) and Experimental Airfoil Surface Static 
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Figure 4.16: Mark II Vane Cascade Mesh Dependence Study - Comparison 
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Figure 4.17: Mark II Vane Cascade 193x33 2-D C-Grid Mesh System 
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Figure 4.18: Mark II Vane Cascade Operating Point Study 385x49 2-D C
Grid Mesh System 
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System Airfoil Surface y+ Values 

68 

---- ... _- _._- --- --



Mark II Turbine Vane Flow Conditions for ADPAC Code Verification 

1 
Run Code Exit Mach ExltRe 

Uncooled 4311 0.90 1.56E+06 
4321 0.89 1.55E+06 
5411 1.04 2.01E+06 
5421 1.04 2.05E+06 
5511 1.04 2.51E+06 

1 - Run Code taken from NASA CR-I68015 
2 - Pounds per square foot 

3 - Degrees Rankine 

Tcffg PdPg 
2 3 

Twffg Ptl Ttl 

0.71 5774.40 1445.0 
0.70 5519.52 1389.0 
0.68 7040.16 1418.0 
0.70 7237.44 1429.0 
0.71 8213.76 1339.0 

Runs 4311, 5411, 5511 Tu = 6.5% 
Runs 4321, 5421 Tu=8.3% 

Table 4.3: Mark II Vane Cascade Calculation Operating Point Description 

case. All calculations utilized three levels of multigrid, and the full multigrid 
initialization procedure. The frozen turbulence model strategy described in 
the previous section was utilized for all of the Mark II vane cascade calcu
lations . Convergence was observed to be very stable and uniform for each 
case, and a three order reduction in the solution residual is achieved after 
a total of 300 iterations (100 on each coarse mesh level followed by 100 fine 
mesh iterations). A similar convergence behavior was observed for all other 
runs for the Mark II airfoil, and therefore, additional convergence histories 
will not be presented for each case. 

Comparisons of predicted and experimental airfoil surface static pressure 
distributions and airfoil surface heat transfer coefficient distributions for the 
Mark II airfoil at an exit Mach number of 0.9 and exit flow Reynolds numbers 
of 1,550,000 and 2,500,000 (based on true chord) are given in Figures 4.20 
and 4.21, respectively. Both the coarse (193x33) and fine (385x49) mesh 
predictions are plotted on each figure. 

Again, the most striking feature of this flow is the presence of a normal 
shock on the suction surface of the airfoil at roughly 40% axial chord. The 
predicted and experimental airfoil static pressure distributions clearly depict 
the large overspeed and rapid compression associated with the shock system. 
Both the fine and coarse mesh solutions accurately capture this flow, and out
standing agreement with the experimental static pressure distributions was 
achieved. The predicted heat transfer distributions were also found to be in 
very good agreement with the experimental data. This is achieved, in part, 
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Figure 4.20: Comparison of Predicted and Experimental Airfoil Surface 
Static Pressure Ratio Distribut ions for Mark II Vane Cascade Operating 
Point Study (M2=0.89) 
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Figure 4.21: Comparison of Predicted and Experimental Airfoil Surface Heat 
Transfer Coefficient Distributions for Mark II Vane Cascade Operating Point 
Study (M2=O.9) 
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Figure 4.22: Comparison of Predicted and Experimental Airfoil Surface 
Static Pressure Ratio Distribut ions for Mark II Vane Cascade Operating 
Point Study (M2=l.05) 
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due to the normal shock, which initiates transition in a rapid manner, much 
like the point transition model in the ADPAGOB code. The absolute levels 
of heat transfer downstream of the leading edge and transition regions are 
generally overpredicted. There are substantial differences between the coarse 
and fine grid heat transfer coefficient distributions. In fact, the coarse grid 
results appear to match the experimental better than the fine mesh results. 
This observation demonstrates the absolute necessity for determining the 
true mesh dependence of any numerical scheme for predicting heat transfer, 
a qualification that many researchers choose to ignore. A promising obser
vation is that the effective change in heat transfer levels due to changes in 
Reynolds numbers appears to be accurately captured by the ADPAGOB code 
for both meshes. This suggests that differences in design configurations might 
be accurately predicted in spite of the fact that the absolute levels of heat 
transfer are not. 

Comparisons of predicted and experimental airfoil surface static pressure 
distributions and airfoil surface heat transfer coefficient distributions for the 
Mark II airfoil at an exit Mach number of 1.05 and exit flow Reynolds number 
based on true chord of 2,000,000 and 2,500,000 are given in Figures 4.22 
and 4.23, respectively. Once again, the agreement between experiment and 
prediction is very good, and the same trends observed in the 0.9 exit Mach 
number case were found in the 1.05 Mach number cases. No significant 
difference were observed in the airfoil surface static pressure distributions at 
Reynolds numbers of 2,000,000 and 2,500,000. The predicted heat transfer 
coefficient distributions display the observed experimental trend of increased 
heat transfer levels as Reynolds number increases. The overall agreement 
between prediction and experiment is thought to be very good, in spite of 
the known deficiencies of the ADPAGOB turbulence model. 

It should be mentioned that several sources of error are present which 
could account for some of the differences between predicted and experimen
tal heat transfer coefficient values. The calculations were performed with a 
constant airfoil surface temperature, while the experimental data shows a 
nontrivial variation in airfoil surface temperature. For the purposes of sim
plifying the calculations, a constant gas Prandtl number was employed. The 
solutions also assume a fully turbulent pressure surface, although the real 
flow situation is more likely a long, gradual transition along the pressure 
surface. The margin of error in the experimentally-determined heat trans
fer coefficients is reported to be as large as + / - 6.8% near the leading edge 
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to + / - 23.5% near the airfoil trailing edge, so clearly, detailed comparisons 
cannot be interpreted too literally. 
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Chapter 5 

C3X VANE CASCADE 2-D 
HEAT TRANSFER 
CALCULATIONS 

Several preliminary 2-D calculations were performed for the C3X vane cas
cade described in Reference [1]. This airfoil has been tested extensively 
through both experimental measurements and through numerical analysis [1]. 
These calculations address the baseline geometry used in comparison with 
the film-cooled C3X turbine airfoil results described in the next chapter. 

5.1 C3X Vane Cascade Description 

The C3X airfoil is an Allison-designed film cooled turbine vane, experimen
tally tested in a planar cascade under NASA contract (References [1],[2],[3]). 
The C3X airfoil is shown in Figure 6.1. The C3X geometry is representative 
of a first vane in a modern high pressure turbine. Additional descriptions 
of the C3X cascade, and particularly the film cooling geometry are given in 
Chapter 5.0. The remainder of this chapter is dedicated to details associated 
with a series of 2-D heat transfer predictions for the non-cooled C3X vane 
cascade. A mesh dependence study and an operating point study (similar to 
those previously descibed for the Mark II vane cascade) are described in the 
paragraphs below for the C3X vane cascade. 

The experimental data used for this preliminary set of comparisons were 
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C3X Vane Cascade Design Parameters 

Setting Angle 
Air Exit Angle 
Throat 
Vane Height 
Vane Spacing 
Suction Surface Arc 
Pressure Surface Arc 
True Chord 
Axial Chord 

59.89 degrees 
72.38 degrees 
1.296 inches 
3.000 inches 
4.635 inches 
7.001 inches 
5.403 inches 
5.706 inches 
3.077 inches 

Table 5.1: C3X Vane Cascade Design Parameters 

derived from References [1] and [2] . Experimental data were taken for two 
different exit Mach numbers (0.9 and 1.05) in a linear cascade facility. A 
complete description of the cascade facility and test procedure and data 
reduction are given in Reference [1]. Details of the C3X vane design are 
given in Table 5.1. 

5.2 C3X Vane Cascade Mesh Generation 

The ADPAC08 analysis was applied to predict the two-dimensional flow 
about the C3X vane during this preliminary study to predict both aerody
namic and heat transfer performance. The calculations were performed using 
2-D C-type meshes generated using the JERRYCjTOMC mesh generation 
system developed for the TRAF2D [15] code, and are similar in construction 
to the 3-D mesh which was generated for the 3-D discrete site film-cooling 
calculations for the C3X airfoil described later in this report. These C-type 
meshes are similar to those described earlier for the Mark II vane cascade. 

During the course of the 2-D C3X calculations, an interesting phenomenon 
related to geometry and mesh generation was observed. As part of the mesh 
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, 
dependence study described below for the C3X vane cascade, ADPAC08 so-
lutions were obtained for a series of meshes with increasing mesh density, 
similar to the study performed for the Mark II vane cascade using the dis
crete point geometry definition provided in Reference [1] . Predictions from 
the 2-D analysis displayed a series of oscillations in blade surface static pres
sure on the suction surface of the airfoil between 30% and 40% axial chord, 
near the throat. These oscillations were not found to exist in previous calcu
lations using coarser meshes, and an investigation was launched to determine 
the cause of this behavior. 

The predicted oscillations were found to be particularly sensitive to the 
mesh point distribution on the airfoil surface. The following meshes were 
studied: 

- A coarse mesh developed using the JERRYC/TOMC [15] mesh genera
tion programs for the non-cooled vane. The mesh dimensions were 193x25 
(normals by contours). 

- A finer mesh developed using JERRYC/TOMC for the non-cooled vane. 
The mesh dimensions were 497x65 (normals by contours). 

- A mesh developed using GRIDGEN. This grid has a concentration of points 
near the leading edge for the resolution needed for film cooling. The dimen
sions are 497x65 normals by contours. 

Several additional meshes were eventually generated by modifying the 
interpolation scheme utilized to distribute mesh points on the airfoil suction 
surface. The suction surface of the GRIDGEN mesh was modified for each 
interpolated definition of the vane, and aerodynamic results were obtained 
from the ADPAC08 code. 

The airfoil surface static pressure distributions for the various meshes 
are compared with experimental data in Figure 5.1. The GRIDGEN meshes 
which are to be used for film cooling result in much larger pressure oscillations 
than the meshes for a non-cooled vane because of the increased number of 
points in the area of interest. 

Two factors which affect the oscillations in the surface static pressure 
ditribution are surface curvature and the near wall mesh distribution. The 
oscillations in the surface static pressure distribution are caused by a step 
discontinuity in the slope of the surface curvature of the points that define 
the airfoil shape. This slope discontinuity is located in the same area as the 
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Figure 5.1: Comparison of Predicted and Experimental Airfoil Surface Static 
Pressure Distributions for the C3X Vane Cascade illustrating Suction Surface 
Pressure Oscillations Due to Geometric Irregularity. 
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pressure oscillations. The aerodynamic response to the irregular surface is 
amplified by the fact that the disturbance occurs near the sonic point on the 
suction surface. 

To correct this anomoly, several methods of defining the airfoil geometry 
have been used. Figure 5.2 illustrates the suction surface curvature distri
bution for the original vane definition (78 points), an Akima cubic spline 
fit of the original data, and a piece-wise cubic fit of the original definition. 
Note that the irregularity of the blade definition curvature causes overshoot 
in both interpolation methods. 

A NURBS definition of the airfoil was provided by NASA Lewis Research 
Center personnel in the form of an IGES entity. Various manipulations were 
performed on this geometric representation but again a satisfactory blade 
profile could not be obtained. Ultimately, the vane surface was modified us
ing an optimization technique to obtain a favorable pressure gradient in the 
area of interest (surface oscillations characteristically displayed non-favorable 
surface pressure gradients). This vane surface definition has a smooth cur
vature distribution, as shown in Figure 5.4. The 2-D calculation mesh was 
modified for this airfoil definition, and the ADPAC08 code was used to ob
tain the aerodynamic predictions. The static pressure oscillations along the 
suction surface of the vane were not evident in any of the calculations using 
the optimized smooth airfoil definition. Figure 5.3 compares the static pres
sure distribution along the vane surface from the original definition with the 
optimized airfoil defintion. 

The final datajc and airfoil.dat files used by the JERRYC mesh gen
eration code for the finest mesh in the mesh dependence study (Mesh #5) 
are listed in Appendix B. These files relate to the modified geometry used 
for all final calulations for the C3X airfoil in this report. The corresponding 
ADPAC08 input file and boundary data file for the calculation of the C3X 
airfoil are also given in Appendix B for reference. 

5.3 C3X Vane 2-D Heat Transfer Mesh De
pendence Study 

In order to quantify the effects of mesh density on predicted aerodynamic and 
heat transfer performance, a mesh dependence study was performed for the 
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C3X vane geometry. A series of five meshes with increasing mesh density were 
analyzed at identical flow conditions, and predicted airfoil surface static pres
sure distributions and heat transfer coefficient distributions were compared 
to determine the minimum mesh density required for mesh-independent heat 
transfer results. This minimum mesh density was then later applied to pre
dict additional flow cases for the C3X airfoil cascade. The flow conditions 
selected for this study correspond to Run 4411 of the C3X airfoil described 
in Reference [2]. The exit Mach number is 0.90, inlet total pressure and total 
temperature were 46.34 psia and 1415 degrees R, respectively. 

Details of the five meshes employed in the mesh dependence study are pre
sented in Table 5.2. The first two meshes were designed to increase both the 
number of normal (mesh lines around the airfoil) and the number of contour 
(mesh lines away from the airfoil) mesh lines used in the C-type mesh. The 
third, fourth, and fifth meshes increased the number of contour mesh lines 
only. Each increase in the number of contour mesh lines was accompanied 
by a reduction in the minimum spacing employed between adjacent contours 
at the airfoil surface. Graphical illustrations of the five mesh systems are 
presented in Figures 5.5-5.9 along with the predicted Mach number contours 
for a transitional flow. Each mesh was generated such that 3 levels of multi
grid were available to the ADPAG08 during execution. Each run for all five 
meshes were performed by using the full multigrid initialization procedure, 
using 100 iterations on each coarse mesh level, followed by 300 iterations on 
the fine mesh. The frozen turbulence model strategy described earlier for 
the Mark II vane cascade mesh dependence study was not employed in this 
series of calculations. 

The following paragraphs describe results from the C3X vane cascade 
mesh dependence study. All 2-D flow calculations for the C3X were based on 
transitional flow. Calculations based on transitional flow for the C3X vane 
cascade employed the C-type mesh turbulence modeling scheme described 
in Section 3.5. The pressure surface was treated as fully turbulent, while 
the suction surface assumed a natural transition based on the Baldwin and 
Lomax [23] transition parameter (Gil) value of 14.0. 

A comparison of the convergence histories (in the form of log 10 RMS 
residual summations) are provided in Figure 5.10. No significant differences 
were observed in the convergence histories for the various meshes. Each mesh 
clearly displayed a full four order of magnitude reduction in the residuals for 
each case. 
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Figure 5.5: C3X Vane Cascade Mesh Dependence Study - Mesh #1 (193x33) 
Mesh System and Predicted Mach Number Contours 

86 



Figure 5.6: C3X Vane Cascade Mesh Dependence Study - Mesh #2 (385x49) 
Mesh System and Predicted Mach Number Contours 
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Figure 5.7: C3X Vane Cascade Mesh Dependence Study - Mesh #3 (385x65) 
Mesh System and Predicted Mach Number Contours 
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Figure 5.8: C3X Vane Cascade Mesh Dependence Study - Mesh #4 (385x81) 
Mesh System and Predicted Mach Number Contours 
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Figure 5.9: C3X Vane Cascade Mesh Dependence Study - Mesh #5 (385x97) 
Mesh System and Predicted Mach Number Contours 
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C3X Vane Cascade Mesh Dependence Study 
Mesh Geometric Parameters 

Mesh Size Normal #Pts. #Pts. 
Mesh S.S. P.S. 
Spacing 
at Airfoil 
Surface 1 

Mesh #1 193x33 0.000100 64 32 
Mesh #2 385x49 0.000050 128 64 

Mesh #3 385x65 0.000010 144 72 
Mesh #4 385x81 0.000005 144 72 
Mesh #5 385x97 0.000001 144 72 

1- normalized by airfoil axial chord 

Table 5.2: C3X Vane Cascade Mesh Dependence Study Mesh Parameters) 

Comparisons of the predicted and experimental airfoil surface static pres
sure ratio distributions for the transitional flow calculations are given in Fig
ure 5.11 for the 5 meshes generated for the mesh dependence study. The pre
dicted pressure distributions are in excellent agreement with the experimental 
measurements for every mesh. Comparisons of the transitional predicted and 
experimental airfoil surface heat transfer coefficient distributions are given 
in Figure 5.12. The pressure surface predictions are generally higher than 
the experimental data over most of the pressure surface. The experimental 
data for the suction surface indicate a finite length transition region which 
is not adequately represented by the ADPACOB point transition model. As 
a result, the ADPACOB heat transfer coefficient distributions are rather high 
immediately downstream if the transition point, while the experimental data 
suggest a more gradual rise in heat transfer coeffient. It appears that the 
heat transfer predictions from Meshes #3, #4, and #5, are very nearly mesh 
independent, and this observation ultimately led to the conclusions regarding 
mesh independent heat transfer predictions described in the next paragraph. 

The near airfoil surface y+ distributions for the transitional flow calcu
lations on the five meshes are compared in Figure 5.13. For heat transfer 
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applications , it is normally recommended that a minimum y+ value of 3.0 
or less be maintained for the near airfoil surface mesh to achieve accurate 
heat transfer results. Meshes #3, #4, and #5 satisfy this criteria, and the 
predicted heat transfer results would appear to confirm the accuracy of this 
measure. 

5.4 C3X Vane 2-D Heat Transfer Operating 
Point Study 

Following the mesh dependence study, two mesh systems were constructed 
and evaluated for four different cascade operating points for the C3X cascade. 
The intention here was to evaluate predictions for the C3X vane cascade 
for two different exit Mach numbers (0.9, 1.05) and two different exit flow 
Reynolds numbers (2,000,000 and 2,500,500). The coarsest mesh system used 
was the 193x33 mesh illustrated in Figure 5.14. This mesh incorporates 97 
points about the airfoil and has a near wall mesh spacing of 10-4 inches. 
A finer mesh (497x65) was also utilized in this study and is illustrated in 
Figure 5.15. This mesh was obtained by extracting a single spanwise slice 
from the 3-D mesh generated for the film cooling flow predictions described 
in Chapter 6. This mesh utilizes 383 point points about the airfoil and 
has a near wall mesh spacing of 1.0x10-5 inches. Many of the points along 
the airfoil surface are clustered around the leading edge due to the presence 
of the film cooling holes in the original 3-D mesh (see Chapter 6). The 
computed near airfoil surface mesh distributions of y+ for the two meshes for 
the C3X airfoil operating point study are plotted in Figure 5.16 for a flow 
Mach number of 0.9, and exit flow Reynolds number of 2,000,000. The finer 
mesh clearly satisfies the y+ < 3 criteria over the entire airfoil surface, while 
the coarser mesh does not. It is therefore expected that the results for the 
finer mesh are probably representative of the mesh independent result. 

The cascade operating points used in the comparisons for the C3X vane 
are given in Table 5.3. The C3X results are categorized based on the exit 
Mach number (either 0.9 or 1.05). Calculations for both exit Mach number 
case were performed for two Reynolds numbers (2,000,000 and 2,500,000) 
as shown in Table 5.3. The coarse mesh calculations utilized three levels 
of multigrid, and the full multi grid init ialization procedure. Convergence 
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Figure 5.12: C3X Vane Cascade Mesh Dependence Study - Comparison of 
Predicted (Transitional Flow) and Experimental Airfoil Surface Heat Trans
fer Coefficient Distributions. 
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Figure 5.13: C3X Vane Cascade Mesh Dependence Study - Comparison of 
Predicted (Transitional Flow) Near Airfoil Surface Mesh y+ Values. 
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Figure 5.14: C3X Vane Cascade 193x33 2-D C-Grid Mesh System 
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Figure 5.15: C3X Vane Cascade Operating Point Study 497x65 2-D C-Grid 
Mesh System 
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C3X Turbine Vane Flow Conditions for ADPAC Code Verification 

1 
Run Code ExitMacb ExltRe 

Unc:ooIed 4400 0.90 1.99E~ 

S400 1.05 1.00E~ 

4500 0.89 2.49E~ 

S500 1.05 2.A9E~ 

Cooled 4415 0.90 I.99E~ 

4417 0.90 2.oo~ 

4435 0.89 1 .99~ 

4437 0.90 2.oo~ 

I - Run Code taken rrom NASA CR-174827 

2 - Pounds per square root 
3 - Degrees Rankine 

4 - Pounds per second 

Tclfg 

(min) 0.71 
(min) 0.66 
(max) 0.86 
(max) 0.90 

2 3 
Pc/Pg Twffg Pll Ttl 

0.78 5711.04 1236.0 
0.74 5598.72 1247.0 
0.81 7220.16 1245.0 

0.79 6923.52 1244.0 

1.100 0.77 5757.12 1243.0 

1.501 0.76 5785.92 1245.0 

1.099 0.77 5770.08 1244.0 
1.505 0.79 5760.00 1243.0 

Tu=6.5 % 

4 
Coolant Flo .. 

0.0133 

0.0304 
0.0094 

0.0187 

Table 5.3: C3X Vane Cascade Calculation Operating Point Description 

was observed to be very stable and uniform for each case, and a three order 
reduction in the solution residual is achieved after a total of 300 iterations 
(100 on each coarse mesh level followed by 100 fine mesh iterations). The fine 
mesh utilized 5 levels of multigrid, and followed a similar pattern of coarse 
and fine mesh iterations. A comparison of convergence histories for the two 
meshes for the case corresponding to Run #4400 described on Table 5.3 is 
given on Figure 5.17. Both solutions achieved a nearly 6 order of magnitude 
reduction in the RMS residual. A similar convergence behavior was observed 
for all other runs for the C3X airfoil, and therefore, additional convergence 
histories will not be presented for each case. 

Comparisons of predicted and experimental airfoil surface static pres
sure distributions and airfoil surface heat transfer coefficient distributions 
for Run #4400 of the C3X airfoil at an exit Mach number of 0.9 and exit 
flow Reynolds numbers of 2,000,000 (based on true chord) are given in Fig
ures 5.18 and 5.19, respectively. Both the coarse (193x33) and fine (497x65) 
mesh predictions are plotted on each figure. 

Both the fine and coarse mesh solutions accurately capture the airfoil sur
face static pressure ratio distribution, and outstanding agreement with the 
experimental static pressure distributions was achieved. The predicted heat 
transfer distributions were also found to be in very good agreement with the 
experimental data in spite of the rather poor representation of the appar
ent finite length transition process indicated by the experimental data. The 
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Figure 5.18: Comparison of Predicted and Experimental Airfoil Surface 
Static Pressure Ratio Distributions for C3X Vane Cascade Operating Point 
Study (Run #4400, M2=0.9, Re2=2,000,000) 
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Figure 5.19: Comparison of Predicted and Experimental Airfoil Surface Heat 
Transfer Coefficient Distributions for C3X Vane Cascade Operating Point 
Study (Run #4400, M2=0.9, Re2=2,000,000) 
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C3X Airfoil Cascade NASA CR-174827 Run 4500 (Uncooled,Mexit=O.89,Re2=2.49E6) 
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Figure 5.20: Comparison of Predicted and Experimental Airfoil Surface 
Static Pressure Ratio Distributions for C3X Vane Cascade Operating Point 
Study (Run #4500, M2=0.90, Re2=2,500,000) 
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Figure 5.21: Comparison of Predicted and Experimental Airfoil Surface Heat 
Transfer Coefficient Distributions for C3X Vane Cascade Operating Point 
Study (Run #4500, M2=0.90, Re2=2,500,OOO) 
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C3X Airfoil Cascade NASA CR-I74S27 Run 5400 (Uncooled,Mexit=I.05,Re2=2.00E6) 
ADPAC 2-D Aerodynamic Analysis 
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Figure 5.22: Comparison of Predicted and Experimental Airfoil Surface 
Static Pressure Ratio Distributions for C3X Vane Cascade Operating Point 
Study (Run #5400, M2=1.05, Re2=2,000,000) 
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Figure 5.23: Comparison of Predicted and Experimental Airfoil Surface Heat 
Transfer Coefficient Distributions for C3X Vane Cascade Operating Point 
Study (Run #5400, M2=1.05, Re2=2,000,000) 
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C3X Airfoil Cascade NASA CR-174827 Run 5500 (Uncooled,Mexit=l.05,Re2=2.49E6) 
ADPAC 2-D Aerodynamic Analysis 
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Figure 5.24: Comparison of Predicted and Experimental Airfoil Surface 
Static Pressure Ratio Distributions for C3X Vane Cascade Operating Point 
Study (Run #5500, M2=1.05, Re2=2,500,000) 
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Figure 5.25: Comparison of Predicted and Experimental Airfoil Surface Heat 
Transfer Coefficient Distributions for C3X Vane Cascade Operating Point 
Study (Run #5500, M2=1.05, Re2=2,500,000) 
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absolute levels of heat transfer downstream of the leading edge and transi
tion regions are generally overpredicted. There are substantial differences 
between the coarse and fine grid heat transfer coefficient distributions. In 
fact, the coarse grid results appear to match the experimental data better 
than the fine mesh results. Without the benefit of the mesh dependence 
study, the accuracy of the analysis might have been overestimated based on 
the coarse mesh data alone. The important consideration here is to only in
terpret and draw conclusions about any analysis after the mesh dependence 
of the solution has been established. 

Comparisons of predicted and experimental airfoil surface static pres
sure distributions and airfoil surface heat transfer coefficient distributions 
for Run #4500 of the C3X airfoil at an exit Mach number of 0.9 and exit 
flow Reynolds numbers of 2,500,000 (based on true chord) are given in Fig
ures 5.20 and 5.21, respectively. This solution permits an examination on 
the effects of changing Reynolds number for a constant exit Mach number. 
No significant change in airfoil static pressure distributions resulted from the 
change in Reynolds number when compared to the results for Run #4400. 
Airfoil surface heat transfer coefficient levels are somehwat higher, and it 
again appears that the analysis accurately captures the effective change in 
heat transfer due to change in Reynolds number in spite of the general over
prediction of heat transfer levels. 

Comparisons of predicted and experimental airfoil surface static pressure 
distributions and airfoil surface heat transfer coefficient distributions for Run 
#5400 of the C3X airfoil at an exit Mach number of 1.05 and exit flow 
Reynolds number based on true chord of 2,000,000 are given in Figures 5.22 
and 5.23, respectively. Comparison with the results from Run #4400 now 
permit an analysis of the effects of increasing the exit flow Mach number for 
a constant Reynolds number. Once again, the agreement between experi
ment and prediction is very good, and the same trends observed in the 0.9 
exit Mach number case were found in the 1.05 Mach number cases. Compar
isons of predicted and experimental airfoil surface static pressure distribu
tions and airfoil surface heat transfer coefficient distributions for Run #5500 
of the C3X airfoil at an exit Mach number of 1.05 and exit flow Reynolds 
numbers of 2,500,000 are given in Figures 5.24 and 5.25, respectively. No 
significant difference were observed in the airfoil surface static pressure dis
tributions at Reynolds numbers of 2,000,000 and 2,500,000 for the 1.05 exit 
Mach number results. The predicted heat transfer coefficient distributions 
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again display the observed experimental trend of increased heat transfer lev
els as Reynolds number increases. The overall agreement between prediction 
and experiment is thought to be very good, in spite of the known deficiencies 
of the ADPAC08 turbulence model. 

Again, several sources of error are present which could account for some of 
the differences between predicted and experimental heat transfer coefficient 
values. The calculations were performed with a constant airfoil surface tem
perature, while the experimental data shows a nontrivial variation in airfoil 
surface temperature. For the purposes of simplifying the calculations, a con
stant gas Prandtl number was employed. The solutions also assume a fully 
turbulent pressure surface, although the real flow situation is more likely a 
long, gradual transition along the pressure surface. The reported margin of 
error in the experimentally determined heat transfer coefficients was as large 
as +/- 6.7% near the leading edge, and +/-23.5% near the airfoil trailing 
edge, so clearly, detailed comparisons cannot be interpreted too literally. 
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Chapter 6 

C3X VANE CASCADE 3-D 
HEAT TRANSFER 
CALCULATIONS 

6.1 C3X Vane Cascade Description 

The C3X airfoil is an Allison-designed film cooled turbine vane, experimen
tally tested in a planar cascade under NASA contract (References [1],[2],[3]). 
The C3X airfoil is shown in Figure 6.1. The C3X geometry is representative 
of a first vane in a modern high pressure turbine. Film cooling is accom
plished by a showerhead array of holes in the leading edge region of the 
airfoil (and through downstream inection sites as well [3]). The showerhead 
array utilizes a repeating pattern of 5 cooling holes of circular cross section 
which are inclined at a 45 degree angle in the spanwise direction (see Fig
ure 6.1). The geometry is periodic in the spanwise direction, and therefore 
the analysis was limited to a representative spanwise strip with spatial peri
odicity applied to the upper and lower surfaces, respectively. This solution 
procedure essentially neglects endwall effects, which is felt to be negligible 
for the midspan flow behavior. 
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C3X Vane With Film Cooling Holes 

Solve only on representative strip 

Showerhead contains 5 rows of holes. 

Holes are drilled at 45 degree angle with respect to Z axis. 

Figure 6.1: C3X Vane With Film Cooling Holes. 
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6.2 C3X Vane Cascade Geometry Model 

A CAD model of the C3X airfoil was generated using the (ANVIL 5000) CAD 
system. Each of the circular film cooling holes were projected to the airfoil 
surface to determine the exact shape of the airfoil/coolant hole intersections. 
The airfoil shape and the coolant hole shapes were ultimately splined for use 
in the mesh generation process. Preliminary calculations of this splined ge
ometry utilizing very fine mesh distributions displayed noticable oscillations 
in the airfoil static pressure profile as described in the previous chapter. 
These oscillations were ultimately traced to minute fluctuations in the airfoil 
surface curvature which were only discernable in meshes with high density. 
The final airfoil surface used in the remainder of the calculations was numer
ically smoothed through an optimization process to eliminate these wiggles 
for very fine meshes. 

6.3 C3X Vane Cascade 3-D Grid Philosophy 

A C-type mesh was selected in order to provide the smoothest possible grid 
around the leading edge, and have grid lines clustered along the expected 
wake path. The ADPAG analysis is capable of using a noncontiguous block 
interface, which provides a means of reducing the shear which normally oc
curs in O-type and C-type grids about high stagger airfoils. The drawback 
to noncontiguous boundaries, is that the solution is interpolated along the 
boundary, which can introduce small discrepancies at the boundary. In a 
C-type grid, there are two periodic grid boundaries: one between the airfoils 
(referred to as the periodic boundary), and one along the wake boundary (re
ferred to as the cut line). Either ofthese boundaries could be noncontiguous, 
but the cut line was chosen because the downstream flow is of less interest 
than the flow in the passage. 

In order to take advantage of the multigrid flow solver in the ADPAGcode, 
the overall grid size was chosen to enable a multilevel multigrid solution. 
The grid was generated with the understanding that the mesh index for 
each important geometric feature must be a "multigrid number". Multigrid 
numbers are numbers such that 

mod (num + 1,2) = 0 (6.1) 
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The number of times that Equation 6.1 can be recursively applied plus 1 
is the number of multigrid levels possible for that number. Generally, three 
levels of multigrid was found to be sufficient for good convergence accelera
tion. Five levels of multigrid were possible in the final mesh constructed for 
this analysis . 

6.4 C3X Vane Cascade 3-D Grid Layout 

The final grid size was 497x65x65 (2,099,825 points) with a 17x17 grid patch 
(289 points) on each hole. The cut line is noncontiguous with 81 points on 
the lower side, and 33 points on the upper side. The grid layout is shown in 
Figure 6.2. 

The grid generation procedure began by running a 2-D C-grid generator to 
get a general idea of how the points should be distributed to achieve adequate 
resolution with minimum grid shear. The intent was to examine a large 
number of grid layouts in a short time, without the bother of 3-dimensionality 
or modeling hole shapes. The JERRYC (Reference [15]) program was chosen 
because it permitted rapid generation of C-type grids with non-contiguous 
cut lines. The JERRYC code was used to get an initial guess for the number 
and distribution of points on the inlet boundary, the periodic boundary, and 
the cut line. The cut line shape found in J erryc was preserved in the final 
grid , but the periodic boundary was only used as an initial guess. 

6.5 C3X Vane Cascade 3-D Grid Generation 

The final grid was generated using the GRIDGEN (Reference [21]) program. 
GRIDGEN was chosen because it has the capablity of generating multiple 
block grids about arbit rary shapes in three dimensions. The blade surface 
grid around the holes is shown in Figure 6.3 (the image is warped by the 
projection to 2-D). 

Maintaining orthogonality and grid spacing at the blade surface also re
quired special attention. Experience has shown that a grid spacing on the 
order of 0.0001 inches for the first point normal to the airfoil is adequate 
for heat transfer predictions for the C3X airfoil (axial chord 3.077 inches). 
Actual spacings in the final grid deviate from this slightly. 
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Figure 6.2: Layout of C-grid with point assignment of film cooling holes . 
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C3X Vane 

Blade Surface Grid Around Showerhead 

Note: Plot is a 2-D projection of a 3-D object. Hole shapes 
are not true view. 

Figure 6.3: Blade surface grid around film cooling holes. 
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6.6 C3X Vane Cascade 3-D Uncooled Heat 
Transfer Predictions 

Three-dimensional viscous flow analyses were performed for the C3X vane 
cascade at four different operating points using the ADPAC08 Navier-Stokes 
analysis. The cascade operating points for the non-cooled turbine vane are 
listed in Figure 5.3. Preliminary calculations were performed using a re
duced mesh system obtained from the full 3-D mesh system described above. 
The reduced mesh system was obtained by eliminating every other mesh 
point in each coordinate direction, reducing the airfoil C-grid mesh size from 
497x65x65 to 249x33x33. The 3-D calculations on the reduced mesh utilized 
3 levels of multigrid, with the full multigrid initialization procedure. The full 
multigrid initialization utilized 100 iterations on each of the coarser mesh lev
els, followed by 400 iteration on the fine mesh level. The solution typically 
converged approximately 3 orders of magnitude in the first 200 iterations of 
the fine mesh cycle. 

Predicted vane surface static pressure ratio and heat transfer coefficient 
distributions from the reduced 3-D analysis were found to be essentially iden
tical to the corresponding 2-D solutions presented earlier in this report and 
will not be presented here, but are only mentioned for completeness. 

6.7 C3X Vane Cascade 3-D Film-Cooled Heat 
Transfer Predictions 

The objectives of this study were to assess the accuracy of the ADPAC anal
ysis for predicting heat transfer in film-cooled turbine airfoils, investigate 
aerodynamic details of discrete site cooling flows, and to attempt to define 
the minimum mesh requirements needed to accurately portray this type of 
flow. To achieve these goals, calculations were performed for the the 3-D 
flow about the C3X turbine vane cascade with a leading edge showerhead 
film cooling arrangement at a single Mach number and Reynolds number for 
2 different coolant to freestream pressure ratios and 2 different coolant to 
freestream temperature ratios. The Mach number and Reynolds number se
lected for this study were 0.9 and 2,000,000, respectively. The coolant to gas 
temperature and pressure ratios were determined from the available experi-
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mental data and are listed in Figure 5.3 along with the non-cooled turbine 
vane flow conditions. 

Calculations for the film-cooled C3X vane were performed using two mesh 
systems. These mesh systems are referred to as the fine mesh and the re
duced mesh. The reduced mesh was obtained from the fine mesh (the full 
3-D mesh system described in the previous sections) by removing every other 
mesh line. In order to accurately model the velocity profile of the incoming 
coolant flow, additional meshes were generated to represent the internal walls 
of the coolant flow holes as shown in Figure 6.4. The coolant flow hole meshes 
are aligned with the desired coolant flow injection angle and add little to the 
overall cost of the calculation, while greatly simplifying the accurate appli
cation of coolant flow boundary conditions. In addition, the internal coolant 
channels aid by allowing a realistic coolant flow velocity profile to develop , 
which is important to accurately predict details of the coolant flow.primary 
gas flow interaction. 

Film cooled calculations for the reduced mesh system again utilized 3 
levels of multigrid and the same iteration strategy as described above for the 
non-cooled C3X turbine vane calculations. 

During the course of these calculations, significantly different flow pat
terns were observed between the low coolant total pressure calculations and 
the high coolant total pressure calculations , and therefore, the results for 
the calculations will be presented separately based on coolant total pressure 
ratio. Results from both the reduced mesh and fine mesh calculations dis
played similar characteristics, and, as a result, both calculations are described 
simultaneously in the paragraphs which follow. 

The first set of calculations to be discussed are based on Run #4415 and 
#4435 as described in Figure 5.3. For these two calculat ions the coolant 
total pressure ratio was approximately 1.1 which results in a relatively low 
coolant flow (compared to the high coolant total pressure ratio calculations 
described later). An interesting feature of the film-cooled C3X turbine vane 
calculations is the interaction between the coolant flow jet and the primary 
vane passage flow. The predicted near-leading edge airfoil surface streamline 
flow pattern for Run # 4415 is illustrated in Figure 6.5. The coolant holes 
have been outlined for reference, with the pressure side of the airfoil on the 
right , and the suction side of the airfoil on the left . The rather unique 
flow pattern which is formed on the downwind side of each cooling hole 
results from the interaction between the coolant flow jet and the primary vane 
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Figure 6.4: Leading edge close-up of reduced 3-D mesh system for C3X 
turbine vane illustrating coolant hole mesh systems 
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passage flowfield. As the jet emerges from the coolant hole, the shear forces 
resulting from the primary gas crossflow drives a pair of counterrotating 
vortices within the jet as well as directing the jet centerline downstream 
along the airfoil surface. The strong secondary flow within the jet entrains 
fluid near the blade surface on the downwind half of the flow causing the 
backflow regions observed for each cooling hole. The convergence of the shear 
lines downstream of each hole illustrates the effect of the secondary flow and 
provides a mechanism for tracking the centerline of the coolant flow jet. It 
is clear from this pattern that in spite of the staggered 5 hole arrangement 
which is repeated along the blade span, only a single cold stream results 
along the pressure and suction surfaces. This phenomenon is clearly a result 
of the merging of adjacent hole jets and suggests that alternate hole patterns 
might be more effective at providing a cool gas thermal layer. An attempt 
to graphically track the coolant flow jets is presented in Figures 6.6 and 6.7. 
These figures illustrate the coolant flow particle traces and predicted near 
airfoil surface temperature contours (inicative of heat transfer coefficient) for 
Run # 4415 and #4435, respectively. The coolant flow particle traces are 
very similar for these two calculations, with only slight differences in cooling 
level due to the higher coolant total temperature ratio for Run #4435. As 
the coolant flow jet emerges from the injection site, the relative ratios of 
coolant jet momentum and local primary gas flow momentum determine 
the tracjectory of the coolant jet. For the low coolant total pressure ratio 
cases, the jet trajectory is influenced significantly by the local primary gas 
flow, and the jets on the suction side of the airfoil are immediately turned 
downstream with very little spanwise spreading. The two jets turned running 
downstream along the airfoil suction surface appear to merge into a single 
coolant stream, and the lack of spanwise migration results in the striping 
pattern illustrated by the near airfoil surface temperature contours. Due 
to the spanwise length of the instrumentation used in the C3X test rig, it 
is unlikely that the measured heat transfer coefficient data can reflect this 
"striping" behavior, and if, in fact, this behavior was truly present, then 
the experimental data could only reflect some spanwise average of the actual 
discrete spanwise heat transfer coefficient distributions. The comparisons 
between predicted and experimental heat transfer coeffient distributions for 
this flow must therefore be judged with this limitation in mind. Along the 
airfoil pressure surface, much of the near airfoil flow is essentially stagnated, 
and the spanwise migration of the coolant flow is relatively unimpeded. This 
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results in a much more uniform flow pattern on the pressure surface, and 
the "striping" effect observed on the airfoil suction surface is not nearly so 
evident on the pressure surface. The spanwise migration of the coolant jets 
is clearly displayed, and the mixing of neighboring jets can also be observed. 
The original design intent of the C3X showerhead film cooling scheme was 
to place the center row of holes at the airfoil stagnation point. Based on 
the calculations, it appears that the center row of holes is slightly aft on the 
pressure surface of the actual stagnation point, and as a result, the bulk of 
the coolant flow emerging from the center row of holes ends up on the airfoil 
pressure surface. There is some slight variation with spanwise position for 
the exact stagnation point due to the coolant hole pattern, and there is some 
evidence of small leakage flows about the leading edge from coolant flow jets 
near the stagnation point. 

It was observed that the secondary flow within the jet hinders the effec
tiveness of the cooling scheme as outlined in Figure 6.8. This figure illustrates 
the detrimental effects caused by the secondary flow within the jet, and the 
resulting interaction with the outer hot gas flow. As the coolant jet follows 
the airfoil surface, the secondary flow within the jet acts to entrain hot fluid 
from the outer region and draw it down towards the airfoil surface between 
the adjacent jets. Eventually, enough hot gas migrates to the airfoil surface 
that the jet essentially "lifts off" the airfoil surface and is no longer effec
tive as a cooling medium. This phenomena is captured numerically and is 
illustrated in the predicted total temperature contours given in Figure 6.9. 
Predicted total temperature contours are given on two grid surfaces which 
are essentially normal to the airfoil surface at different chordwise locations. 
The coolant jets are clearly defined by the array of low total temperature 
regions near the airfoil surface on the forward contour plane. The coolant jet 
"lift-off" phenomena described above is plainly visible on the downstream 
contour plane. The seepage of hot gas due to secondary flow entrainment 
results in a buffer layer of hot gas between the coolant jet and the airfoil 
surface which degrades the cooling scheme effectiveness. 

A comparison of the predicted and measured airfoil surface static pres
sure ratio and heat transfer coefficient distributions are presented in Fig
ures 6.10 and 6.11 for the reduced mesh prediction of Run #4415 of the 
C3X vane cascade. Computational results are presented for several spanwise 
mesh planes for the computational results to illustrate the "striping" effect 
described above. The effect of the striping phenomena on the airfoil suction 
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Figure 6.5: Predicted near leading edge airfoil surface shear flow pattern for 
Run # 4415 of the C3X turbine vane cascade 
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Figure 6.6: Predicted Coolant Flow Particle Traces and Near Airfoil Surface 
Temperature Contours for Run # 4415 of the C3X turbine vane cascade 
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Figure 6.7: Predicted Coolant Flow Particle Traces and Near Airfoil Surface 
Temperature Contours for Run # 4435 of the C3X turbine vane cascade 
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Figure 6.8: Cooling Flow Effectiveneness Degradation and Coolant Jet Lift
Off Due to Coolant Jet Secondary Flow and Hot Gas Entrainment 
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Figure 6.9: Predicted Chordwise Near Airfoil Surface Total Temperature 
Contours for Run # 4415 of the C3X Turbine Vane Cascade lllustrating 
Coolant Jet Lift-Off 
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surface is clearaly pronounced by the large variation in predicted heat trans
fer coefficient distributions on the suctions surface, as compared to the rather 
miniscule variations along the airfoil pressure surface. It would appear that 
the experimental data does, in fact, represent a spanwise average of the pre
dicted results for this case, although no detailed conclusions may be drawn 
from these comparisons due to the limitations in the C3X rig intrumenta
tion described earlier. Similar comparisons of static pressure ratio and heat 
transfer coefficient distributions care presented for the fine mesh results for 
Run #4415 on Figures 6.12 and 6.13. Similar characteristics were observed 
for both the reduced and fine mesh calculations. The predicted airfoil sur
face heat transfer coeffient distribution for the corresponding non-cooled flow 
is also presented in Figure 6.13 for comparison. The effective reduction in 
airfoil surface heat transfer coeffient is indicated by the lower levels of heat 
transfer illustrated for the film-cooled predictions given on Figure 6.13. 

A comparison of the predicted and measured airfoil surface static pressure 
ratio and heat transfer coefficient distributions are presented for the reduced 
mesh calculation in Figures 6.14, and 6.15 respectively, for Run #4435 of 
the C3X vane cascade. Similar characteristics were observed for this set 
of calculations as compared to the Run #4415 calculations, although the 
reduction in airfoil surface heat transfer coeffient distributions is now lower 
due to the increase in coolant gas total temperature ratio from 0.7 to 0.9. 

The following section discusses results from the film-cooled C3X calcula
tions for the higher coolant total pressure ratio corresponding to Runs #4417 
and #4437 described on Figure 5.3. For these two calculations the coolant 
total pressure ratio was approximately 1.5 which results in a relatively high 
coolant flow (compared to the low coolant total pressure ratio calculations 
described later). The predicted near-leading edge airfoil surface streamline 
flow pattern for Run # 4417 is illustrated in Figure 6.16. The coolant holes 
have been outlined for reference, with the pressure side of the airfoil on the 
right, and the suction side of the airfoil on the left. In this case, the flow 
pattern is just as striking, but significantly altered from the flow pattern 
described for Run #4415 given in Figure 6.5. In this case, the shear forces 
resulting from the interaction between the coolant flow and the primary flow 
agaoin genearte the secondary flow within the jet, but the jet has signifi
cantly more momentum than the previous calculations described, and the 
jet trajectory indicates a significant component of spanwise momentum. 

A graphical depiction of the coolant flow jets is presented in Figures 6.17 
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Figure 6.10: Comparison of Predicted and Experimental Airfoil Surface 
Static Pressure Ratio Distributions for Run # 4415 of the C3X Turbine 
Vane Cascade on the Reduced Mesh (249x33x33 Airfoil Mesh) 
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Figure 6.11: Comparison of Predicted and Experimental Airfoil Surface Heat 
Transfer Coefficient Distributions for Run # 4415 of the C3X Turbine Vane 
Cascade on the Reduced Mesh (249x33x33 Airfoil Mesh) 
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Figure 6.12: Comparison of Predicted and Experimental Airfoil Surface 
Static Pressure Ratio Distributions for Run # 4415 of the C3X Turbine 
Vane Cascade on the Fine Mesh (497x65x65 Airfoil Mesh) 
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Figure 6.13: Comparison of Predicted and Experimental Airfoil Surface Heat 
Transfer Coefficient Distributions for Run # 4415 of the C3X Turbine Vane 
Cascade on the Fine Mesh (497x65x65 Airfoil Mesh) 
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Figure 6.14: Comparison of Predicted and Experimental Airfoil Surface 
Static Pressure Ratio Distributions for Run # 4435 of the C3X Turbine 
Vane Cascade on the Reduced Mesh (249x33x33 Airfoil Mesh) 
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Figure 6.15: Comparison of Predicted and Experimental Airfoil Surface Heat 
Transfer Coefficient Distributions for Run # 4435 of the C3X Turbine Vane 
Cascade on the Reduced Mesh (249x33x33 Airfoil Mesh) 
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Figure 6.16: Predicted near leading edge airfoil surface shear flow pattern for 
Run # 4417 of the C3X turbine vane cascade 
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and 6.18. These figures illustrate the coolant flow particle traces and pre
dicted near airfoil surface temperature contours (inicative of heat transfer co
efficient) for Run # 4417 and #4437, respectively. The coolant flow particle 
traces are very similar for these two calculations, with differences in cooling 
level due to the higher coolant total temperature ratio for Run #4437. In 
these cases, as the coolant flow jet emerges from the injection site, the rela
tive ratios of coolant jet and primary gas flow momentum permit the jets to 
follow a more span wise trajectory on both the airfoil suctions and pressure 
surfaces. As a result, the "striping" pattern previously observed for the low 
coolant total pressure ratio calculations is eliminated, and a more even dis
tribution of coolant flow is achieved. Naturally, this improved effectiveness 
was achieved at the cost of additional coolant flow and an increase in coolant 
total pressure required to drive the flow, both undesirable options for the 
turbine engine designer. 

A comparison of the predicted and measured airfoil surface static pressure 
ratio and heat transfer coefficient distributions are presented for the reduced 
mesh n Figures 6.19 and 6.20 for Run #4417 of the C3X vane cascade. 
Predicted and measured airfoil surface heat transfer coefficient distributions 
for the fine mesh calculation are presented in Figure 6.21. For completeness, a 
comparison of the predicted and measured airfoil surface static pressure ratio 
and heat transfer coefficient distributions are also presented for the reduced 
mesh calculation in Figures 6.22 and 6.23 respectively, for Run #4437 of the 
C3X vane cascade. It is now evident from these results that the spanwise 
variation in airfoil surface heat transfer coefficient distributions has been 
reduced by the improvement is jet spanwise migration, and the reduced effects 
of jet merging. 

6.8 C3X Vane Cascade Porous Surface Bound
ary Condition Heat Transfer Predictions 

In this section, the porous surface boundary condition described in Section 
3.6.1 was applied in the ADPAC analysis for the prediction of the C3X turbine 
vane cascade film-cooling flow problem. Due to the spanwise symmetry im
plied by the averaging procedure in the porous surface boundary model, the 
calculations were performed on a 2-D grid taken from the first spanwise slice 
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Figure 6.17: Predicted Coolant Flow Particle Traces and Near Airfoil Surface 
Temperature Contours for Run # 4417 of the C3X turbine vane cascade 
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Figure 6.18: Predicted Coolant Flow Particle Traces and Near Airfoil Surface 
Temperature Contours for Run # 4437 of the C3X turbine vane cascade 
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Figure 6.19: Comparison of Predicted and Experimental Airfoil Surface 
Static Pressure Ratio Distributions for Run # 4417 of the C3X Turbine 
Vane Cascade on the Reduced Mesh (249x33x33 Airfoil Mesh) 
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Figure 6.20: Comparison of Predicted and Experimental Airfoil Surface Heat 
Transfer Coefficient Distributions for Run # 4417 of the C3X Turbine Vane 
Cascade on the Reduced Mesh (249x33x33 Airfoil Mesh) 
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Figure 6.21: Comparison of Predicted and Experimental Airfoil Surface Heat 
Transfer Coefficient Distributions for Run # 4417 of the C3X Turbine Vane 
Cascade on the Fine Mesh (49!x65x65 Airfoil Mesh) 
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Figure 6.22: Comparison of Predicted and Experimental Airfoil Surface 
Static Pressure Ratio Distributions for Run # 4437 of the C3X Turbine 
Vane Cascade on the Reduced Mesh (249x33x33 Airfoil Mesh) 
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Figure 6.23: Comparison of Predicted and Experimental Airfoil Surface Heat 
Transfer Coefficient Distributions for Run # 4437 of the C3X Turbine Vane 
Cascade on the Reduced Mesh (249x33x33 Airfoil Mesh) 
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of the finest 3-D mesh used in the discrete site film-cooling flow calculations 
described in the previous section. The Mach number and Reynolds number 
selected for this study were 0.9 and 2,000,000, respectively. The coolant to 
gas total temperature and total pressure ratios were determined from the 
available experimental data for Run #4415 and are listed in Figure 5.3. 

The porous surface boundary condition was utilized over a region roughly 
covering the leading edge showerhead film cooling pattern, and overlapping 
the streamwise extent of the injection holes by approximately 1 hole diame
ter along both the suction and pressure surfaces of the airfoil. The injection 
total pressure and temperature were set according to the data in Table 5.3. 
The initial area ratio (see Section 3.6.1) used for the porous wall boundary 
condition was set to 3%, based on an integration of the geometric injection 
and noninjection surface areas for the 3-D mesh. Preliminary calculations 
using the true geometric area ratio resulted in a coolant mass flow rate signif
icantly lower than the experimental measurements. This was due, in part, to 
the averaging procedure used in the porous boundary condition model. The 
specified area ratio used in the boundary condition model was arbitrarily 
increased until the predicted mass flow rate matched the experimental level. 
The final area ratio used in the boundary condition model was 0.15. The 
analysis utilized 3 levels of multigrid, and the solution convergence behavior 
was found to be similar to previous 3-D film-cooled airfoil calculations. 

illustrations of the predicted Mach number contours and near leading 
edge velocity vectors are given in Figure 6.24. The thermal layering effect 
afforded by the coolant injection is clearaly visisble in this figure. The injec
tion velocities resulting from this boundary model were fairly uniform across 
the porous model region in spite of the fact that the model permits mesh cell 
to mesh cell variations in the injected flow (although the injection velocity is 
assumed to be uniform across any given mesh cell). The integrated injection 
mass flow for this case was 0.01323 pounds per second (for the complete test 
airfoil based on the 0.15 area ratio prediction) and compares favorably to 
both the predicted three-dimensional discrete site injection mass flow rate of 
0.01374 pounds per second and the experimentally measured injection mass 
flow rate of 0.0133 pounds per second. 

A comparison of experimental and predicted airfoil surface heat transfer 
coefficient distributions are presented in Figure 6.25 for both the porous sur
face boundary model calculation and selected constant span airfoil surface 
heat transfer coefficient distributions for the 3-D discrete site film-cooled flow 

145 



Velocity Vectors Colored by 
Total Temperature 

Mach Contours 

Figure 6.24: Predicted Mach Contours and Near Leading Edge Velocity Vec
tors for Porous Boundary Condition Analysis of Run # 4415 of the C3X 
Turbine Vane Cascade 

calculation. It is interesting to note that the porous boundary model predic
tion more closely resembles the experimental data in the laminar/transition 
region on the airfoil suction surface. This is primarily due to the early transi
tion which occurs in the 3-D model due to the complex coolant flow/primary 
flow interactions which occur near the injection holes, triggering a false tran
sition in the 3-D model. Unfortunately, farther downstream, the porous 
boundary condition model is less well behaved, and appears to be extremely 
sensitive to variations in the external flow, as evidenced by the large fluc
tuations in heat transfer near the sonic point on the airfoil suction surface. 
This behavior may be indicate of the lack of mixing which is likely to occur 
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Figure 6.25: Comparison of Predicted and Experimental Airfoil Surface Heat 
Transfer Coefficient Distributions for Run # 4415 of the C3X Turbine Vane 
Cascade illustrating the Porous Surface Boundary Condition Model 
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for the porous boundary model compared to the 3-D discrete site injection 
model because the complex secondary flows observed in the 3-D calculations 
cannot be represented in the porous boundary model. 

From these limited results, it is clear that further testing of the porous 
boundary condition model is needed, and that applications involving finer 
scale injection sites (the leading edge showerhead cooling scheme for the 
C3X airfoil has relatively few, large holes when compared to the assumed 
intent of the porous boundary model) would be more appropriate for this 
type of analytical approach. 
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Chapter 7 

CONCLUSIONS 

Detailed flow and heat transfer predictions have been performed using a 
Navier-Stokes analysis for realistic turbine airfoil blade rows both with and 
without leading edge showerhead film cooling. The emphasis of this analy
sis was to determine grid requirements to accurately predict details of the 
turbine airfoil heat transfer problem using relatively standard turbulence 
modeling techniques. These grid requirements were then utilized to define 
a gridding scheme for the C3X turbine airfoil with leading edge showerhead 
film cooling. The predicted results were analyzed to extract relevant features 
of the cooling flow/primary gas flow interaction, and the resultant effect on 
heat transfer properties in the vicinity of the cooling holes. 

Several comments are in order concerning the various numerical tech
niques applied in this study. It was immediately apparent that the algebraic 
turbulence model is not ideally suited for the general heat transfer problems 
which can occur for modern turbomachinery blade designs. Future efforts 
may benefit from more detailed turbulence models developed for complex 
3-D flows, such as two-equation turbulence models. Of equal importance is 
the development of accurate transition point, transition path, and transition 
length models to accurately account for the unusual transition phenomena 
known to occur for turbine airfoils, particularly the flow on the pressure side 
of the airfoil. 

Data analysis of the predictions from the mesh dependence study for 
the Mark II airfoil cascade clearly indicated the difficulties associated with 
achieving mesh independence for flows with shock waves. It is relatively easy 
to demonstrate the requirements for mesh independence of the distribution 
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of mesh points normal to the airfoil surface (y+ ~ 3). Unfortunately, changes 
in spatial resolution along the airfoil surface did not achieve the same level 
of mesh independence as changes in the mesh spacing normal to the mesh 
surface because of the problems associated with resolving the normal shock 
which occurs for the Mark II airfoil flow. In spite of this limitation, excellent 
agreement was achieved between predictions and experiment for airfoil sur
face static pressure distributions, and reasonable agreement was achieved for 
airfoil surface heat transfer coefficients. The best agreement between experi
ment and analysis was achieved by allowing transition on the suction surface 
of the airfoil, but maintaining fully turbulent flow on the pressure surface. 
Interpretation of the various experimental and numerical data suggests that 
the pressure surface actually experiences a long gradual transition rather 
than the relatively sharp transition which occurs on the suction surface of 
the airfoil. Clearly this behavior cannot be reproduced with the point tran
sition scheme utilized in the present analysis. Additional calculations for the 
Mark II airfoil cascade indicated that although the analysis did not always 
accurately predict the level of heat transfer, the apparent effects of changes 
in Mach number and Reynolds number on the airfoil surface heat transfer 
coefficient distributions were accurately reproduced. 

Calculations for the non-cooled C3X airfoil demonstrated essentially the 
same features as the Mark II airfoil predictions. The mesh dependence study 
for the C3X airfoil was successful in establishing the usual criteria for mesh 
independence for heat transfer predictions (y+ ~ 3). Heat transfer pre
dictions were compared with experimental data for a matrix of 2 different 
Reynolds numbers and two different Mach numbers . Again, although the 
level of heat transfer was not ideally predicted, the influence of changes in 
Reynolds number and Mach number appeared to be accurate. The deficien
cies of the point transition turbulence model were more apparent in these 
results since no shock wave was present to cause rapid transition. ' Compar
isons were also performed for predictions from a proven 2-D boundary layer 
analysis which was essentially tuned through existing heat transfer data sets. 
This tuned model did a better job of predicting the heat transfer data, but 
the implementation in a 2-D boundary layer code has clear limitations for 
advanced, realistic 3-D turbine airfoil geometries. 

Detailed meshes were generated for the C3X airfoil employing a leading 
edge showerhead film cooling geometry. The film cooling injection sites were 
modeled as discrete elements in the 3-D grid, and included coolant flow feed 
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tubes roughly representative of the experimental configuration. Numerical 
predictions were performed for 2 different coolant/gas temperature and pres
sure ratios for a fixed Mach number and flow Reynolds number. Numerical 
results from the analysis indicated a number of pertinent features related to 
film cooling due to the interaction of the coolant flow jet and primary gas 
flow. Immediately upon discharge from the coolant hole, the coolant flow 
jet is redirected to a trajectory more parallel with the airfoil surface. The 
amount of redirection appears to be directly dependent on the ratio of mo
mentum of the coolant jet as opposed to the primary gas flow. The jet itself 
assumes a crossflow pattern indicative of a pair of counterrotating vortices. 
The net effect of these two actions is that the secondary flow often draws hot 
gas towards the airfoil surface, thus defeating the purpose of the film cool
ing. Local hot spots resulting from this action were consistently observed 
immediately behind the cooling holes located in the stagnation zone of the 
airfoil. In addition, the placement of the cooling holes often resulted in the 
coalescing of neighboring jet streams into s single, less effective coolant jet, 
suggesting the need for improvement in the coolant hole pattern. The redi
rection and spreading of the coolant jet defines the amount of film cooling 
surface coverage available from the coolant flow, and for low coolant total 
pressure ratios, poor surface coverage was observed on the suction surface of 
the airfoil. 

Finally, predictions were also obtained from a simplified film cooling flow 
model based on a porous surface representation of the film cooling injection, 
rather than the more detailed discrete site injection film cooling model. This 
procedure failed to reproduce the details available from the discrete model, 
but is considerably easier to apply for realistic geometries. 

The 3-D analytical technique shows great promise for investigating details 
of the coolant flow/airfoil flow interaction, and the nature and effectiveness 
of various design changes such as hole size, shape, and placement. The major 
drawback to this approach is the problem of grid generation, and there is a 
clear need for combined computer-aided design/grid generation software to 
simplify the mesh generation process. 
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Appendix A 

Mark II Vane Cascade Mesh 
Generation and 
ADPAC08 Input File Listing 

Mark II Vane Cascade JERRYC Mesh Generation dataje Input File 
Mesh Dependence Study Mesh #5 

*** file DATAJC *** 

*-- rot --*-- gap--* 
o .0 1. 892833 

*-- ga1 --*-- ga1f--*-- ga2 --* 
90. 90. 20. 

*-- xin --*-- xout--*- ispl --* 
0.5 1.0 1 

*-- dOx --*-- d1x --*-- dsn --*-jfix-*-istrss-*-istrps-*(r+c+r=1,r+c=2,r+r=3) 
.015 .015 0.02 6 1 1 

*-- rnsw--*--rnse --* 
3 . 1. 

*-- nw --*-- nss - -*-- nps --*--nin-*- ny -*- inl -* 
64 128 64 16 16 2 

*- omega -*- dampb -*- dampe -*- itmax -
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.01 .5 1. 500 
*- ilet -* (read from file=1) 

0 
*- iwake -*- xwake -*- ywake -* 

1 1. 1. 
*- xshock *- n1 ----* 

.45 44 
*- iannu -*(O=prismatic, 1=annular) 

0 
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Mark II Vane Cascade JERRYC Mesh Generation airfoil.dat Input 
File 

Mesh Dependence Study Mesh #5 

2.6986 
38 

O.OOOOOOOE+OO 4.289100 
7.7000000E-03 4.376600 
3.0400001E-02 4.461500 
6.7500003E-02 4.541100 
0.1179000 4.613100 
0.1800000 4.675200 
0.2520000 4.725600 
0.3316000 4.762700 
0.4059000 4.784300 
0.5514000 4.797000 
0.7490000 4.766400 
0.9285000 4.677300 

1.073200 4.537900 
1.173700 4.363500 
1.256800 4.180100 
1.337700 3.995700 
1.417100 3.810800 
1.495100 3.625300 
1.571600 3.439200 
1.646600 3.252600 
1.720000 3.065600 
1 . 792000 2.878000 
1.862500 2.690000 
1.931600 2.501500 
1.999100 2.312600 
2.065200 2.123200 
2.129900 1.933600 
2.193000 1.743400 
2.254700 1.552900 
2.315000 1.362100 
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2.373800 1.170900 
2.431100 0.9794000 
2.487000 0.7876000 
2.541500 0.5956000 
2.594500 0.4033000 
2 . 646100 0.2108000 
2.696200 1.8400000E-02 
2.697300 -1.2800000E-02 

41 
O.OOOOOOOE+OO 4.289100 
7.7000000E-03 4.201600 
3.0400001E-02 4.116700 
6.7500003E-02 4.037100 
0.1179000 3.965100 
0.1800000 3.903000 
0.2655000 3.845100 
0.4019000 3.758100 
0.5274000 3.653900 
0.6432000 3.539000 
0.7515000 3 . 417000 
0.8538000 3.289000 
0.9511000 3.159000 

1.044400 3.025100 
1.134200 2.888900 
1.221100 2.750900 
1.305400 2.611300 
1.387400 2.470400 
1.467500 2.328500 
1.545600 2.185500 
1.622100 2.041700 
1.697000 1. 897100 
1.770100 1. 751900 
1.842400 1.606000 
1.913100 1.459700 
1.982600 1.312800 
2.050800 1.165300 
2.117800 1.017500 
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2.183700 0.8693000 
2.248500 0.7207000 
2.312100 0.5717000 
2.374600 0.4224000 
2.436000 0.2727000 
2.496400 0.1228000 
2.555600 -2.7000001E-02 
2.572200 -5.2299999E-02 
2.599200 -6.9499999E-02 
2.630900 -7.3700003E-02 
2.661500 -6.4099997E-02 
2.685100 - 4 . 2399999E-02 
2.697300 - 1.2800000E-02 

0.5 2 . 0 1.0 
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Mark II Vane Cascade ADPACOB Standard Input File 
(Transitional Flow) 

Mesh Dependence Study Mesh #5 

ADPAC Input File Generated by Ed Hall 

JOB TITLE 

Planar 2-D Mark II Cascade Mesh #5 
Cartesian 2-d Geometry 
RUN 15, UNCOOLED - HACH=0.89 - Re=1.55E6 
Tu=8.3Y., Tw/Tg=0.70 

INPUT DATA 

VARNAME = VARIABLE VALUE 

CASENAME 
FTOTSM 
EPSTOT 
FCART 
RHACH 
FINVVI 
GAMMA 
PREF 
TREF 
RGAS 
DIAM 
EPSX 
EPSY 
EPSZ 
VIS2 
VIS4 
CFL 
FNCHAX 

= mesh5 
= 1.0 
= 0.30 
= 1.0 
= 0.200000 
= 1.000000 
= 1.400000 
= 5519.52 
= 1389.000 
= 1716.260000 
= 0.224883 
= 1.000000 
= 1.000000 
= 1.000000 
= 0.500000 
= 0.015625 
= -5.000000 
= 300.000000 

COMMENT 

This is the Case Name 
Multigrid Smoothing (O-off, 1-on) 
Glabel multigrid smoothing coefficient 
Cartesian Trigger (O-cylindrical, 1-Cartesia~ 
Initial Flow Mach Number (Axial) I 
Viscous Flow Trigger (O-inviscid, 1-viscous) 
Specific Heat Ratio 
Reference Pressure (lbs-f/ft**2) 
Reference Temperature (deg R) 
Gas Constant 
Refernce Length - Mark II 2.6986 inches 
Residual Smoothing Coefficient (X) 
Residual Smoothing Coefficient (Y) 
Residual Smoothing Coefficient (Z) 
2nd order damping coefficient 
4th order damping coefficient 
Time Step Multiplier (-,steady state) 
Number of fine mesh iterations 
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FTlMEI 
FTURBI 
FTURBF 
FTURBB 
PRNO 
PRTNO 
FSOLVE 
FVTSFAC 
FFILT 
FRESID 
FREST 
FMULTI 
FSUBIT 
FFULMG 
FCOAG1 
FCOAG2 
FITFMG 
CMUTSS 
CMUTPS 

= 
= 
= 
= 
= 
= 
= 
= 
= 

= 

= 

= 

= 
= 

= 
= 
= 
= 
= 

XTRANSS = 
XTRANPS = 

FTURBCHT(1) = 
FWALLF = 
RPM(1) = 

1. 000000 
1.000000 

350.000000 
1.000000 
0.690000 
0 . 900000 
1.000000 
2.5 
1. 000000 
1. 000000 
0.000000 
3.000000 
3.000000 
1. 000000 
3.000000 
2.000000 

100.000000 
14.0 
14.0 
0.5 
0.0 
1. 00 
0.0 
0.000000 

Iteration Interval between time step update 
Iteration Interval between turbulence update 
Iteration number to freeze turbulence model 
Iteration number to begin turbulence model 
Prandtl Number 
Turbulent Prandtl Number 
Solution Type (0-4stage,1- 4stage w/smooth) 
Viscous time step multiplier for stability 
Dissipation Trigger (O-off,1-on) 
Rseidual Smoothing Trigger (O-o££,l-on) 
Solution Restart Trigger (O- cold start,1-restart) 
Number of Multigrid Levels (i-no multigrid) 
Number of multigri subiterations 
Full Multigrid Trigger (O-off ,1-on) 
Full multigrid starting mesh level 
Full multigrid ending mesh level 
Number of full mutligrid iterations 
Suction surface Baldwin-Lomax transition parameter 
Pressure surface Baldwin-Lomax transitionparameter 
Suction surface geometric transition parameter 
Pressure surface geometric transi tion parameter 
C-Grid Turbulence model trigger 
Wall Function Trigger (O-off, i-on) 
Rotational Speed (=0 . 0 for vane) 
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# 

Mark II Vane Cascade ADPAC08 Boundary Data File 
(Transitional Flow) 

Mesh Dependence Study Mesh #5 

# Created by hand by Ed Hall 
# 

# RUN 4321 OF THE MARK II VANE 
# UNCOOLED - MACH=0.89 - Re=1 . 55E6 
# Tu =8.3%. Tw/Tg=0.70 
# 

#-----------------------------------------------------------------------
# 

#---) Patch the periodic boundary for the 2-d grid 
# 

PATCH 1 1 J J M M I J 65 65 1 185 1 2 385 201 1 2 
PATCH 1 1 J J M M I J 65 65 201 385 1 2 185 1 1 2 
# 

#---) Now set the blade surfaces 
# 

SS2DVI 1 1 J J P P S S 1 1 129 321 1 2 129 321 1 2 
RPMLOC TWALL 
0.0 0.70 
# 
#---) Now set the inl et boundary 
# 

INLETG 1 1 J J M M S S 65 65 185 201 1 2 185 201 1 2 
PTOT TTOT 
1.0 1.0 
# 
#---) Now set the lower exit boundary 
# 

EXITG 1 1 I I P P S S 1 1 1 65 1 2 1 65 1 2 
PEXIT 
0.59787 
# 
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#---> Now set the upper exit boundary 
# 

EXITG 1 1 I I M M S S 385 385 1 65 1 2 1 65 1 2 
PEXIT 
0.59787 
# 

#---> Now set the lower wake cut 
# 

TRAF 1 1 J J P P S S 1 1 1 129 1 2 321 385 1 2 
# 

#---> Now set the upper wake cut 
# 

TRAF 1 1 J J P P S S 1 1 321 385 1 2 1 129 1 2 
# 

ENDDATA 
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Appendix B 

C3X Vane Cascade Mesh 
Generation and 
ADPAC08 Input File Listing 

C3X Vane Cascade JERRYC Mesh Generation datajc Input File 
Mesh Dependence Study Mesh #5 

*** f ile DATAJC *** 

*-- rot - - *- - gap--* 
0. 0 1. 50615 

*-- gal - - *-- galf--*- - ga2 --* 
90. 90 . 15. 

*-- xin - - *-- xout-- *- ispl - -* 
0 . 5 1.0 1 

*-- dOx --*-- dlx - - *- - dsn --*-jfix-*-istrss-*-istrps-*(r+c+r=1,r+c=2,r+r=3) 
. 010 . 010 0.010 12 1 1 

*-- rnsw--*--rnse - -* 
3 . 1. 

*-- nw --*-- nss - -*- - nps --*--nin-*- ny -*- inl -* 
48 144 72 16 24 2 

*- omega - *- dampb -*- dampe -*- itmax -
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.01 .5 1. 500 
*- ilet -* (read from file=1) 

0 
*- iwake -*- xwake -*- ywake -* 

1 1. 1. 
*- xshock *- n1 ----* 

.45 44 
*- iannu -*(O=prismatic, 1=annular) 

0 
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C3X Vane Cascade JERRYC Mesh Generation airfoil.dat Input File 
Mesh Dependence Study Mesh #5 

0.0 
184 

-0.8503435 -0.2113152E- 01 0 .4768372E-06 
-0.8503269 -0.1876569E-01 -0.2384186E-06 
-0.8502638 -0. 1639986E-01 0.2384186E-06 
-0.8501548 -0. 1403677E-01 0.2384186E-06 
-0.8500136 -0. 1167536E-01 0.2384186E-06 
-0.8498576 -0.9314775E-02 O. OOOOOOOE+OO 
-0.8497047 -0. 6953716E-02 0.2384186E-06 
-0.8495624 -0.4592896E-02 0 . 2384186E-06 
-0.8494225 -0.2231121E-02 0 .4768372E-06 
-0.8492831 0.1296997E-03 O.OOOOOOOE+OO 
-0.8491411 0.2491713E-02 0.2384186E-06 
-0.8489990 0.4853010E-02 -0.2384186E-06 
-0.8487656 0.7342100E-02 0.4768372E-06 
-0.8484385 0.1080787E-01 O.OOOOOOOE+OO 
-0.8479946 0.1553774E-01 0 .7152557E-06 
-0.8474393 0.2181184E-01 0.2384186E-06 
-0.8466598 0.2980661E-01 0.4768372E-06 
-0.8454475 0.3950083E-01 0.2384186E-06 
-0.8440130 0.5062366E-01 0.2384186E-06 
-0.8420173 0.6248617E-01 O.OOOOOOOE+OO 
-0.8395965 0.7428372E-01 0.2384186E-06 
-0.8371067 0.8521318E-01 0.2384186E-06 
-0.8346531 0.9467101E-01 O. OOOOOOOE+OO 
-0.8326366 0.1024483 0 . 2384186E-06 
-0.8310156 0.1085312 0 . 7152557E-06 
-0.8297770 0.1131177 0 . 2384186E-06 
-0.8288705 0.1164799 O.OOOOOOOE+OO 
-0.8282200 0.1188939 0 . 2384186E-06 
-0.8275299 0.1214904 O. OOOOOOOE+OO 
-0.8268430 0.1240888 0 . 2384186E-06 
-0.8261462 0.1266727 0 . 9536743E-06 
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-0.8253567 0.1292219 0.4768372E-06 
-0.8244731 0.1317540 0.7152557E-06 
-0.8235750 0.1342809 0 . 2384186E-06 
-0 . 8226759 0.1368090 O.OOOOOOOE+OO 
-0 . 8217750 0.1393346 0.2384186E-06 
-0.8208760 0.1418602 0.4768372E-06 
-0 . 8199744 0.1443849 0.2384186E-06 
-0 . 8190663 0.1469064 O.OOOOOOOE+OO 
-0.8181396 0.1494229 0.4768372E-06 
-0.8171858 0.1519289 0.4768372E-06 
-0 . 8161595 0.1543405 O. OOOOOOOE+OO 
-0.8150036 0.1566857 O.OOOOOOOE+OO 
-0.8138143 0.1590955 O.OOOOOOOE+OO 
-0.8127274 0.1612952 O.OOOOOOOE+OO 
-0 . 8115568 0.1636613 O.OOOOOOOE+OO 
-0 . 8102946 0.1662092 O.OOOOOOOE+OO 
-0.8089364 0.1689471 O.OOOOOOOE+OO 
-0.8074714 0.1718958 O.OOOOOOOE+OO 
- 0.8058913 0.1750709 O.OOOOOOOE+OO 
-0.8041861 0.1784912 O.OOOOOOOE+OO 
-0.8023457 0.1821758 O. OOOOOOOE+OO 
-0.8003641 0.1861349 O.OOOOOOOE+OO 
-0.7982350 0.1903795 O.OOOOOOOE+OO 
-0.7959470 0 . 1949302 O.OOOOOOOE+OO 
-0.7934872 0.1998105 O.OOOOOOOE+OO 
-0.7908448 0.2050393 O.OOOOOOOE+OO 
-0.7880097 0.2106337 O.OOOOOOOE+OO 
-0.7849640 0.2166257 O.OOOOOOOE+OO 
-0.7816887 0.2230492 O.OOOOOOOE+OO 
-0.7781715 0.2299239 O.OOOOOOOE+OO 
-0.7744005 0.2372685 O.OOOOOOOE+OO 
-0.7703412 0.2451449 O. OOOOOOOE+OO 
-0 .7659765 0.2535804 O.OOOOOOOE+OO 
- 0 . 7613040 0.2625730 O. OOOOOOOE+OO 
-0 . 7562451 0.2722666 O. OOOOOOOE+OO 
-0.7508348 0.2825855 O. OOOOOOOE+OO 
- 0.7449768 0.2937043 O. OOOOOOOE+OO 
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-0.7386930 0.3055711 O. OOOOOOOE+OO 
-0.7318816 0.3183663 O. OOOOOOOE+OO 
-0.7245727 0.3320211 O.OOOOOOOE+OO 
-0.7166013 0.3468294 O.OOOOOOOE+OO 
-0.7080284 0.3626626 O.OOOOOOOE+OO 
-0.6986908 0.3798057 O.OOOOOOOE+OO 
-0.6886111 0.3976789 O. OOOOOOOE+OO 
-0.6777089 0.4155577 O.OOOOOOOE+OO 
-0.6659530 0.4335242 O.OOOOOOOE+OO 
-0.6532367 0.4517534 O.OOOOOOOE+OO 
-0.6395168 0.4702970 O.OOOOOOOE+OO 
-0.6245990 0.4893830 O. OOOOOOOE+OO 
-0.6085304 0.5089085 O.OOOOOOOE+OO 
-0.5910546 0.5291324 O. OOOOOOOE+OO 
-0.5721794 0.5499824 O.OOOOOOOE+OO 
-0.5517677 0.5715471 O.OOOOOOOE+OO 
-0.5296940 0.5932899 O.OOOOOOOE+OO 
-0.5061355 0.6141747 O.OOOOOOOE+OO 
-0.4808524 0.6345311 O.OOOOOOOE+OO 
-0.4538445 0.6543210 O. OOOOOOOE+OO 
-0.4251218 0.6731620 O.OOOOOOOE+OO 
-0.3945598 0.6907467 O.OOOOOOOE+OO 
-0.3622622 0.7066501 O.OOOOOOOE+OO 
-0.3284237 0.7204539 O.OOOOOOOE+OO 
-0.2931721 0.7317632 O.OOOOOOOE+OO 
-0.2567927 0.7402783 O. OOOOOOOE+OO 
-0.2195242 0.7460162 O.OOOOOOOE+OO 
-0.1815696 0.7490003 O.OOOOOOOE+OO 
-0.1431976 0.7492337 O.OOOOOOOE+OO 
-0.1047192 0.7468412 O.OOOOOOOE+OO 
-0.6644078E-01 0.7419178 O.OOOOOOOE+OO 
-0. 2867779E-01 0.7346342 O. OOOOOOOE+OO 

0.8365643E-02 0.7250878 O.OOOOOOOE+OO 
0.4448613E-01 0.7133373 O. OOOOOOOE+OO 
0.7947456E-01 0.6996126 O.OOOOOOOE+OO 
0.1132675 0.6841420 O.OOOOOOOE+OO 
0.1457146 0.6671873 O.OOOOOOOE+OO 
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0.1165886 0 . 6490904 O. OOOOOOOE+OO 
0.2059018 0.6301268 O. OOOOOOOE+OO 
0 . 2336831 0 .6105611 O. OOOOOOOE+OO 
0 . 2591292 0.5908181 O. OOOOOOOE+OO 
0 . 2840111 0.5111082 O.OOOOOOOE+OO 
0 . 3013818 0 . 5510698 O.OOOOOOOE+OO 
0.3398996 0.5211544 O. OOOOOOOE+OO 
0.3111093 0.4896633 O. OOOOOOOE+OO 
0 .4024529 0.4511042 O. OOOOOOOE+OO 
0 .4333121 0 .4221632 O. OOOOOOOE+OO 
0 .4642093 0.3850020 O. OOOOOOOE+OO 
0 .4939390 0 . 3469336 O. OOOOOOOE+OO 
0.5222391 0 . 3086895 O. OOOOOOOE+OO 
0.5494981 0 . 2699112 O. OOOOOOOE+OO 
0 . 5160936 0 . 2304206 O. OOOOOOOE+OO 
0 . 6018561 0 . 1905146 O. OOOOOOOE+OO 
0.6261536 0.1505381 O. OOOOOOOE+OO 
0.6510149 0 . 1102040 O. OOOOOOOE+OO 
0.6149514 0.6901693E-01 O. OOOOOOOE+OO 
0.6986184 0.2686283E-01 O. OOOOOOOE+OO 
0 .1218922 - 0. 1601914E-01 O. OOOOOOOE+OO 
0.1446451 - 0 . 5929260E-01 O. OOOOOOOE+OO 
0.1668165 - 0 . 1028501 O. OOOOOOOE+OO 
0 .1886448 - 0.1461848 O. OOOOOOOE+OO 
0.8100320 - 0 . 1912252 O. OOOOOOOE+OO 
0.8311111 -0.2362911 O. OOOOOOOE+OO 
0 . 8519033 -0.2819202 O. OOOOOOOE+OO 
0 . 8123653 -0 . 3219585 O. OOOOOOOE+OO 
0.8924960 - 0.3143130 O. OOOOOOOE+OO 
0.9123098 - 0 .4209188 O. OOOOOOOE+OO 
0 . 9318312 - 0.4618490 O. OOOOOOOE+OO 
0.9510201 -0 . 5146129 O. OOOOOOOE+OO 
0.9698415 -0 . 5610116 O. OOOOOOOE+OO 
0 . 9884402 -0.6015802 O.OOOOOOOE+OO 

1.006159 -0.6538965 O. OOOOOOOE+OO 
1.026890 -0.1052840 O. OOOOOOOE+OO 
1 . 048148 - 0.1615448 O. OOOOOOOE+OO 
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00 __ 0.0. ___ . o ____ ___ - - .-_-. _ - 00 ' O _ _ ~ O. ___ __ ~· ~ ~OO·O_ • _ _ 0 __ - --- -----
I 

1.072436 - 0.8230521 O.OOOOOOOE+OO 
1.098062 - 0.8902131 O. OOOOOOOE+OO 
1.125662 -0. 9632655 O.OOOOOOOE+OO 
1.155252 -1. 042415 O.OOOOOOOE+OO 
1.186830 -1. 127822 O.OOOOOOOE+OO 
1.220361 -1. 219579 O. OOOOOOOE+OO 
1.255785 -1.317671 O.OOOOOOOE+OO 
1.293039 -1. 422048 O.OOOOOOOE+OO 
1.331995 -1.532499 O.OOOOOOOE+OO 
1.372506 -1. 648620 O.OOOOOOOE+OO 
1.414382 -1.769919 O.OOOOOOOE+OO 
1.457400 -1. 895753 O.OOOOOOOE+OO 
1.501305 -2. 025173 O. OOOOOOOE+OO 
1.545799 -2.157010 O.OOOOOOOE+OO 
1.590574 -2 . 290617 O.OOOOOOOE+OO 
1.635327 -2.425135 O.OOOOOOOE+OO 
1.679668 -2.559144 O. OOOOOOOE+OO 
1.723220 -2.691577 O.OOOOOOOE+OO 
1.765681 -2. 821604 O.OOOOOOOE+OO 
1.806753 -2. 948484 O.OOOOOOOE+OO 
1.846124 -3. 071684 O.OOOOOOOE+OO 
1.883580 -3.191852 0.1903580E-05 
1.918974 -3.305335 0.1358246E-05 
1.952179 -3. 413130 0.1653119E-05 
1.983041 - 3.514931 0.1539569E-05 
2.011562 -3 .610518 0.1184508E-05 
2.037753 -3.699794 0.1101842E-05 
2.061696 -3.782752 0.1288405E-05 
2.083477 -3. 859481 0.2147401E-05 
2.103197 -3.930142 0.8439010E-06 
2.120972 -3. 994961 0.1094460E-05 
2.136953 -4. 054197 0.3223423E-06 
2.151295 -4.108145 0.1054545E-05 
2.164153 -4. 157122 0.6835817E-06 
2.175800 -4. 201425 0.7147956E-06 
2.186393 -4 . 241382 0.6715061E-06 
2 . 195822 -4. 277388 0.4266357E-06 
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2.204079 -4.309798 0 . 7220024E-06 
2.211196 -4.338942 0 . 2384186E-06 
2.217276 -4.365115 O. OOOOOOOE+OO 
2.222741 -4.390125 0 .7152557E-06 
2.225596 -4.414248 0 . 4768372E-06 

202 
-0.8503435 -2. 1131519E-02 
-0.8503120 -2.3498060E-02 
-0.8502332 -2 . 5861019E-02 
-0 . 8501152 -2 . 8223280E-02 
-0 . 8499801 -3.0586360E-02 
-0.8498478 -3. 2948490E-02 
- 0 . 8497195 -3. 5444502E-02 
-0.8495367 -3.8960218E-02 
-0 . 8492448 -4.3802500E-02 
-0.8487291 -5.0277948E-02 
-0.8479056 -5.8607101E-02 
- 0.8468673 -6.8817973E-02 
-0.8454297 -8 . 0578327E-02 
-0.8436325 -9.3217850E-02 
-0.8415182 -0.1058046 
-0 .8391119 -0.1174107 
-0 . 8368247 -0.1274161 
-0.8347721 -0 . 1355352 
-0 . 8330539 -0.1417917 
-0.8317131 -0.1464520 
-0 . 8307285 -0.1498353 
-0 . 8300338 -0.1522384 
-0 . 8291938 - 0.1549525 
-0 . 8283594 -0.1576681 
-0 . 8275394 -0.1603897 
-0 . 8267182 -0.1631095 
-0 . 8258651 -0.1658202 
-0 . 8249546 -0 . 1685101 
-0 . 8239882 -0.1711822 
-0 . 8229856 -0.1738410 
-0 . 8219669 -0.1764941 
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-- ---

-0 .8209407 -0.1791449 
-0.8199121 -0.1817942 
-0.8188763 -0.1844387 
-0.8178322 -0.1870804 
-0.8167819 -0.1897197 
-0.8157284 -0.1923590 
-0.8146734 -0.1949978 
-0.8136958 - 0.1972985 
-0.8123481 -0.2004690 
- 0.8105330 -0.2047458 
-0.8081439 -0.2103505 
-0.8050418 -0.2173948 
-0.8009601 -0.2257309 
- 0.7962791 -0 . 2352276 
-0.7908976 -0.2451839 
-0.7852581 -0.2550120 
- 0.7797520 -0.2640390 
-0 . 7744857 -0.2716813 
-0.7701128 -0.2780175 
-0.7666214 -0.2830057 
-0.7638197 - 0.2867126 
-0.7617322 -0.2894535 
-0.7602206 -0.2914448 
- 0.7585067 - 0.2937107 
-0.7567942 -0.2959762 
- 0.7550800 -0.2982421 
-0 . 7533655 -0.3005061 
-0 . 7516427 -0.3027644 
- 0.7499099 -0.3050151 
-0.7481757 -0.3072653 
- 0.7464430 -0.3095150 
- 0.7447093 -0.3117642 
- 0.7429744 -0.3140144 
-0.7412415 -0 . 3162646 
- 0 .7395080 -0.3185143 
- 0.7377408 -0.3207498 
-0 . 7358676 -0.3229008 
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-0.7339766 -0.3250065 
-0 . 7320926 -0.3271198 
-0.7304083 -0.3289661 
-0.7280506 -0.3315544 
-0.7248378 -0.3351240 
-0.7204874 -0 . 3398108 
-0.7146188 -0 . 3455434 
-0.7074124 -0.3525052 
-0 . 6989050 -0 . 3602829 
-0 . 6895660 -0.3684521 
-0 . 6799896 -0.3763223 
-0 . 6709285 - 0 . 3834567 
-0 . 6629969 -0.3895764 
-0 . 6562784 -0.3942823 
-0 . 6510340 -0.3979454 
-0 . 6470966 -0.4006929 
-0 . 6442261 -0.4026971 
-0 . 6421758 -0.4041271 
- 0 . 6399193 -0 . 4055786 
-0 . 6376626 -0.4070296 
-0 . 6354061 -0 . 4084806 
-0 . 6331494 -0.4099312 
-0 . 6308925 -0 . 4113827 
-0 . 6286364 - 0.4128332 
-0 . 6263793 -0.4142842 
-0 . 6241224 -0.4157352 
-0.6218661 -0.4171858 
-0 . 6196648 -0.4187179 
-0 . 6175027 -0.4203072 
-0 . 6153400 -0.4218950 
-0 . 6131785 -0.4234834 
- 0.6110156 - 0.4250722 
-0 . 6088538 -0.4266605 
-0 . 6066916 -0.4282494 
- 0 . 6056080 -0.4293237 
-0 . 6038585 -0.4306355 
-0.6019473 -0 . 4320683 
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-0 . 5998585 -0.4336343 
-0.5975757 - 0 .4353456 
- 0.5950822 -0.4372158 
- 0.5923574 -0.4392586 
- 0.5893811 - 0.4414897 
-0 . 5861299 -0 .4439278 
- 0 . 5825803 -0 .4465885 
- 0 . 5787048 -0.4494953 
- 0.5744739 -0.4526682 
-0 . 5698566 - 0.4561310 
- 0 . 5648162 - 0.4599109 
-0.5593147 - 0 .4640346 
- 0 . 5533108 - 0 .4685330 
- 0 . 5467589 - 0 . 4734387 
- 0 . 5396174 -0.4787865 
- 0 . 5318441 - 0 . 4846158 
- 0 . 5233974 -0 .4909716 
- 0 . 5142312 - 0 .4979639 
- 0 . 5042839 -0 . 5056334 
- 0 .4934834 -0.5140028 
- 0 .4817472 - 0.5231171 
- 0 .4689895 - 0 . 5330257 
-0 .4551237 - 0.5437927 
- 0 .4400508 - 0.5554843 
-0 .4236861 - 0.5681729 
- 0 . 4059761 -0.5819335 
- 0 .3868835 - 0 . 5969253 
- 0 . 3663556 - 0 . 6134224 
- 0 . 3443651 -0.6315088 
- 0 . 3206997 -0.6512036 
- 0.2951511 -0 . 6724424 
- 0 . 2676010 - 0.6953273 
- 0.2381136 -0 .7202485 
- 0 . 2068570 - 0.7475548 
- 0 .1734368 -0 . 7770576 
- 0. 1376376 -0.8087232 
-9.9896006E-02 - 0 . 8433228 
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-6.0000300E-02 -0.8807602 
-1.7720340E-02 -0.9209964 

2.6771899E-02 -0.9643795 
7.3483348E-02 -1.011038 
0.1223395 -1.061148 
0.1733397 -1.114783 
0.2262687 -1.172173 
0.2814841 -1.232976 
0.3383115 -1. 297744 
0.3967873 -1.366327 
0.4568994 -1.438574 
0.5179356 -1.514847 
0.5804461 -1.594444 
0.6432238 -1.677964 
0.7070484 -1.764452 
0.7706779 -1.854386 
0.8346933 -1.946893 
0.8982663 -2.042040 
0.9614595 -2.139250 

1.023867 -2.238230 
1.085380 -2.338490 
1.145680 -2.439640 
1.204602 -2.541214 
1. 261995 -2.642740 
1.317577 -2.743837 
1.371500 -2.843910 
1.423267 -2.942749 
1.473176 -3.039757 
1.520778 -3.134778 
1.566484 -3.227253 
1.609871 -3.317096 
1.651270 -3.403901 
1.690292 -3.487653 
1. 727319 -3.568028 
1.762216 -3.644975 
1.794956 -3.718459 
1.825979 -3.788257 
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1.854649 -3.854667 
1.881676 -3.917423 
1.906978 -3.976644 
1.930421 -4.032480 
1.952413 -4.084885 
1.972843 -4.134038 
1.991634 -4.180120 
2.009170 -4.223130 
2.025508 -4.263210 
2 . 040530 -4.300579 
2.054365 -4.335348 
2.067202 -4.367614 
2.079095 -4.397523 
2.090108 -4.425216 
2.101564 -4.450262 
2.118183 -4.469349 
2.139040 -4.480016 
2.160339 -4.482932 
2 . 179970 -4.479840 
2 . 197673 -4.470520 
2.212416 -4.455792 
2 . 222278 -4.436616 
2.225596 -4.414248 

0.5 0 . 0 36 . 6803 
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C3X Vane Cascade ADPAGOB Standard Input File {Transitional 
Flow} 

Mesh Dependence Study Mesh #5 

ADPAC Input File Generated by Ed Hall 

JOB TITLE 

Planar 2-D Mark II Cascade mesh TRAF2D Mesh 
Cartesian 2-d Geometry 
RUN 15, UNCOOLED - HACH=0.89 - Re=1.55E6 
Tu=8.3%, Tw/Tg=0.70 

INPUT DATA 

VARNAHE = VARIABLE VALUE 

CASENAHE 
FTOTSM 
EPSTOT 
FCART 
RHACH 
FINVVI 
GAMMA 
PREF 
TREF 
RGAS 
DIAM 
EPSX 
EPSY 
EPSZ 
VIS2 
VIS4 
CFL 
FNCHAX 

= mesh5 
= 1.0 
= 0.30 
= 1.0 

= 0.200000 
= 1.000000 
= 1.365000 
= 6672.960 
= 1415.000 
= 1716.260000 
= 0.256400 
= 1.000000 
= 1.000000 
= 1.000000 
= 0.500000 
= 0.015625 
= -5.000000 
= 300.000000 

COMMENT 

This is the Case Name 
Multigrid Smoothing (O-off, i-on) 
Glabel multigrid smoothing coefficient 
Cartesian Trigger (O-cylindrical, i-Cartesian 
Initial Flow Mach Number (Axial) I 
Viscous Flow Trigger (O-inviscid, i-viscous) 
Specific Heat Ratio 
Inlet Total Pressure (psfa) 
Inlet Total Temperature (deg R) 
Gas Constant 
Scaling Factor 
Residual Smoothing Coefficient (X) 
Residual Smoothing Coefficient (Y) 
Residual Smoothing Coefficient (Z) 
2nd order damping coefficient 
4th order damping coefficient 
Time Step Multiplier (-,steady state + time-! 
Number of fine mesh iterations " I 
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FTIHEI 
FTURBI 
FTURBF 
FTURBB 
PRNO 
PRTNO 
FSOLVE 
FVTSFAC 
FFILT 
FRESID 
FREST 
FHULTI 
FSUBIT 
FFULMG 
FCOAG1 
FCOAG2 
FITFMG 
CHU'TSS 

= 1.000000 
= 1.000000 
= 9999 . 000000 
= 1.000000 
= 0.685000 
= 0.900000 
= 1.000000 
= 2.5 
= 1.000000 
= 1.000000 
= 0.000000 
= 3.000000 
= 3.000000 
= 1.000000 
= 3.000000 
= 2.000000 
= 100.000000 
= 14.0 

CHU'TPS = 14.0 
XTRANSS = 
XTRANPS = 
FTURBCHT(1) = 
FWALLF = 
RPM(1) = 

0.8 
0.0 
1.00 
0.0 
0.000000 

Iteration Interval between time step update 
Iteration Interval between turbulence update 
Iteration number to freeze turbulence model 
Iteration number to begin turbulence model 
Prandtl Number 
Turbulent Prandtl Number 
Solution Type (0-4stage,1 - 4stage w/smooth) 
Viscous time step multiplier for stability 
Dissipation Trigger (O-off,1-on) 
Rseidual Smoothing Trigger (O- off,1-on) 
Solution Restart Trigger (O-cold start,1 - restart) 
Number of Multigrid Levels (i-no multigrid) 
Number of multigri subiterations 
Full Multigrid Trigger (O-off,1-on) 
Full multigrid starting mesh level 
Full multigrid ending mesh level 
Number of full mutligrid iterations 
Suction surface Mayle transition parameter 
Pressure surface Mayle transition parameter 
Suction surface geometric transition parameter 
Pressure surface geometric transition parameter 
C-Grid Turbulence model trigger 
Wall Function Trigger (O-off, i - on) 
Rotational Speed (=0.0 for vane) 
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# 

C3X Vane Cascade ADPAC08 Boundary Data File (Transitional 
Flow) 

Mesh Dependence Study Mesh #5 

# Created by hand by Ed Hall 
# March 30, 1993 ~ 2:45 P.M. 
# Revised by Scott McNulty 
# 12/21/93 
# 

# Allison C3X Turbine Vane - Run 4411 with 385x97 C-Mesh 
# Uncooled - Mach2=0.90 - Re=2.0E6 
# 

#-----------------------------------------------------------------------
#---> Patch the periodic boundary for the 2-d grid 
# 

PATCH 1 1 J J M M I J 97 97 1 185 1 2 385 201 
PATCH 1 1 J J M M I J 97 97 201 385 1 2 185 1 
# 

#---> Now set the blade surfaces 
# Use the arc-length averaged Wall Temperature instead of 
# surface temperature distribution 
SS2DVI 1 1 J J P P S S 1 1 121 337 1 2 121 337 
RPMLOC TWALL 
0.0 0.73 
# 

#---> Now 
# 

INLETG 1 
PTOT TTOT 
1.0 1.0 

# 

set 

1 

the 

J 

inlet boundary 

J M M S S 97 97 185 201 

#---> Now set the lower exit boundary 
# 

/ 

1 2 185 201 

1 2 
1 2 

the actual 

1 2 

1 2 

EXITG iiI I P P S S 1 1 
PEXIT 

1 97 1 2 1 97 1 2 
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0.59768 
# 

#---) Now set the upper exit boundary 
# 

EXlTG 1 1 I I M M S S 385 385 1 97 1 2 1 97 1 2 
PEXlT 
0.59768 
# 

#--- ) Now set the lower wake cut 
# 

TRAF 1 1 J J P P S S 1 1 1 121 1 2 337 385 1 2 
# 

#---) Now set the upper wake cut 
# 

TRAF 1 1 J J P P S S 1 1 337 385 1 2 1 121 1 2 
# 

ENDDATA 
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