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EXECUTIVE SUMMARY

 The l?ederal Aviation Administration (FAA) and the National Aeronautics and Space
Afimmistration. {NASA) jointly sponsored the Symposium on Continued Airworthiness of
Aircraft Structures in Atlanta, Georgia, August 28-30, 1996. The Symposium was hosted by the -

FAA Center of Excellence for Computauonal Modeling of Aircraft Struclures at Georgia
- Institute of Technotogy.

Technical papers were selected for presentation at the symposium, after a review of extended
abstracts received by the Organizing Committee from a general call for papers. Keynote
~ addresses were given by Dr. George L. Donohue, Associate Administrator of Acquisition and
Research of the Federal Aviation Administration, and Dr. Robert W. Whitehead, Associate
‘Administrator for Research and Acquisition, National Aeronautics and Space Adnﬁnistration.

* Full-length rnanuscripts were requested from the authors of papcrs presented;. thesc paper are
included in the proceedings. -

The members of the Conference Orgamzmg Committee. are as follows
Chris C. Seher, Conference C‘hamnan F oderal Aviation Administration
Charles E. Harris, Conference Co-Chairmian, NASA Langley Research Center
Satya N. Atluri, Georgia Institute of Technology
Amos W. Hoggard, Douglas Aircraft Company
Roy Wantanabe, Boeing Commercial Airplane Group
John W, Lincoln, US Air Force
“Thomas Swift, Federal Aviation Admmmranon
Aubrey Carter, Delta Airlines

_ Jerry Parter, Lockheed Martin Aerospace

Catherine A. Bigelow, Federal Aviation Administration
James C. Newman, NASA Langley Research Center
Andres Zellweger. Federal Aviation Administration

-

_ Approxirnately 240 people attended the conference. The affiliations of the attendees included
33% trom government agcncncs and laboratories, 19% from academia, and 48% from industry.

~ Chris C. Scher
FAA chhnicai Center

.....




" FATIGUE.-LIFE PREDICTION METHODOLOGY USING
SMALL-CRACK THEORY AND A CRACK-CLOSURE MODEL

J. C. Newman, Jr. and E. P. Phillips
NASA Langley Research Center
Hampton, Virginia, USA

C
M. H. Swain
Lockheed Engineering and Sciences Company.
"~ Hampton, Virginia, USA

ABSTRACT

This paper reviews the capabilities of a plasticity-induced crack-closure model to
predict fatigue lives of metallic materials using “small-crack theory” for various materials
and loading conditions. Crack tip constraint factors, to account for three-dimensional state-
of-stress effects, were selected to correlate large-crack growth rate data as a function of the

effective-stress-intensity factor range (AKefy) under constant-amplitude loading. Some

modifications to the AKegy -rate relations were needed in the near-threshold regime to fit
measured small-crack growth rate behavior and fatigue endurance limits, The model was
then used to calculate small- and large-crack growth rates and to predict total fatigue lives for
notched and unnotched specimens made of two aluminum alloys, a titanium alloy, and a steel
under constant-amplitude and spectrum loading. Fatigue lives were calculated using the
crack-growth relations and microstiuctural features like those that initiated cracks for the
aluminum alloys and steel for edge-notched specimens. An equivalent-initial-flaw-size
concept was used to calculate fatigue lives in other cases. Results from the tests and analyses
agreed well. '

INTRODUCTION

On the basis of lincar-clastic fracture mechanics (LEFM), studies on small eracks (10
- um to 1 mm) have shown that smali cracks grow much faster than would be predicted from -
" large-crack data (Pearson (1], Ritchie and Lankford (2], Miller and de los Rios [3]). This
behavior is illustrated in Figure 1, where the crack-growth rate, da/dN or dc/dN, is plotted
against the lincar-clastic stress-intensity factor range, AK. The solid (sigmodal) curve shows
typical results for large cracks in a given material and cnvironment under constant-amplitude
loading. The solid curve is usually obtained from tests with large cracks. Atlow growth
rates, the threshold stress-intensity factor range, AK gy, is usually obtained from load-
reduction (AK-decreasing) tests. Some typical resulis for small cracks in plates and at
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Figure 1. Typical Fatigue-Crack Growth Behavior for Small and Large Cracks.

notches are shawn by the dashed curves. These results show that small cracks grow at AK

- Jevels below the large-crack threshold and that they also grow faster than large cracks at the

same AK level above threshold. Small-cruck effects have been shown to be more prevalent
in tests which have compressive loads such as negative stress ratios (Zocher [4), Newman
and Edwards {5,6]). Over the past decade, various studies on small- or short-crack growth
behavior in metallic materials have led to the realization that fatigue life of many materials is

~ primarily crack growth from microstructural features such as inclusion particles, voids or

slip-band formation. Concurrently, improved fracture-mechanics analyses of some of the
crack tip shielding mechanisms such as plasticity-induced crack closurc and analyses of

-surface- or corner-crack configurations (Raju and Newman (7,8)) have led to more accurate

crack-growth and fatigue-life prediction methods. Thus, small-crack theory is the treatment
of fatigue as a crack-propagation pracess from a microdefect (or crack) to failure. '

During the last decade, rescarch on small- or short-crack cftects have concentrated on
three possible explanations for the behavior of such cracks. They are plasticity effects,

- metallurgical cffects, and crack closure, All of these features contribute to an inadequacy of

LEFM and the use of the AK-concept to correlate fatigue-crack growth rates. Some of the
earliest small-crack experiments were conducted at high stress levels which were expected to
invalidatc I.LEFM methods. Noalinear or elastic-plastic fracture mechanics concepts, such as
the J-integral and an empirical length parameter (El Haddad et al. [91), were developed to
explain the observed small-crack effects. Recent reseuarch on the use of AJ as a crack-driving
parameter suggest that plasticity effects arc small for many of the early and more recent
small-crack experiments (Newman [10]). But the influence of plasticity on small-crack
growth and the appropriate crack-driving paramieter is stil) being debated.
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Small cracks tend to initiate in metallic materials at inclusion particles or voids, in
regions of .atense slip, or at weak interfaces and grains. In these cases, metallurgical
similitude breaks down for these cracks (which means that the growth rate is no longer an

average taken over many grains), see Leis et al. [11]. Thus, the local crack growth behavior
is controlled by metallurgical features. If the material is markedly anisotropic, the local grain
_ oricntation will strongly influence the growth rate. Crack-front irregularitics and small
purticles or inclusions affect the local stresses and, therefore, the crack growth response. For
_ large cracks, all of these metallurgical effects are averaged over many grains. cxcept in very
coarse-grained materials,. LEFM and nonlinear fracture mechanics concepts are only
~ beginning to explore the influence of metallurgical features on stress-intensity ‘factors, wam-
‘energy densiiies, J-integrals, and other crack-driving parameters.

Very carly in small-crack research, fatigue-crack closure (Elber {12)) was recognized
as a possible explanation for rapid small-crack growth rates {see Nisitani and Takao {13]).
~Fatigue-crack closure is caused by residual plastic deformations left in the wake of an

) /" advancing crack. Only that portion of the load cycle for which the crack is fully open is used -

in computing an effective stress-intensity factor range (AKgyy) from LEFM solutions. A
small crack initiating at an inclusion particle, a void, or at a weak grain does not have the
prior plastic history 1o develep closurc. Thus, a small crack may not be closed for as much
of the loading cycle as a Jarger crack. If a small crack is fully open, the stress-intensity factor
range is fully effective and the crack-growth rate will be greater than steady-state, crack-
growth rates. (A steady-state crack is one in which the residual plastic deformations and
crack closure along the crack surfaces are fully developed and stabilized under steady-state
loading.) Simall-crack growth rates aie also faster than steady-state behavior because these
cracks may initiate and grow in weak microstructure. In contrast to small-crack growth
behavior, the development of the large-crack threshold, as illustrated in Figure 1, has also

~ been associated with a rise in crack-opening leud as the apptied load is reduced (Minikawa
and McEvily [14) and Newman {15]). Thus, the steady-state, crack-growth behavior may lie
between the small-crack and large-crack threshold behavior, as illustrated by the dash-dot
curve.

The purpose of this paper is to review the capabilitics of a plasticity-induced, crack-
closure made] (Newman {16,17)) to correlate large-crack growth rate behavior and to predict
fatigue Yives in two aluminum alloys, a titanium alloy, and a steel under various load
histories using small-crack theory. Test results from the literature on 2024-T3 and 7075-T6
aluminum alloys, Ti-6A1-4V titanium alloy, and 4340 steel under constant-amplitude loading
were analyzed with the closure model to establish an effective siress-intensity fuctor range

(AKef) against crack-growth rate relation. The AKcgs -rate relation and some micro-
structural features were used with the closure model to predlict total fatiguc lives on notched
specimens made of aluminum alloys and steel under various load histories. An equivalent-
initial-fNaw-size (EIFS) concept (Rudd et al. ] 18]) was used 10 calculate fatigue lives for
unnotched and notched aluminum and titanium alloys. ‘The load histories considered were
constant-amplitude Yoading over a wide range in stress ratios, FALSTAFF (van Dijk et al.
[191), Gaussian (Huck et al. [207). TWIST (deJonge et al. [21]), Mini-TWIST (Lowak et al.
(221 and Felix/28 (Edwards and Darts {23]) load sequences. The crack configurations used
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in these analyses were through-crack configurations, such as middle-crack and compact
tension specimens, and threc-dimensional crack configurations, such as a comer crack ina’
"bar or a surface crack at a circular hole or semicircular edge notch. Comparisons are made

between measured and calculated or pr cdxctcd fatigue lives on vario unnotchcd and
notched specimens. Y ?

AT

CRACK AND NOTCH CONF{GURATIONS ANALYZED

The large-crack, AK-rate data for the iwo aluminum alloys and the stee} were
obtained from middle-crack tension specimens and the data for the titanium alloy was
obtained from compact tension and corner crack in a bar-specimens. The data for the 2024-

T3 alloy was obtained from Hudson [24], Phillips [25), and Dubensky [26], whereas the data .
for the 7075-T6 alloy was obtained from Phillips and Deng (see Refs. 27 and 28). The data -

for the 4340 steel was obtained from Swain et al, (29). The data for the Ti-6A1-4V alloy was
obtained from Raizenne {30}, Mom and Raizennc (31), and Powel) and Henderson [32].

The fatigue specimens analyzed arc shown in Rigure 2, ‘They were

@) the uniform stress (Kt = 1) unnotched specimen,

(b)  thecircular-hole (Kt # 3) specimen,
.(c) thesingle-cdge-notch teasion (SENT, Kt = 3.15 or 3.3) specimen, and
(d)  the double-edge-notch tension (DENT. Kr = 3.1) specimen.

Here the stress concentration factor, KT, is expressed in tcnm of the remote (gross) stress, S,
instead of the net-section stress.

s .8 8 s
N B R ]_.i-,_i
2 . N ! ,
ke |07 (1, '% C
o 2W wmete o W —+ i-—2w-—-
| |
SN A SR A s A A A S

(8iKym1  {b)Kpsd  (C)Ky= 315  (O)Kye3d

Figurc 2. Fatiguc Specimens Analyzed With Small-Crack Theory.
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. growth analyses, the constraint factor a is used as a fitting parameter 10 correlate crack-

" However, tests conducted under single-spike overloads seem to be more sensitive to statc-of-

P _PLASTICITY-INDUCED CRACK-CLOSURE MODEL
Y

The crack-closute model (Newman [16]) was dew.lopud for a central through ¢rackin ..
a inite-'vidth specimen subjected to remote applied stress. The model was later extended to -~
a through crack emanating from a circular hole and applied to the growth of small cracks
“U(Newinan (15]). The model was based on the Dugdale [33) model, but it was modified to
leave plastically deformed material in the wake of the crack. The details of the model are

_given elsewhere and will not be presented here. One of the tmost imporiant features of the “« j ‘
model, however, is the ability to model three-dimensional constraint effects. A constraint \_ A
factor, @, is used to elevate the flow stress (06,,) at the crack tip to account for the influence - | . \

“of stress state. The flow stress G, is the average between thc yieid stress and ulumate tensile o I
strength. For plane-stress conditions, ctis equal to unity (or ginal Dugdale mode), und for .

simulated plane-strain conditions, o is equal to 3. Although the strip-vicld model does not
madel the correct yicld-zone pattern for plane- stram conditions, the model with a high
constraint factor is able to produce crack-surface displacements and crack-opening stresses
“quite similar to those calculated from an elastic-plastic finite element analysis of crack -
growth and closure for a finite-thickness plate (Blom et al. (34]). In conducting fatiguc-crack

growth rate data against AKqy under constant-amplitude loading for differcat stress ratios.

stiess cffects and may be a more appropriate test to determine-the constraint factor.

C

. Effective Stress-Intensity Factor Range

For most damage tolerance and durability analyses, the lincar-clastic analyses have
been found to be adequate. The linear-elastic effective strcss -intensity factor range developed
b} Elber [12] s given by

AKefr = (Spnax - §'o) Vime) Fleiwy - W

where Synax is the maximum stress, S’y is the cruck-opening stress, and F is the boundary-
carrection fuctor. However, for high stress- intcnsily factors, proof testing, and low-cycle
fatigue conditions, the Yincar-clastic analyses <¢ inadequute and nonlincar erack-growth
parameters are needed. To account for plasticiiy, a portion of the Dugdale cyclic-plastic-7one
length () has been added to the crack length, ¢. The cyclic-plastic-zone corrected effectiv
stsess-intensity factor (10 is ?

(AKplest = Sy - S'o) V(rd) F(d/w) \ (2)
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where d = ¢ + /4 and Fis the cychc-p\aeuc-mm corrected boundary-correction factor.,

Herein, the cyclic-plastic-zone corrected effective strcss-mtunmy factor range will be-used in
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As acrack grows in a finite-thickness body under cyclic loading {constant stress

range), the plastic-zone size at the crack front increases. At Jow stress-intensity factor levels, -

pline-strain conditions should prevail but as the plastic-zone size becomes large compared to

sheet thickness, a loss of constraint is expected. This constraint loss has been associated

\ with the transition from flat-to-slant crack growth. Schijve [35) has shown that the transition
, occurs at nearly the same crack-growth rate over a wide range in stress ratios for an '

aluminum alloy This observation has bcm uscd to help select the 0’)05(!&1!1(-‘055 rcglmc
(see Ref. 36). . : Nl s . o o

Newman {17] dwcloped crack=opening, stress equations for s,onsunt amphtude
inading from crack-closure model calculations for a middle-crack tension specimen. These -

(Smax/C,), and thc\constraim factor (o). These equations are used o develop the baseline -

"

cmc.k-growm and fatigue-life predictions.

N
. .
N

o LARGE-CRACK GROWTH BEHAVIOR .

To make life predictions, AKgr as @ function of the crack-growth rate must be

“obtained for the material of interest. Fatigue crack-growth rute data shouid be obtained over
the widest possible range in rates (from threshold to fracture), especially it spectrum load
predic tions arewequired. Data obxained o the crack canfiguration of interes: vould be
helpful but itis not esscatial. The use of the nonlinear crack tip parameters is only = wssary
if severe loading ¢such as low-cycle f.nigue conditions) are of interst. Most damag.-(olerant
life calculations can b performed using the lmear elastic stress- lmcnsxly mclor anaiysis with
cmul\-do.sure modifications.

Under constant-amplitude loading, the only unknown in the analysis is the constsaint -
factor, . The constraint factor is determined by finding (by trial und error) an « value that
will correlate the constant-amplitude fatigue crack-growth rate data over a wide range in

© stress ratios, as shown by Newman [17]. This correlation should produce a unique

selationship between AKegs and crack-growth rate. In the large-crack-growth threshold
regiinie for some materials, the plasticity-induced closure-modcl may not be able W collapse




the threshold (AK-rate) data onto a unique AK.y -rate relation because of other forms of
closure. Roughness- and oxide-induced closure (sce Ritchic and Lankford [2]) appear to be
“more relevant in the thrzshold regime than plasticity-incuced closure. This may help explain
why the constraint factors needed to correlate crack-growth rate data in the near threshold
regime are lower than plane-strain conditions. The constraint factors are 1.7 to 2 for
aluminum alloys, 1.9 to 2.2 for titanium alloys, and 2.5 for steel. However, further study is
needed to assess the interactions between plasticiiy-, roughness- and oxide-induced closure

in this regime. If the plasticity-induced closure model is not abic to give a unique AK¢r -rate
relation in the threshold regime, then high stress ratio (R > 0.7) data may be used to establish
the AK¢s -rate relation. ‘
, - . \ .
In the following, the AK gt -rate relation for two aluminum alloys, a titanium alloy,

and a steel will be presented and discussed. A detailed description will be given for one

material but similar procedures were used to establish the relationships for all materials used
in this study. ‘

Aluminum Alloy 2024-T3

The large-crack results for 2024-T3 aluminum alloy are shown in Figure 3 for data
gencrated by Hudson {241, Phillips [25), and Dubensky [26]. This figure shows the elastic
AKgr (egn. 1) plotted against crack-growth rate. The data collapsed into a narrow band with
several transitions in slope occurring at about the same rate for all stress ratios. Some lurge
differences were observed at high R-ratios in the high-rate regime. These tests were ‘
conducted at extremely high remote stress levels (0.75 and 0.95 of the yield stress). Even
elastic-plastic analyses, such as equation 2, were unable to collapse the data along a unique
curve in this regime. From a high-cycle fatigue standpoint, however, this discrepancy has
very little infiuence on total life. The elastic-plastic fracture criterion (Two-Parameter
Fracture Criterion, TPFC; see Ref. 39) used in the analysis (Ky = 267 MPa\"m; m=1)
predicted failure very near to the vertical asymptotes of the test data, see the vertical dashed
and dotted lines for R = 0.7 and 0.5 (at 0.75 and 0.95 of yicld), respectively. Similar vertical
lines (not shown) would also indicate failure at the other R ratios. Lower R ratios would fail

at higher values of AKegr. For these caiculations, a constraint factor (o) of 2.0 was used for
rates less than 1E-07 mfeycle (start of transition from flat-to-slunt crack growth) and o equal
t¢ 1.0 was used for rates greater than 2.5E-06 m/cycle (end of transition from flat-to-slant
crack: growth). For intermediate rates, 0 was varied lincarly with the logarithim of crack-
growth rate (see Ref. 37). The values of ¢t and rate were selected by trial and error and from

~ analyses of crack growth under spectrum loading (see Ref. 38). The constraint-loss regime
(a = 2to 1) has also been associated with the flat-to-slant crack-growth behavior. -
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Reference 38 developed an expression to predict the location of the flat-to-slant crack-growth *
regime and the effective stress-intensity fuctor at transition is by

de/dN
m/cycle

Figure 2. Effective Stress-Intersity Factor Range Against Crack-Growth Rate for Lar gc
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Cracks in 2024-T3 Alum.num Allov Sheet.

For the 2024-T3 allay sheet, (AKegp)r = 10.2 MPa\m. The width of the constraint-loss

:“.‘.u .

regime. in terms of rate or AKegy, is a function of thickness but this relationship has yet to be

developed. In the low crack-growth rate regime. near and at threshold, tests and analyses
[ 14.15] have indicated that the threshold develops because of a rise in the crack-apening

stress-to-maximume- stress ratio due to the load-shedding procedure. In the threshold regime
then. the actual AKf; -rate data would lie at Yower valtues of AKefs because the rise in crack-

apening stress was nat accounted for in the current analysis, For the present study, an
estimate was made for this behavior on the basis of small-crack data [S] and it is shown by
the solid line below rates of about 2E-09 m/cycle. The baseline relation shown by the solid
line (sce Tahle 1) will be used later to predict fatigue tives “nder wnstdnt-.unphtudc and

spectrum foading.
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Table 1. Mechanical, Fracture, and Baseline Crack-Growth (AK,; -Rate) Praperties.

2024-T3 7075-T6 ___Ti-6Al-4V 4340 Steel
B=23mm B=23mm . B=10-13mm B=51mm

-Gy =360MPa Ou=520MPa . Gy =860 MPa _ Oy = 1410 MPa
0, =490 MPa g, = 575 MPa g,=960MPa . ©,=1510MPa
E = 72000 MPa ~ E="72000 MPa E=115000MPa . E=207000 MPa
Kr = 267 MPavm Ke=S0MPaVm ~ Kp=54MPa¥m K= 170 MPavm
m=1.0 m=00 m = 0.0 - m=0.0

AKr de/dN AKewr _de/dN AR dc/dN © ARt de/dN
MPaNm  mfcycle  MPavm  m/cycle  MPaVm  micycle  MPavm  m/eycle

038 1LOE-11 09 - 10E1! 10 LOE-1 32 ~ LOE-11
1.05 10E-10 - 125  1O0E09 = 25 10E-10 - 375 S.0E-10
2.05 2.0E-09 30 1.0E-08 4.4 1.0E-09 52 . 2.0E-09
- 40 8.0E-0Y 4.0 6.2E-08 8.0 1.0E-08 73  1.0E-09

73 1.0E-07 10.0 1.0E-06 = 128 - 1.0B-07 14.0 S.0E-08
135 1LOE-00 148 = 1.0E-05 250 1.0E-06 50.0 6.5E-07
230 1.0E-05 230 10E-04 = 540 - 20E-05 . 1080 "1.0E-04
36.0 1.0E-04 . , : :

85.0 1.0E-02
o de/dN a dc/dN ’ o dc/dN
micycle ‘ nvcycle ' o m/cycle
2.0 1.0E-07 18 720E-07 . «a=19 25 S.OE-07
1.0 2.5E-06 1.2 7.0E-06 1.2 2.5E-05

Aluminum Alloy 7075-T6

—

The large-crack results for 7075-T6 alurninum alloy are shown in Figure 4 for data -
generated at two different laboratories and at three stress ratios (Phillips and Deng, see
Ref. 27). The data coilapsed into a narrow band, again, with several transitions in slope
occurring at about the same rate for all stress ratios. These data demonstrate why a table-

lookup AKff-rate curve is needed to fit crack-growth rate data over many orders of
magnitude in rate. Some differences were observed in the ricar threshold regime. For these
calculations, a constraint factor ¢ of 1.8 was used for rates less than 7E-07 m/cycle and «
equal to 1.2 for rates greater than 7E-06 m/cycle. Again, the values of ¢ and rate were
selected by trial and error. For this sheet alloy, the constraint-loss regime occurs near

(AKefe)r = 13.1 MPavm. In the threshold regime, an estimate was made to fit small-crack
growth rate behavior (see Ref. 28) and it is shown by the solid Jine below a rate of about 2E-
0% m/cycle. The baseline relation shown by the solid line (sec Table 1) will be used later to

- predict small-crack growth rates and fatigue lives under constant-amplitude and spectrum
loading.
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+* Titanium Alloy Ti-6Al-4V

o Figure 5 shows the AK,¢r -rate data for small corner cracks (open symbols) in [0-mm-
thick Ti-6Al-4V titanium alloy (Raizenne [30]). In these tests, the initial defect size wasa
250-pm quarter-circular, electrically discharged, machined notch in a square bar under
tension. The dashed line shows the results of analyses on additional corner-crack data from
Reference 31. The solid symbols show the resvits from 13-mm-thick compact specimens

(Powell and Henderson [32]) tested over a wide range of R ratlos and down to much lower
rates (han the corne.r-crack tests.

te-3 [ 7076-T6 (27, 26]
- Middle-Crack Tension
B=2/3 mm &

ted
166

de/dN g7
micycle -

0.5 1 - 10 §0
AKap, MPa-m'?

Figure 4. Effective Stress-Intensity Factor Range Against Crack-Grov:th Rate fof Large ,
Cracks in 7075-T6 Aluminum Alloy Sheet. '

For the thick material, the loss of constraint occurs near a (AKese)r value of about 50
MPavm, which is beyond the current test data. A-constraint-loss regime would occur in this
material but the fracture toughness Kg = 54 MPavm (m = 0; LEFM). Thus, the specimens
will fracture before the constraint loss is activated. Conscquently, a constant constraint -
factor was used over the complete AKes range. The data correlated quite well with a
constant constraint factor of 1.9. The baseline relation (solid line) fit to the corner-crack

results in the midregion, and the compact results in the low-rate regime (see Table 1) will be
used later to predict fatigue lives for 3.5-mm-thick double-edge notched tension specimens.
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The constraiqt-loss regime for the thinner titanium alloy would occur at a (AK'eﬁ;)T value
of about 27 MPavm. Becuuse only constant-amplitude loading will be considered later, the
constant constraint relationship with a0 = 1.9 will also be used for the thinner alloy.

184 ~ Ti.gAl-4V |
| === Rel. 31 (Corner Crack)
a=198 /
1e-5 - Baseline
1e-6 |- Comer Crack
[ B=10mm
R [30)
':/cés?le tle7 | ¢ 0.1 Compact
[oeor B=13mm )
< R (32]
. 1e-8 . o7
1 e« 074
A (.82
oo ¢ 09
1e-10 T
1 10 100

AKe, MPa-m'?

Figure 5. Effective Stress-Intensity Factor Range Against Crack-Growth Rate for Large
Corner and Through Cracks in Ti-6Al-4V Titanium Allay.

Stec] 4340

The large-crack results for the 4340 steel are shown in Figure 6 for data genesated at ‘

wwo different laboratories and at four stress ratios (see Swain et al. [29]). For these
calculations, a constraint factor ¢ of 2.5 was used for rates less than SE-07 m/cycic and o
cqual to 1.2 for rutes greater than 2,.5E-05 mv/cycle. Again, the valucs of o and rate were
selected by trial and error. For this material and thickness, the constraint-loss regime occurs

near (AKegp)r= 52 MPavm, which corresponds closely to the sharp change in growth rates at
about 1E-06 m/cycle. The data collapsed into a fairly tight band, in the midrate regime, but
some differences were observed in the near threshold regime. For the high-strength steel,
small- and Yarge-crack data tended to agree in the near threshold regime (sce Ref. 29). The
baseline relation shown by the solid line (see Table: 1) will be used later to predict fatiguc
lives under constant-amplitude and spectrum loading.
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Figure 6. Effective Stress-Intensity Factor Range Against Crack-Growth Rate for Lirge
Cracks in 4340 Steel.

S

SMALL-CRACK GROWTH RATE BEHAVIOR

\ Earlier work by Pearson [1] on fatigue-crack initiation and growth of small cracks
from inclusion particles in two alumizum alloys (BS L65 and DTD 5050) set the stage for the
development of the small-crack theory. His results arc shown in Figure 7, as the dashed curve,
along with additional small- and )arge-crack data from Lankford [40) on 7075-T6 aluminum
alloy. Pcarson concluded that cracks of about the size of the average grain-size, grew several
times faster than large cracks at ‘nominally identical AK values. The open symbols and dash-
dat curve show the large-crack data and the development of the Jarge-crack threshold at about
3 to 4 MPavm. The light solid lines show measured small-crack growth rates, from small
surfuce cracks, with growth at’AK levels as low as 1.5 MPaym. Some general obscivations,
by Lankford [40], was that the minimum in dw/dN occurred when the crack depth, a, was
about the minimum dimension of the pancake grain (subsurface grain boundary) and that the
magnitude of the lower rates was controlled by the degree of microplasticity in the next grain
penetrated by the crack. If the next grain is oriented like the first, then no deceleration will
cceur, as indicated by the uppermost small-crack curves in Figure 7.
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Figurc 7. Measured and Predicted Small- and Large-Surface Crack-Growth Rates in an
Aluminum Alloy.

At this stage, it would be of interest to compare the test results from Pearson and
“Laukford with the small-crack growth predictions made from the crack-closure model. The
AK,f -rate relation for the 7075-T6 alloy [27,28) is shown as the dottesd iines. These results
were generated from large-crack data for rates greater than about 2E-06 :nm/cycle. The
results are quite different from: those shown for the Pearson-Lankford Jarge-crack data. The
reason for this discrepancy is unknown. The Jower section of the AK s -rate relation (below
2E-046 mnvcycle) was estimated on the basis of small-crack data, also gencrated in Reference

28. The AK.4r-rate relation is closure free and this is the starting point for all small cracks
because these ¢racks are assurned-to be fully open on the first cycle. The results of an
analysis of the test specimen used by Lankford is shown by the heavy solid curve. The initial
‘defect was selected as a 10 um radius semicircular surface crack, so that the 2a dimension (on

" the surfuce) would be 20 um.  As the smaly-crack grew, the closure level increased much

faster than the AK level and a rapid decrease in rates was calculated. This rapid drop is a

combination of the closure transient and the sharp change in slope of the AKegy -rate curve at
about 1E-06 mm/cycle. At about 30 wm, the crack-opening stresses from the model had
nearly stabilized (apparent by the fact that the heavy solid line is parallel to the dotted line).
Also, the effects of plasticity on the erack-driving force, like equation 2, is Quite small
considering that the applied stress level was 0.75 times the flow stress (see Figure 6 in Ref.
10). The predicted results for the small-crack growth rates arc in excellent agreement with
Pcarson’s data and agree with Lankford’s data which do not exhibit a grain-boundary

343




influence. Interestingly, the small-crack analysis shows a single d1p in the small-crack curve.
similar to the single dip obscrved in some of Lankford’s small-crack data. Would the grain-
boundary interaction always occur at the same crack length (40 um)? Why aren't there other
dips, or small indications of a dip, in the rate curve at 80, 120, or 160 um?" Further study is
needed to help resolve these issues. The following section will review the use of small-crack

 theory to predict or calculate fatigue life for unnotched and notched specitnens under various. - N
load historics. : . '

FATIGUE-LIFE PREDICTIONS ~ - T«

At this point, all of the elements are in place to assess small-crack theory—a total
fatigue-life prediction methodology based solely an crack propagation from microstructural
features. In this approach, a crack is assumed to initiate and grow from a microstructural
feature on the first cycle. The crack-closure model and the baseline AK. -rate curve are used
to predict crack growth from the initial crack size to failure. The final crack size was \
calculated from the fracture toughness of the material, except where noted. Comparisons are .
made with fatigue tests conducted on unnotched tension, circular-hole tension, and single- or
double-edge notch tension specimens. Results are presented for (wo aluminum alloys, a
titanium alloy, and a high-strength steel under either constant-amplitude or spectrum loading.

Aluminum Alloy 2024-T3 L

P
LUy

Grover et al. [41] conducted fatigue tests on flat (Ky = 1) dog-bone specimens (Figure
2a) made of 2024-T3 aluminum alloy under R = 0 and -1 loading. The specimens were F

electro-polished but no information on crack-initiation sites was available. Thus, in the
analvses it was assumed that cracks initiated as quarter-circular corner cracks. A comparison
of experimental and calculated fatigue lives is shown in Figure 8. Various initial crack sizes
were selected by trial and error to find the best value to fit the test data. Analyses with a
20-um initial crack size fit the test data quite well for both R ratios. Results for each R ratio

approached the flow stress G, (average of the yicld stress and ultimate tensile strength) for
high applied stress levels. Some discrepancics were obscrved for bath R = 0 and -1 analyses
at applied stress levels above the yield stress. These discrepancies were expected becausc the
closure madel docs not account for strain-hardening effects but uses an average flow stress.
To fit futigue limits, a value of (AKeg)h of 0.8 MPavm was needed for the 20-pm initial
crack.
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"Figure §. Measured and Calculated Fatigue Lives for 2024-T3 Aluminum Alloy Unnotched
"~ Specimens. ' " ,

Landers and Hardrath (42] determined the fatigue lives of 2024-T3 aluminum alloy
specimens with a central hole (Figure 2b). The results for specimens with a hole radius of
1.6 mim are shown in Figure 9. Predicted results, as shown by the curves, were made using
an initial semicircular crack size (6 jum) that had an equal area to the average inclusion-
particle sizes that initiated cracks [5]. Results from the clastic-plastic analyses {cqn. 2)
agreed fairly well with the test data, but the elastic analyses (eqn. 1) over-predicted fatigue
life at the high stress levels. The elastic-plastic analyses tended 10 underpredict lives for R =
0 and slightly over-predict lives for R = -1. The influence of stress ratio on fatigue limits was

predicted quite well using a value of (AKe)th of 0.8 MPavm (determined from the
unnotched specimens, Figure 8). The smaller initial crack size for a notchied specimen

“compared Lo that for the ununotched specimen (20 fm) is probably duc to a much smaller
volume of material under the stress that causcd failure.

Comparisons of experimental and predicted fatigue lives for 2024-T3 single-cdge
notch tension (SENT) specimens (Figure 2c) under the FALSTAFF {19], Gaussian (20], and
TWIST (21} load sequences are shown in Figure 10. The specimens were cycled until 4
crack had grown across the full thickness, that is 2ay = B, The predictions were made using
the same initiai crack. size used for the previous constant-smplitude predictions (6 yum). The
predicted lives, again, agreed well with the test data. For these conditions, however, the
elastic and elastic-plastic analyses showed very little difference.
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Aluminum Alloy 7075-T6

Again, Grover et al. [41] conducted fatigue tests on flat dog-bone specimens made of

7075-T6 aluminum alloy.. The specimens wete also cicctropolished. In the anaiyses it was

- assumed that cracks initiated as quarter-circular corner cracks at a specimen cdgé. A
comparison of experirnental and calculated fatigue lives is shawn in Figure 11. Similar to the

2024-T3 alloy, a 20-um initial crack size fit the mean of the test data atR = 0 quite well. The

20-um initial crack size was also able to predict the behavior of 7075-T6 fatigue specimens
tested at R sed (not shown). &

. o0
' —Closure Model
a =¢ =20um
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400
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MPa . 300
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Figurc 11. Measured and Calculated Fatigue Lives for 7075-T6 Aluminum Alloy Unnotched
ypecimens.

The results of fatigue tests conducted on 7075-T6 specimens with a hole radius of
0.8 mm are shown in Figure 12 (symbols). Predicted results were, again. made using an
initial semicirculur crack size (6 pm) that had an equal area to the average inclusion-particle
sizes that had initiated cracks (27,28]. Results from the elastic-plastic analyses (eqn. 2)
agreed fairly well with the test data. Again, the analyses tended to underpredict for R = 0 and
slightly over-predict for R = -1, which is sirilar to the trends observed for the 2024-T3
specimens (Figure 9). The reason for these discrepancies is unknown, but it may be related to
assuming a mathematical surface crack on the first cycle instead of a crack initiating from an
inclusion-particle cluster or void (see Bowles and Schijve {43]). The fatigue limits were
- predicted quite well using a value of (AKegfhy of 0.75 MPa‘J.xp with the 6-pm initial crack.

Experimental and predicted results for fatigur wests conducted on 7075-T6 specimens
under the Mini-TWIST wing spectrum are shown in Figure 13. These tests were conducted
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on SENT specimens (27,28] that were cycied to failure. The predictions were made using an -

initial semicirculur defect size that was close to the average inclusion-particle sizes where
cracks initiated. The predicted lives were in good agreement with the test results,

-
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Figure 12. Measurcd and Calculated Fatigue lecs for 7075-T6 Aiummum Alloy Cucular-
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b wurc 13. Mcasured and Predicted Fatigue Lives for 7075-T6 Aluminum Alloy SENT
Specimens Under Mini-TWIST Spectrum Loading.
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Titanium Alloy Ti-6Al-4V

Fatigue tests were conducted on Ti-6Al-4V titanium alloy double-edge notch tension . -

(DENT) specimens (Figure 2d) in the AGARD Engine Disc Cooperative Test Programme: -~ . S
- (Ref. 31). These results {symbols) are shown in Figurc 14 for two fan disc forgings. To )
‘make fatigue-life calculations, the bascline AKqg -rate relation, shown in Figure 5, was used .
to calculaie the life of the titanium specimens. Because no informatien on crack-initiation . S ) S
behavior was given in Reference 31, life caiculations were made on initial crack sizes that °
- would bound the experimental data, like the equivalent-initial-flaw size (EIFS) concept (i8],
The solid curves show the calculations for an initial scmicircular surface cruck of a; =2 and -
~ 20 fum at the notch root. The solid symbol on the stress axis denotes where the net-section

stress is equal (o the ultimate tensile strength, Because of the notch configuration, notch | _
strengthening is expected and the upper plateau is an estimate for the maximum net-section e
stress. In a microstructural analysis, Wanhill and Looije (44] found that the primary a-grains =~ - o ’
were about 10 jim in diameter and the transformed and aged B-grains were about 20 pm in
. diameter for these fan disc materials. Using a 10 um flaw in the analysis, the predicted
behavior would fit the mean of the test data very well. Further study is nceded on these -~
materials to sce if cracks of these sizes would be present early in life or to sce if the baseline

curve (Figure 5) is appropriate for small cracks. For low AKcgr values, small cracks in ae ( ’ \ i

titanium alloys may grow faster than large cracks, as observed by Lanciotii and Galatolo -
(Ref. 45).

\

1000 Sa= 1206, Ti-6Al-4V [31]
B=35mm
Kt =3.1
800 R=0.1
—_Closure Model! oo . e
600 a= 2um ‘
Smax . \
MPa g’z 20 pm /
400 - : ' \
. Disc:
200F © WGWMD 1113
7 LWMD 7200
0 NI AN S NI A W B : ’,U_muuw
1e+1 1642 1e+3 164, te+b 1e+6

Ny, cycles

Figurc 14. Mcasured und Cdculau.d Fatigue Lives for Ti-6Al-4V Tuamum Alloy DENT
Specimens.
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- - Swainetal, [29] conducted falnguc and smdl crack tests on\4340 stecl smglc-cdgc v
notch “snsion specimens. - Thet= tests were conducted uader both constant-umplitude and ‘
- spectrum loading. Inspection of fatigue surfaces showed that in cach casc a crack had
© initiated at an-inclusion perticle defect. The initiation site was either.a2 a spherical (calcium- -
aluminate) or a stringer (mungancsc sulfide) inclusion pdrticle. Examination of initiation
sitcs for over 30 faugue cracks produced infortnation on the distribution of crack initiution
“site dimensions. “The spherical particle defects range in size fron 10 to 40 pm in diameter.

The stringer particles were typically 5 to 20 pm in thu (thl\n"bk ur ﬂy\n and range up t 60

Hm in the width direction. The median values of (hc de‘e;l dims m‘“ ¥ ueasured were a; = 8.
Hm and ¢j = 13 im. An equivalent arca (semlcu\ ‘ﬂr) defect is oy iaApitia. ddect o /‘
ige will be used later o predict fatigue tives. “? N N

'\, ! )' “' ‘ . N
Figure 15 shows test data (symbols) obtained from notched'sr -, « - ns tosted at three /
ess ralios qung a 10~ um initial cemicircular surface crack locaacc; av nhc cenier n'f the “

i
e solid curves. A small-crack cffccuve treshold. (Achf)th, of 3.2 MPa\Im was used to o
predict the endurance limits quite accurately. For, the $340 steel, dhe farge- md,s.mall-cwck
thresholds were the sume. N R
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Figure 15. Measured and Predicted Fatigue L.ives for 4340 Steel SENT Spccjmpns. ‘ t
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The results. of fatigue life tests under the Felix/28 load scquence are shown in fiigure .2

16 as symbols. The type of defect that initiated the fatigue fuilures are idertified. Predictions.
of total fatigue lifc under the Felix/28 load spectrum were made using the closure model by

calculating the aymber of cycles necessagy to grow a crack from the assumed initial defect
Fy ; . . ‘ . :
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size (10 pum), located at the center of thc notch raot, to failure. The predicted results agreed

i3
"hg,

well with the test data.

800 - 4340 Steel [29) Felix/28 Spactrum

B=51mm
Kr=33
. ) Closure Model (a, = ¢
600 |- Wed a=8ym
‘Smax
MPa 400
Il TTS———
v Initiation site: a=10um
200 o CaAl(spherical) , g
) 8 MnS (stringer)
' _ o Runout
9 2 3 21231 Al o2 22 20al A eembnadadndd d)
1e+d le+5 1e+6 16+7
Ny, cycles

Figure 16. Measured and Predicted Fatigue Lives for 4340 Stecl SENT Specimens Under
Felix/28 Spectrurn Loading.

CONCLUDING REMARKS

A plasticity-induced crack-closure model was used to correlate large-crack growth

- rate data on two aluminum alloys, a titanium alloy. and a steel under constant-amplitude

loading for a wide range of stress ratios. A constraint factor, which accounts for three-

dimensiona: state-of-stress effects, was used in determining the effective stress-intensity

factor range against rate relations. Comparisons made between measured and predicted
small-crack growth rates for an aluminum alloy showed that the closure model could predict
the trends that were observed in the tests. Using the closure model and some miicrostructural
features, such as inclusion-particle sizes, a total fatigue-life prediction method was
dermonstrated. Calculated and piedicted fatigue lives for unnotched and notched specimens
madc of two aluminum alloys compared well with test data under constant-amplitude and
spectram loading. Calculated fatigue lives for a Ti-6Al-4V titanium alloy were bounded by
using initial crack sizes of 2 and 20 pm in the lifc-prediction methad. Similarly, predicted
fatigue lives for notched specimens made of a high-strength steel also wmpar;gj well with
test data under constant-amplitude and speetrum loading. = :
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NOMENCLATURE

Crack length in thickness (B) direction, mm
Initial defect or crack length in B-direction, mm

+ Defect or void half height, mm

Specimen thickness, mm

Crack length in width (w) direction, mm

Initial defect or crack length in w-direction, mm
Boundary-correction factor

Elastic-plastic fracture toughness in TPFC, MPavm
Fracture toughness parameter in TPFC

Number ot cycles

Number of cycles to failure

Stress ratio (Smn/Smax)

Notch or hole radius, mm

Applied stress, MPa

Crack-opening stress, MPa

Maximum applied stress, MPa

Minimum applied stress, MPa

Specimen width or half width (see Figure 2), mm
Constraint factor

Stress-inteusity factor range, MPavm

Effcctive stress-intensity factor range, MPavm
Effcctive stress-intensity factor range, MPavm
Small crack AK.4 threshold, MPavm

Large crack AK threshold, MPavm
Plastic-zone size. mm

Flow stress (average of Gy, and 6,), MPa

Yicld stress (0.2 percent offsct), MPa

Ultimate tensile strength, MPa
Cyclic-plastic-zone size, -
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FULL-SCALE GLARE FUSELAGE PANEL TESTS'

- . Roland W. A. Vercammen and Harold H. Ottens
National Aerospace Laboratory (NLR)
Amsterdam, The Netherlands

SUMMARY

A GLARE fuselage panel, representative of the crown section of the Fokker 100
fuselage just in front of the wing, has been tested in the curved fuselage panel test facility that
- was recently commissioned at the National Aerospace Laboratory (NLR). Panels are loaded

by internal air pressure resulting in tangential stresses in the panel and by axial loading
representative of both the cabin pressure and the fuselage bending due to taxiing and gust
loading. A fatigue test was performed in which 180,000 flights (two lifetimes) were
simulated. After the fatigue test no darnage was observed. The fatigue test was followed by
static tests to limit load and to ultimate load. Finally the panel was loaded to failure at 1.32
ultimate load. This paper will describe the test setup in some detail, demonstrate the obtained *
uniform strain distribution in the panel, show the fatigue loads applied at high test frequency, -
“and present the results of the GLARE fuselage panel tests which proof that the use of
GL.ARE leads to a substantial weight reduction without affecting the fatigue or static
- strength. ' ‘ ‘ ’

INTRODUCTION

In fuselage design studies there will a'ways be the necessity to test components in a
realistic way. The fuselage panel test facility developed and built at the National Acrospace
Laboratory (NLR) (fig. 1) offers the possibility to test fuselage skin sections, with curvatures

“ranging from panels of relatively small aircraft like the Fokker 50 to panels from relatively
large aircraft like the Airbus A300, at a high fatigue testing speed (ref. 1). The fatigue test
loads simulate flight simulation loading conditions by loads in circumferential direction
caused by cabin pressurization and axial loads representative of both the cabin pressure and
the fuselage bending due to taxiing and gust loading. The new fuselage panel test facility has
also the possibility to perform static strength and residual strength tests.

‘ In (;rdcr to verify the applicability of GLARE A? as a fuselage skin matcrial Fokker
designed and built a Fokker 100 fusclage panel with a GLARE A skin and GLAREN

~

! This investigation has been carried out under a contract awarded by Fokker Aircraft B.V. according 1o the
commitmenis made by Fokker in the Brite Burarn IMT 2040 project “ISbre reinforced metal faminates and
CTRP fusclage conceprs.” :
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stringers, representative of the crown section just in front of the wing. GLARE A us skin
material is weight favorable compared to GLARE C when the amount of necessary doublers
for countersunk riveting is restricted to only doublers in the axial lapjoints. In the frame-skin
gttachments no doublers were required as the frames were connected to the stringers by
gmeans of cleats instead of to the skin by means of castellations as is normally done by

- kkc,r Applying cleats led to a panel design with a threefold test objective:

Verification of thc applicability of GLARE A as a fuselage skin material for loading
conditions which are repre-semative of thc crown section of the Fokker 100 fuselage.

- Generation of test evidence on the static strength and fanguc behavior of rigid
: stringer-frame attachments in the GLARE fuselage.

Determining the deterioration of the static strength of the GLARE skin after two .
times the design lite (2 x 90,000 flights).
The overall punel dimensions are 1210 mm x 3030 mm containing five aluminum frames
with a pitch of 500 mm, seven stringers with a pitch of 147 mm, seven stringers couplings
and a longitudinal riveted lap joint in the panel center (fig. 2). One of the frames is a Z-
shaped frame, the others are C-shaped frames. A complete top section made of GLARE A
- with GLARE N stringers and rigid stringer-frame attachments has a weight that is.63 percent -
of the current Fokker 100 design in aluminum (ref, 2). :

s

TEST FACILITY

Fuselage skins of most aircraft are subjected to biaxial Joads, owing to bending and
pressurization of the fusclage. In evaluating damage tolerance properties of candidate
fuselage structures and materials, it is highly desirable that curved structures: are tested under
biaxial loading conditions. For this purpose one generally uses a barvel test setup. This is a
full-size cylindrical pressure vessel consisting of several interconnected fuselage panels. A
barrel test setup, however, has some features which make it less flexible and therefore less
attractive for studies not directly related to a particular aircraft design. The radius of
curvature is fired, a kage umber of panels have to be tested simultancously and the test
frequency is Father low. In addition, burrel tests are expensive due to the large number of
pan._is and the long tw,mg time, The panel test facility at NLR was developed to avoid the
aforementioned disadvantages. M the curved fusclage panel test facility, which has flexibility
with regard fo panel, dmmelu,.\ aiiel width, and pancl length. a single fuselage panei can be

tested ai_,g f:@,xx’;ﬂ ‘P.l gh ;33*93“5-’ speed.
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The major components of the test facility are-the main frame, the pressure chamber,
and the load introduction systems (fig. 1). The main frame is a very stiff steel structure. It
consists of heavy bottom and top beams and two vertical main columns. A pyramidal shaped
frame, which houses the hydraulic actuator, is mounted above the top beam and two auxiliary
vertical columns. The panel is mounted in the frame such that the center of gravity of its
cross section is in the working line of the actuator. The height of the test facility is about 7.2
m; the width is about 4.5 m. The pressure chamber is formed by a seal and base structure
connected to a transport system. The base structure of the pressure chamber is formed by a
stiffened base plate and two support beams which are bolted to the vertical columns of the
main structure. The base plate has a large central hole for air supply. At the front side the
base plate has curved wooden blacks around the edges which form the side walls of the
pressure chamber. An inflatable inner seal is mounted on the wooden blocks and the pressure
chamber is closed by the panel. In order to accomplish an air-tight seal without net radial
force acting on the panel edges, an inflatable outer seal is mounted at the outside of the panel
just opposite the inner seal. The outer sea} is bonded on the reaction frame, which consists of

. an open rectangular stee frame with curved wooden blocks. With the transport system the

pressure chamber can easily be shifted aside during the test, which significantly improves the
inspectability of the test panel. The chamber pressurization, axial 1oads, and seal
pressurization are regulated by a control system.

Pressurization of the fuselage panel is reacted to the test frame leading to tangential
stresses in the skin and normal stresses in the frames. The ratio of the stresses in the skin and
frames is determined and can be adjusted by the stiffness ratio of the skin-to-testframe and
frame-to-testframe connections. The tangential stresses in the skin are taken out by bonded
glass fibers. The loads in the frames are transferved to steel rods. Therefore the ends of the
panel frames are locally reinforced. The wooden blocks have several holes through which the
panel frame tensile rods are guided. The openings between the panel frame tensile rods and
the hole edges are: sealed air-tight with silicone rubber collars. In axial direction the panel
ends are loaded by rods which are connected to the pancl ends by steel brackets, At these
axial panel ends the stringers are ended and the stringers loads are taken by a gradually
increased skin thickness (fig. 2). This makes it possible to seal directly on the skin of the
pancl. . ' ‘

The advantages of using unidirectional glass fibers is that the loads are very evenly
introduced over the length of the panel (ref. 3). Therefore hardly any distance is required for
stress tedistribution, i.c., the stress distribution is uniform at a very small distance from the
panel edge. In addition, the use of unidirectional fibers docs not result in local stiffening of
the panel edges in axial direction. The length of the. glass fiber sheets was chosen sufficicntly
large to limit the rotation of the fibers at the upper side of the pane} owing to axial elongation
of the panel. The small rotation that occurs during the test does not significantly alter the
load transfer through the panel. The glass fibers are bonded to steel tangential plates.
Becuuse of their large width, the tangential plates act more or less as hinges. The outward
movement of the panel due to pressurization is therefore nearly radial and will not resultin a

_significant change in the shape of the pancl from circular to oval. The tangential clamping

359




346

system was designed such that the angle between tangential plates and the vertical column
was adjustable to allow for a large range of panel diameters to be tested.
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The GLARE panel is designed for the Fokker 100 loads in the crown section at
Fuselage Station 14911, The axial loading sequences of the faligue spectrum are derived

from the spectrum applied in the Fokker 100 full-scale test (ref. 4). The axial load is written

as
Faini= @) XMy + 32 X Ap
Wl'th,' .
,~  Faa = axial load in fuselage panel
'»’

.5 My:=bending moment at Fuselage Statwn 14911
’ff Ap == cabin pressure
. ans Fusclag,e Station dependent constants

The spectrum consists of 36 repeating testblocks of 5000 flights. Each testblock of S000
tlights is subdivided in four subblocks of 1250 flights. Three subblocks are exactly equal; the
fourth block is equal but for one severe flight. Within this spectrum eight flight types with
different gust loading severity have been defined. Figure 3 shows the axial loading and

. frequency per 5000 flights for these typical eight fiight types. Each flight has five segments:

ground, initial climb, climb/descent, cruise, and approach. During the ground segments the
cabin pressurc Ap = zero, during the cruise segment Ap = Apma. In case of climb/descent the
cabin pressure varies between 2610 and Apm.x

The: fatigue test is followed by static tests. The GLARE panel is subjected to one
limit Yoad case, two ultimate load cases, and a failure strength test. These static load cases
are intended to demonstrate that after two times the design life (2 x 90,000 flights) and
possible undetectable cracks in the GLARE skin the residual strength is still sufficient to

“ carry limit and ultimate load. The limit load case equals cabin pressure Ap = Apmsx plus limit

load bending moment. The first ultimate loud case is the cabin pressure ultimate load case:
Ap = 2 < Apua. The sccond ultimate load cuse equals .5 X [cabin pressure Ap = Apm plus
limit load bending moment]. The second ultimate Yoad case is followed by the failure
sticngth test at Ap = Apma by increasing the axial Joad until failure of the panel.

STRAIN DISTRIBUTION

At fastening of a test panel, the length of each axial tensile rod and frame loading rod
can be adjusted with nut keys such that over the panel width  d length a uniform strain or
stress distribution is achicved when the panel is loaded. The amount of load that is taken out
of the panel frames also depends on the stiffness of the rods. The rods are therefore panel
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dependent parts and have load cells incorporated. The nut keys and the output of the load
cell in each panel frame can be used for proper adjustments.

The strain distribution in the middle of the panel, obtained by using the glass fibers,
frame loading rods in tangential direction, and tensile rods at the reinforced, nonstiffened
panel ends in axial direction, is shown in figures 4 and 5. These graphs visualize a smooth
distribution of the axial and tangential strair Yevels and a uniform tangential strain
distribution within 100 mm of the panc] cdges loaded with glass fibers. Strain level
variations at the ganges R13a, R14c, and R16a are due to the lap-joint, radius differences of
panel halves. and stringer couplings. The tungential strain distribution over the panel length
is given in figure 6. Over the punel width the influence of the stringers run-outs and skin
remforce.ments are negligible after the first frame (fig. 7). \

At constant bending moment (FaXeending = constant), the radial expansion of the panel
increased due to raising cabin pressure. When, at constant cabin pressure (Fax g = constant),
the axial force was raised the radial expansion of the pane] decreased. The panel displaced

- inwards to the pressure chamber 10 resist the increasing tangential contraction due to the
Poisson's ratio effect due (o the uxial extension. The increase of the tangential contraction

and the displacement of the panel inwards led to a decrease of the tangential strains in the
skm

FATIGUE-TEST

During the fatigue test the defined 180,000 flights we're. applicd. The testing
frequency was about 10,000 flights per 24 hours. The axial Joads had an aceuracy of 0.5
percent, the chamber pressure reproduced within 3 percent. The pane) was xnspec ted by eddy
current at the axial lap joint and stringer run-outs and cheeked visually at the suinger
_ couplings, doubler run-outs. stringers at the connection with the cleats. frames at the
connection with the cleats, and load introduction points of the frames. In accordance g
lifetirne predictions (ref. 2) no cracks or damages werc found.

STATIC TESTS

The fatigue test was followed by static tests, The first static load case was the limit
load test. For this load case, figure 7 gives the axial strain levels from station zero till the -
fourth frame. Clearly visible is the pillowing of the skin. The lower axial strains in the
second und third bay arc caused by the stringer couplings and the difference in stiffnesses of
the frames. During this limit load test the pancl extended linearly, and no permanent
deformations taok place. Some results of the first ultimate loud case at 2 X Ap are visualized
in figure 5. Figure 5 shows the tangential strain Jevels in the middle of the panel. The axial
strain levels are less than 20 percent of the tangential levels. Like during the limit load, test
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pillowing occurred and the panel expanded linearly without permanent deformations. After
the 2 X Ap ultimate load case, the second ultimate load test was applied. No final failure

+ occurred and (he strain distribution was, except for plasticity which occurred above limit
load, conformed to the distribution during the limit load test. Conclusion: the ultimate Yoad

tests showed sufficicnt residual slrenglh of the-GLARE panel after two lifetimes of taugue
loading.

To determine the deterioration of the panel after two lifetimes of fatigue loading, the
first few load steps of the limit load and ultimate load tests were compared with reference
tests performed before the fatigue test. The deterioration of strain levels in the axial direction

~ was a small fixed value of 50 ustrain caused by settling of the brackets, doublers, and rivets.
In the tangential direction negligible differences (< 1.0 percent) were noticed.

After the second ultimate load test, the cabin pressure was fixed at Ap = Apmax and the
panel was axially loaded to failure. The axial strains are visualized in figure 8. Failure
occurred at an axial load of 770 kN, i.c., 1.32 x axial ultimate load. This axial load is 1§
pereent higher than the theoretically expected axial failure load (ref. 2). The skin failed
between the third and fourth frame at the cross section of the last rivets of the stringers
couplings (fig. 9). Conclusion: in the crown section of the Fokker 100, GLARE A as
fuselage skin material and GLARE N as stringer material are applicable. The skin, lap joint.-
and rigid stringer frame attachments (cleats) had enough fatigue and static strength.

. CONCLLUSIONS — Y

F The new full-scale fuselage panel test facility operated correctly. The load
&niroduction in the panel in axial and tangential direction was uniform and realistic fatigue
&N 0:ds due to cabin pressure and fuselage bcndxng could be applied at high frequency (10,000
Jights per 24 hours).

he conclusions with regard to the Fokker GLARE pane) are:

. No cracks were found in lap joints, cleats, stringers, skin, frarnes, and stringer
couplings after the two lifetimes faug,uc test (inspection was done visually and by
eddy current).

o The panel as a whole did not permanently deform at limit loud.
. In both ultiniate load test cases, no failurc accurred.
o Final failure occurred at 1.32 » axial ultimate Yoad, which is 15 percent higher than

theoreticully expeeted.
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GLARL A can be used as fusclage skin material in the crown section of the Fokker
100. GLARE N can be applied as stringer material.

The rigid stringer-fiame attachiments (cleats) are applicable in the crown section of the
Fokkcl 100 fusclage

Because of the excellent fatigue behavior with sufficient static strength and a weight

reduction of 37 percent, the desxgncd GLARE panel proved the fcas:bxhty of GLARE as
tuselage matcrial. (
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A GRAPHIC USER INTERFACE (GUI) FRONT-END FOR
" PARAMETRIC SCRVEY AND ITS APPLICATION TO
COMPOSITE PATCH REPAIRS OF METALLIC STRUCTURE

H. Kawai, H. Okada, and $. N. Atluri
[} FAA Center of Excellence for
“Computational Madeling of Aircraft Structures
Georgia Institute of Technology
-Atlanta, GA 30332-0356

SUMMARY

A graphical user interface (GUI) front-end program Parametric Survey (ParS) has
been developed on Microsoft Windows NT and Windows 95. 1t supports the parametric
survey of analyses. In a parametric survey, a series of analyses of the same kind are
performed with different input parameter sets, and multiple output parameter sets are
collected. The data are visualized as charts which show the relationship between input and
output parameters. Using ParS, a user can perform a paramunc survey effectively through its
autornation of analyses and visualization functionality.

. Par8 is applied to a composite patch repair problem of aircraft fuselage. In this

problem, a crack exists in a pressurized fuselage of an aircraft. Analyses for the effectiveness
of the adhesive bonded composite repair were carried out. Some results of the analyses are
presented. '

INTRODUCTION

s Graphical User Interface (GUI) front-end program ParS (Parametric Survey) has
been developed on Microsoft Windows NT and Windows 95 operating systems. It supports
parametric survey of analyses. Figure | describes the typical sequences of a parametric
survey.

An analysis, such as a simulation of structural mechanics, fluid dynamics, chemical
teaction, or molecular dynamics requires a huge number of inpul data and generates a huge
amount of output data. When an engineer has to solve more specific problems, such as
cracks in aircraft fuselage or a flow field behind a car, these analyses are represented typically
by a few key input and oulput parameters from the engineer’s point of view. For example, in
the case of the structural integrity analysis for an aircraft fuselage (with cracks), onc needs to
~ specify a few key input parameters such as the length of the crack, size of the fuselage model,
_and material propertics. Other input data for the analysis program can be gencrated
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Variations of Relation betJeen_

Input Parameters Parameters
Input-Output
Parameter Set Y U

peometsy. Parameters

material property, maximum stress,
anal\'sls condition SIF. J integral
- e = W= - . e e LB

' Preprocem.ur @‘fi‘:‘/) |
|

I
llnput Data Output Datea
rbnc:yhfﬂ C displacement, |
orce
: Analysis Program ) e |

Figure 1. Parametric Survey.

automatically using a special purpose preprocessor. After the analysis is performed using a
special purpose postprocessor, one can collect the key output parameters, such as
displacement at specific points, stress-intensity factors, and J integral values, from output
data generated from the analysis program (Figure 2).

Variations of %
Input Parameters Tables i arts

& Pﬂfs \F
Frequently Used
Input Parameter Vlluallnt on
Set Database

material property.

afreralt parts lnpul-Oulpu(
Parameter Set

= LIl A4

Key Input lll | Key Output
Parameters Parameters
geometry, Analysis Code, Pre-
material property, and Postprocessors

analysis condition

Figure 2. Schematic View of ParS.
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In a parametric survey, a series of analyses of the same kind are performed with
differcnt input parameter sets. For each input parameter, variations may be specified, such as
the minimum and maximum values of the variation and its interval of steps. After the
parametric survey is finished, multiple output parameter sets are collected. These data are

- visualized later as tables or charts which show the relationship between the input and output

parameters. Using ParS, a user can perform parametric survey effectively through its
automation of analyses and visualization functionality. o

- Automatic Execution of Multiple Analyses for Parametric Survey

) After specifying the values of input parameters, a single analysis is performed and ane
set of output parameters is obtained. With each input parameter, the user can specify
variations of the parameter value such as minimum value, maximum value, and division
count. In this case, multiple analyses are performed automatically with different values of the
input parameter. When multiple input parameters are specified, the number of analyses
carried out is a product of counts of all the input parameters which are changed. Collected
output parameters can be displayed in a scparate window in a table format.

Database of Input Parameter Set

Certain input parameters are grouped as a parameter set. If some specific valucs of

_input parameter sets are used frequently in a specific problem, the user may register these
~ data into a database of the input parameter set. For example, in the case of structural

analysis, input parameters such as Young’s modulus and Poisson’s ratio arc grouped as a set
of material properties, and specific values of each material such as iron and aluminum may be
stored in an input parameter set database. The user can create his or her own database of
input parameter sets, The uscr can refer to values of the input parameter sets later when the
user specifies values of input parameters for analyscs. -

Visualization Method Using Line Chart and Table

After the output parameters are collected for a parametric survey, the relation between
an input parameter and an output parameter can be visualized as a table or a line chart. The
user can add multiple curves on a chart. A curve on the chart represents a set of data points
which are pairs of output and input parameter values. When more thin (wo input parameters
are changed in the parametric survey, one input parameter is specified as the X'-axis
parameter, and the values of the other input parameters have to be fixed. In this casc, ParS
extracts a relevant portion of data for the curve from all the output parameter data of the
parametric survey.
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The developed system is very general so that many kinds of parametric surveys can be

performed. The system accepts any type of analysis which has one or few input parameters
and one or few output parameters.

Par§ can call one or many external programs sequentially from itself as separate
processes. Any kind of analysis programs, pre- and postprocessors which are executed in
noninteractive mode can be accepted. Input and output parameters are transferred between
ParS and external programs as text files. Both ParS and external programs are executed
using Microsoft Windows NT or Windows 95 aperating systems.

APPLICATION OF ParS TO PATCH PROBLEMS

We applied Par$ to a composite patch repair problem of an aircraft fuselage [1]. In
this problem, a crack exists in a pressurized fuselage of an aircraft. Analysis for the
effectiveness of adhesive bonded composite repair is carried out. In this case, only a local
region near the patch, which is extracted from the fuselage skin, is analyzed as a \wo-
dimensional problem. This local analysis is divided into two stages. The first stage is the
evaluation of stresses in the adhesive and the patch. The second stage is the calculation of
stress-intensity factors using the finite element alternating method (FEAM). In this case, we
assumed that the geometry of the problem is symmetric. The geometry model is described in
Figure 3.

Load
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Figure 3. Composite Patch Repair Problem,
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We selected several key input and output parameters, which are shown in Figure 4.
As input parameters, geometry property, sheet material properties, patch, adhesive, and load
are considered. Databases for the sheet material properties and patch are prepared. For
example, boron epoxy, carbon epoxy, Al 2024-T3, and GLARE are supplied as sheet material
properties. As output parameters, stress-intensity factors, especially K, are obtained in '
patched cases and unpatched cases. Note that input parameters related to patch and adhesive
have no meaning in the case of unpatched analyses.
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Input Parameters

Output Parameters

Geometric Parameters
sheet width, height, thickness, patch
width, height, thickness, adhesive
thickness, crack length
Sheet Material Properties
Young’s modulus, Possion’s ratio
Patch Material Properties

modulus
Adhesive Material Properties
shear modulus
Analysis Condition
load

Young’s modulus, Possion’s ratio, shear

Stress-Intensity Factor
K, unpatched
K), patched

Figure 4. Input and Qutput Parameters for Patch Problem.

In Figure 5, the system configuration of the patch problem is shown. We assume the
system is configured in a Microsoft Windows environment. The system is composed of three
executable files: ParS.EXE, MAKE_DATA EXE, and PANMD EXE.

Variations of \
Input Parameters

ParS.EXE
Crack Length,

Geometry & Material

of Sheet, Patch,
Adhesive
(as Kev Input _ 7/ i

I “Parameters|”

i

|/ MAKE_DATA.EXE
| (as Preprocessor)
g T
I

- e e e ew Ee e Y e

Figure 5. System Configuration for

Tables,
Charts

Stress Intensity
Factors

_ .\\\

(as Key Output
Parameters)

----ﬂ

I
Mcthod Code Customized ]l
for Patch Problem
(as Analysis Code and !
Postprocessor) i
—— ———

N

Patch Problem on Microsoft Windows.
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‘ Par$.EXE works as 4 GUI front end in Microsoft Windows. 1t controls the analyses
for a parametric survey carried out by MAKE_DATA.EXE and MANMD.EXE which
p_roduces tables and line charts for visualization of results.

PANMD.EXE is an executable file of the FEAM analysis code customized for this
patch problem. Ttaccepts mesh data, geometry information of a crack. material properties,
- and analysis conditions for the problem. PANMD.EXE behaves not only as an analysis code
but also as a postprocessor. It then produces stress-intensity factors directly at two end points
of the crack. ParS.EXE extracts only relevant output parameters from an output file
generated from PANMD . EXE. S ‘

MAKE_DATA EXE works as a preprocessor for PANMD.EXE. It accepts key input

- parameters specified by ParS.EXE and then produces an input file for PANMD.EXE.

All the communications between these processes are carried out by text files. Both
MAKE_DATA EXE and PANMD.EXE must perform without any input from the user,
because these routines are executed multiple times automatically by ParS.EXE during a
parametric survey. o g

ParS.EXE is developed as a general purpose parametric survey tool and can be
adapted to any other problems. All the dependent knowledge specific to the patch problem is
isolated. They are ‘ ' :

1. Name of the problem (e.g., Composite patch repairs).

2. Description of ¢ach input and output paramcter such as a name, unit type. acceptable
range of values, and a default value (e.g., Patch width is the input paramecter, unit type
is inches, default value is 3 inches). ‘

3. Naimes of executable files and text files for analysis code, pre- and postprocessors
(e.g.. MAKE_DATA, PANMD). .

4, Structure of predefined input parameter set databases and each data entry in the
databases (c.g., Shect material database where cach entry is composed of two input
~parameters, Young's Modulus and Poisson’s ratio).

“Figures 6,7, and 8 show actual screen images of ParS running on Microsoft Windows
NT. In Figure 6, input parameters of patch material property are specified. Each paramcter
value can be specified directly through a text field in the dialog box Edit PS in Figure 6 or
-referred from the paich material database, as shown in Figure 7.

In Figure 8, the input paxameters, the length of the crack, and the type of patch
material are changed, and a series of patch analyses are performed. The parameter on the X-
axis in the chart is the length of the crack, and the parameter on the Y-axis is the stress-
intensity factor (Kj) for the patched and unpatched.
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In the cases above, one execution of a patch analysis required about 30 seconds on a
personal computer (PC) with a Pentium 66 MHz processor. It typically takes from 10 to 30
minutes to obtain the data shown in Figure 8.
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Figure 8. Result Visualization With Different Patch Materials.
SUMMARY

A GUI front-end tool for parametric survey, ParS, has been developed on Microsoft
Windows to include

Automation of multiple analyses for parametric survey,
A database of frequently used input parameter sets, and
Visualization using table and linc charts.

W o -

The system was successfully applied (o a problem ol ¢. nposite patch repair of an aircraft
fuselage.
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IMPLEMENTATION AND APPLICATION OF A
LARGE-ROTATION FINITE ELEMENT FORMULATION IN
'NASA CODE ZIPZDL’

: Xiaomin Deng
Department of Mcchanical Engineering
University of South Carolina
Columbia, SC

J. C. Newman, Jr,
NASA Langley Research Center
Hampton, VA

SUMMARY

Recent stable tearing tests conducted on ARCAN specimens at the NASA Langley
Research Center indicate that stabic crack growth is accompanied by large specimen rotation

‘at the point of loading due to the overall deformation of the specimen. To analyze these tosts

with proper iccounting of the large rotation effects, a total Lagrangian large-deformation
finite elernent formulation has becn implemented in a new NASA crack-growth simulation
code, ZIP2DL, as an extension of the original NASA code, ZIP2D. This new cade has been

applied to a number of crack growth tests on ARCAN specimens using a CTOD fracture

criterion, where the critical CTOD valuc is determined experimentally. Results so far suggest
that small-deformation simulations underestimate: the load predicted by large-deformation
simulations by almost'a constant amount, with a relative error of about 6% at the peak load.

Tt appears that by adjusting CTOD within the experimental scatter band, the Yoad against

crack-growth curve from a large-deformation simulation can be madc to agree with test data
over a large range of crack growth, and a major portion of the curve can also be reproduced
by a small-deformation simulation with a different CTOD value.

INTRODUCTION

In this paper we discuss the development and application of a new el tiz-plastic
finite ¢lement code for mixed-mode cruck growth simulation under plane swress, plane strain,
or mixed state of stress conditions. This new code, named ZIP2DL, is an extension of the
existing NASA code Z1P2D3 (1, 2], and, in particular, has the ability to handle large-
deformation kinematics based on a total Lagrangian finite element formulation. This code
has been successfully applied to simulate stable crack growth experiments conducted on

"' Work done under a grant to the University of South Carolina, NAG-1-1664,
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ARCAN specimens at the NASA Langley Rescarch Center {3}, and to analyze and
understand the effect of large specimen rotation at the point of loading on crack-growth
simulation under small-deformation conditions. especially on the load against crack growth
curve for both mode 1'and mixed-mode cases. In the following, we will first outline the finite
clemient formulation, then present the results of some verification studics, and finally discusg
in some detail the findings from our ARCAN test simulations. g

-
—

FINITE ELEMENT FORMULATION

Considzr a body undergoing an arbitrary deformation. Suppose that at the current
time 7 the body accupics a domain § with boundary I (the current configuration) and that at
an initial time # it occupies a domain 2o with boundary 1'a (the reference configuration).
Further, suppose that a material particle is described by its position X at to and position
x=x(X, 1) at¢, and the displacement of the particle at 1 relative to its position at ¢ is u=u(X, 1),
so that x(X. =X+ u(X, 7). Following conventions in the litcrature (3, 4]), we now define our
stress and strain measures, The deformation gradient tensor F is defined by

e . N, a, <
f:xV=1+uV,‘or\Fj,=§}-':=5,~, *5)'('1— | ()

where 1 is the second-order identity tensor. The Green-Lagrange strain tensor E is given by

E=%(FT .F—l} =r-%[u§"+f7u+(6u)-(u6)] “ (2)

where superscript “T* denotes transposition. Let o be the (symmetric) Cauchy stress tenasor,
then the symmetric second Piola-Kirclhhoff stress tensor, 8, can be defined by

- - i \7 ' : : . .
S=JF" o (F) (3)
whc%J is the Jacobian and is given by J=detF, which is the determinant of F.
The Principle of Virtual Work at tinie t+At is given by
S0+ a0y AR, = Wt + D) S )
Q
where on-the lefi-hand side is the internal virtual work stated in the refercace configuration;
SW is the external virtual work done by external forces {(c.g., boundary surface tractions) on
Sue. and St and O arc, respectively, the virtual displacement vector and the associated
virtual strain tensor. 1 is worth noting that 8u and 8E arc not related to each other by simply

replacing u and E in Fq. 2 with 8u and 8. respectively. Their relationship will be given
Jater. To develop an iterative finite clement algorithm we express the value of any quantity at

3

P




a4 :
; b "
}, PR
N o 3 ’v \ |
. ’ \ﬁ
u ‘“ \ < ' \ | ,‘v
time H+Af astic wm nf its valuc attime 1 and its increment at tinme ¢, so that we can writc, for f'v“"
thc sum&iwsur,,ﬂuplawmcnt vector and strain tmsor in the prcccdmg equatlom,
e S(: + Ar) 5 + 45, u(r+At) =u+Au, E(t +At) = E+ AL (3\
- Vo /
| \‘_a /
‘ v:vhenc thc stram tensor increment AE i wlatcd to the dlsplaccmcn( vector increment Au as '
C\‘touﬂ\\ﬁ y;" wo v § . <
B AF = Ae + Ae” + Ae”, )
e ] . . v
Ag -5[(Au)V+V(Au)]. .
. l o = - - (
Ae = -[Vu-(Au)V + V(Au)‘uV], )
« ) . ‘ o
= .i- V(au)- (Au)V '
Similarly, thg virtual displacement vector and virtual strain tensor can be written as :
=8, O =8 + 8¢ + 6",
l o : |
be = -2—[(5Au)V + V() '—
R .o - , o
6 = ;[Vu (6Au)V + V(EAu)-uV]. ' L ) '
- ' o~ . o ¢ | . ' |
S = .i[v(m,;.(qm)v + V(88 (A)¥ |
Substitution of Eqs. 5-7 into Eq. 4 leads to . v
f[A8: 88 + 5:86™]asa, = SW - [ 5:(de + 867}, )
a2 Q '

A generalization of the Hooke’s law to arbitrarily lurge deformation cases is given by
§=CE o AS=CAE 9)

where C is the conventional fourth-arder elusticity tensor. To apply the theory of plasticity,
we note that, when measured in the reference configuration £o, the tensors E and S arc
invariant under arbitrary rigid-body rotations. As such, they can be used in place of the
engineering strain and stress measures in small-strain constitutive cquations under generul
large-rotation and small-strain deformation conditions. For example, a generalization <f an
incremental theory of plasticity (e.g., the J; flow theory of plasticity used in (hecy;xcm study)
1o large-deformation (rolstion) but small-strain cases can be written as

N
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AS = C:(‘AE— AEF) or AS=C“":AE (10)

where AE” is the plastic strain increment tensor and €' is the founth-order elastic-plastic
tangent modulus tensor. An approach for elastic-plastic computation under large-rotation and
small-strain conditions is to substitute the first equation in (10), move the plasticity induced
nonlinear term to the right-hand side of the equation as an equivalent body force, and drop all
higher-order nonlinear terms related to Ae™ and 8¢ . so that

J1Ae + A7) C: (8 + 8" )2, = OW - [ 5:(8e +8¢”)dQ, + [ AE":C:{8 +8¢ )2, (1)
2 Q, Qe

Equation 11 can be viewed as an extension of the initial stress method [6] to large-rotation
and small-strain deformation problems and can be properly termed an initial-stress based

total Lagrangian finite element formudation. The resulting nonlinear finite element matrix
equation 1s as follows:

(K1+1KNavt={f1+{r"} (12)

where [Al7) is the vector of unknown nodal displacement increments: [K'} is the constant
stiffness matrix for a linearly eiastic. small-deformation problem; [K:I is the contribution to
the stiffness matrix from the nonlinear large-deformation kinematics, which depends on the
current statc of deformation: {f} is a vector of unbalanced nodal forces due to external loads
and interal stresses and is zero at equilibrium; and (f?} is a vector of nodal forces due to
plastic strain increments and is zero for a converged solution. Alternatively, an approach
based on the 1angent-stiffness method [7) is to use the second equation in (10) and keep the
plastic nonlinear term on the left-hand side of the equation 1o obtain

J’(At' b AE):(""‘"':(&‘ +&'}dﬂﬁ =W - JS:(&‘ - &"}dﬂa (13)

2 £,

This is a classical angent-stiff=ess based total Lagrangian finite element formuelation. The
resulting nonlinear finite element (7atrix equation is given by

(IK"1+ (K 1+ (K){aU}={F} (14)

where (A7) 15 the contribution 10 the stiffness matrix due to plasticity while other quantities
have the same reaning as those in Eg. 12. It is noted that the effect of plasticity is treated as
a stiffricss contribution in Eq. 14 instead of a force contribution as in Eq. 12,

['he ahove two formulations have been impiemented in ZIP2D1. under plane stress,
plane strain und mixed state of stress conditions. (In a mixed state of stress analysis, plane-
strain eonditions are imposed around the crack tip while plane-stress conditions are imposed
clsewhere [10]). Four- and eight-noded quadrilateral isoparametric elements and three-noded
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- triangular elements are provided. The resulting nonlinear finite element cquations, Eqs. 12

and 14 are solved with either the standard ¢ ... modified Newton-Raphson iteration method.
Convergence of the finitc element solution s'i;.: nitored and controlled by checking a norm
(measure) of the total incremental nodal force vector (the out-of-balance force or force
increment) on the right-hand sidc of Eq. 12 or 14 and its inner product (the energy increment) -
with the nodal displacement increment vector JAU}. Stress integration of the incremental

¥

- plasticity theory is accomplished by the use of a modified tangent-prediction radial-return

algorithm and algorithms for subincrementation and prevention of numerical negative plastic
flow (8]. With regard to crack growth simulation, the following strategy is used. Cracks are
identified by finite element node pairs along existing crack surfaces and their prospective -
~crack growth paths. The two nodes of a node pair on a unbroken crack growth path are
initially tied together by two mutually perpendicular rigid springs. Crack growth is achieved /
through a crack tip nodal release procedure that unzips the crack tip node pair. In this nodal ’ ’
release procedure. the fracture criterion is checked at the end of every loading step and crack
growth step. When the criterion is met, the stiffness of the two rigid springs that tie the crack
tip node pair together will be reduced monatonically to zero in a number of iterations, at the

end of which the crack will have grown by an amount equal to the size of the element ahead
of the crack in the direcligngof the crack path.

VERIFICATION STUDIES

A number. : verification studies have been conducted to ensure the reliability,
efficicncy and accuacy of ZIP2DL. While the results of all verification studies are excellent,
only some of them will be reported herc. In the first example, the problem of uniaxial elastic
stretching under both plane stress and planc strain conditions is studied. As shown in Figure
1. a rectangular element is stretched uniformly in one direction in its plane by an original
uniform stress G, (the first Piola-Kirchhoff stress, which equals the load divided by the
original, undeformed louding area). Visually, the finite element solutions are identical to the
exact solutions (these and later exact solutions are cbtained by the authors in the course of ‘
this study). In the sccond example, a square element is Joaded uniformly in two
perpendicular directions in its plane (see Figurc 2) and the strains in these two directions arc
calculated as a function of the original applied uniform stress 6., Again it is seen that the
finite element solutions for both plane stress and plane strain appear to be identical to the
exact solutions. Both elastic cases involve large displacement and large strain. In the third
example, 10 investigate the applicability of ZIP2DL to large-rotation problems, the rigid-body

‘rotation of a square element around one of its corner points is modeled. As shown in

Figurc 3, the square element is madc to rotate about its only pinned point at node 3 by
specifying the displacement of node 2 as a function of the rotation angle 8. The
displacements of node 1 and node 4 arc then solved with ZIP2DL and compared with the
exact solutions in Figure 3, wherc  and v are the horizontal and vertical displaceiaents,
respectively, and subscripts 1 and 4 refer to the node numbers. The agreement is again
excellent. In the abave cxamples, it takes about four iterations to get convergenge after each
Joad step. (As a reference. a data point in Figures i-3-ieprescats a solution at one (oad step).

.
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Figure 1. A Comparison of Exact and ZIP2DL Solutions for a Uniaxial Elastic Stretching

Problem.
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Figure 2. A Comparison of Exact and ZIP2DI. Solutions for a Biaxial Elastic Stretching
Problem.
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. ~ Figure 3. A Comparison of Exact and ZIP2DL. Solutions for a Rigid-Body Rotation Problem.
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Figure 4. A Comparison of Exact and ZIP2D and ZIP2DL. Crack-Growth Predictions for an
ARCAN Test. * -
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The accuracy of ZIP2DL in elastic-plastic calculations has been tested extensively.
Here in the final example, we compare ZIP2DL against the cstablished NASA code ZIP2D
for an ARCAN test (refer to the next section for a description of the test and modeling
details). This test case involves elastic-plastic stable crack growth in a 2024-T3 aluminum
sheet specimen under mode I, displacement controlled loading. The comparison between
small-deformation plane stress predictions of the two codes for the load against crack
-increment (change in crack length) curve is very satisfactory, as shown in Figure 4. It takes

about six iterations to get convergence after each load step and after the completion of each
nodal release procedure. -

RESULTS AND DISCUSSIONS

So far a limited number of mode 1 and mixed-mode crack growth tests conducted on
ARCAN specimens have been simulated using ZIP2DL. Results presented here pertain to the
mode I case and those for the mixe-mode cases are given separately in this volume [9]. A
schematic of the ARCAN specimen and its fixture is shown in Figure 5, where loading in the
0° direction corresponds to mode I loading. The specimen is made of 2024-T3 aluminum and
the fixture is made of a steel. Both materials are assumed to obey the J; flow theory of
plasticity. The effective stress-strain curves for the materials are obtained experimentally
from uniaxial tension tests and are approximated as piece-wise lincar curves. Plane stress is
assumed. '

Figure 5. A Schematic of the ARCAN Test Fixture and Specimen Containing a
Single-Edge Crack.
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The finite element mesh is composed of three-noded triangular (constant-strain)
elements, as shown in Figure 6. A uniform, fine mesh surrounds the single-edge crack and
along its growth path (Figure 60). A vertical displacement is specified at the second center-
line node from the top and the corresponding node at the bottom is fixed. The specified
displacement increases monotonically from zero until crack growth is completed. Crack
growth is initiated and continued when the two nodes of a node pair at a fixed distance
behind the crack tip are displaced relative to each other by an amount equal to a critical
CTOD value, which in this study had been obtained experimentally at the NASA Langley
Research Center in an earlier study [3). Specifically, the current study has used CTOD values
measured at 0.04 inch behind the crack tip for a TL-oriented specimen with a 0° loading
angle (see [3] for a description of the specimen orientation). The eouivalent CTOA value is
found to be 4.8” with a £1° scatier. Two meshes of different refinement are used to check for
element size dependence. One mesh consists of 1416 nodes and 2514 elements, with a 0.02-
inch uniform element size around the crack path. A finer mesh is composed of 2772 nodes
and 5064 elements, with a 0.01-inch uniform near-tip element size. As shown in Figure 7,
these two meshes lead to nearly identical load against crack growth curves, implying that the

coarser mesh is adequate. The coarser mesh is chosen for later calculations because it
requires less computer time.
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= TV 00 DD A,
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SORERRIRS  CECEREENONORG
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(a) (b)

Figure 6. Finite Element Mesh used in Mode 1 ARCAN Test Simulations: (a) Global Mesh,
(b) Refined Iocal Mesh Along Crack Growth Path,
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‘ g Figure 7. Effect of Finite Element Size Con Crack Growth Simulation.

Figure 8 shows a comparison between two small-deformation crack growth
simulation predictions. In one simulation-a CTOA of 4.8° is specified at 0.02 inch behind the
. crack tip while in the other the CTOA is specified at 0.04 inch behind the crack tip. In the
* early stage of crack growth the latter prediction oscillates and is different from the former
prediction by a fairly small amount. It is seen however that these two predictions tend to
_approach each other after the peak load as crack growth continues. Because the enforcement
-0f CTOA at 0. 02 mcn behmd the uack np leads to a smoother snmx.lauon curve, it will be.
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The effect of large specimen rotation at the point of loading on the crack growth
behavior can be seen from the comparison shown in Figurc 9. When a CTOA of 4.8° is
specified at 0.02 inch behind the crack tip the relative difference between the predicted
fracture loads with and without consideration of large rotation is about 6% at the peak load.
Another case shown in Figure 9 is for a CTOA of 4.5° specified at 0.02 inch behind the crack
tip. Itis clear from these two cases that the load predicted by a small-deformation simulation
consistently underestimates that predicted by a corresponding large-deformation simulation
by almost a constant amount. Further, it is seen that by adjusting the CTOA value (or
equivaleatly, the CTOD value) within the scatter band (+1°) of the experimental CTOA
measurement, a large portion of the load against crack growth curve can be made to shift -
upwards or downwards by a large margin. This observation seems to suggest that the. load
against crack growth curve predicted by a large-deformation sirnulation can be reproduced,

- perhaps except near the end of crack growth (see Figure 9), by a small-deformation

simulation by using a larger CTOA value. Further study is needed to confirm this
speculation.. : : "

Effect of Large Rotation
5.0,
[ coo, ARCAN Specimen
Oafel ° 9
4.0 A Loading Angle = 0°
‘ . CTOA=48°at0.02" behind crack tip
N ——  Small Deformation
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1.0 [_ CTOA = 4.5° a1 0.02" behind crack tip
[ e Small Deformation
! o Large Deformetion
O.o 3 . i 1 " i " 1 i " N N n " " 5
00 02 04 0.6 0.8 1.0
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Figure 9. Effect of Large Specimen Rotation on Crack Growth Simulation.
" A comparison of computer simulation results with experimental measurement is
shown in Figure 10, where the test data are for a TL oriented 2024-T3 aluminum ARCAN
specimen (see |3] for a description of the speeimen orientation). The critical CTOA valuc of
4.5° used in this comparison is close to the mean value (4.8°) of the test data obtained in {3]
which contains u scatter band of £1°, At this CTOA value the small-deformation result
agrees with the test data at and immediately following the peak load while the large-
deformation result agrees with the test duta along the rest of the crack growth curve. From an
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carlier observation, it appears that the large-deformation curve can be made to follow a major
portian of the test data by matching the test data at the peak load by lowering the CTOA a
few tenths of a degree. It will be worthwhile to see if this matched CTOA value can be used
in mixed-mode crack growth and still produce simulation results with good agreement with
corresponding test data. Small-deformation, mixed-mode simulations sa far (see [9] for
detail) indicate a very good possibility in that respect. \ ‘

50 Coinparison With Experimental Measurement

ARCAN Specimen 4T =T

. Loading Angle = 0° _—-
~ CTOA = 4.5° 1 0.02" behind crack tip

e

wh
4

N Small Deformation
1.0 O Large Deformation
’ e  Bxperimental Measurement (3]

0

nng,l
e 1 I L 1 ] L o i 5 L i i 1

02 04 0.6 0.8 1.0
" Aa(inch)

Figure 10. A Comparison of ZIP2DL Predictions With Experimental Measurement [3].

Finally, it is noted that the above simulations require about six iterations for
convergence after each load step and nodal release procedure if the tangent-stiffness approach
(see Eq. 14) is used and about 12 iterations if the initial-stress approach {see Eq. 12) is used. -
The advantage of the initial-stress approach is that, when used for small-deformation
simulations, the stiffness matrix does not need to be updated except during crack tip nodal
release, thus it can lead to big savings in computer time. :
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SUMMARY

Finite element techniques were used to determine the: effect that pillowing, caused by
the: presence of corrosion products, has on fuselage lap joints. The stress caused by the
internal pressure and riveting process was taken into account while the fuselage curvature
was ignored. The results indicate that as the pillowing (i.e. thickness loss) increases, the
stress in the joint increases. Also, these results suggest that the volume of corrosion-products
_present within a joint is the: main parameter governing the increase in stress and not the
percent thickness loss. For example, if a joint contains 5% thickness loss in each skin,
although the total thickness loss is only 5%, the volume of corrosion products is equivalent to
a 10% thickness loss in one skin. A preliminary fracture mechanics analysis carried out on a
single. crack Jocated just beyond the rivet head suggests that the crack edge along the faying
surface would grow more rapidly along the rivet row forming a semielliptical crack front with
a very high aspect ratio. This type of crack is more difficult to detect during visual
inspection. ~ : )

Y . INTRODUCTION

Concern has grown as to the possihle effects corrosion might have on the structural
integrity of fuselage lap joints. Environmental attack can lead to carly crack initiation,
enhanced crack growth rates (corrosion fatigue), thickness loss (incrcased stresses), and
intergranular and stress corrosion cracking and pitting (stress risers). Present maintenance
guidelines allow for a maximum thickness loss of 10% within a single skin before repairs
must be made to u joint (ref. 1). However, in a previous study carried out at the National
Reseurch Council Canada (NRCC), the volumetric increase associated with corrosion by-
products was found to be approximately 6.5 times greater than the volume of parent material
Yost (ref, 2). This large volumetric increase results in local deformations (pillowing) which
can affect the structural integrity of fuselage lap joints.

* Work: carried out under collaborative rescarch agrecinent beiween National Rescarch Council and Diffructo
f.imited dated Jure 1995. Project funded by the U.S. Air Force hrough the Federal Aviation Administration
and by Transport Canada, NRC, and Diffracto Limited.
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Finite element techniques along with a mathematical model (ref. 3) were used to
simulate the presence of cotrosion products within a fuselage lup j jomt The stress resulting
trom the internal pressure (hoop stress), the prestress caused by the rivet fastening process
and the reduction in thickness caused by the material loss were all taken into account while
the curvature of the fuselage was ignored. The results indicated that the stress in the area of
the rivets increases significantly due to the presence of corrosion pillowing. A fracture -

- mechanics analysis was also carried out on a single crack of a length Just beyond the rivet

*hc,ad to hclp assess the stmctural integrity implications of carrosion pmowmg

-

FINITE ELEMENT MODEL

A typical lap joint configuration was chasen for this study and consisted of two skins

_(outer and inner) of equal thickness, 1.14 mm (0.045 in), fabricated from A) 2024-T3. The

skins were joined using three rows of rivets with a 25.4 mm (1.0 inch) spacing. Each rivet

*had-a'nominal shank diameter of 3.96 mm (0.156 inch) and a rivet head diameter of 5.8 mm

(0.232 inch). A hat-section stringer was attached to the middle rivet row through the hat
crown as shown in Figure 1. Three finite element models were generated to simulate the
different loads that are present within‘a corroded joint. These loads were; 1) hoop stress

to corrosion pillowing. To save computation time and storage space only three rivets were

- modeled as shown in anure 2. The rxve(/skm mtcractnon was simulated usmg nonlinear gap

elcments

Stress Analysis

~

All models were generated using the first-order brick elements available in the NISA
finitc clement package. It was assumed for the hoop stress model that some of the load
transfer would be due to friction under the rivet heads which was simulated by merging the
nodes in these areas. A pressurc was applied along a skin edge to simulate the hoop stress
while the opposing edge was fixed in all directions. For the prestress model, all the nodes
were merged to prevent the skins from penetrating, and a pressure was applied to the rivet
heads (0 simulate the viveting process. To model the corrosion pillowing, a threc-stage
process was used; 1) a 6.89 kPa (1 psi) pressure was initially applied to the faving surfaces .
and the resulting volume determined, 2) given a specified thickness loss in one skin, the
volume required to accommodate the corrosion products was calculated using a previously
derived formvla (ref. 3-4). and 3) assuming a linear relationship between the applied pressure
and volume due 1o the incompressibility of the corrosion products, the pressure necessary to
obtain the required volume was calculated and then reapplied to the faying surfaces (ref. 4).
The finite clement analysis was then rerun and the resulting displacements obtained.

<

5. caused by the internal pressure, 2) prestress caused by the riveting process and, 3) stress due -
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Fracture Mechanics Analysis

To carry out the fracture mechanics analysis, the stress mode) for each loading case.

wwas modified. Second-order elements (i.e., elements with mid-side nodes) were generated in

the arca of the critical rivet row (upper row). For this preliminary study, a straight-fronted
through crack perpendicular to the hoop stress loading was assumed to be present on one side
~of the rivet hole just beyond the rivet head, see Figure 3. The mid-side nodes for the
- clements surrounding the crack tip were moved to the quarter point to simulate the stress
singularity at this location. Load transfer by friction under the rivet heads was ignored. The
resulting quarter-point and comer noda) displacements were then used in an equation
developed by Kwng and Chang (ref. 5) to calculate the Mode I stress intensity factor:

. “ 1 pn 8v,-v,) . -

3

whert, "Es-:ahs_displaccment for the quarter-point node perpendicular to the erack face, v, is
the cortesponding displacement for the corner node and L is the length of the crack tip
eleyaent. Plane stress conditions were assumed 1o exist ahead of the crack front.

RESULTS AND DISCUSSION
Stress Analysis

To determine the resultant stress which would occur from a combination of the three
loading cases, the nodal displacements obtained from each case were added together and the
analysis rerun. A plot of the stress in the vicinity of the upper rivet row in the outer skin and
the lower rivet row in the inner skin (which are the critical locations in terms of cracking for
the respective skins) is shown in Figure 4. ' As can be seen from this figure, the stress in the
vicinity of the rivet holes increases as the pillowing increases. A comparison was also made
between the increase in stress caused by an equivalent thinning of the outer skin and that
caused by pillowing, Figure 5. This comparison clearly shows that pillowing has a greater
influence on the stress in a joint as compared to the effective thickness loss alone.

The maximum stress for small amounts of corrosion occurred at the upper rivet row
away from the hole approximately 45° to the hoop stress loading which was verified by
-experimental tests (ref. 6) carried out on accelerated corroded multisite damage specimens,
Figure 4. However this maximum stress location can shift thus causing another rivet row to

. become criticul. Since, for this analysis, a constant thickness loss was assumed to be present

throughout the joint, the maximum stress shifted to the lower rivet row in the upper skin
when the thickness loss was greater than 6%. It should be cmphasized that this row is not
critical for this particular joint configusation in the absence of corrosion. Since corrosion is a
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allowable of 10%. However, given that corrosion was only present in this arca of the joint

379

random process, the shift in maximum stress raises concerns as to the possibility that given
the location of the corrosion and the severity of the pillowing, the muximum stress in a joint
could occur in other skins, particularly in the sccond or third layers causing premature
cracking. Some corroded lap joints obtained from retired aircraft were disassembled, cleaned
and inspected using X-ray techniques. These images showed cracks in the area of maximum
pillowing, Figure 7. The first image, Figure 7a, shows numerous cracks present in the four
rivet holes which surround the area of maximum pillowing in the outer skin. This joint had a
maximum thickness loss of 14% in some of the pits which is greater than the maximum

and the skin thickness was approximately 1.78 mm (0.070 inch), it is highly unlikely that this
damagz would have been detected under normal maintenance procedures. The other image,

Figure 7b, shows cracks that are present in the inner skin at the upper rivet row (which isnot  «

P

critical for this skin). This joint had a maxinum thickness loss of less than 10% in the inner
skin. , :

Fracturc Mechanics Analysis

To calculate the Maode 1 stress intensity factor. the niodal displacements for the thiee
loading cases were added together and substituted into Equation (1). The results were non-
dimensionalized with respect to the hoop stress, 0y, and plotted against percemage thickness
loss, Figure 8. As can be seen from this figure, the stress intensity factors for the different
crack edges diverge as the thickness loss increases. The stress intensity factor for the cdge of
the crack located on the inner (faying) and outer surfaces of the outer skin are approximately
equal when no corrosion is. present indicating that both crack edges would grow at about the
samc rate. However, as the thickness loss incrcases and thus the pillowing, the stress
intensity factor for the crack edge along the outer surface decreases while the crack edge on
the inner surface increases. This is understandable since the bending in the skin caused by
the pillowing produces a compressive stress in the rivet area on the outer surface while a high «
tensile stress is present on the fayving surface. The difference in the stress intensity factor for
the two surfaces suggests that the crack edge on the faying surface would grow faster than the
crack on the outer surface causing a semiclliptical crack front with a high aspect raiio. In
fact, this is the situation that is present in the joints shown in Figure 7. The majority of the
cracks present in these joints have not vet penetrated the outer surface although some of the
crick lengths are greater than 6.3 mm (0.25 inch) on the faying surface. This raises concerns
as to the possible effect that corrosion pillowing might have in a multisite or wide spread
fatiguc damage scenario, Switt (ref. 7) proposed that after a predetermined number of flight
hours, special inspections be carricd out on aging aircraft in specific areas to decrease the
probubility of failure caused by multisite damage. Since corrosion pillowing can significantly
increase the stress in fusclage lap joints, cracks could initiate prematurely thus making it
necessary to inspect for multisite damage carlier than was previously thought, see Figure 9.
To complicate the situation even more, once initiated, the cracks would grow ilong the faying
surface resulting in high aspect ratio cracks which arc difficult to detect. This in wra would
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decrease the probability of detecting multisite damage in the presence of corrosion and thus
increase the probability of premarure failure.

CONCLUSIONS

The results from this study can be summarized as follows:

-

The stress in a fusclage lap joint increases as the pillowing caused by the corresion
by-products increases.

Depending on the location of the corrosion and severity of the pillowing. the
maximum stress in a joint could shift to other skins (i.e., second or third layers)
causing premature crack initiation.

The increase in the stress intensity factor for the crack edge or the faying surface and
the subsequent decrease on the opposite side suggests that a crack would grow more
rapidly in the dire-tion of the row of rivets than through the skin 1oward the outer
surface resulung n a semielliptical crack front with a high aspect ratio.

The high aspect ratio cracks would make detection difficu’ “hus decreasing the
probability of detection and increasing the risk of premature failure.

One of the mam factors influencing the structural integrity of a lap joint is the volume
of corrosion products present in the vicimty of a rivet hole and rot the percentage
thickness loss 1 each skin. For example, take a joint which has 7% thickness loss in
cach skin. Although this joint would be considered to have a total of 7% corrosion
and could continue to fly without being repaired, the maximum stress p.2sent in the
joint 15 equivalent 10 « single skin containing 14% thickness loss which would have to
be repaired.
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IMPROVED NONDESTRUCTIVE INSPECTION TECHNIQUES FOR
AIRCRAFT INSPECTION

Don Hagemaier and Dwight Wilson
McDonnell Douglas Aerospuce
Long Beach, California

ABSTRACT

Through the use of an Integrated Product Team approach and new inspection
techniques incorporating the latest in irnaging capabilities and automation. the costs of some
manpower intensive tasks can now be drastically reduced. Also, through the use of advanced
eddy current techniques, the detectable size of cracks under flush-head fasteners can be
reduced while maintaining a reliable inspection.

Early in this decade, the Federal Aviation Administration (FAA) William J. Hughcs
Technical Center and the National Aeronautics and Space Administration (NASA) Langley
Research Center formulated an aging aircraft research plan. The unique aspect about the
research is that it is driven by the aircraft manufacturers and airlines in order to center only on
those areas in which help is needed and to keep it focused. Once developed, the
manufacturcr works with the FAA Aging Aircraft Nondestructive Inspection Validation
Center at Sandia National Laboratories, the airline, and the researcher to transfer technology
to the ficld.

This article first describes the cvaluation and results obtained using eddy-current
technology to determine the minimum detectable crack size under installed flush-head
fasteners. Secondly, it describes the integrated efforts of engineers at McDonnell Douglas
Acrospace and Northwest Airlines in the successful application of mobile automated scanner
(MAUS) eddy-current C-scanning of the DC-10 circumferentia) and axial crown splices. The
eddy~current C-scanning greatly reduced the man-hour effort required for the existing

radiographic inspection. Thirdly, it describes the use of a novel ultrasonic technique coupled

to a scanner and graphics for the detection and quaatification of corrosion thinning and stress
corrosion cracking of the DC-9 lower wing tee cap. This successful effort resulted from a
rather large integrated task. team. It also results in a vast man-hour savings over the existing
internal visual inspection.

- INTRODUCTION

The nondestructive inspection (NDI) portion of the FAA National Aging Aircraft
Research Program (NAARP) predicates that improvements must be made to existing
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inspection techniques and devices so as to provide more reliable detection capabilities. In
June 1988, the First Intemational Conference on Aging Airplanes was held in Arlington,
Virginia. As a result of the recommendations from the 1988 conference, an FAA National
Aging Aircraft Research Plan (NAARP) was complcted in 1989. Jointly with NASA
Langley Research Center, the FAA William J. Hughes Technical Center has directed and
sponsored nondestructive inspection research and development (R&D) programs to assure
aircraft safety. Considerable work has been done in laying the groundwork for an active
program to develop new and improved NIDT methods and techniques for in-service inspection
of aircraft structures. What follows is a description of three activities which advanced the
state of the art for NDI technologies and provided increased reliability through smaller

detectable flaw sizes and a great savings in man-hours needed to perform the required
ispections.

Although the FAA NAARP was initiated in 1989, the manufacturers, operators, and
regulators have been studying the question of how to assure the structural integrity of aging
aircraft since 1978, Accordingly, about 1983, the Douglas Aircraft Company (DAC) and the
operators established an Industry Steering Committee (ISC) 10 oversee the development of
Supplemeental Structural Inspection Documents (SSIDs) for each of its aircraft models. Since
that time, DAC has produced SSIDs for the DC-3, DC-6, DC-8, DC-9, and DC-10 aircraft
maodels. Through the FAA-NASA program, new and improved NDI techniques have been
developed which can replace or become an alternate micans of corapliance for an existing
SSID inspection. This is the case for two of the inspections described below.

EDDY-CURRENT DETECTION OF SHORT CRACKS UNDER INSTALLED
\ FASTENERS

Itis a known fact that aluminum aircraft fuselage skins can develop small fatigue
cracks after an extended period of service duc to the numerous pressurization cycles.
Usually, the outer skin is countersunk to provide for assembly with flush-head fasteners. The
sharp edge in the skin, caused by the countersink, provides a high stress concentration for
fatiguc crack generation (see Figure 1). Numerous small cracks may be generated along a
particular row of fasteners. When this happens, they are generally referred to as multiple-
origin fatigue cracks. The small cracks continuc to grow with time and at some point they
can join up causing failure of the skin and rapid decompression of the aircraft cabin. Hence,
there exists a need to detect them at the smallest size possible.

Many high-frequency eddy-current inspection techniques have been developed to
detect fatigue cracks, which extend beyond the periphery of installed flush-hcad fastencrs, in
aluminum fusclage skins. However, until recently, the shortest crack that could be reliably
detected was 2.54 mm (0.10 inch) in length. Damage tolerance (stress) engineers were
unhappy with that figure and requested that improved eddy-current techniques be developed
(o detect fatigue cracks on the order of 1.25 mm (0.050 inch) in length. Cracks of this length
barcly extend beyond the fastener head which makes them difficult to detect.
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Figure 1. Short Fatigue Crack Under Flush-Head Fastener.

In order to prove that certain improved eddy-current equipment or probes could detect
the flaw size goal, fatigue cracks and electrical discharge machine (EDM) notches were
fabricated into countersunk fuselage skin panels. The cracks and notches ranged from 0.635
mm (0.025 inch) to 2.54 mm (0.10 inch) in length (see Figure 2). This particular study
program was funded by NASA Langley Research Center with Dr. William Winfree as the
Technical Director,
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{Typlcal Bottom Plate)

=. 3=

TYPICAL ASSEMBLY

Figure 2. Typical Notched/Cracked Test Panel.

A variety of existing equipment was evaluated for this program and is fuliy described
in Reference 1. Instruments used in this study were the pulsed eddy-current Nortec Eddyscan
30, the Hocking FastScan, the Northrop low-frequency eddy-current array (ILFECA), and the
Rohman Elotest with minirotor and GK Engineering probe. Typical results for a 1.25-mm
(0.050-inch) crack under a flush-head aluminum rivet is shown in Figure 3(a) for the
Eddyscan 30, in Figure 3(b) for the Elotest Bl with mini rotor, and in Figure 3(c) for the
LFECA. There were 32 rivet sites in the test panel with 4 cracks and 4 EDM notches. Figure
4 shows the total results for the 32 test sites with the LFECA and Table 1 compares the
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signal-to-noise ration (SNR) for the flawed sites to the unflawed sites. Figure 5 shows the
CRT responses for the cracks in the test pane) using the Hocking FastScan. Table 2 shows
the results for the four instrurnents’ ability to detect first Jayer cracks and second layer
notches under both flush-head aluminum rivets and steel fasteners.
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Figure 3. Detection of 1.27-mm (0.050-in.) Crack Under Flush-Head Aluminum Fastener.
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Figure 4. Response Magnitude for First Layer CUFS With Aluminum Rivets

Table 1. SNR for First Layer CUFS With Aluminum Rivets.

FLAW SIZE (mm) SLOT or CRACK SNR (dB)
0.635 Slot 5.0
0.635 Crack 1.5
1,27 Slot 14.0
1.27 Crack 14.7
1.90 Slot 22.6
1.90 Crack 20.5
2.54 Slot 30).0)
2.54 Crack 25.0
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Figure 5. Hocking FastScan Results for Cracks Under Fl}xsh-Head vRivets (Millimeters) B ,

-Table 2. LEddy-Current Flaw Detectability Under Flush-Head Fasteners

Detectability for Cracks Under Aluminum Rivets, 1st. Layer

Nortee 30 Eddyscan 1.0mm (0.040 in.)
. Northrop LFECA \ ~ 10mm -

Hocking FastScan ' 1.Omm

GE Engineering/Elotest - 1.0 mm

Detectability for Cracks Under Steel Fasteners, [st. Layer

“ Nortee 30 Eddyscan 1.27 mm (low SNR)
Northrop LIFECA 1.27 mn (0.050 in.)
Hocking FastScan 1.27 mim

. GE Engineering/Elotest 1.90 mm (0.075in.)

Detectability for Notches Under Aluminum Rivets, 2nd. Layer

Nortec 30 Liddyscan 1.27 mim (0.05Q in.)
Northrop LFECA , 1.27 mm
Hocking FFastScan 127 mm

GE Engincering/Elotest 1.90 mm (0.075 in.) manual probe only

Detectability for Notches Under Steel Fasteners, 2nd. Luyer

Nortec 30 Eddyscan 1.27 mni (Jow SNR)

Northrop LFECA 1.27 min (0.050 in.)

Hocking FastScan 1.27 mim

GE Enginecring/Elotest 1.90 mn1 (0.075 in.) manual probe only
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DC-10 CROWN SPLICE INSPECTION

The DC-10 SID program requires an inspection of the fusclage skins, finger doublers,
and longerons around the Tongitudinal and transverse splices on the crown of the aircraft
(Figure 6). This splice consists un exterior doubler, fu.elage vkin, finger doubler, and
longeron (Figure 7). Fatigue cracks must be detectable in the longitudinal and transverse
direction in the skin and finger doubler. Only cracks in the transverse direction must be
detected in the longerons.
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Figure 6. Inspection Areas,

Two NDI methods were originally selected for evaluation of the splices: eddy-current
and x-ray radiography. Radiography, in general, is a difficult ‘l\.‘l'lllliqllc 10 apply ip this
application due to the multiple layers of materia) and geometric features m.lhc splices. lp
theory, eddy-current was the preferred method to try; however, the underlying geometry in
the splices also created interpretation problems when using conventional eddy-current
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technology. Several types of sensors were evaluated before the investigator concluded that
the underlying structure was too complex for a manual eddy-current inspection. Hence, the
radiographic procedure was developed for the Supplemental Inspection Document (STD)
inspection with an additional manual eddy-current inspection for cracks .. the external

doubler and internal finger doubler.
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Figure 7. Crack Location and Qrientation in Skin and Finger Doubler, Longitudinal and
Transverse Splice.

The current radiographic procedure requires a two-sided access to the splices.
Removal of the interior of the aircraft to provide a. cess can take up to 110 labor hours. The
actual radiogsaphic inspection takes about 100 labor hours 1o complele and requires 98
radiographs. In addition, this inspection is usually limited 10 off-shift periods becausc of the
radiation hazard to unprotected workers,

During a demonstration of the MAUS 1l eddy-current C-scan system in September
1993, it was recognized that the MAUS (Figure &) was a potential alternative for the
radiographic inspection. It was hoped that the C-scan image would provide encugh
additiona) information, relating sensor signals to the geometry features in the structure, in

409




viderto detect cracks. An integrated product team was established between personnel from
Northwest Airlines and McDounell Douglas Acrospace-Fast & West.

M e

Figure 8. Mobhile Automated Scanner (NAUS .

A splice joint standard with aotches in the 1ou: layers and in wwo directions “vas
fabricated. Tests using this standard indicated 1nat the operating frequency of the MAUS
aceded 1o be fower than | KHz 1o detect cracks in the longerons and a special scanner fixture
was needed t¢ ovord problems when scanning across the external doubler

Manv trials were made, using a variety of sensors. both in the laboratory and on-
aircraft. A special vacuum cap holding and scanming fixture was fabricated by GK
Engimeering. This allowed the ispectiod to be porformed by one techmcian, i about four
hours, alte” the fixture was installed. The procedure was performed i two scans. operaiing a
single sensor ac . ttzrent frequencies. One scan an 3.5 KHz inspected the externa) doubler.
skin. and yinger doubler below the skin. The second scan was performed at 600 Hz 1o detect
cracks i the longerons and finy doubler thicker sections. In goaeral. the data repeatamhity
was excellent and the procedare was finahized 1n June 1996, Figure 9 shows a typcal MAUS
eddy-curre... C-scan image of the crown  >lice. Finally, this documentation has been
submitted tc the FAA for consideration as an alternate imeans ot conspliance tor the SID
through the yearly revision process. The cost savings between the MAUS eddy -current and
\-rity inspections amount to about 953 man-hous savings plus the costof the x-ray film
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DC-9 .LOWEFR WING BOX INSPECTION FOR CORROSION/CRACKS

From the start of the FAA NAARP program, every effort was made to direct the
cftorts of the FAA Center for Aviation Svstems Rehability (CASR) investigators to solutions
of actual inspection and maintenance challenges idenufied in the field. It was evident that a

successful project required a significant level of synergism between participants from CASR,
maintenance facihties. and aircraft manufacurers.

The current procedure to inspect for exfoliation corrosion and stress corrosion cracks
of the lower tee cap requires entry into the fuel tank for visual inspection. Figure 11
illustrates a tvpical cross section of the tee cap which connects the wing center box to the
outer wing. Typica) areas of exfoliation corrosion and stress corrosion are also iilustrated in
Figure 1. The inner and owter wing stringers are yoined by bolts which extend through the
tee cap. A laver of faving surface sealant is used between the Jower skin and horizontal leg of
the tec cap to make the structure fuel-leak free as well a corrosion inhibitor. The faying
surface sealant allows transmission of the ultrasonic beam to the tee cap for corrosion and
crack detection

B ANKEEAT WD
—
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’ T ———— VERTICAL 4

Figure 11, DC-11 Lower Wing Skini and Tee Cap and Stringers.
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In the 2nd layer ultrasonic technique, developed by Drs. Jan Achenbach and Igor
Komsky at Northwestern University, two wedge-mounted transducers are used in a pitch-
catch configuration as shown in Figure 12. With carefully selected wedge angles, transducer
spacing, and operating (requency, maxiinum penetration in the second layer tee cap can be
achieved. Transducer | generates ultrasonic signals in both layers. One signal propagates in
the wop layer and. after reflection by the sealant, is reccived by Transducer 2. Another signal
penetrates through the sealant and, after being reficcted cither by the bottom of the second
layer or by corrosion spots, is received by Transducer 2. Times of flight (the time it takes for
the sound to wravel back and forth) of both waves is used for material loss characterizations.

TRANSDUCER NO. 1 TRANSDUCERNO. 2

TEE
CAP
Te

Figure 12. Second Layer Ultrasonic Inspection. Soundpaths Penetrate the Skin and Tee Cap
at Various Depths to Reveal Matenal Loss Due 1o Corrosion.

By linking the pich-catch wransducers and signal output to an imaging system, C-
scans can be produced which indicate the degree of thinning or cracking. Northwest Airlines
personnel fabricated typical flawed standards from 7075-T6 machined plate stock. The two
plates were bonded with PRC-1422 sealant and clamped together using Hi-Lok fasteners. To
simulate corrosion in the tee cap inncr surface, spot faces were machined to controlled
depths. To sim_iate streas corrosion cracks, EDM notches were added at the radius of the tee
horizo~tal and vertical legs. Similar standards were fabricated from scrapped DC-9 wing
sections. Figure 13 shows a C-scan recording showing wo spot faced areas of 4% and 7%
thinning and an actual corroded area with 7% thinning in the tee cap inner surface.
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Spot Face Exfoliation Spot Face
7% Loss Corrosion 4% Loss
7% Laoss

Figure 13. Second Layer Ultrasonic C-Scans Can Reveal Small Amounts of Material Loss

The Service Bulletin work-hour esumate for visual inspection, without repair, is 376
man-hours per aircraft. The total number of hours needed from preparation of the aircraft
through functional check is estimated to be quite & bit more than this. The ultrasonic
inspection of the fourth aircraft, using the new technique. was done in less than 48 man-
hours. This represents a tremendous cost savings (o the affected operators. The procedure
has been approved, by the FAA, as an Alternate Means of Compliance to the Service Bulletin
internal visual inspection

The DC-9 wing box inspection teant was recently awarded the McDonnell Douglas
Aerospace 1995 Silver Eagle and Model of ¥'xcellence awards.

SUMMARY

The development and implementation of acceptable niaintenance and inspection
programs for both new and aging wircraf is compheated and entails many aspects. The
process of developing these inspections has evoived from those in which cach program was
operator unique to a scphisticated relationship of interdependence between operators,
regulatory agencies, researchers, and NDI equipment and aircraft manufacturers. By t~King
the concepts of integrated product teams to the next logical step and including the university,
the regulator, and the customer. the aircralt manufacturer can row offer drastic inspection

Ccosl savings.
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IMPROVING THE DAMAGE TOLERANCE OF BONDED
STRUCTURES VIA ADHESIVE LAYER BARRIERS
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ABSTRACT

#

" Modern aircraft possess numerous applications for structural adhesive bonding.
Continued airworthiness of these applications requires tolerance: of undetected damage such
as debonding. A serious concern is that a partial debond could grow unstably across the

_entire bond. For example, composite patch repairs of structural cracks can be extremely
effective at retarding crack growth, yet they need a damage tolerant bonding mechanism that
" maintains the patch’s utility even after partial bond failure. Analysis is presented that shows
that a composite patch on a cracked aluminum shect will still be effective even if a large
portion of the bonded arca has debonded, as long us the remaining bonded region is stable
" and the patch still provides a viable load path around the crack. A method is proposed which -
enhances the damage tolerance of a bond with barriers that divide the adhesive layer into
_discrete regions. - The barriers are inserted into the adhesive bond layer before curing and
make uninterrupted contact with both adherends, thereby forming separate zones of adhesive.
The barriers may be constructed of & nonstick material and may be slightly thicker than the
nominal adhesive layer. If a local debond were to grow to a barrier, the debond front should
preferentially travel along the lower energy band bet vien the adhesive and the barrier rather
than through the adhesive or along an adhcsive/adherend inteiface. The barriers should
prevent the extension of the debond from one region to the next. Since most load is
transferred in a boundary region near the edge of a bond, dividing the bond into several
regions should make it sufficiently redundant to withstand locally unstable debond growth.

INTRODUCTION

Any evatuation of aircraft structural integrity must consider the long-term ability to
withstas seasorabiy expected loads after damage has occurred.  Prudent engineering
principles suggest the use of redundant structures and redundant joining methods. The
Federa! Aviation Adminisiration requires that transport category aircraft be “damage
tolcrant.” That is, they inust be )

“ovalnared to ensuie thar ~hould serious fatigue, corrosion, or accidental
damage occur within the operational life of the airplane, the remaining

structure can withstand reasonable loads withowt failure or excessive
structural deformation until the damage is detected.” [1]
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The above definition recognizes that not all structural damage is immediately
detectable. Structural redundancy and inspection must be used to assure that components
with insidious damage can tolerate expected loads until the damage is found and repaired.

The damage tolerance regulations apply not only to virgin aircraft structure but also to -

- repairs of affected aircraft. In practical terms, aircraft repairs should also be quick, durable,
-+ and relatively inexpensive. Some aircraft, mosily military, have used bonded composite

spatches to repair structural cracks. A patch has two beneficial effects. First, it provides an
wzalternate load path. Patches are primarily unidircctional such that the f{ibers bridge the crack.
Much of the load is transferred out of the plane of the damaged component. Second, a patch
enforces a virtual limil to the maximum crack opening. Both of these results limit the stress
intensity factor at the crack tip which in turn limits the crack extension in each cycle. Patches
“are designed to keep the crack size well below its critical value during the remaining
economic life of the aircraft. Boron/epoxy patches have been used most often because of
their high stiffness and the ability to monitor crack size through the patch using eddy-current
technology.

Currently, the application of composite patches to aircraft is generally limited to
cracks small enough that they will not, over the course of several inspection periods, grow to
a critical size for the largest expected lifctime load. In this way, even if the patch were
somehow completcly incffective, the damage could be monitored and repaired via another
method long before operational safety was jeopardized. Patches applied to small cracks
could cconomically extend the component lifetime. »

This paper describes a method that may help to achieve structural redundancy and
damage tolerance requirements in bonded structures. The method is concepuually general
~enough to be applied to bonded joints in any vehicle or infrastructure application.

DAMAGE TOLERANCE OF COMPOSITE PATCHES

The application considered here is u structural plate with a crack that is repaired with
a unidirectional fiber composite patch. The crack is assumed to be perpendicular to the
principal loading direction. The fibers of the patch are aligned with the load. The
arrangement is illustrated in Figure 1. An undamaged patch restrains the opening of the crack,
virtually arresting it.

The patch is epplicd to the stucture with an adhesive. Two aspects of the damage
tolerance of these patches will be considered here: (1) the ability of a patch that is only
partially honded to cffectively restrain the opening of the crack in the plate and (2) the ability
of the patch to resist debonding under cyclic loading, cven in cases where debonding has
started. -
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. Intuition can sometimes mislead people into hclieving that load is transferred
- umfomﬂy across the adhesive layer in a bonded joint. Most load is transferred in a boundary
region near the edge. In the central region, the bonded parts have similar displacement (and

thereforc- strain) fields. Therefore, the majority of the adhesive’s ability to transfer load is
kept in reserve, -

Structural Plate - Primary
Loading
Composite Patch Direction
Fiber I
Dircction
Crack
(Patched)

Figurc 1. Schematic of Structural Application.
ADHESIVE LAYER BARRIERS FOR DAMAGE TOLERANCE

A patch will be tolerant of debond damage if debonds are arrested while the patch is
still highly effective. Small debonds should not scriously degrade the adequacy of the patch.
An appropriate inspection program could virtually assure that the debond would be detected
and repaired before the crack approached critical size, so long as the debond growth were
slow and predictable. Ultrasonic testing or a “tap test” ¢an find debonds that exiend over 4
significant fraction of the adhesive region. If a boron/epoxy patch is used, the crack size can
also be monitorcd using eddy-curremt technology.  Thus, damage can be detected and
repaired.

Theoretically, debond fronts can grow rapidly or even unstably. An unstable debond
might be stopped if the udhesive fayer were divided into several discrete. unconnected
regions, One method would be to scparate the adhesive arca into disparate regions by
introducing gap.. Unfortunately, most adhesives have a low-viscosity phase of the cure
during which there is u great deal of flow. Under the pressure applied during the bond cure,
the adhesive regions could run together, resulting in a continuous adhesive layer capable of
sustaining a debond completely across the patch.
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A§ an allernative, it is proposed to insert physical barricrs to separate the regions of
the adhesive layers. A smooth nonstick-type surface would be a good candidate in that it

should provide a low interfacial strength between the barrier and the adhesive. Thus, as a

debond follows the lowest energy path along the adhesive/adherend interface, it should be
arrested at the barrier as shown in Figure 2.

{ '-v'.".‘,t, S e ;_;._N . L. i — -‘.4 N 0 MET . s L
y . T . . o, . . "

Vv | Composite Patch -~ . 0 T Tl T e T
. o b ' - S . | . o

ZRY

i Adhesive Layer

Path of Debond Front

Stiuctural Plate

Figure 2. Debond Arrest Mechanism of Adhesive Barricrs.
ANALYSIS

A finite element analysis of a square untapered boron/epoxy patch on a cracked
aluminum sheet was performed to quantity the effectivencss of partially bonded patches [2].
The commercially available code ANSYS was employed. The clements used were 20-node
quadratic “brick’* clements. One layer of clements was used for each of the three materials.
Quarter symmetry was usced for computational cfficiency. Eight hundred and twenty five
clements were used. A typical iesh is shown in Figure 3.

‘The elements surrounding the crack tip were singular clements formed by collapsing
one face of a 20-nade clement onto a line and locating the side nodes of the adjucent edges
onc quarter of the distance to the fir face. The resulting element has the ™ singularity
observed at crack tips, where ris the distance from the crack tip. The stress intensity factor is
estirnated from the displacement of the nodes of these elements along the crack face.
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Figurc 3. Typical Finite Element Mecsh.

The adhesive was assumed 1o have debonded in rectangular regions as shown in
Figurc 4. The cases of intact adhesive layers dircctly over the crack were contrasted with
those of intact adhesive layers at the edges of the patch. The ratio of patch width to crack
width was 4:1. The material parameters are given in Table 1.

Patch

....................

(a) Internal Debond

Paich
:ﬂ
Crack
(b) External Debond

Note: Shaded region indicates debond.

Figure 4. Assumption of Rectangular Debonds.
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Table 1. Matcrial Parameters For Finite Element Analysis,

Aluminum Adhesive Boron/Epoxy
Layer Thickness 0.036" 0.004” 0.020”
Longitudinal Modulus 10.3 msi 0.23 msi 30.2 msi
Transverse Modulus 10.3 msi ~0.23 msi 3.8 msi
Major Poisson’s Ratio 0.32 0.35 0.16

* Note: msi = 10° lbs/in®

The fibers were oriented parallel to the uniaxial louding. The results are shown in

. Figure 5. They show that, if the adhesive is intact directly over the crack, the state of the

~outer arcas is less crucial in reduction of the stress intensity factor. In contrast, when the
adhesive is intact at the cdges of the patch and not over the crack. increusing the total bonded
area can be beneficial. Nonetheless, even small bonded regions at the edges will produce a
significant decrcase in stress intensity factor. Since crack growth in cach cycle is roughly
proportional to the stress intensity factor raised to the fourth power, the increase in life is
substantial. ’ :

‘ -&= Internal Debond
’ 0.8 4 —m— External Debonds
Normalized ’ ‘
Stress-
Intensity ) 4 4
Factor
| 0.2 4

0 1 Y v i ¥ Bk

0 0.2 04 0.6 0.8 1
: Fraction of Adhesive Area Debonded

_ Figure S. Effect of Debonded Area on Calculated Sucss-Iatensity Faclor.

Experimenta) verification of these analyses was performed in a related study [3]:
Aluminum specimens 6 inches wide with 1.0 inch {nominal) cracks were cycled at 16000 psi
for 40,000 cycles.  Of the six specimens, two were unpatched, wo were patched with
specimens with a1 internal debond, and two patched with patches with an cxtc:r‘na] debond.
The patches were unidirectional graphite/epoxy with approximately the same et!tfnc:‘;s as the
uncracked alumingm. The experiments showed that unpatched specimens failed in fewer
than 6600 cycie: ~hile the patched specimens showed no more than 22% growth over 40,000
cveles.  The 'catier in the limited number of specimens made it difficult 10 assess
c;\'pcr.nwntall y whether the internal or external debonds were nore severc.
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Further experiments in that study 3] were intended jagdemonstrate the capability of

- the barriers 1o arrest debond growth and show that the bar. ~ “vere unlikely to be the source

of damage. Unfortunately, the results were inconclusive = the loading was insufficient

1o produce significant growth over 40,000 cycles. The study produced no evidence, however,

that the barriers would not work. For example, nonc of the 64 burriers on thc cight test
specimens initiated a detectable debond over 40,000 cycles.

DISCUSSION AND CONCLUSIONS

The analyses show that partially debonded patches could still effectively reduce crack
growth in aircraft structures. Thus, if adhesive layer barriers are shown to be capable of

stabilizing debond damage, they could allow the patch to retard crack growth longer and

more effectively. This, in turn, allows the structurc to better tolerate the initial damage from
the crack. In this way, adhesive layer barricrs may improve the damage tolcrance of patches.

This technology may have other applications. Many nonaerospace vehicles and
structures would benefit from an adhesive bonding technology that arrests debonds, thereby
enabling partial failure modes that can be detected via inspection. This may be econormcally
preferablc to the cost of designing and constructing more redundant structures.

As adhesive laycr barriers are an immature technology, they cannot be recommended
for use in safety critical applications until an appropriatc data base has been generated.
Fuither work is needed (o confirm that rapidly growing debonds can be arrested or retarded.
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The development of futigue and corrosion fatigue damage, and of other forms of
localizeircorrosion damage, in aircraft structures is generally de-zribed in terms of damage
tolcrance methods in which the fatigue data are incorporated as empirical crack growth
rate/stress intensity (range) correlations, and the corrosion information is either ignored or is

included on an ad hoc basis. However, the prediction of corrosion damage in other industries
" {e.g., the: electric power industry) is gradually yielding to determinism, which allows much

more robust predictions of failure times to be made. In this paper, we review the
deterministic methods-and explore the prospects for duvelopmg similar techniques fox

- predicting failurcs in aircraft structures.

4

INTRODUCTION

The prediction of service-induced damage (pitting. fatigue, corrosion fatigue, and

~ general corrosion) in aircraft structures is currently made on the basis of empirical and semi-

empirical methods in which laboratory data (¢.g., dw/dN vs. AK for cyclic crack growth) are
used 10 estimate metal loss and crack extension rates under presclect=d conditions. These
predictions arc then combined with perjodic in-service inspections, within the framework of
the damage tolcrance philosophy, to assess and track the progression of damage. While the
fructure mechanics basis for this procedure is well-developed, the corrosion aspects are
incorporated on an ad hoc basis, with the result that our ability to predict the evolution of
damage as a function of operating conditions is poor.

In this paper, a detailed analysis is presented of methods that have been developed in
other areas of scicnce and engineering (... in the nuclcar power industiy) for
deterministically predicting corrosion darmage, with particular emphasis on the prospects of
applying these techniques to aircraft. These methods appeal to the natural taws (conservation
of charge, Faraday's law, etc.) for their predictive rigor and provide an opportunity for
accuratc damage prediction, provided that future operating conditions. can be envisioned and
specificd. Tn the general case, which will be emphasized, the progression of dumage is
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described as avising from a progressive nwcleation/growth/death prdccss. Thus. for a single
— —eventie.g., i pitorcrack), these-three phases oceur sequentially, cach of which is amenable

to deterministic modeling, but for an ensemble of evenis, the extent of damage develops
collectively in a parallel manner. This scenario is most effectively described interms of a
damage function. which is the distribution in the damaging parameter (e.g., pit or crack
length) as a function of cxposure conditions and observation time. The damage function
provides a convenient mathematical basis for defining “failure time,” “service life,” =

~ <= "corrosion aliowance,"” “probability of failure,” and many other such-terms and concepts that

| cn(c_r._intu life prediction for complex engincering structures.
THE TEMPORAL DEVELOPMENT OF DAMAGE

The development of damage, regardless of the details of the processes invalved, is
beat described as a progressive nucleation/growth/death process. Such processes are
. characterized by the nucleation of new damage as existing damage grows and dies, with the

result that the damage is distributed. The most convenient way of expressing damage is in
Y the form of a damage function,' which 1s a histogram of frequency versus depth for a given

observation time (1, 1, or t.). as shown in Figure 1. These functions display the general

uends that are scen in experimental damage functions as well as those that are predicted

theoretically, including:

1. The total damage, as represented by the area, increases with increasing observation time.

o

The upper extreme of the damage function extends to greater depths with increasing
observation time. , -

3. The distribution may be multimodal only if more than one nucleation phenomenon is
present and only then if the kinetics of nucleation are temporally separated.

For most purposes, we are interested in estimating failure times, and DFA (Damazz Function
Analysis) allows us 10 du that by specitying a faiture criterion. In many cascs, this criterion
will b a eritical dimension (L., Figure 1), corresponding perhaps to the thickness of a pipe ‘
wall or fo an acceptable “corrosion allowance”. However, the criterion may beless — 7
(phvsically) direct. For example, in specifying failure for systems that exhibit stress
corrosion cracking or corrosion fatigue, it is necessary to specify a critical stress intensity
factor. K. such that K, > K., where K, is the fracture toughness, corresponding to conditions
for unstable (Fast) fracture. In this case, the failure criterion is a function of other system-
parameters, including stress and geometry. Thus, with reference to Figure 1, L, will
decrease as the stress is made larger, so that damage that was subcritical at one stress level
may hecome supercritical at another. This is clearly an important issue for aireraft, where
wide ranges of steess are experienced during operation.

Returning again to Figure 1, itis importanf io note that the most damaging events
(defined here as being the deepest) are generally the first to nucleate and/or the last to die,
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and the least damaging events are those that are last to nucleate and/or the first to dic. "n any
cvent. a deterministic prediction of the evolution of damage, and hence estimation of the

- failure time, must address all three constitutive phenomena; nucleation, growth, and death.
These: phenomena must be described in a manner that recognizes their serial relationships for

a single event (birth — growth — death) but that they occur in parallel for an ensemble of
events. \ L '

—= The Nucleation of Damage

_ The initial fundamental event in the nucleation of localized corrosion damage (c.g..
that due o pitting, stress corrosion cracking, and corrosion fatigue) is passivity breakdown
and the eventual establishment of a highly nonuniform curreat distribution within
microscopic dimensions of the nucleation point. As a result of an intensive effort over the
past decade to develop an understanding of the breakdown of passive {ilms, we have derived
theoretical distribution functions for passivity breakdown that are in good agreement with
experiment™. We derived these distribution functions from our point defect model (PDM)
for the growth and breakdown of passive films by assuming that breakdown occurs when a
critical concentration of cation vacancies accumulates locally at the metal/passive-film
interface such that decohesion occurs between the barricr laver and the metal substrate.
Subsequently, localized dissolution and/or mechanical instability leads to rupture of the film.’
We further assumed that the breakdown sites are. normally distributed with respect 1o the

—diffusivity of cation vacancics within the film.” The full derivation of these distribution
functions can be found in the litcrature.™ :

From the PDM.? the breakdown voltage and the induction time for asingle pit
nucleation sitc on the surface are given by

_4606RT [ _J, 7 2303RY

- ola. (1
NE e 8T ar logla.) )
and ' .
FAV . .
boa = é{eXP(L,%%T‘) - l] +T 2)

respectively, where 7 is the film stoichiometry (MOJ_,:), « is the dependence of the
potential drop across the filim/solution interface on applied voltage, a is the activity of
halide ion in the solution, 7 is a relaxaion time (7 ~0), AV =V V|V is the applied

voltage (or the corrosion potential under open circuit conditions), J* = aD, and the
- o < . . . .2
paramcters d,u, and J,, arc defined in the original derivation”,

Assuming that the breakdown sites are normally distributed in terms of the cation
vacancy diffusivity,
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D is the mean diffusivity and ¢, is the standard dwlanon the PDM yiclds the
distributions in the breakdown valtage and mductlon time:™

dN D -(u-:':)‘:zo},

dv. =‘J2n:a[, R (4)‘
, and
; ‘ dN & 1 pye W
| an_ ©® n}/ 2al f——— v (5)
(It‘,d ‘. .-R‘O'DGJ ax (‘5“' "'t)

~where ¥y = xFoc/2RT . Bquations 4 and S contain four important system parameters; D and
@, which describe the transport properties of cation vacancies in the passive film, and &
and 8. which appear in the expression for the dependence of the potential drop across the
film/solution interface on applied voltage and pH, i.e., 9, = &V + BpH+ ¢}, , where ¢, is
aconstant. All four parameters can be determined by independent experiment: D from
slectrachemical impedance spectroscopy, o, from passivity breakdown induction time

;. “measurements,’ and & and B from film growth data, some of which exists in the literature.

/ S " The Growth of Damage

~ The growth of damage due to localized corrosion is an electrochemical phenomenon,
and any model that purports to be dctcnmmnnc xmm conserve charge and obey Faraday’s
Yaw, which are the two governing natural laws.”" Accordingly, with reference to Figure 2,

the conservation of charge requires that jl dS =0, where i is the current density on surface

element &S, with the intcgral being evatuated over the entire surface, including the crevice
internal and external surfaces, where anodic (metal oxidation) and cathodic {e.g., oxygen
reduction) reactions predominate, respectively. Thus, soluticn of Laplace’s (or more strictly,
Poisson’s) equation for the appropriate boundary conditions, subject to the constraint
imposed by ji ds =0, yiclds the potential and current distributions within the system.

: §

 Knowledge of the current density (;,) at the crevice base (pit or crack) thercfore yiclds the
extension ratc according to Faraday's law as dL!dt = M i,/2p, 3F , wheie M and I arc the
composition-averaged (for alloys) atomic weight and oxidation number, respectively, p,. is
the density of the alloy, and F is Faraday’s constant. Diffcrentiation between pit growth and
crack growth 1s ‘ucumphshed by noting that, in the latter, the oxidation current density is
strain-rate dependent. It is important to note that cven though all of the mechanistic details in
these “coupled environment” models may not be carrect. they are deterininistic in the global
sense and hence, in principle, are capable of providing for rabust prediction.
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~ to a good (first) approximation, we may write, (dN/dr)

o Death

\

Perhaps the most difficult phenomenon to dea) with in localized corrosion is the death )

of an individual event (pit or crack), principally because most attention has been focused on

. nucleation rather than on describing the uitimate fate of a crevice. However, it is now known

that two quite distinct “death” phenomena need to be defined: (i) prompt repassivation, and

(1) delayed repassivation. Prompt repassivation occurs when the crevice nucleus that is
produced by passivity breakdown fails to attain conditions that permit sustained growth, The

necessary conditions for transition from metastable to stable pitting for stainless steels have

. been expressed in terms of a pit stability product (PSP)'*” as™ 0.6mA/em > i a >0.3mA lem,

where i is the current density at the pit nucleus surface of radius a (hemispherical
geometry). The Jower limit is imposed by the need to establish sufficiently aggressive
conditions that pit growth is sustained, whereas the upper limit is defined by the solubility of

~ the salt. Average lifetimes for metastable pits depend on the properties of the substrate and

the environment but are typically less than one second.

The second death phenomenon, “delayed repassivation,” is responsible for the death
of stable pits, i.c., the repassivation of those pits that satisfy Equation 12, over much longer
times. The kinetics and mechanisms of this pracess are poorly defined or understood, but
numerous causes might be postulated, including changes in the properties of the environment
(pH, corrosion potential, flow velocity, etc.). At the present time, delayed repassivation

- appears 1o be best described as a first order decay process, - dN/dt =k, N, where N is the
. number of active (surviving) pits, and k, is the rate constant. No theory currently exists that

allows one to calculate &, from first principles; instead, the best that can be done at the

- moment is to fit the mode to experimentally determined damage functions for well-

controlled conditions. This is clearly an unsatisfactory state of affairs, and a major effort is

" needed to define the kinetics and mechanisms of delayed repassivation.

At this point, it is worth noting that Equation § strictly yields the number of
breakdown events per unit time and does not address the fate of these events once breakdown
has occurred. However, Williams et al." have found that the number of surviving pits (after
prompt repassivation) is proportional to the number of metastable breakdown events. Thus,
arising = &(dN/dt), where @ is the
“differential survival probability,” which is related (in an as yet unknown way to the PSP),
and dN /dr is given by Equation 5. As is the case for &,, the theory of prompt repassivation
is not well developed, although the general characteristics of the phenomenon have been

. explored in the phenornenological sense,™" and physica) models have been forwarded to

account for the PSP." Again, a major effort is required to develop a sound mechanistic basis
for estimating @ . C S , ;
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Estimation of the Damage Function

For any given set of conditions, Equation § predicts that, in the absence of death, the
cumulative number of surviving pits is as shown echcmatlcally in Figure 3. Tf the \

observation time is ¢, , and an increment in time, Ay, is chosen such that EAI <t ,thcn
. =l

the AN, pits that nucleate in that interval will have grown to a depth of A,. Thus, by moving
) the time increment from ¢ =¢,, to ¢ =0, corresponding to depths of h=0 to k= hoar WeE are
e able to construct a damuge function of the type shown in Figure 1. Moving ¢, to higher

© . values therefore yields a family of damage functions that extend to increasing depths. Thus,
~ in order to determine the failure time, ¢, is increased until b, =L_,.  For systems that

cxhibit repassivation, the fate of the pits that nucleate within Az, must be followed through to
L, » and the number that repassivate within Ar, where j> i after growing to a depth of A/

must be counted in the population, thereby greatly distorting the damage function. Because
“the cvents that nucleate first are most susceptible to repassivation, but yet are the most o
“damaging (because they grow to the greatest depth), delayed repassivation can have a
-profound effect on the calculated failure time. However, ignorance of delayed repassivation
. “yields a .onservative criterion for failure, in that the smallest failure time is calculated.

EXAMPLES OF THE PREDICTION OF DAMAGE

RN * In order to illustrate application of the concepts discussed above, three specific cases )
o are discussed: (i) stress corrosion cracking of low-alloy steel disks in low-pressure stcam
_turbines in nuclear and fossil-fired power plants; (ii) pitting of stainless stecls in condensing
~ heat exchangers, and. (iil) pitting of carbon steel in pure water. In each case, required
~ chemical (e.g., pH, conductivity, chloride activity) and electrochemical (c.g., corrosion
- potential) parameters have been estimated using wcll-eatabhshcd deterministic miodels,
which will not be discussed here.

1

. - . . . . . 021
Stress Corrosion Cracking in Low-Pressure Steam Turbines™

In this case, damage, in the form of pits that transform into stress corrosion cracks and

; ultimately into unstable mechanical fracture, nucleates and develops heneath thin clectrolyte

’ films. This phenomenon has been responsible for the catastrophic failure of many steam
wrbines, resulting in enormous loss to the electrical power utilities. Examination of turbine
disks after short exposure times has siv'an them to contain pits and short cracks, so that it is
reasonable to assume that pit nucleation is rapid and that failure is dominated by growth. In
that casc. it is nccessary only to predict the trajectory ot lacalized corrosion from the
nucleation of a pit to the onsct of rapid mechanical overload fracture in order to cstimate the
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failure time. This has been done by estimating the crevice (pit or crack) growth rate and,
hence, by estimating the increase in crevice length for a given time increment, At,. "Ateach

iteration, the stress intensity factor is calculated and compared with K . (critical siress .

intensity factor for the initiation of  crack from a pit) and K. (fast mechanical overload
~fracture). Thus, if K, < K. crevice growth is due to pitting, but for Kysee <K, <K, crevice
- growth occurs by SCC. The SCC initiation time is determined by summing At, such that K|

< K5 Whereas the total failure time is the sum of: A¢, for K, <K,. ' '

Figure 4 shows a typical trajectory in the development of damage for a single event.
- The event is assumed to begin as a flaw (subsequent to passivity breakdown) of 5- x 10%-cm -
. adius and 1- x 10"-cm length. with the other conditions of chemistry ([NaCl], [HCI], (9X)]
o and thickness.(h } of the thin electrolyte film on the disk surface, and the (tensile) stress in the
: _,_’ /‘; disk, being given in the caption. The crevice initially grows as a pit with the pit growth rate
7 decreasing with increasing pit length (and hence with increasing K)._WhenK, > K., the pit

= transforms into a crack and the crevice growth rate increases rapidiy in the Stage T-region-of
. the classical CGR versus K correlation before reaching a plateau in the Stage 1l region, Once
~1 “ K, > K, catastrophic failure occurs. '

The concentration of oxygen in the electrolyte film (and hence in the steam) and the

-~ temperature have significant impact on both the SCC initiation and failure times. However.,
while the failure time decreases by a factor of ahout five on increasing the temperature from
97°C (exit of turbine) to 180°C (entrance), increasing the oxygen concentration a thousand- -
fold (t ppb to_Lppm) iesults in a decrease in the predicted failure time by less than a factor of -
three. On the other hand, changing the composition of the electrolyte film (and henice the
conductivity) from that of a dilute solution ta that of a concentrated solution is predicted to
have an enormous impact on the failure time (Figure 6). Furthermore, by decreasing the
stress fram 300 MPa to 100 MPa, we predict that the Tailure time can be increased by an
order of magnitude. These predictions are in excellent agreement with experiment and ficld
observations and point to the need to prevent the-forrnation of concentrated electrolyte films
on the disk surface as being the most effective way of preventing turbine-failure. This_® -
requires close control of the steam temperature and pressure to ensure that the Wilson line
lics downstrcam of the Jow pressurce turbine.

="
o

Pitting of Condensing Heat Exchangers™

“As a result of the quest for higher efficicncy in gas-fired heat exchangers for domestic
and industrial heating, designs have evolved in which the temperature of the flue gas at the
cxit has steadily decreased. Furthermore, operation by on/uff cycling allows the condenser
temperature to fall below the dew point of the fluc gas, thereby resulting in the formation of a
highly corrosive (pH = 1-3, high [C1), thin electrolyte layer on the stainless steel condenser
tube surface. Culculated dammage functions, excluding delayed repassivation effects, ure
shown in Figure 7 for times ranging from 4.32 x 10 (~7 weeks) 0 5.19 x 10's (~1.65 years)

“together with the critical dimension. The distributed nature of the damage function is clearly
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evident, and the failure time is estimated to be 11.4 months for this particular case. In a
comp etely independent (and blind) study, Stickford et al. (see Ref. 22) measured failure
imes in an instrumented furnace, and their experimental data and our predictions are
compared in Figure 8. Where comparison is posuble (two highest chloride concentrations) -
good agreement is obtained. Note that the input in our calculations were fundamental
“electrochemical parameters, the chloride concentration, the ﬂue gas composition, and the
. duty cycle.

Pitting of Carbon Steel in Pure Water
‘The pitting of carbon steel in pure oxygenated water is Q recumng problem in many
industries, including the electrical power industry. Examples of differential and integral
< -damage functions for two different repassivation rates arc shown in Figures 9 and 10. The
z
" ’ﬁ*;{?«/whclcae the integral damage function (Figure 10) yields the remainingpits as the surface is
= yanilled away one depth increment at a time. This latter damage function was defined because
—__Rhat is the function that is normally determined experimentally. The impact that delayed
repassivation has on both the differential and integral damage functions is gleaned from a
comparison of Figures 9 and 10. Thus, a ten-fold increase in &, , implying more intense

pmET "epassivation, leads to a substantial decrease in the maximum pit depth, In this particular

ase, repassivation is so intense that all of the pits are dead at the observation time of two
years, so that if the critical dimension were greater than the maximum plt depth, failure
\uoup never occut unless the pits reactivated.

POSSIBLE APPLICATION TO ATRCRAFT STRUCTURES

- Ta our knowledge, this type of analysis has never been applied to aircraft structures.
However, great commonality exists between the systems discussed above (particularly steam
turbines and condensing heat exchangers) and aircraft in that the physical configurations

(airfoils in aircraft and turbines) and chemical environments are somewhat similar, Thus,

aircraft corrosion generally accurs under thin electrolyte films that condense onto the
hydrophilic (AIOOH) surfuce. Furthermore, the oxygen content of these films is easily
calculated, the necessary electrochemical parameters for metal dissolution, hydrogen
evolution. and oxygen reduction are known or are readily measured, and the stress state in
various critical components (¢.g., wing spars) are krown or can be calculated using finite
element techniques. Also, extension of the crevice growth model to consider cyclic loading
is possible, so that failure duc to corrosion fatigue could be accommadated. Finally, the
measurement of important properties of the metal/environment (thin electroly(e film) system,
~ such as time of wetress versus duty eycle, condictivity, and the corrosion potential, could be
made: using on-board instrumentation and sensors so that realistic duty cycles for mechanical,
chemical, and electrochemical parameters could he used as inputs to a deterministic model

for predicting the evolution of damage in aircraft swructures.
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Tigure 1. Schematic Damage Functions for Three Exposure Times (1, t., ;). The Broken
) Line Represents a Critical Dimension (L) Defined in Engineering Terms (c.g..
Pipe Wall Thickness, Corrosion Allowance, or Crack Length for the Onset of
Fast Fractwre).
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Figure 2. Schematic of Coupled Environment Pitting/Fracture Model Employed in the
Deterministic Estimation of Pit and Crack Propagation Rates in Metals and
Alloys Under Thin Electrolyte Films That Condense on a Surface.
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Figure 3. Schematic of Method for Calculating Damage Functions. u; = Time for Growth of
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Bﬂgu:c4 Stages of Development of a Pit Into a Crack Ultimately Resulting in Fast Fracture,
Presented as a Plot of Growth Rate Versus Stress Intensity and Temperature in

Compari ison With Available Experimental Data (From References 1 and 2]. ([NaCl] =
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Figure 9. Differential Damage Functions for Carbon Steel in Oxygenated Pure Water (T = 150°C
pH = SK82.(0,] = 7.5ppm. t, = 2yrs) as a Function of the Delayed Repassivation Rate
Constants, Note that the Pit Depths Were Calculated Using an Empirical Correlation
Between Pit Depth and Time for Pits Grown Under Id-ntical Conditions.

0 e

L] —— - — e ———
K=10yr' K=100 i !
a0

Total riumbesr of pits

=

’ ' I '
I HO& 104 006 LA C O LR OMCE LR 0CH OCY CCa CC% 008 09 LA Coe (W8 10

Pt dapth (cm) Pit depth lcr

Figure 10. Integral Damage Functions for Carbon Steel in Oxy genated Pure Water (T = 150°C,
Ph= SK2,[0O,) = 7.5ppm. t = 2yrs) asa Function of the Delayed Repassivation Rate

Constant.

418

A — e .. o e e . S S S it




&

RS o . ABSTRACT

|
,1
|

‘ INV!@TIGATION OF FUSELAGE STRLCT URE SUBJECTTO . .
- ?‘ | WIDESP!.EAD FA’l l(.Ul‘. DAMAGE = - ‘

o Tae Boeing Compuny, . - (
Scattlc.WA ) o -

8 .o o ¢ . AN

“This paper presents work sponsared by the Federal Aviation Administration (FAA)
under u contract titled “Investigation of Fuseluge Structure Subject 1o Widespread Fatigue
Damnage.” Two generic wide-body fuselage panels containing cracks in the upper rivet row -

M. L. Gruhcr.K E. Wilkins, and R. E. Worden N |

of a lap joint were tested to obtain. crack growth ratc and residual strength data with and -~ ’

without the presence of simulated multiple site-dJamage.. Also, finite element models were
used to predict the crack growth history of the lead cracks and the residua! strengih of the
«. panels. In addition to the! ‘LA contract results, this paper discusses independent work to

‘ evaluate available analysis methods and to develop an engineering anaJyels tool for. pxcdxctmg

the effect ot muxuplc sites damagc on residual strengih.
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INTRODUCTION -

High replacement costs and con.petition have led airline operators to use their
airplanes bevend the original design service-objective, The result is an aging flect with a
highcr probability of fatiguc-initiated cracking and eventually widespread fatigue damage
i~ (WFD). WEFD is defined as the simultancous preserice of cracks at multiple structural details
that arc of sufficient size and density whereby the structure no longer mects its damage
tolerance requirements. A subset of WFD is multiple sitc damage (MSD), which is
. . characterized vy the simultancous presence of fatigue cracks in the same structural element.
Damu e roleran: 2 analysis methods that focus primariiy or local damage ma; not be
sufficient to account for the cffects of WFED. 1t is possible that small undetected MSTY{n
adjacent fasrener holes might link together and increase the rate of damage growth in. - iup
joint. This scenario would reduce the opportunities to find the damage ‘prior to failure.
Furthermore, the residual strength may be impacted and the final critical damage size may be
~ smaller in the presence of MSD. Finally, crack arrest devices such as scar stiaps niay not be
as cffective as originally designed.

Ay increased understanding of MSD behavior would allow the aging fleet to be

- evaluated on a model-by-maode) basis once proven analytical methods are avaiiable.
Mudilications could be made (o susceplible structure as required. lor new configuwations, an
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understanding of the fundamental behavior of MSD would allow engineers to develop
structural designs capable of containing MSD.

This paper includes recent work performed under the FAA contract titled
“Investigation of Fusclage Structure Subject to Widespread Fatigue Damage” (ref. 1) and

ongoing work at Boeing to investigate the behavior of airplane fuselage structure containing
MSD.

RN
\

WFD CONTRACT RESULTS

The primary program objective was 1o obtain data on airplane fuselage structure
subject to MSD in an environment that reflects typical commercial jetliner manufacturing and
operating conditions. The program involved both full-scale testing and analysis of
- pressurized stiffencd panel structure. Testing was performed on two generic wide-body

* fuselage punels comaining frame centered cracks in the outer skin of a lap joint along the
upper row of rivets. Crack growth and residual strength were measured on panels with and
without simulated MSD. Finite element models of the test panels containing skin cracks
were analyzed. Stress intensity factors calculated from the finite element analyses were used
to predict the residual streagth of the panels and the crack growth rate of the lead crack. The
results of these tasks are sunmunarized in the following sections.

MATERIAL PROPERTY TESTS

Stress-strain, crack growth rate, and fracture toughness properties were developed for
0.063-inch-thick clad 2024-T3 aluminuin using specimens fabricated from the sume lot of
material used to fabricate the large curved pressure panels. These properties were developed
for the transverse material orientation, corcesponding to the typical material orientation for
hoop loading in a fusclage skin panel and used in the large curved pressure pancl analysis,
Four center-cracked tension M(1) panels were used to develop crack grawth, R-curve, and

“toughness prapertics. while two wensile specimens were used to develop stress-strain data.
The results are shown in table |.

Table (. 2024-T3 Transverse Material Properties.

Tensile Modulus Tensile Yicld Tensile Ultimate Kapparent
(Msi) 0.2% (ksi) (ksi) (ksi in'"?
9.86 42.8 64.3 130
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FULL-SCALE FUSELAGE PANEL TESTING

Two full-scale pressurc panels with simulated MSD were tested in the wide-body -
pressure test fixture located in Tulalip, Washington. The test procedure consisted of inscrting
a 5-inch longitudinal sawcut in the lap joint upper rivet row, outer skin at the selected est
location and pressure cycling until either test termination or the crack reached a length of two
frame bays at which point a residual strength test was conducted. The crack was then

-repaired before proceeding to the next test location. Specific test details such as strain gage
readings and dynamic crack extension observations can be found in reference 1.

Test Facility

The wide-body pressure test fixturc shown in figure 1 has & 127-inch radius and i< 20
feet long. The averall geometry of the fixture is consistent with typical fuselage design,
having basic gages that are thicker than typical minimum gage fuselage structure to achieve
realistic fixture stiffness yet provide adequate longevity. The end bulkheads arc steel, one of
which is fixed and the other on rollers to permit axial expansion during pressurization.

Wide-body fixture capabilities: ¢ 2 minutes/cycle with 40% void fill

¢ 1600 CFM (clectric compressors)
¢ 300-channel data acquisition system

/A Test fixture / Test panel

e Test panel
Air \ »
exhaust /
127-inch
radius
Air
inlet

86 stringers @ 9.25 inches

‘Figure 1. Wide-Body Pressure Test Fixture.
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The test fixture has a rectangular cutout approximately 10 feet by 10 feet dcaxgm,d to
accept a variety of test panels. The panels are attached to the fixture at the skin, frames, and
stringers by a fusing arrangement to allow a panel to fail at loads below the elastic limit of the
fixture components. The stringer and frame splices are designed to allow attachiment T Tes
fasteners to fail during a dynamic panel failure. The test panel skin is allowed to tear
circumferentially along the perimeter fasteners with the kelp of a sherp notch introduced into
the panel prior to its installation in the fixture. These features make it possible to conduct

residual strength tests which rcsult in test p.mel failure without extensive damage to the test
fixture. .

] Compressed air is used as the pressurizing medium. Cyclic rates were approximately

two minutes per cycle. Polystyrene blocks are placed within the fixture to reduce the
required air volume. To reduce air leakage through the sawcut and thus imprave cyclic rates,
a thin intcrnal rubber dam was-installed after the sawcuts were made. The dam consisted of
rubber sheet that was laid up against the skin.

Test Panel Configuration

Two identical curved wide-body generic panels (FAA 1 and FAA 2) were designed,
fabricated, and assembled using standard Boeing practices. Tha pancl design was similar to
typical wide-body fusclage crown structure consisting of bonded tear straps and floating
frames connected to hat section stringers via stringer clips. This is illustrated in figure 2.
The skin panels are joined together along the longitudinal splices {lap joints) located at
stringer 3 left and right. The lap joints are a typical three-row configuration assembled using
3/16-inch-diameter, 100 degrees countersunk head rivets and raying serface sealant.
Circumferential ear straps are hot bonded to the skin at each frame station every 20 inches.
The grain direction of the skin is oriented longitudinally unlike the hot bonded tear straps, .
which have their grain oriented circumferentially. The typical panel details such as fastener
spacing, lap joint details, tear strap, frame. and stringer dimensions are tound in reference 1.
The tear strap dimensions are defined in terms of strap stiffening ratio: Rg = Agap/(B X te0).
The frame cross-sectional area is not included in this arca. The stiffening ratio for both test
panels was: Ry =0.12.

 Materials and Fabrication -

The skin material used to fabricate the pressure test panels was typical of that used in
current production airplancs, as well as from the same lot of material as the tlat panel tests
previously discussed. The stringers and the frames were made from 7075 aluminum clad
sheet with stringer clips machined from 7075-T6511 extrusion.




- gtringer clip: A
E ger ¢ Structural Dimensions
tear 5?" ap radius 127 inches
stringer spacing  8.25 inchas
) . frame spacing 20.0 inches
skin stringer skin thickness 0.063 inch

tear strap thickness 0.083 inch
tear strap width 24 inchas

Ry = Agugp/ 1B X i)
=012

O
gﬁ

Typ cal
Skin ! Tear sirap / Floatrg Fframe

Figure 2. Structural Details of Panels FAA 1 and FAA 2.
" Simulated MSD

Simulated MSD was introduced in the upper rivet row of three out of the four total
lap joints. This was accomplished by installing sawcuts in the outer skin of the lap joints
along the upper row of rivets. The sawcuts were oriented out of the fastener holes
longitudinally in the horizontal plane by the use of a modified handsaw producing a 0.006- to
0.008-inch-wide cut. These sawcuts were introduced in the upper skin after the fastener
holes had been drilled and countersunk to size, but prior to the application of the fey sealant
and rivet installation. Figure 3 shows the MSD sawcut sizes and the four bay regions (80-
inch sections) in which they were installed.

/

Test 1 of Pancl FAA 1

Test 1 of pancl FAA 1 was conducted on the Jap joint in the four-bay region of 0.05-
*inch simulated MSD as shown n figure 4.
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Figure 4, Initia) Sawcut Installation and Simulated MSD Sizes.
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A S-inch sawcut was installed in the outer skin only, centered at frame station 120.
The panel was pressure ¢ycled at 8.6 psi. No crack initiations were visible after 281 pressure
cycles. At that point the station 120 tear strap bridging the sawcut was cut. As eycling
continued. the main crack steadily grew to approximately 6.5 inches, at which point the 0.05-

inch MSD sawcws one fastencr ahcad of the tips of the main crack had grown from under the
rivets and had become. visible.

' The main crack extended dynamically at 1233 cycles after reaching a length of 17.2
inches and arrested at a length of 37.4 inches. The tear straps contained the dynamic crack,

but visible cracks did develop in the fasteners common to the tear straps at the next adjacent
frames, stations 100 and 140 respuuvely

No residual strength test was conducted at this test tocation due to the potential
- destruction of the entire test panel prior to conducting Test 2 (the only non-MSD test in the
program), which was intended to be used as the basis for measuring the influence of MSD on

residual strength. The test location was repam.d by applying a smalt extemal doubler over
the crack.

Test 2 of Panel FAA |

Test 2 of panel FAA | was conducted on the lap joint with no MSD, as shown in
figure 4.

A 5-inch sawcut was then installed in the outer skin and tear strap ccntered on frame
station 120. The pane} was pressurc cycled at 8.6 psi. After 1172 pressure cycles, no crack
growth had been detected from the sawcut, and thus the sawcut was extended to 5.72 inches,
terminating approximately 0.25 inch beyond a fastener hole at each end of the sawcut. As
cvcling continued the main crack steadily grew to a length of 36.91 inches. /

The residual strength test of FA & 1-Test 2 consisted of increasing the internal
pressure in small intervals until dynamic panel failure occurred. Prior to running the residual
strength test the central frame at station 120 was severed. The crack length prior to
pressurizing was 36.91 inches with the crack tips adjacent 1o the cdges of the tear straps. As
the pressure was increased the crack stably grew to a length of approximately 38.2 inches
where, at a pressure of 9.4 psi, the crack ran dynamically to the ends of the panel, resulting in
catastrophic failurc. The configuration prior to failurc is shown in figuce 5.

Test | of Panel FAA 2

Test 1 of pancl FAA-2 was conducted on the upper row of the lap joint in the four-bay
region of variablc size (0.05, 0.10 and 0.15 inch) simulated MSD, as shown in figure 4.
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Figure 5. Crack Configuration Prior to Panel Failure (FAA 1-Test 2).

A S-inch sawcut was installed in the outer skin and tear strap centered on frame
station 120. The panel was pressure cycled initially at 8.6 psi. After 489 pressure cycles, 1.0
inch of visible crack extension was measured. As cycling continued the main crack steadily
grew to 11.84 inches where the first 0.1-inch MSD sawcut grew and became visiblc ahead of
the aft 1ip of the main-crack. At this point the cyclic pressure v-as :Jecreased from 8.6 to 7.0
psi in an attempt to reduce the risk of the crack dynamically runsing as demonstrated in FAA
[-Test 1. As cycling continued the main ¢rack ran dynamically at a Jength of 15.29 inches
and arrested after reaching a length of 38.72 inches.

The crack was then sawcut horizontally in order to develop the similar crack

- configuration as in FAA 1-Test 2. One more cycle was applied in order to sharpen the new

sawcut, resulting in 1.88 inches of crack extension occurring at 8.0 psi. This made the tip-to-
tip crack length 38.50 inches, which was 1.6 inches longer than the final crack length of the
non-MSD test performed on FAA [-Test 2. The crack extended under the tear strap region.

The residual strength test of FAA 2-Test | was conducted identically to the previously
mentioned FAA 1-Test 2, increasing the pressure 1o failure after severing the central frame at
station 120. The crack configuration prior 10 pressurization was 38.5 inches with the crack
tips through the first fastener common to the tear straps. As the pressure was increased the

‘crack stably grew to a length of approximately 41.7 inches where, at a pressure of 7.5 psi, the

crack ran dynamically to the ends of the panel, resulting in catastrophic failure. The
configuration prior to failure is shown in figure 6.
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Figure 6. Crack Configuration Prior to Panel Failure (FAA 2-Test 1).

i

Curved Panel Testing Observations

The impact of the 0.05-inch MSD on the behavior of the test panels was most
noticeable in terms of crack growth life and residual strength capability. Comparisons were
made between the tests with MSD and without, producing the following conclusions:

e 2.5xreduction in crack growth life when comparing results from FAA 1-Test 1 with \
FAA 1-Test 2. Plots of these datis ure shown in figure 7.

. 20% reduction in residual strength when comparing results from FAA 1-Test 2 with
FAA 2-Test 1. «

In contrast to the test data presented in this paper, past Boeing pressure panel tests
showed approximately a 10% reduction in residual strength duc to 0.005-inch simulated
MSD. The Bocing tests were run much the same way as the tests discussed in this paper:
results from one test panel containing simulated MSD in the lap joint were comparcd with
results from a similar panel without- MSD.

PRESSURE PANEL FINITE ELEMENT MODEL DEVELOPMENT

This section discusscs the development of finite element models to analyze the FAA
test panels. Finite clement analysis was used to predict strain gage siresses, crack growth life
and residual strength. The models accounted for major structural effects on the lead crack,
but did not include the effects of MST). The stress distribution obtained from the analyses
was used to predict the stresses at strain gage locations. Stress intensity factors were
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‘caleulated at different crack lengths and were used to predict crack growth and residual
steength. The predictions were then compared with the test results. Only the crack growth
and residual strength comparisons are discussed here; the reader is referred to reference 1 for
gdiscussion of the comparison of predicted stresses with strain gage measurements.
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Figure 7. Crack Growth Comparison, MSD Versus Non-MSD.

For this study, a section of fuselage crown structure (i.e., the test panel) was modeled
and boundary conditions for cylindrical symmetry were applied. The advantage to this
strategy was that a model of the entire test fixture/test panel assembly was avoided, allowing
a smaller, more detailed model of the test panel to be used. The disadvantage. to this strategy
was that the effect of the test fixture on the test panel was not modeled and is thus unknown.

The scope of the analysis was limited to modeling the major structure of the test
panel, i.c<ns1:XMLFault xmlns:ns1="http://cxf.apache.org/bindings/xformat"><ns1:faultstring xmlns:ns1="http://cxf.apache.org/bindings/xformat">java.lang.OutOfMemoryError: Java heap space</ns1:faultstring></ns1:XMLFault>