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Abstract

This report gives highlights of an investigation on the design and optimization of a thin

composite wing box structure for a civil tilt-rotor aircraft. Two different concepts are

considered for the cantilever wing: (a) a thin monolithic skin design, and (b) a thick sandwich

skin design. Each concept is examined with three different skin ply patterns based on various

combinations of 0, _+45, and 90 degree plies. The global-local technique is used in the

analysis and optimization of the six design models. The global analysis is based on a finite

element model of the wing-pylon configuration while the local analysis uses a uniformly

supported plate representing a wing panel. Design allowables include those on vibration

frequencies, panel buckling, and material strength. The design optimization problem is

formulated as one of minimizing the structural weight subject to strength, stiffness, and

dynamic constraints. Six different loading conditions based on three different flight modes

are considered in the design optimization. The results of this investigation reveal that of all

the loading conditions the one corresponding to the rolling pull-out in the airplane mode is

the most stringent. Also the frequency constraints are found to drive the skin thickness

limits, rendering the buckling constraints inactive. The optimum skin ply pattern for the

monolithic skin concept is found to be ((0/_+45/90/(0/90)2)_)_ while for the sandwich skin

concept the optimal ply pattern is found to be ((0/-+45/90)2_)_.

Introduction

The tilt-rotor aircraft combines the high-speed efficiency of fixed-wing flight with the utility

of vertical or short takeoff and landing (V/STOL). There are two wing-tip mounted nacelle-

rotor assemblies which can rotate to a vertical position for helicopter-type maneuvers and to

a horizontal position for high-speed horizontal flight as depicted in Fig. 1.

Figure 1. Tilt-rotor aircraft in helicopter, conversion, and airplane modes.



With the successof theBell XV-15 programandits derivativethe Bell-BoeingV-22, more
considerationis beinggiven to thetilt-rotor conceptfor civilian applicationswith emphasis
on high-speedperformanceand productivity1. An aeroservoelastic design analysis to

maximize the productivity index, a measure of how fast a given payload can be delivered for

a given block of fuel, was carried out by Sterner and Schrage 2. Although the work was

limited to one loading condition (2-g Jump Takeoff), with a plate model for static analysis,

its results noted the importance of minimizing the wing-box structural weight for a tilt-rotor

aircraft.

In a study by Rogers and Reisdorfer 3 it was shown that in order to meet the high-speed cruise

requirements of the Civil Tilt-Rotor (CTR) aircraft, the fuselage must be adequately

streamlined, and the wing compressibility drag must be reduced as much as possible.

Reducing the wing maximum-thickness-to-chord ratio (t/c) offers a way to reduce the

compressibility drag by increasing the drag-divergence Mach number. While a reduction in

tic would be advantageous for aerodynamic efficiency in high-speed cruise, it would

normally have an adverse effect on wing stiffness as it reduces the wing cross-sectional
moment of inertia in vertical bending. However, it was shown by Popelka et al. 4, in an

aeroelastic tailoring study for a composite tilt-rotor wing, that through proper blend ratios of

_45 °, 0 °, and 90 ° layers in the wing skin, the wing box could be tailored for a more favorable

performance at an acceptable prop-rotor stability margin. Although no formal design

optimization was carried out in that study, the results indicated that it is possible to reduce t/c
from 23% to 18% with minimal weight penalty over the baseline wing design.

The complexity of the tilt-rotor wing system is manifested in terms of wing-rotor-pylon

interactions. 5 The aeroelastic instability or whirl flutter stemming from wing-rotor-pylon

coupling is found to be the most critical mode of instability demanding careful consideration

in the preliminary wing design. 6-12 The placement of wing fundamental natural frequencies

in bending and torsion relative to each other and relative to the rotor 1/rev frequencies is

found to have a strong influence on the whirl flutter. 13

The goal of this research investigation is the design and optimization of a thin composite

wing box structure for a civil tilt-rotor aircraft leading to a minimum-weight wing design.

With focus on the structural design, the wing aerodynamic shape and the rotor-pylon system

are held fixed. The initial design requirement on drag reduction set the airfoil maximum

thickness-to-chord ratio (t/c) to 18%. The airfoil section is a scaled down version of the

23%-thick airfoil used for V-22 wing design.

A constrained design optimization problem is formulated and solved to determine the

optimum alignment and sizing of composite skin plies as well as sizing of stringers, spars,
and ribs to alleviate the loss of structural stiffness due to reduced t/c while simultaneously

reducing the wing structural weight. The analysis and optimization studies are based on

MSC/NASTRAN finite element code.

A global-local procedure is used in this investigation to arrive at an optimal design. In this

procedure the global finite-element model of the wing is optimized first based on specified

strength and dynamic constraints. Then the individual skin panels and spar webs are

examined for local failure using a panel failure analysis/optimization code. For the



monolithic plate the only mode of failure considered is buckling, whereas for the sandwich

plate in addition to buckling the shear crimping, intracell buckling, and wrinkling are also

considered.

If the local analysis indicates the panel is safe, then its thickness in the global model is

adequate. If the panel fails in the local analysis, it is then optimized locally for minimum

weight subject to constraints against material and structural failure. The local optimization is

performed based on the loads extracted from the global finite-element model using the ply

thickness in the global model as the minimum gage. The optimal thickness obtained from

local optimization is then used in the global finite-element model to check for any constraint

violation. If any constraint violation is detected in the global model, then the global model is

reoptimized with the panel thickness obtained from the local code as minimum gage.

The panel analysis/optimization code analyzes rectangular simply-supported monolithic as

well as sandwich plates with composite face sheets. The face sheets are made to be balanced

and symmetric about the individual face sheet midplane, thus, eliminating the extension-

bending coupling.

Global Wing Box Model

The CTR wing box is untapered, and has a semispan of 291 in., measured from the fuselage

centerline to the wing tip. From station 0 (i.e., the fuselage centerline) to station 38, the wing

box is unswept and has no dihedral. Outside of station 38, it has a forward sweep of 6 ° and a

dihedral of 2 ° . The single-cell wing box extends in the chord wise direction from the front

spar located at 5% chord to the aft spar located at 55% chord. Throughout this study the

external wing geometry is held fixed.

The upper and lower skins are each supported by five stringers. The fore and aft spars have

flat shear webs with top and bottom caps. There are twelve ribs supporting the skin and

stringers along the span. In this study, the number of ribs is held fixed at ten.

The MSC/NASTRAN finite element model of the wing consists of linear CQUAD4 elements

for the skin, spar webs, and ribs and CBAR elements for stringers and spar caps. PCOMP

property cards with a MAT8 material card are used to model the plate elements. Each plate

element is assumed to have 32 layers. The stringers and spar caps have quasi-isotropic lay-

up modeled by PBAR property cards.

The tip rotor-nacelle system is modeled by a group of RBAR elements. These elements

generate internal multi-point constraint (MPC) equations. These MPC equations determine

the deflection of the nodes defined by the RBAR element as rigid body motion only. Since

the design has to be evaluated in each of the three different flight modes, the model contains

three separate tip models portraying the nacelle in airplane, conversion, and helicopter

modes. The finite element model of the wing-nacelle configuration with the nacelle in

conversion mode is shown in Fig. 2.
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Figure 2. Wing-nacelle finite element model

All wing box components are made of graphite-epoxy composite materials. The stiffness and

strength allowables used in this study are listed in Table 1.

Table 1. Graphite-epoxy material properties

Strength Properties Stiffness Properties Specific Weight

Xt= 150.0e3 psi E_= 30.0e6 psi

Xc= 100.0e3 psi E2= 0.75e6 psi

Y,= 6.0e3 psi GI2= 0.375e6 psi

Yc= 17.0e3 psi v_2= 0.25

S= 10.0e3 psi

9= 0.056 lb/in 3

Xt and X c represent the allowable strength values of the material along the fibers in tension

and compression, respectively. Yt and Y_ represent the allowable strength values of the

material perpendicular to the fibers in tension and compression, respectively. S represents

the allowable in-plane shear strength of the material. E_ and E2 represent the moduli of

elasticity along the fibers and perpendicular to the fibers, respectively. G_2 represents the in-

plane shear modulus of the material, v_2 is the in-plane Poisson's ratio of the material, and P

is the specific weight of the material.

As part of this investigation, a detailed mesh refinement process with convergence

assessment techniques was performed. MSC/PATRAN is used for the mesh refinement and

convergence process. Since it is desired to maintain the same type of elements throughout the

mesh, i.e., linear elements, the model is refined using the h-refinement technique. The

refined model used for design optimization has 640 CQUAD4 and 448 CBAR elements for a

total of 3,480 degrees of freedom.
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Local Panel Model

The local model describes a rectangular skin or spar web panel of the wing box. A skin

panel is defined here as a skin section bounded by two adjacent ribs and two adjacent

stringers or a stringer and a spar cap. In this research, two different skin configurations are

compared for optimum design. The configurations are: a thin skin, "heavily" stiffened panel

and a thick skin, "lightly" stiffened panel. In the first case, the panel is made of a thin

monolithic composite laminate, and as such, the stringers and spar caps are theoretically

forced to be larger (heavier) in order for the wing box to carry the required bending loads. In

the second case, the skin consists of thicker sandwich panels, which can carry more bending

loads and, therefore, should allow for smaller (lighter) stringers and spar caps.

The panels are investigated for instability due to in-plane forces Nx, Ny, and Nxy, as shown in

Figure 3. These loads are calculated in the global analysis and are compared with the

corresponding critical values found by the local analysis code. In the local stability analysis,

both monolithic and sandwich panels are assumed to be simply supported along all four

edges.

Figure 3. A wing skin panel and associated in-plane loads



The geometricand structuralparametersof a compositesandwichplateareshownin Figure
4. The parametersconsist of the planform dimensionsa and b, ply thickness (ti) and
orientationangle(03, facesheetthickness(t0, corecell size(S), core foil thickness(to),and
overall corethickness(he). Figure4 (b) depictstheorientationof the honeycombcore. The
honeycombcoreis strongestandstiffestalongtheribbondirection. Sinceplatesof relatively
high aspectratio (i.e., a/b-- 5) areanalyzedin thisstudy,thecoreefficiency is maximizedby

placingtheribbondirectionparallelto the longestside.

!

x

(a) Sandwich plate with layered face sheets

X

Figure 4.
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(b) Honeycomb core in plan view

Components of a honeycomb-core composite sandwich plate
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Thesandwichplateshavealuminumhoneycombcores. Thestability analysisof a composite
sandwichpanelis generallymorecomplicatedthanthatof amonolithic panel. In additionto
panelbuckling, sandwichplateswith cellular coresarealso susceptibleto other modesof
instability suchas core shearcrimping, intracell buckling, and face sheetwrinkling. The
mathematicaldevelopmentfor eachof thesefailure modesis givenby Clements_7andis not
repeatedhere. Sincesandwichplatesarenot necessarilythin, theeffectsof transverseshear
throughthecorethicknessmustbeconsideredin theanalysis.However,thetransverseshear
effectsareignoredin thecaseof a laminatedplateasit is assumedto bethin andin astateof
planestress.

Flight Scenarios and Associated Wing Loads

In a study by BHT114 eleven different flight scenarios were examined to assess the internal

loads in the wing. As was established in the previous study, _5six of these flight scenarios

were considered to be most critical and encompassing of the different flight modes, i.e.,

airplane mode, conversion mode, and helicopter mode. The wing loads for each scenario

correspond to the most critical point along each maneuver envelope. The known resultant

forces are broken into distributed loads along the span of the wing box for use in the finite-

element analysis. In this research, the lift force is modeled by a chord wise and a spanwise

distribution. The spanwise distribution is quasi-elliptical and since the quarter-chord of the

wing is approximately located at the center of the wing box, the chord wise distribution is

modeled triangularly, with the vertex at the center of the wing box. This model allowed for a

somewhat realistic representation of the lift on the wing and helped to alleviate stress

concentration points in the structure. In each case, the lift load intensity is chosen such that it

produces the same wing root moment as the corresponding resultant force.

In this study, the loads associated with each flight scenario are treated as a set of static loads

without considering any aeroelastic load redistribution. The six flight scenarios considered

in this research are given in Table 2:

Table 2. Flight modes and associated conditions

Flight Mode Condition

Helicopter

Conversion

Airplane

1. 2.0g jump takeoff

2. 50 ft/s gust @ 80 knots

3. 110 knot symmetrical pull-up with 75 ° nacelle incidence

4. 185 knot 3.0g symmetrical pull-up with 0 ° nacelle incidence a

5. 289 knot 4.0g symmetrical pull-up

6. 390 knot 3.2g left rolling pull-out

a The fourth flight scenario shows a nacelle incidence of approximately 0 °. While this fact is

not specifically mentioned in Ref. [14], the rotor forces and center of gravity locations

indicate a nacelle orientation of 0 °. Therefore, flight scenario number four is considered as a

loading subcase for the airplane rather than the conversion mode in the finite-element

analysis.



Aeroelastic and Dynamic Requirements

The tilt-rotor wing box must be designed to not only meet the strength, but also the stiffness

requirements that are unique to the tilt-rotor configuration. In the design used in this study,

the rotor assembly attached to the tip of the wing box weighs over 1500 pounds. Each rotor

blade, also known as a prop-rotor, has a radius of over 236 inches and can rotate up to

approximately 380 RPM, thus, resulting in extremely large dynamic and aerodynamic loads

on the wing. When these loads are coupled with the flexibility of the wing box structure,

they can lead to severe dynamic and aeroelastic instabilities.
The aeroelastic instabilities associated with the tilt-rotor configuration are the result of the

combination of three types of forces: 1) aerodynamic forces acting on the rotor, nacelle, and

the wing as a result of airflow, 2) inertial forces resulting from mass acceleration of the rotor

and wing, and 3) elastic forces due to deflections of flexible rotors, nacelle, and the wing.

Two types of instabilities have to be considered in the design of a tilt-rotor wing box:

aeromechanical instability and aeroelastic instability.

Aeromechanical instability, or simply mechanical instability, takes the form of what is

commonly referred to as "ground resonance" or "air resonance" depending on where it takes

place. 6 This instability occurs when the position of one rotor blade shifts with respect to the

other in the plane of rotation causing a relative shift of the rotor center of gravity. The onset

of whirling results from the relative shift of the rotor c. g. from the axis of rotation and causes
the rotor hub to vibrate. This vibration in turn causes further offset of the rotor center of

gravity and therefore more vibration. The inevitable divergence can quickly destroy the rotor

system. This instability can be avoided by stiffening the rotor blades so that their in-plane

natural frequencies are greater than the rotor speed. 6 Since this instability can be avoided

through careful design of the rotor system, it is not a considered in this study.

The most critical aeroelastic instability of the tilt-rotor aircraft is a type of flutter that is seen

in forward flight when the prop-rotors are acting as propellers. The tilt-rotor aircraft exhibits

a phenomenon known as whirlflutter. The onset of whirl flutter is caused when the flapping
motion of the rotor blades and the associated forces combine with wing flexibility to cause

the prop-rotor axis of rotation to be perturbed from its intended direction. As the prop-rotor

turns, the mast will whirl about its intended axis of rotation, hence the name whirl flutter. At

relatively low speeds, this oscillation will damp itself out, but at a speed higher than some

critical value, this oscillation becomes unstable. The onset of whirl flutter is mainly

influenced by the wing natural frequencies of vibration in bending and torsion and the in-

plane bending natural frequencies of the rotor blades, and can be avoided by proper

placement of wing natural frequencies.

Through an extensive study, BHTI H has established a wing frequency placement guide for

the preliminary designs of tilt-rotor wing box structures. This guide consists of the following

constraints:

1. The first vertical bending frequency of the wing (0_v) must be less than 80% of its first

horizontal bending frequency (oh).



2. The first horizontalbendingfrequency(Oh)mustbeapproximately85% of the 1/rev

of theprop-rotorin airplanemode.
3. Thefirst torsionalfrequencyof thewing (0_t)mustbeat least115%of the l/rev of the

prop-rotorin helicoptermode.

The helicopter term l/rev generally refers to the lowest blade vibration causedby the
presenceof anobjectin thevicinity of thebladepath. For the tilt-rotor design,the l/rev in
airplane mode is 4.8 Hz, and the 1/rev in helicopter mode is 6.3 Hz. This frequency
placementguideis usedthroughoutthis studyto form constraintsondynamicandaeroelastic
instabilities of thewing box.

Design Sensitivity Analysis

A detailed sensitivity analysis was performed in order to assess the influence of certain

structural parameters on the frequency response of the wing box. The structural parameters

considered were simplified for this work. The upper and lower skins were assumed to have

uniform properties with three discrete ply patterns defined as: (0/90/-+45)z,, ((0/90)3/+-45)s,

and ((+45)3/0/90)s. The spar webs were considered to be uniform as well. In addition, all

four spar caps were considered as a single entity. All ten stringers, five on the upper surface
and the five on the lower surface, were also considered as a single entity. The four structural

parameters considered in the sensitivity analysis are summarized in Table 3. The details of

the sensitivity analysis can be found in Ref. 16.

Table 3. Structural parameters considered in the design sensitivity study

Parameter Description Range of Values

tsk Total skin thickness 0.1 to 0.6 in

As_ Total stringer cross-sectional area 0.1 to 2.5 in 2

Aso Total spar cap cross-sectional area 0.1 to 2.5 in 2

t_w Total spar web thickness 0.1 to 0.6 in

As part of preprocessing, a composite laminate analysis program was used to determine

effective laminate engineering properties (i.e.,Ex,Ey,G_,,andvx) for input into MSC/

NASTRAN finite element code to calculate the wing box natural frequencies. These

effective engineering constants depend on the orientation, thickness, and engineering

properties of the individual plies in the laminate, and are determined based on classical

lamination theory.

First a modal analysis was performed to see how the first vertical bending, first horizontal

bending and first torsion natural frequencies of the wing were influenced by each of the

structural parameters described in Table 3. This analysis was performed for both airplane

and helicopter configurations.

The results of the modal analysis, described in detail in Ref. [16], show that in both airplane

and helicopter configurations the stringers have the most influence on the first vertical
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bendingfrequency,followed very closelyby the skin thickness. The sparcapshaveminor
influenceon this modal frequency,andthe sparwebshavealmostno influence. The skin,
spar caps,and stringers are found to have a major influence on the horizontal bending
frequencyin theordermentioned.Thesparwebis foundto havealmostno influenceon this
modeof vibration in both helicopterandairplaneconfigurations. The skin is also found to
havea majoreffecton thetorsionfrequency.Stringersandsparcapsarefound to havesome
influenceon thismodein thehelicopterconfiguration,but almostno impactwhenthenacelle
is in horizontal (i.e., airplane)position. The sparwebs arealso found to havevery minor
effecton thismodeof vibrationin bothconfigurations.

Thesensitivity derivativesof thenaturalfrequencieswith respectto skin thickness,spar-cap
and stringercross-sectionalareas,andspar-webthicknessweredeterminedfor eachof the
threeskinply patternsdescribedin Table3.

MSC/NASTRAN does have a sensitivity analysiscapability as part of its optimization
solution sequence.However, it requiresthe behavioralcharacteristicsfor the sensitivity
derivativessoughtto be formulatedasdesignconstraints,andeventhen it only providesthe
derivativesof activeconstraints.As a resultof this limitation, the sensitivity derivativesof
the natural frequencieswith respectto eachparameteraredeterminedoutsideof the finite-
element solution sequenceas part of the post-processing.The forward finite-difference
methodwas usedto evaluatethesederivatives. A stepsizeanalysiswas first conductedto
determinean acceptablestepsizeto assurederivativeaccuracy,then a modal analysiswas
conducted for a perturbedvalue of each parameter. Each finite-difference sensitivity
coefficientwascalculatedas:

0o9; _ o_;(pi + Ap;) - co;(pi)

Oei api
(1)

where c0j (j=l, 2, 3) represents the j,h natural frequency, Pi (i=l, 2, 3, 4) represents the i'h

parameter, and Api represents the i'/' parameter stepsize.

To determine the effect of spar-cap cross-sectional area on the derivatives of the natural

frequencies with respect to skin thickness, the values of stringer cross-sectional area and spar

web thickness were held at their average values while Eq. (1) was used repeatedly for

different values of spar-cap cross-sectional area between its upper and lower bounds. This

approach was repeated for stringer cross-sectional area and spar web thickness as well. A

similar procedure was performed for the derivatives of natural frequencies with respect to the

other three parameter as well.

The results of the sensitivity analysis primarily demonstrated the effect of values of the other

parameters on the sensitivity coefficients of the parameter at hand. In other words, the

direction of search in the optimization process depends on the initial design and associated

derivatives of the objective function and constraints with respect to the selected design

variables. The modal and sensitivity analysis help us draw the following conclusions:
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1. The skin ply patternhasthe greatestinfluenceon the vibrationcharacteristicsof the
structure.

2. An increasein wing skin thicknesscausesthe greatestseparationbetweenthe first
verticalbendingandfirst torsionnaturalfrequenciesof thestructure.

3. The quasi-isotropicskin laminategenerally yields averagevaluesfor the natural
frequencies and their sensitivity derivatives in both airplane and helicopter
configurations.

4. Themagnitudesof thesensitivityderivativesof theprimarynatural frequencieswith
respectto eachparameterareinfluencedto varyingdegreesby thevaluesof theother
parameters.

Design Optimization Problem

The wing design optimization problem is formulated in the form of a standard constrained

optimization problem. The optimum set of design variables X is sought to

Min. W(X)

S.T. gs(X) > 0 (2)

ga(X) _>0
X I _<X _<X _

where W is the wing-box structural weight. The structural and dynamic/aeroelastic

requirements are represented by the inequality constraints g_ and gd, respectively. The lower

and upper bounds on each of the design variables is denoted by x _and x u, respectively.

The structural constraints are formulated in terms of strength allowables. For one-

dimensional members (i.e., stringers and spar caps), they are expressed according to the

maximum-stress failure criterion and material stress allowables, whereas for two-dimensional

members (i.e., skin and web) they are expressed based on the maximum-strain failure

criterion and material strain allowables. The brittle failure of graphite-epoxy panels is

predicted more accurately with the maximum-strain failure criterion than most other

commonly used failure criteria.

The dynamic/aeroelastic constraints are formulated in terms of wing fundamental bending

and torsion frequencies and the frequencies of the rotor system. The frequency placement

guide mentioned earlier is used in the formulation of frequency constraints.

The modal analysis has shown that the first vertical bending, the first horizontal bending, and

the first torsional modes correspond to the first, second, and third normal modes,

respectively. While for each of the first and third conditions stated in the placement guide a

single inequality constraint is used, for the second condition two inequality constraints are

used -- one to impose a lower bound and another to impose an upper bound on (oh. A 5%

margin is used in each case.
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It is important to point that the selectionof the weightasthe objectivefunction is rootedin
improving the performanceof the aircraft,and no link is madebetweenthe weight andthe
manufacturingcostof thewing structure.

Description of Design Variables

Each of the upper and lower surfaces is divided into 18 segments, yielding a total of 36

segments. Each bay of the wing box, which refers to an enclosed volume between two

adjacent ribs, contains two segments in the upper surface, two segments in the lower surface,

one for the fore spar, and one for the aft spar. The third stringer (i.e., one centrally located in

the chord wise direction) represents the dividing line between the forward and aft regions of

the skin in each bay. There are a total of 36 design segments in the upper and lower wing

skins. Allowing the skin to vary in the chord wise as well as in the spanwise directions

allows for greater tailoring of the wing skin in the optimization process. In addition, each

skin panel is assumed to have 32 plies of equal thickness. Through the use of the DLINK

card in MSC/NASTRAN, the overall skin thickness is set up as the only independent design

variable in each segment. Figure 5 contains a visual representation of how the design

segments/variables are distributed throughout the wing box.

In order to investigate the effect of ply pattern on the wing design, three discrete ply patterns

are chosen to vary externally to MSC/NASTRAN. The ply patterns studied are:

((0/+45/90)z0_, ((0/+45/90/(0/90)2)_)_, and ((0/(+45)3/90)_)_. The first ply pattern is a quasi-

isotropic laminate and its ply percentages are (25%/50%/25%), where there are 25% O's,

50% +45's, and 25% 90's. The second ply pattern is one that exhibits a significantly greater

bending stiffness and its ply percentages are (37.5%/25%/37.5%). The third ply pattern

exhibits greater shear stiffness and its ply percentages are (12.5%/75%/12.5%).

In the case of sandwich skin the honeycomb core material is modeled as an orthotropic layer

using the PCOMP property card, with its own separate DESVAR or design variable card.

The properties of the honeycomb core used in the global finite-element model appear in

Table 4. These properties refer to an aluminum honeycomb core material with a cell diameter
of 0.25 inches and a foil thickness of 0.002 inches.

Table 4. Aluminum honeycomb-core material properties

Strength Properties Stiffness Properties Specific Weight

Xt= 500.0 psi Ex= 140.0e3 psi

Xc= 500.0 psi Ev= 70.0e3 psi

Y,= 200.0 psi Gxv= 55.0e3 psi

Yc= 200.0psi Gxz= 66.0e3psi

S= 250,0 psi G_z= 29.8e3 psi

Vxy= 0.30

p= 0.0025 lb/in 3

The cross-sectional areas of stringers and spar caps are assumed to be constant along the

wing span. Therefore, each stringer / spar cap is represented by a single DESVAR or design
variable card in MSC/NASTRAN. Since the moment of inertia of each stiffener about its
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own centroidal axis is small compared to the corresponding parallel axis term, the stiffeners

are simply modeled by their cross-sectional areas.

Front _ Web Desigg_..S_Sements:

_ 3 4 6 9 WingTip

Upper Surface Design Segments: iiiiiiiii121111',iii[1.8._

• ' Z522;;; "'S;;;_;;Z.....................
Front

Rear

R r arWebDesi nSe ments:

1
Wing

Tip

Lower Surface Design Segments:

..........._..........L

2;ii_;;i................:-'......
........... _ .......... i .............
..........._..........i..iiilliii[',ilil-' Rear

Front

Wing Cross-Section:

Upper Surface

Spar Ii_'-"_'---'1-J" y _'"_SparCap

Rem" [' J 25 4 _. 2 "]" "_ Front

Spar Web l Stringers _ Spar Web
_141_ SA_ar Cap

Spar Cap Lower Surface

Figure 5. Description of wing design variables
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Each spar web is divided into nine segments (see Fig. 5) with one thickness design variable

per segment. Each segment is modeled as a laminate with four layers, all having a (+-45)s

lay-up. Each rib in the swept region of the wing is given its own design variable consisting

of the same (+_45)s lay-up. The ribs in the straight region of the wing including the one at the

fuselage centerline are assumed to have the same properties as the rib located at break point.

The side constraints, or minimum gage constraints on the design variables are:

0.005 < tply < O. 1 in

O. 1 < tcore < 1.0 in

O. 1 < Astiffener <-5.0 in 2

(3)

where tply is the thickness of a graphite-epoxy ply, Lore is the thickness of the aluminum

honeycomb core, and A_,_ffe0_rrepresents the cross-sectional areas of either the stringers or

spar caps.

Therefore, there are 78 independent and 400 dependent design variables for the wing concept

having a monolithic skin and 114 independent and 400 dependent design variables for the

wing with sandwich skin.

Equation 2 is solved using the solution 200 of MSC/NASTRAN based on the modified

method of feasible direction.

Summary of Results

A global-local procedure is used in the design optimization of the composite tilt-rotor wing
box structure for each of the six different loading conditions described in Table 2.

Monolithic wing skin designs are compared to honeycomb-core sandwich skin designs for

each of the three discrete skin ply patterns. From this point forward, these design subcases

will be referred to in the manner described in Table 5.

Table 5. Description of different skin ply patterns

Subcase PI_¢ Pattern Skin Type

1 ((0/-I-45/90)2_). _ Monolithic

2 ((0/+45/90/(0/90)2),,)s Monolithic

3 ((0/(+45)J90)_)., Monolithic

4 ((0/+-45/90)z0_ Sandwich

5 ((0/+45/90/(0/90)2)0_ Sandwich

6 ((0/(_+45)3/90)_)_ Sandwich
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The constraints imposedon the global model include those on the wing box natural
frequenciesand materialstrength. The local failure constraintson each panel are imposed

through the procedure described earlier in the introduction section.

The initial wing design with monolithic skin (subcases 1 to 3) weighs 1,088 lbs. The initial

design for each subcase is based on all design variables being at their respective average

values. For subcase 1, the optimization process took seven iterations and 2 hours on an SGI

workstation to converge to a design weighing 925 lb. Subcase 2 took thirty six iterations in

approximately eleven hours to reach a final weight of 646 lb. Subcase 3 took eight iterations

in almost three hours to converge to its final weight of 953 lb.

The initial wing design with sandwich skin (subcases 4 to 6) weighs 1,120 lbs. Subcase 4

took twenty two iterations in almost eleven hours to converge to a final design weighing 692

lb. Subcase 5 took thirteen iterations in four and half hours to reach a final weight of 836 lb.

Finally, subcase 6 took four iterations in almost two and a half hours to converge a weight of

1,023 lb.

As was discovered in an earlier research, _5the loads associated with airplane mode are found

to be the most critical. With regard to the vibrational characteristics of the wing, the nacelle

orientation is shown to have a minor influence on the bending modes, but a major effect on

the torsion mode. This difference is due to the fact that the wing elastic axis does not

coincide with the axis of the conversion spindle about which the nacelle rotates from one

flight mode to another. As it was also shown in the earlier research, if the wing box satisfied

the torsion frequency constraint in the airplane mode, it would also satisfy the same

constraint in the helicopter and conversion modes. In other words, the airplane mode is
found to be the most critical for torsional vibration.

The final design obtained by optimizing the global finite element model in each subcase is

then checked for local failure. Of the six loading conditions used in the global model the

most critical one, yielding the largest strain energy in a given panel, is used to extract the

panel loads to compare with the critical values found from the local analysis. Strain energy

is a response that MSC/NASTRAN can provide, therefore, a computer program was written

to manipulate and sort the MSC/NASTRAN output file. The program chooses a load case

that corresponds to the maximum strain energy in a given panel and extracts the

corresponding in-plane loads.

The local failure analysis of the final design for subcase 1 indicated that the skin and shear

web panels are not susceptible to buckling failure. For this design, the stiffness required to

satisfy the dynamic constraints seemed to be the only driving factor. The stiffeners in this

subcase are found to be heavier than the skin. Also, the weight of the spar webs and ribs are

almost negligible compared to that of the skin and stiffeners. This finding is consistent with

the result of sensitivity analysis showing that the skin and stiffeners have the largest impact

on the dynamic response of the wing box.

The local failure analysis for subcase 2 indicated that the skin and shear web panels would

not buckle under the specified edge loads. For this design subcase, the wing skin appears to
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be theonly major contributorto theweightof thewing box. Also, this designsubcaseis the
lightestamongthemodelswith monolithicskins.

For subcase3 the skin andshearweb panelswerealso found to be safeagainstbuckling,
even though the margins of safety againstbuckling for severalpanelsare less than the
correspondingonesin theprevioustwo subcases.For thisdesignsubcase,thestiffenersare
the major contributors to the weight, but not to the samedegreeas the skin was in the
previoussubcase.In this designsubcasethe skinexhibitsvery high shearstiffnessbut low
bendingstiffness. Therefore,thestiffenerscarry mostof thebendingloads. The objective
history for thefirst threesubcasesis shownin Fig. 6.
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Figure 6. Objective function history for monolithic skin wing models

In the next three subcases, sandwich skin panels are checked for buckling as well as shear

crimping, intracell buckling, and wrinkling failure. The skin panels in subcase 4 appear to be

safe against any of the local failure modes although the margins of safety against buckling
are lower than those in subcasc 1. The skin is the major contributor to the weight of the

entire structure. For this case, the notion of thick-skin, lightly stiffened structure holds true

as the thick skin yielded lighter stiffeners than its counterpart in design subcase 1.

In design subcase 5, the intracell buckling and face sheet wrinkling margins of safety are

close to 100%. The buckling m_d shear crimping margins of safety are also very high. Once

again, the ribs and spar webs _tre negligible contributors to the weight of the optimum wing

box. Here also the skin weighed more than the stiffeners.

In design subcase 6, no local failure was observed in skin or shear web panels. Because of

the low bending stiffness of the face sheets in the skin panels, the stiffeners become larger.

For this reason, the skin is lighter than the stiffeners in this subcase. This design is the
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lightest among the models utilizing sandwich skins. The objective function history for the

last three subcases is shown in Fig. 7.
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Figure 7. Objective function history for sandwich skin wing models

Generally speaking, the local l_Hael failure constraints were inactive. The side constraints on

spar web thickness were less stringent, therefore, those panels were allowed to get thinner
and be more critical than the wing skins. Also, it was shown in the design sensitivity study

that the spar webs did not contribute much to the dynamic aspects of the wing box. The

dynamic constraints on the global model masked the local failure constraints on individual

panels.

The optimal weight distribution of individual wing components in design subcases 1 through

6 are given in Table 6. Note thz_t the difference between the total weight in Figs. 6 and 7 and

that in Table 6 is because of the inboard wing section that is not changed in the design

optimization process.

Table 6. Weight distribution of optimized wing components, lb

Design Upper Lower Top Bottom Top Bottom Front Rear Ribs Total

Subcase skin skin stringers stringers sparcaps spar caps spar web spar web

1 174.8 112.3 182.4 162.8 52.1 49.8 12.1 20.3 14.1 781

2 235.7 194.5 23. I 9.0 2.9 3.0 18.3 27.4 13.3 527

3 180.5 108.7 197.3 158.8 53.8 48.8 9.3 15.4 9.4 782

4 202.1 184.6 58.3 34.1 13.1 14.7 10.2 14.1 8.4 540

5 213.7 189.8 96.2 94.5 22.1 30.3 18.8 25.8 11.9 703

6 181.0 147.8 210.3 175.3 50.6 47.7 8.2 15.4 8.7 845
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The comparison of monolithic skin design subcases with the corresponding sandwich skin

subcases indicates the likelihood of premature entrapment of sandwich skin design subcases

in local optimal points. This is evident when comparing the weight distribution in design

subcase 2 to that of 5. Although the sandwich skin is lighter in subcase 5 than the monolithic

skin of similar ply pattern in subcase 2, the stringers in subcase 5 are four to ten and a half

times larger than those in 2. The only way to avoid such entrapment in local optimal points

is to use global optimization methods, which are currently not available in MSC/NASTRAN.

As is, the design with the lowest overall weight corresponds to subcase 2 followed by
subcase 4 with sandwich skin. It is also interesting to note the effect of ply pattern on the

optimal weight. Clearly the wing skin with larger percentage of _+45 ° plies results in heavier

weight as compared to those with larger percentage of 0 ° plies.

For additional details about the analysis and results of this investigation refer to Ref. [ 17].
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