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PREFACE

This publication is a compilation of documents presented at the First
NASA/Industry High-Speed Research Configuration Aerodynamics Workshop held on
February 27-29, 1996, at NASA Langley Research Center. The purpose of the workshop
was to bring together the broad spectrum of aerodynamicists, engineers, and scientists
working within the Configuration Aerodynamics element of the HSR Program to
collectively evaluate the technology status and to define the needs within Computational
Fluid Dynamics (CFD) Analysis Methodology, Aerodynamic Shape Design,
Propulsion/Airframe Integration (PAI), Aerodynamic Performance, and Stability and
Control (S&C) to support the development of an economically viable High-Speed Civil
Transport (HSCT) aircraft. To meet these objectives, papers were presented by

representatives from NASA Langley, Ames and Lewis Research Centers, Boeing,

McDonnell Douglas, Northrop-Grumman, Lockheed-Martin, Vigyan, Analytical Services,
Dynacs, and RIACS.

The workshop was organized in 12 sessions as follows:

« Introduction/Overviews

» Qverviews

* PATI

«PAIII

« Analysis and Design Optimization Methods
« Experimental Methods

« Design Optimization - Applications I

+ Design Optimization - Applications II

+ Design Optimization - Applications ITI/Validation
« Reynolds Number Effects

« Stability and Control

« High Lift

Appreciation is expressed to the individuals at NASA Langley, NASA Ames,
McDonnell Douglas, and Boeing who developed the structure and content of the
workshop; to the session chairs and speakers who contributed to the technical quality; and
to the many individuals who contributed to the administration and logistics of the
workshop. A list of attendees is included in this document.

Richard M. Wood
NASA Langley Research Center
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A Computational /Experimental Study of Two Optimized Supersonic
Transport Designs and the Reference H Baseline
Susan E. Cliff, Timothy J. Baker, Raymond M. Hicks, and James J. Reuther

1 Abstract

Two supersonic transport configurations designed by use of non-linear aerodynamic optimization methods
are compared with a linearly designed baseline configuration. One optimized configuration, designated Ames
7-04, was designed at NASA Ames Research Center using an Euler flow solver, and the other, designated
Boeing W27, was designed at Boeing using a full-potential method. The two optimized configurations and the
baseline were tested in the NASA Langley Unitary Plan Supersonic Wind Tunnel to evaluate the non-linear
design optimization methodologies. In addition, the experimental results are compared with computational
predictions for each of the three configurations from the Euler flow solver, AIRPLANE. The computational
and experimental results both indicate moderate to substantial performance gains for the optimized configu-
rations over the baseline configuration. The computed performance changes with and without diverters and
nacelles were in excellent agreement with experiment for all three models. Comparisons of the computational
and experimental cruise drag increments for the optimized configurations relative to the baseline show ex-
cellent agreement for the model designed by the Euler method, but poorer comparisons were found for the
configuration designed by the full-potential code.

2 Introduction

The High Speed Research (HSR) program was chartered to develop and evaluate non-linear aerodynamic
optimization methods. New methods were sought to design advanced configurations with substantial improve-
ments in the aerodynamic efficiency of supersonic transports designed by classical linear methods. The Boeing
Reference H configuration was used as the starting baseline geometry to evaluate the design methodologies
and determine if non-linear methods can improve the performance of linear-based designs. The Reference
H configuration was designed by Boeing Aircraft Corporation using linear based optimization methods, and
has been shown experimentally to have performance characteristics indicative of a good linear design. Al-
though non-linear methods have been used for several years to design configurations operating at transonic
speeds where the non-linear effects are large, this study represents one of the first applications of non-linear
optimization methods to supersonic transport design.

Two different non-linear optimization methods were used to redesign the Reference H configuration with the
objective of improving the aerodynamic performance at the supersonic cruise Mach number. The first method
was developed at NASA Ames Research Center using an Euler flow solver coupled to a unconstrained quasi-
Newton optimization algorithm [1, 2]. The second method was developed at the Boeing Aircraft Company
and used a full-potential flow solver coupled to an constrained optimization code [3]. For each of the optimized
designs, the wing camber and twist were modified while the planform and thickness distributions remained the
same as those of the Reference H configuration. The entire fuselage camber of the Boeing W27 configuration
was modified, whereas only the forebody camber was changed on the Ames 7-04 design. The geometries
resulting from the two optimization methods were very different, but both were predicted to have better
performance than the baseline.

An unstructured tetrahedral mesh generator capable of modeling complete aircraft was used in conjunction
with an Euler flow solver to evaluate the performance of the optimized configurations. The two codes together
are called AIRPLANE. The AIRPLANE code has been extensively evaluated on numerous configurations, and
has been shown to provide accurate and reliable results. AIRPLANE was used as part of the design process
at Ames to provide the differences in the surface pressures and forces between the complete configuration, and
the wing/body configuration. The differences in the lower surface pressures with and without nacelles from
the AIRPLANE solutions were added to the wing/body pressures computed within the optimization code, by
interpolating the pressures from ATRPLANE onto the nodes of the wing/body grid used during optimization.
This provided a method of incorporating the effects of the diverters and nacelles on the wing lower surface in
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the computations during optimization. ATRPLANE was also used to evaluate the complete configurations of
the intermediate and final designs obtained at Ames and Boeing.

This report compares the ATRPLANE computational results with experimental data for the final designs
of the two optimized configurations and the baseline Reference H configuration. The performance increments
of the optimized configurations relative to the baseline, and the performance differences of the configurations
with and without nacelles and diverters will be shown.

3 Experimental Models and Instrumentation

Wind tunnel models of the two optimized configurations were manufactured to the 1.675% scale of an existing
model of the baseline Reference H configuration. The models were made primarily of stainless steel, with
aluminum fore- and aft-bodies. A single set of aluminum nacelles was used on all models including the
baseline to eliminate nacelle manufacturing tolerance from becoming an issue in determining drag increments
between models. Individual diverters were manufactured to fit the different wing lower surfaces of each model.
The fuselage of the existing baseline model was truncated a short distance from the wing trailing edge and
bored to accept a balance/sting assembly. The optimized models were truncated at the same location, and
bored to accept the same balance. It was very important that the same balance be used with all models,
to eliminate the possibility of any discrepancies in the data resulting from different balances. The optimized
models were primarily force models, instrumented with only enough pressures for base and cavity corrections
to the balance data. These pressure taps were located within the balance cavity, on the base of the truncated
fuselage, and on the base of the nacelles. The baseline model had 177 static pressure ports that were not used
for this test.

The models were tested in the Langely Unitary Plan Supersonic Wind Tunnel (UPWT), at a Reynolds
number of 4.0 million per foot at Mach 2.4. The three models were tested with transition disks attached near
the leading edges of the model surfaces to promote transition from laminar to turbulent flow to simulate flight
boundary layer characteristics. The circular disks were 0.010 inches in height and placed 0.10 inches apart
on the fuselage and nacelle surfaces, and 0.20 inches apart along the highly swept leading edge of the wing
for more uniform spacing. The disks were located 0.4 inches from the wing leading edge, 1.0 inch from the
fuselage nose, and 0.875 inches from the nacelle leading edge. Transition was verified by use of a sublimating
chemical during the wind tunnel test. Installation photographs of the three configurations are shown in Figs

1-3.

4 Mesh Generation Issues and Computational Requirements

All computations were carried out with the ATRPLANE code [4, 5]. AIRPLANE uses a vertex based finite
volume method to solve the Euler equations on an unstructured tetrahedral mesh. The mesh generator employs
a Delaunay triangulation algorithm [6, 7] to create a tetrahedral mesh throughout the flowfield. ATRPLANE
has proven to be very reliable and capable of handling a variety of complex geometries. It has been used
extensively in several supersonic transport studies [8, 9, 10]. .

Unstructured tetrahedral meshes were developed for all three configurations with and without nacelles and
boundary layer diverters. The configurations were meshed in a modular fashion so that components could easily
be removed or interchanged, and meshes for different configurations could be generated in a straightforward
manner. The breakdown of the components for the baseline Reference H configuration are shown in Fig 4. The
thin boundary layer diverters made it challenging to obtain high quality surface meshes in the region where
the diverters attach to the wing lower surface. In order to obtain grids with accurate surface representation,
each nacelle and diverter comprised one component in the data set, where the diverter is extended through
the upper surface of the wing, and contains a portion of the upper wing surface (seen in the upper surface
view of the figure). Accurate grids in the nacelle/ diverter/wing region could successfully be obtained with the
nacelles and diverters as one component. In addition, the nacelle/diverter assembly could be easily removed
to generate a mesh for the wing/body configuration. The inboard wing and middle portion of the fuselage
comprised one component which was later split into two components for the Ames 7-04, and Boeing W27
configurations to more easily obtain accurate surface triangulations along the intersection between the wing
and fuselage. Accurate surface triangulations near intersections of adjoining components were easily obtained
since AIRPLANE contains logic which does not allow different components to triangulate together except at
the intersection between components. The mid and outboard portion of the wing were treated as separate
components split along the sides of the extended diverter in a streamwise cut to the wing leading edge. The
forward fuselage, and aft fuselage/horizontal tail were also defined as separate components, but could just as .
well have been combined to form a single component together with the mid-fuselage/inboard wing. Individual
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vertical tail and yahuddi components were used to take advantage of the logic within the ATRPLANE code to
provide accurate intersections between fuselage components.

The computations required approximately 1,000 iterations to achieve 4 orders of magnitude reduction of
the average residual at Mach 2.4. The computations were carried out on an IBM SP2 and a Cray YMP,
both located at Ames. The SP2 computer system consists of 160 IBM 590 processors running in parallel.
The parallelized version of the ATRPLANE code has been shown to give linear speed up [11] as the number
of processors is increased. Converged solutions for these cases (1,000 iterations) were achieved in under 25
minutes using 64 nodes with meshes of approximately 459,000 points and 2.77 million tetrahedral cells. The
solutions on a single processor on the Cray-YMP required approximately 3 hours for the same number of
iterations. The exceptional speed-up in computational time on the SP2 permitted computations of full polars
to be obtained within a reasonable turnaround time.

5 Corrections Applied to Computational Results

Several corrections were made to the computed axial force coefficients to compare the inviscid computations
with the experimental data. A flat plate skin friction coeflicient was calculated for the model scale and wind
tunnel Reynolds number and added to the axial force coefficients computed with ATRPLANE. The same skin
friction coefficient values were used for all three configurations. These values were 0.006314 for wing/body
computations, and 0.007196 for wing/body/nacelle computations. The skin friction of the diverters was
negligible and was not added. The drag associated with the trip disks used to promote transition from laminar
to turbulent flow in the wind tunnel was also applied to the computations. This value was estimated for the
Langley UPWT test using the data from a trip drag study on the baseline Reference H configuration in the
NASA Ames 9x7 Foot Supersonic Wind Tunnel. The results of this study showed that 2.0 counts of drag were
attributed to the trip disks on a 2.7% scale model with 0.01 in. trip disk height at Mach 2.4, and Reynolds
number of 3 million.

The accuracy of this number is questionable since it depends upon the overall accuracy of the drag mea-
surements in the test. This value could be in error by 20 percent, since the repeatability of the data from
the 9x7 test was approximately 0.25 to 0.5 count. To estimate a trip drag for the 1.675% scale model, the
2.0 counts were multiplied by the ratio of the model scales (0.027/.01675) to obtain 3.2 counts. This value
was added to the computed axial force coefficients of all configurations. The final correction was a scaling of
the flat plate skin friction values obtained for the baseline configuration by the ratio of the wetted areas of
each optimized configuration to that of the baseline. The full scale wetted areas for the three configurations
were 1.459 million sq in, 1.456 million sq in, and 1.467 sq in, for the baseline, Ames 7-04, and Boeing W27
configurations, respectively. The corrections are summarized below:

RefH
W/B 0.006314 + 0.00032 = 0.006634
W/B/N 0.007196 + 0.00032 = 0.007516
Ames7 — 04
W/B 0.006314(1.45617/1.45932) + 0.00032 = 0.006620
W/B/N 0.007196(1.45617/1.45932) + 0.00032 = 0.007500
BoeingW27
W/B 0.006314(1.46695/1.45932) + 0.00032 = 0.006667
W/B/N 0.007196(1.46695/1.45932) + 0.00032 = 0.007554

These values were added to the axial force coefficients obtained from ATRPLANE and the lift and drag were
computed by rotating the body axis forces (normal and axial) by the angle of attack to obtain the wind axis
forces (lift and drag).

Other corrections could have been made, such as obtaining different trip drag values with and without
nacelles, or adding the skin friction for the diverters, but these differences are probably less than 1 /10 of a
count and are not measurable; the short term repeatability of the data obtained in the Langley UPWT was
approximately 1.0 count.

6 Qualitative Results

The computed surface pressure coefficients for the three configurations are shown in isometric, front, and side
views in Figs 5-7. The AIRPLANE solutions were obtained at Mach 2.4, and a lift coefficient of 0.12. The
angles of attack needed to obtain a CL of 0.12 were; 4.25 degrees for the baseline and Ames 7-04 configurations,
and 6.25 degrees for the Boeing W27 configuration. The two degree increase in angle of attack needed to attain
a CL of 0.12 for the Boeing W27 configuration, was due to a drooped leading edge and lower wing incidence
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(compare front views of Figs 5-7). At a quick glance, the pressure contours on the lower surface look similar
for the three configurations (compare isometric views in Figs 5-7). The most noticeable difference is seen on
the fuselage near the inboard wing leading edge. The Ames 7-04 configuration exhibits more uniform pressures
in this region with more positive pressure than the Boeing W27 configuration, which should result in more lift
in this region. A large increase in the forebody camber of the Ames 7-04 configuration is evident in the side
views of the configurations (compare Fig 5 with Figs 6-7). A previous forebody camber optimization study,
using the method developed at Ames, found that increased camber reduced the cruise drag and increased the
pitching moment at zero lift on the Reference H configuration. Those results provided some assurance that
the increased fuselage camber of the Ames 7-04 configuration would have similar performance benefits.

Both methods of modifying the wing camber and twist during optimization resulted in surface waviness (seen
in the isometric views) on the two optimized configurations. The surface of the Boeing W27 configuration
is more wavy than the Ames 7-04 configuration, and is seen in both the chordwise and spanwise directions,
whereas the Ames configuration waviness is primarily in the spanwise direction. The assumption in the
Ames design is that configuration waviness in the streamwise direction is more likely to increase form drag
than in the spanwise direction, since the flow is predominately chordwise. The lack of smoothness in the
spanwise direction for the Ames configuration results from localized modifications in the spanwise direction.
The waviness could be reduced by using less wing defining sections, but this would limit the design space.
The gradient information for inviscid flow (the partial derivatives with respect to the design variables) may
not be accurate enough to detect small changes in the forces related to surface waviness. The surfaces of the
final designs from both optimization methods were smoothed prior to model construction and the AIRPLANE
evaluations. The amount of surface waviness which can be tolerated needs to be studied to determine criteria
for acceptable levels of surface waviness.

Planform views of the AIRPLANE upper and lower surface pressures for the optimized configurations are
shown in Figs 8-9. The upper surface oblique shock is notably stronger on the Ames 7-04 configuration than on
the Boeing W27, but since the drag of the Ames 7-04 configuration is less than the Boeing W27 configuration,
the lower induced drag of the Ames 7-04 configuration may offset the increased wave drag from the stronger
oblique shock. The lower surface Cp’s of the Boeing W27 configuration change rapidly near the leading edge of
the wing, due to a cusp on the lower surface. The waviness in the Boeing W27 lower wing surface is reflected
in the pressure coefficients.

An enlarged view near the nacelles and diverters of the Ames 7-04 configuration is shown in Fig 10. Diligent
care and effort were required to obtain the accurate surface grids shown in this figure. The outboard sides
of the diverters, which can be seen in this view, are extremely thin and their height compares with that of
the boundary layer thickness at the inlet for the flight Reynolds number. This severe geometric constraint
made it challenging to obtain the necessary level of surface accuracy for these configurations. The surface is
colored by the computational pressure coefficient at the cruise flight condition: M=2.4, CL = .12. The high
pressures resulting from the nacelle shocks on the wing lower surface are evident in the figure. The lower
surface pressures between the nacelles with the nacelle/diverter component removed are shown in Fig 11. A
increase in pressure on the lower surface is seen from the combined effects of the inboard and outboard nacelle
shocks. The inboard nacelle shock strikes the lower portion of the fuselage. The increased pressures on the
upper portion of the fuselage are from the trailing wing shock. Colored contour lines of the same pressure
coefficient are displayed against the surface of the Ames 7-04 configuration in Fig 12.

7 AIRPLANE Force and Moment Predictions

The aerodynamic force and moment coefficients predicted by ATRPLANE for all three configurations with and
without nacelles and diverters are shown in Figs 13-18. The plots of lift coefficient versus angle of attack are
shown in Figs 13 and 14. The Boeing W27 configuration requires a two degree increase in angle of attack to
attain a lift coefficient comparable to the baseline Ref H and Ames 7-04 configurations. The computations of the
configurations with nacelles and diverters result in a 0.01 increase in lift coefficient compared with wing/body
results due to the added lift from the high pressures of the nacelle shocks on the wing lower surface. The Ames
7-04 configuration requires a slightly lower angle of attack to attain lift coefficients comparable to the baseline
configuration. Both optimized configurations are predicted to have more positive pitching moments than the
baseline configuration which should reduce the trim drag of the aircraft (Fig 15). Drag polars are shown in
Figs 16-18. An increase in drag associated with the nacelles and diverters is evident for the complete polar
shown in Fig 16. This drag increase is primarily due to the skin friction of the nacelles, which accounts for
approximately nine drag counts. An enlarged polar near zero lift is shown in Fig 17. The three wings can be
easily compared in this figure. The Ames 7-04 configuration is predicted to have less drag than the W27 or Ref
H configurations with and without nacelles and diverters. The Ames 7-04 configuration has approximately a 2
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to 3 drag count improvement over the baseline, whereas the Boeing W27 has a 0 to 2 drag count improvement
near zero lift. The polars are shown for lift coefficients near the design in Fig 18. The AIRPLANE results for
the Ames 7-04 configuration show a 6.8 count improvement for the wing/body, and a 5.7 count improvement
with nacelles and diverters compared with the baseline. The Boeing W27 configuration is predicted to have a
4.0 count improvement for the wing/body, and a 4.5 count improvement with nacelles and diverters.

8 Experimental Results: Wing/body

The experimental force and moment coefficients for the two optimized and baseline wing/body configurations
are shown in Figs 19-24. Three repeat runs are plotted with the same line type, and without symbols, for each
of the three configurations. The two degree shift in the lift curve predicted by AIRPLANE for the Boeing
W27 configuration is also seen in the experimental results (compare Figs 14 and 20). Approximately 0.03
degrees angle of attack scatter band width is seen in the repeat runs (Fig 20). An error in angle of attack of
this magnitude can result in a drag coefficient error of approximately 0.5 count at a lift coefficient of 0.1 and
a Mach number of 2.4.

The pitching moment data shows the same relative trends that were predicted by ATRPLANE, with the
optimized configurations having more positive moments than the baseline configuration. The experimental
pitching moment data will be compared with the AIRPLANE computations in a later section of this report.

The drag polar near zero lift (Fig 23) shows that the Ames 7-04 configuration has less drag than the other
configutations for lift coefficients greater than zero. The performance of the Boeing W27 configuration is poorer
than the baseline for lift coefficients less than 0.08. The AIRPLANE wing/body results, Fig 17, showed similar
trends. However, the lift coefficients at which the optimized configurations begin to outperform the baseline
are approximately 0.015, and 0.05 for the Ames 7-04 and Boeing W27 configurations, respectively (compare
Figs 17 and 23). Performance improvements of the optimized configurations near the design lift coefficient
are seen in the partial drag polars shown in Fig 24. The experimental results for the Ames 7-04 model show
a 6.5 count drag reduction relative to the baseline. This substantial performance improvement is in excellent
agreement with the predicted 6.8 counts from the ATRPLANE computations (compare with Fig 18). The
experimental performance improvement of the Boeing W27 relative to the baseline is smaller than expected,
only 1.3 counts, compared with a 4.0 count improvement predicted by AIRPLANE. Disagreement between
AIRPLANE and experiment will be discussed in later sections of this report. The three repeat runs in Fig 24
show some scatter in the drag for all three models. For example, 0.75 counts scatter is seen for the baseline
model at CL of 0.12, and a 0.60 counts scatter for the 7-04 configuration at CL of 0.105. This will later be
shown to be associated with scatter in the angle of attack data.

9 Experimental Results: Wing/Body/Nacelle/Diverter

The experimental force and moment coefficients for the optimized and baseline configurations with nacelles
and diverters are shown in Figs 25-30. The drag results shown in Figs 28-30 validate the use of non-linear
methods for the design of realistic supersonic transport configurations. The Ames 7-04 configuration shows
improvement over the baseline for nearly all positive lift coefficients, with the largest improvement near the
cruise lift coefficient. The experimental results at cruise show that the Ames 7-04 model has a 5.4 drag
count reduction compared to the baseline. These experimental results of the complete Ames 7-04 model are
in excellent agreement with the AIRPLANE computations which predicted a 5.7 count improvement. The
performance gains are over a wide range of lift coefficients increasing the significance of the performance
benefits of this design.

The Boeing W27 performance gains are greater with nacelles and diverters; the data shows a 2.0 drag count
improvement, whereas only 1.3 counts were attained for the wing/body configuration. The AIRPLANE results
also predicted a performance gain for the complete W27 configuration relative to the baseline. The improve-
ment over the baseline begins at nearly the same lift coefficient (CL = 0.08) as the wing/body configuration.
The scatter in the experimental data, for the three repeat runs, is nearly one count for all configurations (Fig
30). The difference in the computational and experimental results are much larger for this configuration.

10 AIRPLANE vs Experiment: Reference H

The AIRPLANE results for the baseline Reference H configurations with and without nacelles and diverters
are compared with experiment in Figs 31-36. The AIRPLANE computations are plotted with symbols and
experiment without symbols, since the computational data is sparser than the experimental data, and it would
be difficult to see the small difference in repeat runs if the experimental data were plotted, as is typically done,
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with symbols. The computational lift curves correlate well with the experimental data (Figs 31-32). The
comparisons are slightly better for the complete configuration at the larger lift coefficients. This may be due
in part to the smaller angle of attack required for the complete configuration compared with the wing/body
model, for a fixed lift coefficient, since attached flow is more likely at lower angles of attack.

The pitching moment comparisons (Fig 33) are typical for an inviscid code. The computations predict more
stability and nose down pitching moment than experiment. The computational and experimental results both
show a more gradual pitch up for the complete configuration than the wing/body. The addition of the nacelles
and diverters also result in a more negative CMo than the wing-body results, as would be expected from the
increased lift on the aft portion of the wing from the nacelle shock waves impinging on the wing lower surface.

The comparisons of the drag polar near zero lift show excellent agreement between the ATRPLANE results
and experiment (Figs 34 and 35). All computations shown are within 0.25 counts of experiment. The results
near cruise (Fig 36) show a 1.3 and a 1.5 count difference between computation and experiment for the
wing/body and wing/body/nacelle/diverter configurations, respectively.

11 AIRPLANE vs Experiment:Ames 7-04

The computational/experimental comparisons for the Ames optimized model with and without nacelles and -
diverters are shown in Figs 37-42. The lift curves (Figs 37-38) correlate very well; the ATRPLANE curves
exhibit a small positive shift in CLo indicating a small increase in effective camber for the Ames 7-04.

The pitching moment comparisons (Fig 39) show similar trends as was shown for the baseline, with the
computations showing more stability and nose down moments near cruise. Less pitch up is again observed for
the configuration with nacelles and diverters.

The Ames 7-04 wing/body and complete configuration computational results presented in Fig 41 both
slightly over predict the drag by approximately 1.3 counts at zero lift, but near a lift coefficient of approximately
0.08 the computations agree precisely with experiment. The results at cruise (Fig 42) show a 1.6 and a 1.9
drag count difference between AIRPLANE and experiment for the wing/body and complete configurations,
respectively.

12 AIRPLANE vs Experiment:Boeing W27

AIRPLANE and experiment are compared for the Boeing W27 configurations in Figs 43-48. The lift curve
correlation is good (Figs 43-44). The moment data comparisons show the increased stability of the computa-
tions relative to experiment, similar to that shown for the baseline and Ames 7-04 models. The AIRPLANE
drag polar near zero lift (Fig 47) shows excellent agreement with experiment. The wing/body computations
match experiment very well for lift coefficients less than 0.04, but the curves begin to separate at larger lift
coefficients. The wing/body/nacelle/diverter drag data comparisons show less than 0.25 counts difference near
zero lift. The curves diverge at larger lift coefficients with approximately a 2.0 count difference at a CL of
0.08.

Poor correlations are shown near cruise in Fig 48. The increments between computation and experiment
show a 3.5 and 4.3 drag count difference for the wing/body and complete configurations, respectively. This
discrepancy in drag may be due in part to separation on this model, or some other viscous phenomenon not
modeled in the Euler computations. The experimental angle of attack measurements will be shown to be a
source of error in the wind-axis force coefficients. Normal and axial force coefficients for the wing/body and
complete configurations will be compared in the following section to eliminate any error associated with the
measurement of the experimental angle of attack.

13 Body Axis Force coefficients Comparisons

The computational and experimental normal and axial force coefficients are compared for the the optimized
and baseline wing/body configurations in Figs 49-50. Notice that the experimental repeat runs have very little
scatter in the data, whereas the wind-axis data showed scatter of approximately 1.0 drag count. This indicates
that the scatter in the experimental drag polars was due to inaccuracies in the angle of attack measurements.

The computational and experimental correlations of the normal versus axial force curves are very good for all
configurations. Even the curvature of the Ames 7-04 axial force curves is accurately predicted by ATRPLANE.
The shape of the Ames 7-04 axial force curves indicate somewhat desirable characteristics for this design, since
the largest reduction in axial force occurs near the design lift coefficient, and the gradual curvature indicates
that the improvement will be realized off-design. The cruise normal force and lift coefficients are not greatly
different since the design angle of attack is only 4.50 degrees. The axial force coefficients are significantly lower
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for the Boeing W27 configuration than the other configurations. However, one cannot compare the cruise
performance characteristics of the models using the axial force data since the angle of attack needed to attain
the same lift coefficient is approximately two degrees larger for the W27 than that required for the other
models. The net effect is that at cruise the Boeing W27 configuration is superior to the baseline, but still has
more drag than the Ames model. The plot is enlarged near a normal force coefficient of 0.12 in Fig 50. The
differences in the axial force coefficient at CN of 0.12 are 0.0, 0.75, and 1.25 axial forces counts for the baseline,
Ames 7-04, and Boeing W27 configurations respectively. This represents a significant improvement over the
comparisons for the wing/body wind-axis data, those increments were: 1.3, 1.6, and 3.5 drag counts for the
baseline, Ames 7-04, and Boeing W27 configurations, respectively. The better computational /experimental
correlations for the body-axis force coefficients and the absence of scatter in the experimental repeat runs
clearly indicates that the inaccuracies in the experimental angle of attack are responsible for a large portion
of the drag discrepancies between AJRPLANE and experiment for the Boeing W27 configuration. The reason
that the scatter in the angle of attack for W27 is greater than that for 7-04 is not clear.

The body-axis correlations for the configurations with nacelles and diverters are shown in Fig 51-52. The
baseline and Boeing W27 ATRPLANE results were obtained with the diverter truncated at the trailing edge
of the wing resulting in a rearward facing step. The aft portion of the actual diverter was smoothly closed
with a ramp tangent to the upper surface at the trailing edge of the wing, provided this resulted in a ramp
which intersected the nacelle.

‘Modeling the aft portion of the diverter with a step as opposed to the ramp used on the wind tunnel models
will later be shown to account for only 0.3 drag counts. The computed axial force data for the complete
configurations correlate well with experiment. The plot (Fig 52) near a normal force coefficient of 0.12 shows
increments of approximately 1.4, 0.86, and 2.8 axial force counts for the baseline, Ames 7-04, and Boeing W27
configurations, respectively. There is again substantially less differences in the body-axis comparisons than
the wind-axis comparisons, which were: 1.5, 1.3, and 4.3 drag counts for the baseline, Ames 7-04, and Boeing
W27 configurations, respectively.

14 Experimental Data Recomputed Using the Computational Angle of Attack

Since the experimental angle of attack measurements have been identified as a source of error in the exper-
imental drag measurements, the computational angle of attack can be used to recompute the experimental
lift and drag coefficients using this angle and the experimental normal and axial force coefficients. This will
allow comparisons to be made of the computational and experimental drag polar data with consistent angle
of attack values and show the importance that angle of attack makes to the drag and lift coefficients.

The experimental drag polar for the Boeing W27 wing/body configuration was recomputed using the angle
of attack computed by ATRPLANE at the experimental lift coefficient. The original experimental data and
the AIRPLANE computation are compared with the re-computed experimental data using the computational
angle of attack in Figs 53-54. The computational and experimental data correlations remain largely the same
at low lift coefficients, but the discrepancy between ATRPLANE and experiment using the computational
angle of attack is significantly reduced at larger lift coefficients. The enlarged view of the results near the
design lift coefficient (Fig 54) show that the computational and experimental data are within 1.5 drag counts,
instead of the 3.5 count increment that was obtained with the original wind tunnel data.

The results for the Ames 7-04 wing/body configuration are presented in Figs 55-56. The comparison of the
experimental data using the computed alpha is nearly indistinguishable from the ATRPLANE results (Fig 55).
The results near the design lift coefficient (Fig 56) show that computational data is nearly coincident with the
recomputed experimental data, whereas the original results had approximately 1.6 counts discrepancy.

The baseline Reference H wing/body comparisons of the experimental data using the CFD angle of attack
and AIRPLANE are shown in Figs 57 and 58. The computational data now coincides with the recomputed
experimental data (Fig 57). The increment between the computational data and the recomputed experimental
data is now within approximately 0.5 count near cruise, whereas the original data had a 1.5 count discrepancy
with the ATRPLANE computations.

The experimental results using the ATRPLANE computational angle of attack for the optimized and baseline
wing/body configurations are compared in Figs 59-60. The polar near the cruise lift coefficient (Fig 60) shows
that the Boeing W27 configuration has a 2.5 drag count improvement relative to the baseline, whereas the
original experimental data showed a 1.3 count improvement. The Ames 7-04 configuration has nearly the
same performance improvement as with the original data. This indicates that the experimental angle of attack
measurements may be worse for the Boeing W27 model. If the Boeing W27 has regions of separated flow, it
might be evident in the experimental colored oil flow pictures presented in Fig 61. The upper surface flow on
the Ames 7-04 and Boeing W27 models at cruise conditions, M=24, CL = 0.12, are shown. Oblique shocks

851



on the upper surface of both optimized configurations were predicted by AIRPLANE (see Figs 8-9). The
shocks begin near the root and lie nearly parallel to the mid-wing leading edge. This shock extends to the
wing trailing edge near the outboard side of the outboard nacelle on the Ames 7-04 model, whereas the oblique
shock on the Boeing W27 is weaker and does not extend to the trailing edge. These shocks can be seen in the
experimental oil flow photographs by the change in flow direction of the oil. They appear to be positioned
in nearly the same location as predicted by ATRPLANE, and appear to have the relative strengths that were
predicted for the configurations (compare Fig 61 with Figs 8-9). The lack of oil on the inboard wing panels
near the side of body indicates that the flow has separated in this region on both configurations. This could
be caused by a vortex formed at the root leading edge of the wing or could be due to the flow separating at
the trailing edge or a combination of both. The photographs alone are not sufficient to positively determine
the flow phenomena of the configurations.

15 Ames 7-04 vs Baseline: Wing/Body Comparisons

The data presented in this and the next three sections were shown in the previous sections, without overlay-
ing the the computational and experimental data for the optimized and baseline configurations. The previous
sections were focused on the increments between the computational and experimental data. However, a compu-
tational tool like ATRPLANE has two functions. One function is to determine the aerodynamic characteristics
of a given configuration, which is usually accomplished by comparing the computational and experimental
force and moment coefficients. The second and equally important function of a CFD method is to predict the
performance effects due to a design change to any aircraft component. This and the following three sections are
focused on the performance increments, obtained with ATRPLANE and experiment, between the optimized
and baseline configurations.

Computational and experimental comparisons of the Ames 7-04 and baseline wing/body configurations are
shown in Figs 62-67. The computational and experimental lift curves show a small increase in lift curve slope
for the Ames 7-04 configuration relative to the baseline configuration. This change in slope could be attributed
to more vorticity on the Ames 7-04 model than the baseline configuration. The computational/experimental
correlations of the lift curves of both configurations are good, but the slope of the computational curves are
larger than experiment (Figs 62-63).

The computational and experimental data both show that the Ames configuration has more positive pitching
moments than the baseline configuration. The computational and experimental moment curves appear rotated
about the point of zero lift. The rotation of the computational moment data is in the expected direction for
an inviscid code. The pitching moment increments between the Ames 7-04 and baseline configurations are
nearly the same for computation and experiment. This indicates that AIRPLANE is capable of accurately
predicting the moment changes from camber and twist, but over estimates the stability.

The computational and experimental drag polars are rotated near zero lift for the Ames 7-04 configura-
tion (Fig 66). The computational data indicates that the Ames 7-04 has less drag than the baseline for lift
coefficients greater than 0.02, whereas the experimental data indicates that the Ames 7-04 model performs
better for lift coefficients greater than 0.0. Overall, the computational and experimental drag increments
between the Ames 7-04 and baseline configurations correlate well. Experiment shows that the two config-
urations have equivalent drag at zero lift, whereas AIRPLANE shows a 1.0 count performance penalty for
the baseline. The computational and experimental performance increments as well as the absolute drag level
of the two configurations are identical for lift coefficients between 0.07 and 0.10 (Fig 66). At CL 0.12, the
AIRPLANE computations show a 6.8 count improvement of the Ames configuration relative to the baseline
whereas experiment shows a 6.5 count gain (Fig 67).

16 Boeing W27 vs Baseline: Wing/Body Comparisons

Computational and experimental force and moment data for the Boeing W27 and baseline wing/body con-
figurations are presented in Figs 68-73. The computational and experimental increments in lift coefficient
between the two configurations correlate well, both show a two degree increase in angle of attack required for
the Boeing W27 to attain the CL of the baseline (Fig 69). AIRPLANE predicts a very small increase in lift
curve slope for both configurations relative to experiment. Because this increase in lift curve slope is nearly
the same for the two configurations, the computational and experimental lift coefficient increments correlate
well for the full range of angles of attack.

The pitching moment data increments are not as well predicted as for the Ames configuration (compare Fig
71 with Fig 65). ATRPLANE predicted a less positive shift in moment than was obtained experimentally, the
difference in the increments is 0.005. The Baseline computational/experiment correlations are better than for
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War7.
The computational and experimental performance increments of the W27 configuration relative to the

baseline configuration are in excellent agreement near zero lift coefficient. (Fig 72). AIRPLANE shows a 3.0
count performance penalty for the W27, and experiment shows a 3.25 count penalty. The correlations begin
to deteriorate rapidly for lift coefficients above 0.04. At cruise, ATRPLANE predicts a 4.0 count improvement
and the experimental data shows 1.3 counts (Fig 73). The experimental measurements of the angle of attack
were identified and discussed previously as a primary source of these discrepancies.

17 Ames 7-04 vs Baseline: Wing/Body/Nacelle/Diverter Comparisons

Computational and experimental comparisons of the Ames 7-04 and baseline configurations with nacelles and
diverters are shown in Figs 74-79. The baseline and Ames 7-04 configurations have very similar lift curves,
and the experiment/ ATRPLANE correlations are good. AIRPLANE has a slightly larger lift curve slope than
experiment for the Ames 7-04 configuration, but predicts nearly the same slope as experiment for the baseline
configuration (Fig 75). The overprediction of the Ames configuration lift curve slope, results in an increment
in CL of 0.004 for AIRPLANE, and 0.0022 for experiment near cruise. The pitching moment increments
between the Ames 7-04 and baseline configurations are nearly equal for the computations and experiment (Fig
76). The stability is again overpredicted by AIRPLANE. The drag increments of the Ames 7-04 relative to
the baseline for lift coefficients between 0.05 and 0.125 are nearly the same for AIRPLANE and experiment
(Figs 78 and 79). However, the increments at zero lift are approximately 1.3 counts for AIRPLANE , whereas
experiment shows approximately a 0.5 counts increment; both experiment and AIRPLANE predict the the
poorer performance of the 7-04 configuration relative to the baseline at this condition. The increments at
cruise are predicted to be 5.7 counts from AIRPLANE , and 5.4 counts from experiment.

18 Boeing W27 vs Baseline: Wing/Body /Nacelle/Diverter Comparisons

Computational and experimental comparisons of the Boeing W27 and baseline configurations with nacelles and
diverters are shown in Figs 80-85. The angle for zero lift for the complete W27 configuration is 0.10 deg. larger
for AIRPLANE than experiment. Note that the experimental measurements may not be accurate as discussed
earlier. The moment comparisons in Fig 82, indicate that AIRPLANE does not predict the extent of pitch-up
shown in the experimental results for either configuration. Pitch-up begins at a lower lift coefficient for the
W27 configuration than for the baseline, which may indicate more separation on the W27 configuration than
the baseline at and above cruise lift. The drag coefficient increments are in poor agreement with experiment
(Figs 84-85). The AIRPLANE computations show larger performance improvements for the W27 relative to
the baseline for nearly all lift coefficients. The correlation of the computational and experimental performance
increments worsen with increasing lift.

19 Nacelle Orientation: Performance Effects

Upon the completion of the design optimization process, it was necessary to attach the nacelles to the opti-
mized wing lower surface, without loss of performance. In previous studies [8, 10] it has been shown that this
can be accomplished by maintaining the height of the baseline Ref H diverter at the leading and the trailing
edge corners. These three points are identified on the diverter/wing intersection of the baseline configura-
tion, and then projected vertically onto the optimized wing surface. The projected points on the optimized
wing surface are then used as targets to aid in the alignment of the nacelle/diverter on the optimized con-
figuration. The baseline nacelle/diverter assembly is moved such that the leading and trailing edge points
on the baseline diverter/wing intersection nearly match the projected points on the optimized wing. After
moving the nacelles and diverters using this method, the diverter height is again equal to the boundary layer
thickness at the leading edge, with minimum height at the trailing edge, as with the ‘baseline configuration.
A new diverter/wing intersection is then derived for the optimized configuration by vertically projecting the
nacelle/diverter intersection onto the optimized wing.

This method was initially used to attach the nacelles of the optimized wind tunnel models. But, the
possibility of channel flow between the nacelle and wing was considered, since the distance between the wing
and nacelle were not equal on the inboard and outboard sides of the diverter. However, this was not a concern
on the original Ref H configuration which had unequal diverter sides. But, the possibility of channel flow could
easily be eliminated on the optimized configurations by rolling the nacelles about their centerline, to achieve a
more equal heights along the sides of the diverters, resulting in the nacelles being nearly perpendicular to the
lower surface. An aft view of the nacelle/diverter region of the AIRPLANE surface grid for the Ames 7-04
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configuration with the nacelles/diverters in the original and modified orientations is shown in Fig. 86. The
inboard side of both diverters is shorter than the outboard side when the nacelles are in the original orientation.
The nacelle and diverters were rotated about the center of the nacelle until the sides of the diverter were of
equal height when measured at the middle of the diverter side. This resulted in the diverter/wing intersection
shifting inboard from the original intersection, as is seen in the planform view of the Ames 7-04 configuration
in Fig 87. Note that the inboard intersections have moved more than the outboard, reflecting a greater
orientation change for the inboard nacelle.

The AIRPLANE aerodynamic characteristics for the Ames 7-04 with the nacelles in the original orientation
are compared with the nacelles placed nearly normal to the wing lower surface in Fig 88. Almost no discernible
differences can be seen in the lift and moment curves. But, approximately a 0.3 count drag penalty is shown
for the new orientation. The penalty is attributed to the nacelles not being oriented in this position during
optimization.

The Boeing W27 configuration was also evaluated using AIRPLANE with the original nacelle orientation
and the nacelles rolled approximately normal to the lower surface. An aft view of the nacelle/diverter region
of the Boeing W27 configuration with the nacelles/diverters in their original position (top) and aligned normal
to the lower surface (bottom) is shown in Fig. 89. The non-equal sides of the inboard nacelle can be seen in
the figure. The nacelle appears to have larger differences in the heights of the sides of the diverter than for the
Ames 7-04. This is because when the nacelle is moved using the 3-point method an optimization process takes
place. It is usually only possible to exactly match one of the three projected surface points which is chosen to
be the leading edge of the diverter, the other two trailing corner points are as closely aligned as possible. This
can result in different heights of the diverter at the trailing corners on the optimized configurations relative to
the baseline. The greater differences in diverter heights results in larger shift of the diverter-wing intersections
for the Boeing W27 (Fig 90) than for the Ames 7-04 configuration (Fig 87).

The AIRPLANE aerodynamic characteristics for the different nacelle orientations on the Boeing W27 are
shown in Fig 91. Again, there is no discernible differences in the lift and moment curves. However, there
is approximately a 0.3 count drag improvement for the new orientation. The performance improvement is
attributed to the nacelles being oriented in this position during optimization.

20 Aft Modeling of Diverters: Performance Effects

The aft portion of the diverter was modeled in AIRPLANE in two ways. The first way, and easiest to grid,
was to truncate the aft portion of the diverter at the trailing edge of the wing. This results in a rearward
facing step, which would cause separation in the wind tunnel, but since AJRPLANE is an inviscid code, the
forces from this region would be inaccurate. Fortunately, the base of the diverter is fairly small, so the drag
increment should be small. The second method of modeling diverter closure was to add a ramp tangent to the
upper surface trailing edge of the wing, provided the resulting ramp intersected the nacelle. This method was
used to smoothly close the diverters on the wind tunnel models.

The AIRPLANE surface grid, colored by the surface normal, with truncated and ramped diverters are
shown for the Ames 7-04 and Boeing W27 configurations in Figs 92 and 93, respectively. The changes to
the aerodynamic coefficients of the Ames 7-04 and Boeing W27 configurations are shown in Figs 94 and 95,
respectively. Both configurations show no difference in the lift and moment coefficients, the drag coefficient is
reduced by approximately by a third of a count for the ramped diverters, compared with the truncated, stepped
diverters. This difference is small enough that the diverter could be truncated in ATRPLANE computations
for intermediate designs evaluations to expedite the grid generation process.

21 Computational Pressure Distributions: Spanwise Cuts

A planform view of the AIRPLANE lower surface pressures for the Ames 7-04 configuration is shown in Fig
96. The streamwise and spanwise cut locations are superimposed on the lower surface pressures to identify the
source of shocks when studying the wing/body pressure distributions in the following figures where the flow
from the nacelles causes rapid changes in the wing pressures. Spanwise pressure distributions and geometry
for the two optimized and baseline configurations are shown in Figs 97-106. The geometrical cuts are taken
for the three configurations, without angle of attack changes. The conditions were: Mach 2.4, CL = 0.12.
The computational angle of attack for the baseline and Ames 7-04 models was 4.25 degrees, whereas the the
Boeing W27 configuration was 6.25 degrees.

The first section with constant axial dimension begins to cut through the leading edge of the wing (Fig a7).
The Boeing w27 geometry is very different from the baseline and Ames configurations. The wing incidence
and/or fuselage camber has resulted in the large geometrical shift shown. A lower surface cusp in the Boeing
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W27 is also evident in the figure. The pressure distributions for the two optimized configurations show
more lift than the baseline. It is somewhat surprising that the large geometrical differences in the optimized
configurations have similar pressure distributions at this station. The next station (Fig 98) shows that the
optimized configurations produce more lift, and possibly thrust, near the wing leading edge than the baseline
configuration. The Boeing W27 configuration has considerable droop at this station, which is partly responsible
for a larger angle of attack to attain the design CL than the baseline or Ames models. The Ames 7-04
configuration continues to have more leading edge lift at x=1730 than the Boeing W27 configuration. The
wavy surface of the Boeing W27 configuration is seen in both the geometry and pressure distributions in Figs
98 and 99.

The oblique shock on the upper surface is seen in the pressure distributions in Figs 100-104. The shock
is clearly stronger for the Ames 7-04 than the Boeing W27 or baseline configurations. The cut at x=2350
(Fig 104) intersects only the outboard nacelle. The geometry shows the outer portion of the nacelle and
diverter for reference to the geometrical shape computed, but only the pressures on the lower wing surface
are shown. The increase in pressures from the outboard nacelle shocks are seen in the lower surface pressures.
The next two stations cut through both nacelles (Figs 105 and 106). In these figures, it is apparent that only
lower surface pressures are shown, since pressures are not shown in the region of the diverters. These stations
show increased pressures on the lower surfaces of the optimized wings resulting from the nacelle shocks. This
Increase in pressure results in lift which may provide thrust or a reduction in drag if the pressures act on a aft
facing surface. :

Streamwise pressures and geometry are shown in Figs 107-113. The first station, near the wing root, shows
the increased lift in the leading edge region. The pressures have small oscillations near the leading edge, due
to scalloping of leading edge resulting from the unstructured grid generator connecting closest points, and
the slicing routine to sample the unstructured data set. These oscillations are most severe on the Boeing
W27 configuration. The enlarged leading edge of W27 in Fig 108 shows a lower surface cusp and non-smooth
geometry, resulting from the CAD definition of the configuration. This cusp and the leading edge droop result
i fairly rapid changes in the lower surface pressures near the leading edge (Figs 109 and 110). A large change
In pressures is seen aft of the lower surface shocks from the combined nacelle shocks (Fig 111). The optimized
models have higher pressures in this region resulting more lift. The Boeing W27 configuration is reflexed
upward in this region, which should result in thrust or reduced drag. Whereas the Ames 7-04 model is not
reflexed up in this region. The Ames optimization procedure did not allow the the trailing edge to reflex
upward.

22 Concluding Remarks and Summary Figures

The two optimized configurations were found to have superior performance characteristics relative to the
baseline Reference H configuration. The experimental lift/drag ratio (L/D) of the two optimized configurations
and the baseline wing/body and complete configurations are shown in Figs 114 and 115, respectively. The
Ames 7-04 wing/body configuration has a substantial improvement relative to the baseline, whereas the Boeing
W27 _configuration shows a lessor improvement than the Ames model (Fig 114). The improvements are over
a broad range of lift coefficients with the maximum at the design CL. The improvements in L/D are realized
with nacelles and diverters present, but the improvement is less for the Ames model, and greater for the Boeing
W27 configuration relative to the wing/body increments (compare Figs 115 with 114).

Excellent drag correlations between AIRPLANE and experiment were found for the Ames 7-04 and baseline
configurations, but poorer correlations were obtained for the Boeing W27 model. A bar chart of the drag count
increments between AIRPLANE and experiment at the cruise lift coefficient is shown for the two optimized
and baseline configurations in Fig 116. The increments at zero lift are shown in Fig 117. The results are better
at zero lift than at CL = .12.

The experimental data was shown to have scatter in the angle of attack measurements and drag coefficient
measurements. The short term repeatability scatter band width was found to be approximately 1 drag count.

The experimental axial and normal force coefficient measurements showed no discernible differences in the
short term repeat runs. Therefore the angle of attack measurements were deemed responsible for the 1 count
scatter in the drag data.

The axial force correlations between ATRPLANE and experiment were found to be better than the drag
correlations, providing further evidence of inaccurate experimental angle of attack measurements.

The computational and experimental performance increments for the Ames 7-04 model with and without
nacelles and diverters were found to correlate well. However, the correlation is poorer for the Boeing W27
models, owing in part to the inaccurate experimental angle of attack measurements. These increments, defined
as the difference in drag of the baseline from each optimized configuration, are shown for AIRPLANE and
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experiment in Fig 118.

Excellent nacelle/diverter installation drag correlations between AIRPLANE and experiment were obtained
for the baseline and two optimized configurations. The installation drag was the least for the Boeing W27
configuration. The changes in drag due to nacelle installation are shown in a bar chart in Fig 119,

The computational and experimental drag correlations for the three models was greatly improved when the
experimental data was re-computed using the angle of attack obtained from the ATRPLANE computations.
This further substantiates the claim that the experimental angle of attack measurements are not of the accuracy
needed to obtain accurate drag data. The change in drag counts between AJRPLANE and the re-computed
experimental data are shown in Fig 120.

The AIRPLANE performance effects of modeling the aft portion of the diverter with a rearward facing step;
truncated at the trailing edge of the wing, and a extending the diverter with a ramp tangent to the upper
surface trailing edge angle, resulted in only in a third of a count difference in drag coefficient. The drag was
less for the ramped diverter for all configurations.
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Fig 1. Photograph of the Baseline Reference H model installed in the
Langley Unitary Plan Supersonic Wind Tunnel.

(a) Upper Surface

Fig 2. Photograph of the Ames 704 model installed in the
Langley Unitary Plan Supersonic Wind Tunnel.
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Photograph of the Boeing W27 model installed in the
Langley Unitary Plan Supersonic Wind Tunnel.
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Fig 4. Component breakdown of the Baseline Reference H Configuration
used for AIRPLANE.

Fig 5. AIRPLANE surface pressure coefficients for the Ames 704
configuration, M=2.4, CL = 0.12, alpha = 4.25 degrees.
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Fig 6. AIRPLANE surface pressure-doefficients for the baseline Ref H
configuration, M=2.4, CL = 0.12, alpha = 4.25 degrees.
Fig 7. AIRPLANE surface pressure coefficients for the Boeing W27

configuration, M=2.4, CL = 0.12, alpha = 6.25 degrees.



IRPLANE surface pressure coefficients for

Fig 8. Planform views of the A
alpha=4.25 degrees.

the Ames 704 configuration, M=2.4, CL=0.12,

e coefficients for

Fig 9. Planform views of the AIRPLANE surface pressur
alpha=6.25 degrees.

the Boeing W27 configuration, M=2.4, CL=0.1%,
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Fig 10. AIRPLANE surface pressure coefficients near the nacelles and
diverters of the Ames 704 configuration, M=2.4, CL=0.12.

Fig 11. AIRPLANE lower surface

pressure coefficients without the nacelles
and diverters for the

Ames 704 configuration, M=2.4, CL=0.12.



fig 12. AIRPLANE lower surface pressure coefficient contours lines without
the nacelles and diverters for the BRmes 704 configuration,
M=2.4, CL=0.12.
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rig 13. ARPLANE W/B and W/B/N/D aerodynamic force and moment coefficients for
Ref H baseline and optimized configurations
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Fig 15. AIRPLANE W/B and W/B/N/D aerodynamic force and moment coefficients for
Ref H baseline and optimized configurations
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Fig 16 AIRPLANE W/B and W/B/N/D acerodynamic force ond moment coefficients for
Ref H baseline and optimized configurations
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Fig 19.

Experimental oerodynomic force and moment coefficents for
Reference H basline and optimized wing/body configurations.

870



CONFIGURATION

015

010

0.0

-.005

-.010

-.015

-.020

MACH RN RUN
2.40 4012 14
240 4.005 15
240 3990 16
240 3994 22
240 39 3
240 3987 24
240 4008 3
240 3974 ¥
240 3969 37

-l
(&)
0.0 1.00 2.00 3.00 4.00
o
Fig 20. Experimental aerodynamic f

Reference H basline and optimized

]

Test 1649
Test 1849
Tesl 1549
Tesl 1848
Test 1645
Test 1849
Test 1848
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110

orce and moment coefficents for
wing/body configurations.
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SYMBOL  CONFIGURATION MACH RN RUN Doto Type

240 4012 14 LaRC UPWT Test 1643
240 4.005 15 LoRC UPYT Test 1849
240 pL ) 16 LaRC UPWT Test 1849
240 3894 = LORC UPWT Tast 1849
240 3971 3 LoRC UPWT Text 1648
240 31987 24 LORC UPWT Test 1649
W27 W/B DPERMENT 240 4008 35 LORC UPWT Test 1849
...... w27 W/B DPERUDN 3
------ 3
.30
25
.20
.15
.10
S
.05
0.0
-.05
-.10
_'15 M Dl MEN M i
.0150 0125 .0100 .0075 _ 0050 .0025 0.0 _ -.0025 -.00¢
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Fig 21. Experimentol aerodynamic force and moment coefficents for
- Reference H basline ond optimized wing/body configurations.
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SYMBO.  CONFIGURATION MACH RN RUN Dato Type

240 4012 14 LoRC UPWT Test 1649
240 4.005 15 LORC UPHT Test 1649
240 3990 15 LoRC UPWT Test 1649
240 3994 22 LoRC UPWT Tesi 1649
240 3971 23 LORC UPWT Test 1649
240 1867 24 LORC UPWT Test 1648
240 4,008 35 LoRC UPWT Test 1649
240 3974 36 LoRC UPWT Test 1548
240 3989 k) LoRC UPWT Test 1548

.005 .010 .015 .020 .025 .030 035 .040 .045 .050

rig 22. Experimental cerodynamic force and moment coefficents for
Reference H basline and optimized wing/body configurations.
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SYMBOL  CONFIGURATION MACH RN RUN  Dota Type
— REF H %/8 EXPERMENT 240 4012 14 LoRC UPWT Test 1549

Fig 23.  Experimental aerodynamic force and moment coefficents for
Reference H basline and optimized wing/body configurations.
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SYMBOL  CONFIGURATION MACH RN RUN Datc Type

REF H W/B DXPERMENT 240 s012 14 LoRC UPWT Test 1649
REF H W/B DIPERMENT 240 4005 15 LoRC UPWT Test 1649
REF H W/B EXPERMENT 2.40 3950 16 LoRC LPWT Test 1643
704 W/B DPERMENT 240 1994 22 LORC UPWT Test 1649
704 W/B DOERMENT 240 3871 23 LoRC UPWT Test 1648
704 W/B DPERMENT 240 3987 24 LORC UPWT Test 1649
w27 W/B DXPERMENT 240 4.008 35 LoRC UPWT fest 1649
W27 W/B ECERWENT 240 3974 36 LoRC UPWT Tast 1543
w27 w/B DPORMDT 240 3969 57 LoRC UPWT Test 1648
135
.130
.125
.120
.115
110
.105
100 . 1 HEAEE
.0140 .0145 .0150 .015%5 .0160 .0165 .017 0175 .0180

Co

Fig 24. .
Experimental aerodynamic force ond moment coefficents for

Reference H basline and optimized wing/body configurations.
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CONFIGURATION MACH RN RUN Dato Type
REF H W/B/N/D DXPERMENT 240 158 " LoRC UPWT Text 1649
REF H W/B/N/0 EXPERMENT 240 1986 12 LoRC UPWT Test 1849
REF H W/B/M/D EXPERMENT 240 3.989 3 LoRC UPWT Tt 1549
704 W/B/N/D EXPERMENT 240 3957 2 LaRC UPNT Test 1649
9
3957

Fis 25. Experimental aerodynamic force and moment coefficients for Ref H
baseline and optimized wing/body/nacelle /diverter configurctions.



CONFIGURATION

REF
REF
REF

H W/B/N/0 DPERMENT
H w/B/N/D EXPERIMENT
K W/B//D EXPERMENT
W/B/N/O EXPERMENT
W/B/N/0 EXPERMENT
W/B/N/D EXPERMENT
W/B/N/D EXPERMENT
W/B/N/D EXPERMENT
W/B/N/D EXPERMENT

RN

3.966

3997
3971
3.857

4.000
o

1
12
13
26
Y14
2%

41
2

015

010

005

0.0

-.005

-.010

-.015

-.020

Fig 26.

Experimental aerodynamic f
baseline and optimized wing

< -120
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orce and moment coefficients for Ref H
/body/nacelle/diverter configurations.
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CONFIGURATION
REF H W/B/N/D EXPERMENT
REF H W/B/N/D DXPERMENT

MACH RN
240 3883
240 1985
240 3980
240 L7
240 387
240 3ss?
240 3958
2.40 4.000
240 9

RUN

Dato Type

LORC UPWT Test 16485
LaRC UPWT Test 1649
LoRC UPWT Test 1849
LoRC UPHT Test 1543
LaRC UPWT Test 1649
LoRC UPWT Test 1649
LoRC UPWT Tes! 1545
LoRC UPWT Test 1543
LoRC UPWT Test 1849

.20

.13

.10

.05

0.0

-.05

-.10

-.15 L=
.0150

Fig 27.

.0100

.007

Experimental aerodynomic force and moment coefficients for Ref H

baseline ond optimized wing/body/nacelle/diverter configurations.
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SYMBOL  CONFIGURATION MACH RN RUN Dota Type

—————  REF H W/3/N/D DIPERMENT 240 3989 1 LoRC UPWT Test 1649
————  REF H W/B/W/0 DPERMENT 240 3986 12 LoRC UPWT Test 1649
———  REF H W/B/N/D DPERMENT 240 3989 13 LoRC UPHT Test 1849
240 3997 26 LoRC UPWT Test 1645
240 337 27 LoRC UPWT Test 1649
2.40 3857 28 LoRC UPWT Test 1648
2.40 3958 40 LoRC UPHT Test 1649
240 4.000 41 LoRC UPT Test 1649
------ W27 W/B/N/D EXPERNENT 2.40 3971 42 LORC UPWT Tast 1849
.30
.25
.20
.15
.10
.05
0.0
-.05
-.10
-.15

005 .010 .015.  .020 .025 .030 .035 .040 .045 .050 .0558 .060

Experimental oerodynamic force and moment coefficients for Ref H

Fig 28 | ine and optimized wing/body/nacelie/diverter configurations.
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SYMBOL

CONFIGURATION

REF H W/B/N/0 DXPERIMENT
REF H W/B/N/D DPERMENT
REF K W/B/N/D DXPERMENT
704 W/B/N/D EXPERMENT
704 W/B/N/D DXPERMENT
TO4  W/B/N/D EXPERMENT

Dato Type

LoRC UPWT Tesi 1543
LoRC UPWT Tl 1845
LORC UPWT Teat 1845
LORC UPWT Test 1849
LoRC UPWT Test 1549
LoRC UPWT Test 1548
LoRC UPWT Test 1643
LORC UPHT Test 1649
LoRC UPHT Tost 1549

Fig 29. Experimental cerodynamic force and moment coefficients for Ref H
baseline and optimized wing/body/nacelie/diverter configurotions.




SYMBOL

110

106

.100

CONFIGURATION

REF H W/B/N/D EXPERMENT
REF H W/B/N/D EXPERMENT
REF H W/B/N/D EXPERMENT
704 W/B/N/D EXPERMENT

Dato Type

LoRC UPWT Test 1648
LoRC UPWT Test 18439
LoRC UPMT Test 1643
LoRC UPWT Tesi 1849
LoRC UPWT Texl 1849

...... BRI

0140 .014

Fig 30.

.015

.0155

0160
Co

.0165 . .0170 0175 .0180

Experimental aerodynamic force and moment coefficients for Ref H

baseline and optimized wing/body/nacelie/diverter configurations.
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882

CONFIGURATION

REF # W/B/N/D DPERIMENT
REF H W/B/N/D DXPERSSENT
REF # W/B/N/0 EXPERMENT
REF H W/B/N/D ARPLANE
REFHW/B  DPERMENT
REFH W/ DXPERMENT
REFHW/S  DPERNENT
REF K W/B  ARPLANE

AIRPLANE force and moment coefficients of Ref H W/B (CAi
0.007516) compared with wind tunnel dota.

Fig 32 nd W/B/N/D (CAI




SYMBOL CONFIGURATION
— ——  REFHWEBMD EXPERMENT
o REFHWB/ND DPERMENT
o RO HW/B/ND EXPERRMENT
...... O FRFH w/B/N/D NRPUANE

-

015

010

0.0

-.005

-010 ¥

-.020

rig 32. ARPLANE force ond moment coefficients of Ref H W/B (CA = 0.006634)
ond W/B/N/D (CAi = 0.007516) compared with wind tunnel datc.
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SYMBOL

CONFIGURATION

REF H W/B/N/D EXPERSMENT
REF M W/B/N/D EXPERIMENT
REF W W/8/N/D EXPERMENT
REF H W/B/N/D ARPLANE

Data Type

LORC UPYT Test 164§
LoRT UPWT Test 1649
LaRC UPYT Tesl 1849
ARPUANE -

LORC UPIT Tt 1849
LORC UPHT Test 1549

.012

rig 33. AIRPLANE force and moment coefficients of Ref H W/B (CAi = 0.006634)
and W/B/N/D (CAi = 0.007516) compared with wind tunne! dotc.
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SYMBOL  CONFIGURATION ’ MACH RN RUN  Dato Type
REF H W/B/R/0 DXPERIMENT 240 3989 11 LaRC UPWT Test 1648

REF H W/8/N/0 EXPERMENT 240 1986 12 LORC UPWT Test 1648
REF H W/B/N/D EXPERMENT 2.40 1989 13 LORC UPWT Tast 1649
------ O REF K W/B/N/D NRPLANE 240 4,004 1 ARPUANE .
------ REFHW/E  DPIRMON 2.40 4012 14 LoRC UPWT Test 1845
------ REF HwW/B  DPORMENT 2.40 4005 15 LORC UPWT Test 1643
------ REF HW/B  DPORMENT 240 3.990 16 LORC UPWT Test 1643
— -O— RFHWD NRPLAE 240 4,000 | NRPLNE

rig 3¢. ARPLANE force and moment coefficients of Ref H W/B (CAI = 0.006634)
ond W/B/N/D (CAi = 0.007516) compared with winc tunne! dota.
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SYMBOL  CONFIGURATION MACH RN RUN Data Type

——— R H W/B/N/0 DPERMENT 240 3989 " LaRC UPWT Tesl 1649
REF H W/B/N/D EXPERMENT 240 3986 ” LoRT UPWT Test 1649
REF H W/B/N/D EXPERMENT 40 989 13 LORC UPWT Tesi 1849

------ O+ REF H W/B/N/D ARPUNE 240 4.004 i NRPLNE

------ REF M W/B  EXPERMENT 240 4012 14 LoRC UPWT Test 1049

—————— REF M w/B EXPERMENT 240 4005 15 LoRC UPHT Test 1649

‘rig 35. AIRPLANE force and moment coefficients of Ref H W/B (CAi = 0.006634)
and W/B/N/D (CAi = 0.007516) compared with wind tunnel dota.
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SYMBOL ~ CONFIGURATION MACH RN RUN Dato Type

REF H W/B/N/0 EXPERIMENT 2.0 3969 1] LORC UPWT Test 1643

REF H W/B/N/D EXPERMENT 240 3986 12 ° LoRC UPWT Test 1849

REF H W/B/N/D EXPERMENT 2.40 589 13 LoRC UPWT Test 1849
...... O--  REF H W/B/N/0 NRPLANE 2.40 4004 1 ARPUANE
------ REF M W/B  DPERMENT 240 4,012 1 LoRC UPWT Test 1849
------ REFHW/B  DXPERMENT 240 4,005 15 LORC UPWT Test 1649
...... REF HW/B  DXPERMENT 2.40 3990 186 LORC UPWT Test 1843
— -0O— REFHWE  ARPLANE 240 4.000 1 ARSLANL

.125

120

115

110

.108

.0155 .0160 .0185 .0170 0175 .0180
: Cy i

Fig 36. ARPLANF force and moment coefficients of Ref H W/B (CAi = 0.006634)
and W/B/N/D (CAi = 0.007516) compared with wind tunnel datc.
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SYMBOL  CONFIGURATION MACH RN RUN Datc Type
! —————— 704 W/B/N/D EXPERMENT 2.40 3997 26 LoRC UPNT Test 1649

2.4 3871 k4 LoRC UPWT Test 1845

240 1957 2z LoRC UPWT Text 1845

240 4.000 ¥ ARPUNE _
2.4 3.994 n LaRC UPWT Text 1849 -
240 387 23 LoRC UPHT Test 1845

240 3967 24 LoRC UPWT Tasl 1649

240 4.000 1 ARPUANE

rig 37. AIRPLANL force and moment coefficients of Ames 7-0¢ W/B (CAi = 0.006620)
*$ 77 ond W/B/N/D (CAi = 0.007500) compared with wind tunne! dota.
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SYMBOL

CONFIGURATION

704 W/B/N/D DPERMEN
704 W/8/N/D EXPERMENT
704 W/8/N/0 EXPERMENT
704 W/B/N/D ARPLANE
704 W/B  EXPERMENT
704 W/8  DXPERSENT
704 W/B  DXPERMENT
704 W/B  ARPLANE

ric 38. AIRPLANE force and moment coefficients of Ames 7-04 W/B (CAi
ond W/B/N/D (CAi = 0.007500) compared with wind tunne! dota.

Data Type

LoRC UPYT Test 1849
LaRC UPWT Test 1649
LoRC UPWT Test 1648
NRPUNE

LoRC UPWT Test 1849
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SYMBOL  CONFIGURATION MACH RN RUN Date Type

————— 714 W/B/N/D DIPERMENT 2.40 3997 2 LoRC UPYT Test 1649

704 W/B/N/D EXPERMENT 20 a9 i LORC UPWT Test 1643

704 W/B/N/D EXPERINENT 240 3957 s LoRC UPWT Test 1545
------ o 704 W/B/N/D ARPLANE 240 4,000 i NRPUNE
------ 704 W/B  DXPERMENT 240 3994 2 LoRC UPWT Test 1643
------ 704 W/ DIPERMENT 2.40 397 pAl LoRC UPWT Test 1849
------ 704 WS EXPERMENT 240 1967 24 LoRC UPHT Test 1843
— 0=  7049%/B AR 240 4000 1 ARPUNE

C

Fig 35.  AIRPLANL force and moment coefficients of Ames 7-04 W/B (CAi = 0.006620)
and W/B/N/D (CAi = 0.007500) compared with wind tunnel data. _
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SYMBOL  CONFIGURATION MACH RN RUN Oata Type

704 W/B/N/0 EXPERMENT 0 3997 % LaRC UPWT Test 1543

704 W/B/N/D EXPERMENT 240 9N 24 LoRC UPWT Test 1643

TO4 W/8/N/G EXPERMENT 240 3987 b2} LaRC UPWT Tesi 1643
------ o] 704 W/B/N/T ARPLANE 240 4,000 1 ARPLANE
------ TOA W/B  DXPERRENT 2.40 3994 2 LoRC UPWT Tesl 1549
------ oS W/B  DPERMENT 2.40 9m z LoRC UPWT Test 1549
------ 704 W/B  EXPERRENT 240 3967 b LoRC UPWT Test 1848
—-g0— Twe ARPLANE 40 4.000 1 NRPANE

AIRPLANE force and moment coefficients of Ames 7-04 W/B (CAi = 0.006620)
and W/B/N/D (CAi = 0.007500) compared with wind tunnel data.

Fig 40.
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SYMBOL  CONFIGURATION MACH RN RUN Dot Type

704 W/B/N/0 EXPERIMENT .40 3997 ki1 LoRC UPWT Test 1843
704 W/8/N/D EXPERMENT .40 pI 1) 7 LoRC UPWT Test 1845
704 W/8/5/0 EXPERNDNT .40 3337 28 (oRC UPHT Tesl 1545
------ Q- 704 W/B/N/O ARPLANE 2490 4.000 1 ARPLANE
—————— 704 w/B EXPERMENT 240 1994 74 LoRC UPWT Test 1549
------ 704 w/B EXPERBENT 40 asn 3 LaRC UPWT Test 1549
4
1

Fig 41. AIRPLANE force and moment coefficients of Ames 7-04 W/B (CAi = 0.006620)
and W/B/N/D (CAi = 0.007500) compared with wind tunnel data.
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SYMBOL  CONFIGURATION MACH RN RUN  Oata Type
704 W/8/N/D EXPERMENT 240 1997 i ] LaRC UPWT Test 1648
704 W/8,/M/0 EXPERMENT 290 i9n 7 (aRC UPWT Test 1649
704 W/8/W/D EXPERMENT 240 3887 p: ] LoRC UPET Test 1540
...... Q- 704 W/B/N/D ARPLNE 2.40 4.000 1 ARPUNE
------ 704 w/B EXPERMENT 4 3994 2 LaRC UPWT Test 1540
------ 04 W/ OXPERMENT 240 wn 23 LoRC UPWT Test 1649
______ 704 W/B XPERMENT 24 9, pL LaRC UPWT Test 1549
—_—-0— 704 W/B NRPUANE 240 4,000 ] ARPUANE
.140
135
.130
.125
-.120
115
.110
.105
100 Toonouo »
.0140 .0145 .0160 016 .0170 017 .0180
CD ’
Fig 42. AIRPLANE force and moment coefficients of Ames 7-04 W/B (CAi = 0.006620)

and W/B/N/D (CAi

= 0.007500) compared with wind tunnel data.
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SYMBOL ~ CONFIGURATION MACH RN RUN

C

Fig 43.  AIRPLANE force and moment coefficients of Boeing W27 W/B (CAi = 0.006667)
and W/B/N/D (CAi = 0.007554) compared with wind tunnel data.
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CONFIGURATION

MACH RN
280 1998
240 4.000
240 97
P2 4.000
240 4.008
24 3974
2.4 3989
249 4.000

.015

010

.005

~-.005

-.010

-.015

-.020

Fig 44.

135

.130

125

120

115

110

.105

AIRPLANE force and moment coefficients of Boeing W27 W/8 (CAi

= 0.006667)
and W/B/N/D (CAi = 0.007554) compared with wind tunnel data.
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SYMBOL  CONFIGURATION MACH RN RUN Data Type

—————— W27 W/B/N/D OO FX) 1998 4 LoRC UPWT Test 1649
W27 W/B/N/D EXPERMENT 240 4.000 4 LoRC UPWT Tost 1648
w27 w/8/N/0 EXPERMENT 240 i 42 LaRC UPWT Test 1048

------ Qe W27 W/B/N/D NRPUNE 240 4.000 1 ARPLANE

------ w27 w/8  DXPERMENT 240 4.008 35 LoRC UPWT Test 1649

------ w27 w/8  DPERMENT 240 3974 38 LoRC UPWT Tam 1649

------ w27 w/8  OXPERMENT 2.40 3969 hrd LaRC UPWT Tost 1849

[

.0075 0050  .0025
Cm

. AIRPLANE force and moment coefficients of Boeing W27 W/B (CAi = 0.006667)
Fig 45-  gnd W/B/N/D (CAi = 0.007554) compared with wind tunnel data.
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SYMBOL  CONFIGURATION MACH RN RUN Data Type

w27 W/8/N/0 EXPERMENT 240 1308 40 LoRC UPWT Test 1649
W27 W/B/N/0 EXPERMENT 240 4.000 4 LaRC UPHT Test 1549
w27 w/8/M/D DPERMENT 240 39M “ LoRC UPWT Test 1549
e Oeee W27 W/B/N/O ARPNE 2.4 4,000 ! ARPLNE
—————— w27 W/ DPERMENT 2.40 4.008 b} LoRC UPWY Test 1849
w27 W/8  DPERMENT 240 1974 » LORC UPWT Test 1649
h24
1

.005 .010 .015 .020 .025 .030 .035 .040 .045 .050 .055 .060

rig 46 AIRPLANE force and moment coefficients of Boeing W27 W/B (CAi = 0.006667)
9 46- 4nd W/B/N/D (CAi = 0.007554) compared with wind tunnel dota.
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SYMBOL  CONFIGURATION MACH RN RUN Oata Type
————— W27 W/B/N/D DXPERMENT 240 3958 0 LoRC UPWT Test 1549

Fig 47. AIRPLANE force and moment coefficients of Boeing W27 W/B (CAi = 0.006667)
© 7 and W/B/N/D (CAi = 0.007554) compared with wind tunnel dota.
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SYMBOL  CONFIGURATION MACH RN RUN Dota Type

—— W27 W/B/N/D EXPERMENT 240 1998 @0 LoRC UPWT Test 1649
W27 W/B/N/0 EXPERMENT 240 4.000 4 LoRC UPWT Test 1549
W27 W/B/N/U EXPERMENT 240 n 42 LoRC UPWT Test 1543
e Qe WZT W/B/N/D NRPLNE .40 4.000 1 ANRPUANE
------ w27 ¥/8  DXPERNENT 240 4.008 3 LoRC UPWT Test 1643
------ W27 /B EXPERIMENT 240 19714 36 LaRC UPWT Tesl 1643
------ W27 W/ DXPERMENT 240 31989 57 LoRC UPWT Test 1649
—-O— WI7W/B  ARPAE 240 4000 V NRPLANE
.140
.135
130
125
.120
115 —
110
108 —
¥4
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IEREN Ry
100 D A R R ARREEEEEE ERRNERREES R R
.0140 014 .0150 .0135 0160 0165 .0170 .0175 .0180
Co

rig 48. AIRPLANE force and moment coefficients of Boeing W27 W/B (CAi = 0.006667)
and W/B/N/D (CAi = (0.007554) compared with wind tunnel data.
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Boeing Reference H Configurations, M =2.4, X = 2904.6

Wing/body computations
—6—  Boeing W27S W/B - AIRPLANE = ------ Ames 704 W/B - UPWT run 22
--#&-- Ames704 W/B-AIRPLANE = --°--- Ames 704 W/B - UPWT num 23
..... +----  RefH W/B - AIRPLANE ------  Ames 704 W/B - UPWT run 24
----------- Ref HW/B - UPWT run 14 ———— Boeing W278 W/B - UPWT run 35
........... Ref HW/B - UPWT run 15 ————  Boeing W27S W/B - UPWT run 36
........... Ref H W/B - UPWT run 16 ————  Boeing W27S W/B - UPWT run 37
.-.-\ik‘
%
023 + A
..
A"...'-“:
A
0.18
0.13
Z
O
0.08
0.03
-0.02
0.000 0.002 0.004 0.006 0.008 0.010

CA

Fig 49. AIRPLANE and experiment body-axis coefficients for the wing/body
baseline and optimized configurations, M=2.4.



Boeing Reference H Configurations, M =2.4, X = 2904.6

Wing/body computations

—6—  Boeing W27S W/B - ARPLANE = ------ Ames 704 W/B - UPWT run 22
--#--  Ames 704 W/B - AIRPLANE ---=--- Ames 704 W/B - UPWT run 23
----- +---- Ref HW/B - AIRPLANE -=--=---  Ames 704 W/B - UPWT run 24
----------- Ref H W/B - UPWT run 14 _—

----------- Ref HW/B - UPWT run 15

Ref H W/B - UPWT run 16

Boeing W27S W/B - UPWT run 35
Boeing W27S W/B - UPWT run 36
Boeing W27S W/B - UPWT run 37
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Fig 50.

*10°

ATIRPLANE and ex periment body-axis coefficients for the wing/body
baseline and opitimized configurations near CN=0.12, M=2.4.
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Boeing Reference H Configurations, M =2.4, X = 2904.6
Wing/body/nacelle/diverter computations

Boeing W27S W/B/N/D(steped) - AIRFLANE
Ames 704 W/B/N/D(ramped) - AIRPLANE
Ref H W/B/N/D (stepped) - AIRPLANE
Ref H W/B/N/D - UPWT run 11

Ref H W/B/N/D - UPWT run 12

Ref H W/B/N/D - UPWT run 13

Ames 704 W/B/N/D - UPWT run 26

Ames 704 W/B/N/D - UPWT run 27

Ames 704 W/B/N/D - UPWT run 28
Boeing W27S W/B/N/D - UPWT run 40
Boeing W27S W/B/N/D - UPWT run 41
Boeing W27S W/B/N/D - UPWT run 42

0.23

0.18

0.13

CN

0.08

0.03

1 | |

-0.02 - .
0.000 0.002

Fig 51.
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0.004 0.006 0.008 0.010

CA

AIRPLANE and experiment body-axis coefficient for the complete
baseline and optimized configurations, M=2.4.



Boeing Reference H Configurations, M =2.4, X =2904.6
Wing/body/nacelle/diverter computations

—©—  Boeing W27S W/B/N/D(steped) - AIRPLANE
==& --  Ames 704 W/B/N/D(ramped) - AIRPLANE
csesa + R

Ref H W/B/N/D (stepped) - AIRPLANE
----------- Ref H W/B/N/D - UPWT run 11

Ref H W/B/N/D - UPWT run 12
----------- Ref HW/B/N/D - UPWT run 13
------ Ames 704 W/B/N/D - UPWT run 26

------ Ames 704 W/B/N/D - UPWT run 27

------ Ames 704 W/B/N/D - UPWT run 28
Boeing W27S W/B/N/D - UPWT run 40
Boeing W27S W/B/N/D - UPWT nun 41

Boeing W27S W/B/N/D - UPWT run 42

0.14

1
1
1
)
!
1
1
A
0.13

CN

"
0.12

"
0.11 |-

W
0.10

n

u

A

u

| | | M

3.0 4.0 5.0 6.0 7.0
Fig 52.

: 9.0
CA

-3

*10
AIRPLANE and experiment body-axis coefficient for the complete
baseline and optimized configurations near CN=0.12, M=2.4.
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Drag Polar using AIRPLANE’s Angle of attack
M =2.4, Wing/body computations

—©E6—  Boeing W27S W/B - AIRPLANE
---- Boeing W27S W/B - UPWT run 36 cfd alpha

----- +----  Boeing W27S W/B - UPWT run 36 orig. alpha

0.20

0.15 ) , ..............
O L F T S ~ ;
3 0.10 , ........................ oo

0.05 P AU .. ......................

0.00
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Fig 53. Experimental drag polar of the W27 wing/body configurations
recomputed using CFD’s angle of attack, and compared with
original experimental data and AIRPLANE computations at M=2.4.
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Drag Polar using AIRPLANE’s Angle of attack
M =2.4, Wing/body computations

—6— Boeing W27S W/B - AIRPLANE
-~ -- Boeing W27S W/B - UPWT run 36 cfd alpha

----- +---- Boeing W27S W/B - UPWT run 36 orig. alpha

0.130

0.125
—
O 0.120

0.115

0.110

0.0155 0.0160 0.0165 0.0170 0.0175

CD

Fig 54. Experimental drag polar of the W27 wing/boedy configurations
recomputed using CFD’s angle of attack, and compared with
original experimental data and AIRPLANE computations near
cruise lift at M=2.4.
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Drag Polar using AIRPLANE’s Angle of attack
M =2.4, Wing/body computations

—©—  Ames 7-04 W/B - AIRPLANE
=& --  Ames7-04 W/B - UPWT run 23 cfd alpha
----- +---- Ames 7-04 W/B - UPWT run 23 orig. alpha
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Fig 55. Experimental drag polar of the 704 wing/body configurations
recomputed using CFD’s angle of attack, and compared with
original experimental data and AIRPLANE computations at M=2.4.
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Drag Polar using AIRPLANE’s Angle of attack
M =2.4, Wing/body computations

—— Ames 7-04 W/B - AIRPLANE
----  Ames 7-04 W/B - UPWT run 23 cfd alpha

----- +----  Ames 7-04 W/B - UPWT run 23 orig. alpha
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Fig 56. Experimental drag polar of the 704 wing/body configurations
recomputed using CFD’s angle of attack, and compared with
original experimental data and AIRPLANE computations near
cruise lift at M=2.4.
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Fig 57.

Drag Polar using AIRPLANE’s Angle of attack
M =2.4, Wing/body computations

——&€— Boeing Refh W/B - AIRPLANE
= =4 -- Boeing Reth W/B - UPWT run 15 cfd alpha

----- +--- Boeing Refh W/B - UPWT run 15 orig. alpha
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Experimental drag polar of the Ref H wing/body configurations
recomputed using CFD’s angle of attack, and compared with
original experimental data and AIRPLANE computations at M=2.4.



Drag Polar using AIRPLANE’s Angle of attack
M =2.4, Wing/body computations

—06— Boeing Refh W/B - AIRPLANE
- -2 -- Boeing Refh W/B - UPWT run 15 cfd alpha
----- +----  Boeing Reth W/B - UPWT run 15 orig. alpha
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Fig 58. Experimental drag polar of the Ref H wing/body configurations
recomputed using CFD’s angle of attack, and compared with
original experimental data and AIRPLANE computations near
cruise lift at M=2.4.



Drag Polar using AIRPLANE’s Angle of attack
M =2.4, Wing/body computations

—6—  Boeing W27S W/B - UPWT run 36 cfd alpha
==& --  Ames7-04 W/B - UPWT run 23 cfd alpha

----- +---+ Boeing Refh W/B - UPWT run 15 cfd alpha
0.20
0.15 Jrreeerieiaiiiinnnnannnn. ........................ ......................... <
d 010 |----ovveiman. .,
0.00 y - -
0.005 0.010 0.015 0.020 0.025

CD

Fig 59. Experimental drag polar of the baseline and optimized wing/body
configurations using CFD'’s angle of attack, M=2.4.
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Drag Polar using AIRPLANE’s Angle of attack
M =2.4, Wing/body computations

—©— Boeing W27S W/B - UPWT run 36 cfd alpha
=% --  Ames7-04 W/B - UPWT run 23 cfd alpha
----- +---- Boeing Refh W/B - UPWT run 15 cfd alpha
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Fig 60. Experimental drag polar of the baseline and optimizgd wigg/body
configurations using CFD’s angle of attack near cruise lift, M=2.4.

911



Fig 61. Experimental colored oil flow photographs of the 704 and W27
confiqurations at cruise, M=2.4, CL=0.12.
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AMES 7-04 CONFIGURATION

Original Orientation

Current Orientation

Fig 86. AIRPLANE surface grid for the Ames 704 configuration with the
nacelles/diverters in the original and modified orientations.
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AMES 704 OPTIMIZED REF_H MODEL

———= QRIGINAL NACELLE ORIENTATION
MODIFIED NACELLE ORIENTATION

waid| L\

Fic 87. Diverter/wing intersections for the Ames 704 configuration in
planform view for the nacelle/diverters in the original and
modified orientations.
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Nacelle Orientation Aerodynamic Effects
Ames 7-04 anﬁguratiou - AIRPLANE

*
+—— Nacelles in original orientation

EETEEEE Nacelles normal to lower surface
0.1250 - -
Y
;
1% 77X 3 EETTTEIT IR PR S LOPRR POPPOPRTITPFIISPLEL I EERMLALLI R ~ .......... ll...; ..............................................................
H {4
= 4 -
0200 |-t T e N RIITITIORY HENPS sl LIRS B S i S e Ll
3] Y o
,I
.
i
Il :
0'1175 ..................................................... I'{ ................................................................................
£
II
0.1150 . L -
3.75 4.00 425 4.50 0.0160 0.0165 0.0170 0.0175 5.0 2.5 0.0 -2.5 -5.0
-3
*
a Cp Cu 10
M=240 Fig 88. AIRPLANE aercdynamic characteristics for the Ames 704 with the

nacelles/diverters in the original and modified orientations, M=2.4.
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Original Orientation

Current Orientation

F¥ig 89. AIRPLANE surface grid for the Boeing W27 configuration with the
nacelles/diverters in the original and modified orientations.
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=
(S

BOEING OPTIMIZED REF _H MODEL

—— ORIGINAL NACELLE ORIENTATION
—— MODIFIED NACELLZ ORIENTATION

Tig 9C.

planform view for the nacelle/diverters in the original and
modified orientations.

Nacelle Orientation Aerodynamic Effects
Boeing W27 Configuration - AIRPLANE

~—— Nacelles in original orientation

Nacelles normal to lower surface

Civerter/wing intersections for the Boeing W27 configuration irn

0.1250 g T
0.1225 P S T B/ N IO SURT AU ...........
0'1200 AR R R RERTETEY AERTP RSP PPTPPPFTIIY EEE o S T -;.....- ..' ......................... :...........-........... ...........
E/ : :
# - .
OQII75 |- oot e L -. ........ L% S P 41 ...... .
LN :
0.1150 . i
5.75 6.00 6.25 6.50 0.0160 0.0165 0.0170 0.0175 73 5.0 2.5 -2.5 s
a Co Cu *10
M=240 . ) . .
Fig 91 AIRPLANE aerodynamic characteristics for the Boeing W27 with the

nacelles/diverters in the original and modified orientations, M=2.4.
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Fig 92. AIRPLANE surface grid, colored by surface normal, with truncatec
and ramped diverters for the Ames 704 configuration.
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Fig 93. AIRPLANE surface grid, colored by surface normal, with truncated
and ramped diverters for the Boeing W27 configuration.
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Nacelle Diverter Fairing Aerodynamic Effects
Ames 7-04 Configuration - AIRPLANE

nacelle/diverter fairing modeled with a step

------ nacelle/diverter fairing modeled with a ramp
0.1250 :
0.1225 |-overevenens ; .............. }"”"""". “n“".n““"u:?yqﬂuq ...........
G 04200 [ S S i b
O1I75 boovmmevemeennns : ............................................................
0.1150 ‘ ‘ :
3.75 4.00 425 450 0.0160 0.0165 00170  0.0I75 50 25 0.0 25 .5
. e
a - Cp Cx 1i
M=240 ) ' ) . ) )
Fig 94. AIRPLANE aerodynamic characteristics of the Ames 704 configuration
with stepped and ramped diverter, M = 2.4.
Boeing W27 Configuration - AIRPLANE
nacelle/diverter fairing modeled with a step
------ nacelle/diverter fairing modeled with a ramp
0.1250 _
0.1225 .\ , ...............
o-l 0‘1200 ............... ;........ ... ............... o‘ o-:
OII75 1o ;”A,u““.“%.“n."n.n. PO £ SOOI -SURSY S
0.1150 : 1§
5.75 6.00 625 6.50 0.0160 0.0165  0.0170  0.0175 7.5 5.0 2.5 00 25
. %*
a Co Cu 16
M=240 ) . s . - . .
Fig 95. AIRPLANE aerodynamic characteristics of the Boeing W27 configuratior

with stepped and ramped diverter, M = 2.4.
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,’C_,%

Fig 96. AIRPLANE lower surface pressure for the Ames 704 configuration with
: streamwise and spanwise cut locations superimposed, M=2.4, CL=0.12.
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AIRPLANE COMPUTATIONS OF REFERENCE H CONFIGURATION
M = 2.4, Station A, X = 1330.0

Ames 7-04, a = 4.25
Boeing W27, a = 6.25
Boeing Ref H, a = 4.25

-0.3

0.1

02

03 ] | 1 I I
0.0 25.0 50.0 75.0 100.0 125.0 150.0

Z

Fig 97. AIRPLANE pressure distributions and geometry for the baseline
and optimized configurations, X=1330, station A, M=2.4, CL=0.12
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~ AIRPLANE COMPUTATIONS OF REFERENCE H CONFIGURATIONS
M = 2.4, Station B, X = 1550.0

Ames 7-04, a = 4.25
Boeing W27, a = 6.25
Boeing Ref H, a = 4.25

0.3
02 F
V
/‘ |
G 00 \
-_\
O
N\
0.1 I T \\"
",‘I
02 F
0.3 i I 1
0.0 50.0 100.0 150.0 200.0

Z

Fig 98. AIRPLANE pressure distributions and geometry for the baseline
and optimized configurations, X=1550, station B, M=2.4, CL=0.12.

947



948

AIRPLANE COMPUTATIONS OF REFERENCE H CONFIGURATION
M =24, Station C, X = 1730.0

Ames 7-04, a = 4.25
Boeing W27, a = 6.25
Boeing Ref H, a = 4.25

0.3 l L L | 1
0.0 50.0 100.0 150.0 200.0 250.0 300.0

Z

Fig 99. AIRPLANE pressure distributions and geometry for the baseline
and optimized configurations, X=1730, station C, M=2.4, CL=0.1’




AIRPLANE COMPUTATIONS OF REFERENCE H CONFIGURATIONS
M =24, Station D, X =1910.0

Ames 7-04, a = 4.25
Boeing W27, a = 6.25
Boeing Ref H, a = 4.25

I

c N !
&) 0.0 A
\ ’/ |

0.1 !

0.2

0.3 L 1 I I I I
0.0 50.0 100.0 150.0 200.0 250.0 300.0 350.0

Z

Fig 100. AIRPLANE pressure distributions and geometry for the baseline
and optimized configurations, X=1910, station D, M=2.4, CL=0.12.
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AIRPLANE COMPUTATIONS OF REFERENCE H CONFIGURATION
M =24, Station E, X =2100.0

Ames 7-04, a = 4.25
Boeing W27, a = 6.25
Boeing Ref H, o = 4.25

J

0.3

0.0 100.0 200.0 300.0 400.0

Fig 10l1. AIRPLANE pressure distributions and geometry for the baseline
and optimized configurations, X=2100, station E, M=2.4, CL=0.12.



'AIRPLANE COMPUTATIONS OF REFERENCE H CONFIGURATIONS
M =24, Station F, X =2208.0 ‘

—— Ames7-04,a =4.25
———— Boeing W27, a = 6.25
———— Boeing Ref H, a = 4.25

-0.3

0.3 1 | i
0.0 100.0 200.0 300.0 400.0 500.0

Z

Fig 102. AIRPLANE pressure distributions and geometry for the baseline
and optimized configurations, X=2208, station F, M=2.4, CL=0.12.
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ATRPLANE COMPUTATIONS OF REFERENCE H CONFIGURATION!
M =24, Station G, X =2279.0

Ames 7-04, a = 4.25
Boeing W27, a = 6.25
Boeing Ref H, a = 4.25

03

02 F

01 +
g oot

0.1 _

02 +

\
03 % 1 i
0.0 100.0 200.0 300.0 400.0 - 500.0 600.0
Z

Fig 103. AIRPLANE pressure distributions and geometry for the baseline
and optimized configurations, X=2279, station G, M=2.4, CL=0.12



AIRPLANE COMPUTATIONS OF,,REFERENCE H CONFIGURATIONS
M = 2.4, Station H, X =2350.0

Ames 7-04, a = 4.25
Boeing W27, a = 6.25
Boeing Ref H, a = 4.25

02

| 1 1 | |

0.3 :
0.0 100.0 200.0 300.0 400.0 500.0 600.0

Z

Fig 104. AIRPLANE pressure distributions and geometry for the baseline
and optimized configurations, X=2350, station H, M=2.4, CL=0.12.
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AIRPLANE COMPUTATIONS OF REFERENCE H CONFIGURATION
M =24, Station J, X = 2444.0

Ames 7-04, a = 4.25
Boeing W27, a = 6.25
Boeing Ref H, a = 4.25

800.0

Fig 105. AIRPLANE pressure distributions and geometry for the baseline
and optimized configurations, X=2444, station J, M=2.4, CL=0.12



AIRPLANE COMPUTATIONS OF REFERENCE H CONFIGURATIONS
'~ M =24, Station K, X =2538.0

Ames 7-04, a = 4.25
Boeing W27, a = 6.25
Boeing Ref H, a = 4.25

800.0

Fig 106. AIRPLANE pressure distributions and geometry for the baseline
: and optimized configurations, X=2538, station K, M=2.4, CL=0.12.
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AIRPLANE COMPUTATIONS OF REFERENCE H CONFIGURATIOI\
M=24,7=12456

Ames 7-04, a = 4.25
Boeing W27, a = 6.25
Boeing Ref H, a = 4.25

02 |

—
;:f" - S
———————

0.3 | ! I I I
1250.0 1500.0 1750.0 2000.0 2250.0 2500.0 2750.0

Y

Fig 107. AIRPLANE pPressure distributions and geometry for the baseline -
and optimized configurations, 2=124.56, M=2.4, CL=0.12.



'AIRPLANE COMPUTATIONS OF REFERENCE H CONFIGURATIONS
M=24,7Z=12456

10.0

0.0

-10.0 -

N 200

-30.0

400

\

-50.0 | A | | I
1250.0 1350.0 1450.0 1550.0 1650.0 1750.0

X

Fig 108. Leading edge of the Boeing W27 geometry.
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AIRPLANE COMPUTATIONS OF REFERENCE H CONFIGURATION
M=24,72=181.93

Ames 7-04, a = 4.25
Boeing W27, a = 6.25
Boeing Ref H, a = 4.25

0.1

(__,__
s —
0.3 { | |

1500.0 1750.0 2000.0 2250.0 2500.0 2750.0

Y

Fig 109. AIRPLANE pressure distributions and geometry for the baseline
and optimized configurations, 2=181.93, M=2.4, CL=0.12.



AIRPLANE COMPUTATIONS OF REFERENCE H CONFIGURATIONS
M=24,7=252.89

Ames 7-04, a = 4.25
Boeing W27, a = 6.25
Boeing Ref H, a = 4.25

-0.3
-0.2 +
0.1 +
|
5 oor
0.1 +
02
— ——— —————
—
0.3 | 1 | i 1
1600.0 1800.0 2000.0 2200.0 2400.0 2600.0 2800.0
Y

Fig 110. AIRPLANE pressure distributions and gecmetry for the baseline
and optimized configurations, 2=252.89, M=2.4, CL=0.12..
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AIRPLANE COMPUTATIONS OF REFERENCE H CONFIGURATION
M=24,7Z=32378

Ames 7-04, a = 4.25
Boeing W27, a = 6.25
Boeing Ref H, a = 4.25

-0.3

0.1

1800.0 2000.0 2200.0 2400.0 2600.0
Y

Fig 111. AIRPLANE pressure distributions and geometry for the baseline
‘ and optimized configurations, 2=323.78, M=2.4, CL=0.12.
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AIRPLANE COMPUTATIONS OF REFERENCE H CONFIGURATIONS
M=24,Z=473.00

Ames 7-04, a = 4.25
Boeing W27, a = 6.25
Boeing Ref H, a = 4.25

S oo f

02

0.3 ] i { I
2100.0 2200.0 2300.0 2400.0 2500.0 2600.0

Y

Fig 112. AIRPLANE pressure distributions and geometry for the baseline
’ and optimized configurations, 2=473.00, M=2.4, CL=0.12.
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AIRPLANE COMPUTATIONS OF REFERENCE H CONFIGURATION
M=24,7=598.81

Ames 7-04, a = 4.25
Boeing W27, a = 6.25
Boeing Ref H, a = 4.25

5 00

0.3 ! — '
2300.0 2400.0 2500.0 2600.0 2700.0

Y

Fig 113. AIRPLANE pressure distributions and geometry for the baseline
' and optimized configurations, Z=598.81, M=2.4, CL=0.12.
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REFH BASELINE, WING 704, WING 27S, WING/BODY
Test 1649, M = 2.4, RN = 4-million/ft., Langley 4 x 4

Baseline, Run14 - ------ Wing 704, Run 24
Baseline, Run 15~ --------... Wing 27s, Run 35
Baseline, Run 16 ... Wing 275, Run 36
------ Wing 704, Run 22 wreeeeeeee Wing 275, Run 37

______ Wing 704, Run 23

8.0

L/D

0.00 0.05 0.10 0.15 0.20 0.25 0.30
CL

Fig 114. Experimental lift/drag ratio of the two optimized and the
- baseline wing/body configurations, M=2.4, RN=4-million/ft.
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REFH BASELINE, WING 704, WING27S, W/B/N/D
Test 1649, M = 2.4, RN = 4-million/ft., Langley 4 x 4

Baseline, Runl1l =~----- Wing 704, Run 28
Baseline, Run 12~ ---rooeee Wing 27s, Run 40
—~————  Baseline, Run13 oo Wing 27s, Run 41
------ Wing 704, Run 26 wvecee---oo Wing 275, Run 42
------ Wing 704, Run 27
8.0
7.0 : gt P N e foonnmiereenneen,

6.0 . T

L/D

5.0 ........ e ,. ................ ................

4.0 : - - - —
0.00 0.05 0.10 0.15 0.20 0.25 0.30

CL

Fig 115. Experimental lift/drag ratioc of the two optimized and the
' baseline complete configurations, M=2.4, RN=4-million/ft.
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(CD Exp - CD AIRPLANE), COUNTS

(CD AIRPLANE - CD Exp), COUNTS

AIRPLANE/Experiment Drag Increments
M=24 CL=0.12

B wis

W we/ND

Fig 116. Drag increments between AIRPLANE and experiment at cruise

lif: for the two optimized and baseline configurations.

82 win

’ B w/B/N/D

SRS
BB
o

Fig 117. Drag increments between AIRPLANE and experiment at zero
lift for the two optimized and baseline configurations.
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Performance increments for Optimized Designs
M=24 CL=0.12

-7
7 P AHPLANE
0 :
£ -6 ; M Experiment
2 ;
[*] H
Q i
~ -5 :
r .
u. !
g !
w4
F4 !
- 1
“ f
< "3
o i
=) ?
o i
g7
o f
a i
o -1
0
7-04 (W/B) 7-04 (W/B/N/D) w27 (W/B) W27 (W/B/N/D)
Fig 118. Performance increments of the optimized configurations compared
with the baseline for AIRPLANE and experiment at cruise lift.
Nacelle Installation Drag Increments
M=24 CL=0.12 )
. B ARPLANE
m Experiment

(CD W/B/N/D - CD W/B), COUNTS
&n

Ref-H 7-04 w27

Fig 119. Drag increments due to nacelle installation for the two
optimized and baseline configurations at cruise lift.
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(CD Exp - CD AIRPLANE), COUNTS

AIRPLANE/Experiment Drag Increments
M=24 CL=012
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Fig 120. Drag increments between AIRPLANE and the re-computed experimental
data at cruise lift for the two optimized and baseline configurations.

967






Update to the
"Summary of Langley Unitary Test 1649 and its Implications
on Validity of Viscous and Inviscid Analyses"
Presentation in the HSR Aero. Config. Workshop
S. Yaghmaee
Boeing Commercial Airplane Group
Seattle Washington

The present report is meant to update the TLNSMB calculated results reported in the first
NASA/Industry Configuration Aerodynamics Workshop held at NASA Langley Research
Center. The update arises from the erroneous inclusion of the forces on the aft-body
section of the configurations when comparing the results to the experimental data.
Although, this update has little impact on the incremental data, it does considerably improve
the agreement in the absolute lift and drag levels. In particular, the calculated drag level is
now within a count of experimental data when corrected for the trip drag.

The enclosed report is intended to replace the report submitted in the workshop.
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Summary of Langley Unitary Test 1649 and its Implications
on Validity of Viscous and Inviscid Analyses
S. Yaghmaee and K. M. Mejia
Boeing Commercial Airplane Group
Seattle Washington

The primary objective of the NASA Langley UPWT Test 1649 was to provide accurate data
for the validation of computational optimization and design methodology, in particular the -
validation of the non-linear inviscid methods available in the late calendar year 1994 as -
applied to Reference H configuration by Boeing and NASA Ames. A secondary objective -
was to reduce the uncertainty with the effect of outboard leading edge, trailing edge, and the
body base bluntness on measured forces. The data was to be provided for wing/body and

wing, body, nacelle, and diverter configurations.

The test was successful in producing accurate force data. The polar for baseline Reference
H was repeated within 0.5 count of drag relative to earlier entries. For the current entry, the
polars were repeatable to within 0.5 counts of drag. The sharpening of the baseline
reference H configuration shaved a count of drag at cruise. The Boeing W27S
configuration showed a 0.2 count of drag reduction for wing/body configuration at cruise,
compared to 4.9 counts of drag reduction for Ames 704 configuration. The photos of
sublimation runs, although of poor quality, validate transition. The results are disappointing
with respect to the configuration designed by Boeing’s inviscid methodology. However, a
pretest viscous analysis compares very well with the experiment.

The Boeing methodology consists of an inviscid full-potential TRANAIR optimization
followed by a viscous validation analysis. In the design of W27S configuration the viscous
STUFF, a space marching Parabolized Navier-Stokes code, was used in the pretest
validation. Due to shortcoming of STUFF code in modeling configurations with nacelle
and diverter, it was decided to validate the TLNSMB multiblock thin layer Navier—Stokes
code. The ability to model more complex configurations with TLNSMB, allows a
consistent evaluation of drag increments due to various components. The TLNSMB
calculations for wing/body configurations, predicted the experimental drag increment within
a 0.5 counts in the lift range of interest, which is within experimental uncertainty band. The
STUFF calculated increments, however, are within one count of the experimental data, In
addition, the CPU time per modeling is reduced by switching form STUFF to TLNSMB

code.

The inviscid analysis in the nonlinear TRANAIR optimization can lead to geometries with
severe viscous/inviscid interaction at the wing/body juncture flow. The interaction can
significantly reduce the anticipated drag benefit of the optimized geometry. However, a
viscous analysis of the optimized geometry can validate the drag benefit with a high level of
confidence. Furthermore, a viscous inspired constraint on optimization, such as a limit on -
the magnitude of spanwise velocity, may help inviscid optimizer avoid potential pitfalls.
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BOEING 1st NASA/Industry HSR Config. Aero. Workshop

HSCT High Speed Aerodynamics E;

Objective

e Summarize the Unitary Test 1649.

« Cross-Validate Experimental Results with
Viscous and Inviscid Computational Tools.

Objective
To summarize the Langley unitary test 1649 and cross—validate the data
with viscous and inviscid computational results.
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BOEING 1st NASA/Industry HSR Config. Aero. Workshop %

HSCT High Speed Aerodynamics

Objective of Langley Unitary Test 1649

e Provide Accurate Data for the Validation of
Computational Optimization and Design
Methodologies.

« Particularly, The validation of Nonlinear Inviscid
Methods Available in 1994.

e Reduce Uncertainty about the Effect of OB LE
and Trailing Edge Bluntness.

Objective of Langley Unitary Test 1649

To provide accurate data for the validation of computational optimization and design
methodologies. In particular, the validation of nonlinear inviscid methods available
in 1994. A secondary objective was to reduce the uncertainty about the effects of
outboard leading edge, entire trailing edge, and body base bluntness on the measured
forces and moments.
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Configurations Tested

Wing/Body and Wing/Body/Nacelle/Diverter for
the Following Geometries

* The Baseline Reference H
o Ames 704
o Boeing W27S

. Sharpened Reference H

Configurations Tested

The baseline Reference H configuration tested earlier.

The NASA Ames optimized configuration 704.

The Boeing optimized configuration W278S.

The baseline Reference H model had a blunter outboard leading edge, entire trailing
edge,and the body base relative to other configurations. The Reference H model was
sharpened to specifications and tested to remove uncertainty about the effects of
bluntness on the incremental data.

All the geometries except for the last were tested with and without axisymmetric
nacelle/diverter combination.
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Experimental Setup

e A 1.675% Model of all Configui‘ations

« Model Sting Moun‘te‘d with Internal
Balance

o Trip Strip with Dot Height of 0.009" and
Spacing of 0.2"

« Mach No. of 2.4 and Model Reynolds No.
of 4 Million per foot

Experimental Setup

The models were 1.675% scale of the tested configurations. Models were sting
mounted with internal balance. Trip strips with dot height of 0.009" and spanwise
spacing of 0.2" was used on the wing. The flow conditions were Mach 2.4 and
model Reynolds number of 4 million per foot. The Reynolds number per mean
aerodynamic chord was 5.7636 million.
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Data Taken

 Forces and Moments

* Pictures of Sublimation Runs to Validate
Boundary Layer Transition by the Trip Strip

* Pictures of Surface Streamlines from Colored
Oil Flow Runs.

Data Taken

The forces and moments from the internal balance. Primarily interested in drag
polars.

Two type of flow visnalization were done. First, sublimation to inspect the
effectiveness of the trip strip to trigger transition and establish turbulent boundary
layer. Second, colored oil flow to display the surface streamlines. The photo of the
visualization were used to form a photo—cd album.
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Test to Test Repeatability

Drag Polar for W6B3 (Ref. K} Configuraticn in
Various Experiments in Unitary Tunnel
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Test to Test Repeatability

The Figure shows the drag polars for baseline Reference H configuration at three
tunnel entries(right ordinate). The repeated runs at all tunnel entries are merged to
form a single polar. The spreads, defined as deviation at constant lift, of individual
runs form the all inclusive polar are also shown(left ordinate). A positive increment
indicates a lower drag value for the particular test.

The drag level for test 1649 is consistently lower than other entries by 3 counts.

The entries 1625 and 1599 are at 3 million per Ft. while 1649 is at 4 million per Ft..
This accounts for an estimated 3.5 counts. Thus, the current entry repeats earlier
entries to a fraction of a count of drag when corrected for Reynolds number
difference.
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Lift Repeatability

Lift Curve for W6.1B3 (Sharpened Ref. H}
Configurationin Unitary Tunnel

f
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Lift Repeatability

This figure shows repeated and average lift curve for Reference H
configuration in the 1649 tunnel entry (right ordinate). The spread of data
from the average, defined as deviations at constant lift, is also shown (left

ordinate). The angle of attack is seen to repeat itself within 0.025°.
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Lift Repeatability, Cntd.

Lift Curve for W27S Configuration
in Unitary Tunnel
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Lift Repeatability, continued

This figure shows repeated and average lift curve for W27S configuration in
the 1649 tunnel entry (right ordinate). The spread of data from the average,
defined as deviations at constant lift, is also shown (left ordinate). The angle

of attack is seen to repeat itself within 0.025°.
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Lift Repeatability, Cncld.

Lift Curve for Ames 704 Configuration
in Unitary Tunnel
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Lift Repeatability, concluded

This figure shows repeated and average lift curve for Ames 704
configuration in the 1649 tunnel entry (right ordinate). The spread of data
from the average, defined as deviations at constant lift, is also shown (left

ordinate). The angle of attack is seen to repeat itself within 0.025°.
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Polar Repeatability

Drag Polar for W6.1B3 (Sharpened Ref. H)
Configuration in Unitary Tunnel
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Polar Repeatability

This figure shows repeated and average drag (right ordinate) polar for
sharpened Reference H configuration in the unitary 1649 tunnel entry. The
spread of data from average (left ordinate), defined as deviation at constant
lift, is also shown (left ordinate). The drag shows a spread of half a count for

lift range of interest.
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Polar Repeatability, Cnid.

Drag Polar for W275B27S Configuration in
Unitary Tunnel
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Polar Repeatability, continued

This figure shows repeated and average drag (right ordinate) polar for
sharpened W27$ configuration in the unitary 1649 tunnel entry. The spread
of data from average (left ordinate), defined as deviation at constant lift, is
also shown (left ordinate). The drag shows a spread of half a count for lift
range of interest.
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Polar Repeatability, Cncid. .

Drag Polar for W704B704 Cantiguration
in Unitary Tunnel Test 1649
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‘Polar Repeatability, concluded

This figure shows repeated and average drag (right ordinate) polar for
sharpened Ames 704 configuration in the unitary 1649 tunnel entry. The
spread of data from average (left ordinate), defined as deviation at constant
lift, is also shown (left ordinate). The drag shows a spread of half a count for
lift range of interest.
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Sharpening Increment

Drag Polar for WEB3{Ref. H) Configuration
in Unitary Tunnel Test 1649
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Sharpening Increment

The figure shows the drag polar for the baseline Reference H and the Ref. H
sharpened to specifications (right ordinate). Also shown is drag benefit at
constant lift due to sharpening (left ordinate). A positive value represents a
drag improvement. The drag benefit is seen to increase linearly with lift and at
cruise is one count.
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Ref. H Sublimation Run

Ref. H Sublimation Run

This photo shows the sublimation run for the upper surface of the outboard wing
of Ref. H configuration. The effect of the trip strip is accentuated by removal of
one dot. The photo strongly suggests that the boundary layer on that part of
surface is tripping. There are no clear picture of sublimation for the other
segments of the wing, however, the engineers who staffed the test reported
successful transition for all configurations.
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W27S Sublimation Run

OISR S

W27S8 Sublimation Run

This photo shows the sublimation run for the upper surface of the outboard wing
of W27S configuration. The effect of the trip strip is accentuated by removal of
one dot. The photo strongly suggests that the boundary layer on that part of
surface is tripping. There are no clear picture of sublimation for the other
segments of the wing, however, the engineers who staffed the test reported
successful transition for all configurations.
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Ames 74 ublimation Run

Ame

dustry HSR Config. Aero. Workshop E

s 704 Sublimation Run

This phbto shows the sublimation run for the upper surface of the outboard wing

of Ames 704 configuration.

The effect of the trip strip is accentuated by removal

of one dot. The photo strongly suggests that the boundary layer on that part of
surface is tripping. There are no clear picture of sublimation for the other

segments of the wing, howev

er, the engineers who staffed the test reported

successful transition for all configurations. The was some concem about
transition on the inboard upper surface of this configuration.
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Analysis Tools

« Earlier Design Used TRANAIR Inviscid Optimization
with Viscous Validation with STUFF Code.

« The New Procedure is to Replace the STUFF Code
with TLNSMB for Viscous Validation.

Analysis Tools

In the previous design which led to W27S configuration, TRANAIR was used as
the inviscid optimization code and the STUFF code as the viscous validation
tool. The TLNSMB code will replace the STUFF code in the viscous validation

process.
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STUFF Calculations

* Developed by Molvic and Merkle for Modeling of
Supersonic and Hypersonic Flows.

« Utilizes a 3D Finite Volume Space Marching TVD
Scheme to Integrate the PNS Equations.

* Used in Pre-test Viscous Estimation of Wing/Body
-Configuration by G.A. Blom of BCAG.
Baldwin-Lomax Turbulence Model

Planes of 156 Circumferential by 60 Normal Cells
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Sample STUFF Grid and Solution

Total Pressure >
11.50 .
3.82
= : - ‘)‘ 14
N
g

Sample STUFF Grid and Solution

This figure shows a portion of planar PNS grid, at several streamwise stations,
colored by the value of total pressure. Regions of low total pressures highlight

the boundary layer.
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TLNSMB Code

o Multi-Block Thin Layer Navier-Stokes Solver
Developed by V. Vatsa

« Utilizes Implicit Residual Smoothing, Multigrid,
and Mesh Sequencing to Enhance Convergence.

o Less CPU time than STUFF Calculation

e Preferred BCAG NS Code

Allows a Consistent Approach to the Evaluation
of Drag Increments.

e Improves the Physics Relative to PNS Codes.
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TLNSMB Calculations

* The Field Was Divided into Four Blocks.
e Each Block Was Discretized with "H" Grid.
» There Was a Total of Nearly Two Million Cells.

. Turbulént Flow Modeling with the Spalart-Alimaras
Model

* Calculations were Performed with the Assistance of
T.J. Kao and N.J. Yu.
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Surface Streamlines, W27S

Surface Streamlines, W27S

This figures show experimental and computational surface streamlines for W27S
configuration, where excellent qualitative agreement is observed.



BOEING 1st NASA/Industry HSR Config. Aero. Workshop - g

HSCT High Speed Aerodynamics

Surface Streamlines, Ames 704

Surface Streamlines, Ames 704

This figures show experimental and computational surface streamlines for Ames
704 configuration, where excellent qualitative agreement is observed.
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Lift Level Validation, Ref. H

Experimental and Viscous Prediction of
"o Lift Curve for Ref. H, w
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Lift Level Validation, Ref. H

This figure shows the experimental( solid line) and calculated (symbols) lift
curves (right ordinate). The open symbols are viscous STUFF and the solid
symbols are viscous TLNSMB results. Also shown on the plot is the difference
in angle attack between experimental and calculated curves at constant lift (left
ordinate). The TLNSMB calculations show a difference within +0.02 degrees of
experimental angle of attack, and is almost zero at cruise lift. The STUFF

calculations show a difference of 0.059 at cruise lift,
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Lift Level Validation, W27S |

Experimental and Viscous Prediction of
Lift Curve for W27S Cenfiguration
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Lift Level Validation, W27S

This figure shows the experimental( solid line) and calculated (symbols) lift
curves (right ordinate). The open symbols are viscous STUFF and the solid
symbols are viscous TLNSMB results. Also shown on the plot is the difference
in angle attack between experimental and calculated curves at constant lift (left
ordinate). The TLNSMB calculations show a difference of 0.030 at cruise lift.

The STUFF calculations show a difference of 0.090 at cruise lift.
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Lift Level Validation, Ames 704

Experimental and Viscous Prediction of
e Lift Curve for Ames 704 Configuration
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Lift Level Validation, Ames 704

This figure shows the experimental( solid line) and calculated (symbols) lift
curves(right ordinate). The open symbols are viscous STUFF and the solid
symbols are viscous TLNSMB results. Also shown on the plot is the difference
in angle attack between experimental and calculated curves at constant lift (left

ordinate). The TLNSMB results show a difference of 0.059 at cruise lift. The
STUFEF results show a difference of 0.139 at cruise lift.



BOEING 1;1 NASA/Industry HSR Conlfig. Aero. Workshop %
HSCT High Speed Aerodynamics

Drag Level Validation, Ref. H

Prediction of Absolute Level Drag Polar
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Drag Level Validation, Ref. H

This figure shows the experimental( solid line) and calculated (symbols) drag
polars. The open symbols are viscous STUFF and the solid symbols are viscous
TLNSMB results. The symbol "R" shows Inviscid TRANAIR plus flat plate

skin friction. Also shown on the plot are the differences in drag between
experimental and calculated curves at constant lift (left ordinate) for all codes.
The adjusted TRANAIR results underpredict the drag. The TLNSMB results
underpredict the drag within 3.75 counts of drag for lifts levels up to 0.12 ( cruise
for wing/body is at 0.107). The trip drag, estimated to be between 1 and 3
counts, is a large part of the difference between TLNSMB and experiment. The
STUFF code overpredicts the drag by 0.75 count at cruise lift.
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Drag Level Validation, W27S

Prediction of Drag Polar for W27S Configuration
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Drag Level Validation, W27S

This figure shows the experimental( solid line) and calculated (symbols) drag
polars. The open symbols are viscous STUFF and the solid symbols are viscous
TLNSMB results. The symbol"W" shows Inviscid TRANAIR plus flat plate
skin friction. Also shown on the plot are the differences in drag between
experimental and calculated curves at constant lift (left ordinate) for all codes..
The adjusted TRANAIR results underpredict the drag by a considerably larger
value compared to Ref. H. The TLNSMB results underpredict the drag by 3.9
counts at cruise lift. The STUFF results underpredict the drag by 0.75 counts at
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Drag Level Validation, Ames 704

Prediction of Drag Polar for AMES 704 Configuration
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Drag Level Validation, Ames 704

This figure shows the experimental( solid line) and calculated (symbols) drag
polars. The open symbols are viscous STUFF and the solid symbols are viscous
TLNSMB results. Also shown on the plot are the differences in drag between
experimental and calculated curves at constant lift (left ordinate) for all codes.
The TLNSMB results underpredict the drag by 3.75 counts at cruise lift. The
STUFF results exactly predict the drag at cruise lift.
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Drag Increment Validation

Prediction of Drag Reduction
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Drag Increment Validation

This figure shows the experimental( solid line) and calculated (symbols) drag
polars for W27S and Ref. H wing/body configurations. The open symbols are
viscous STUFF and the solid symbols are viscous TLNSMB results. The
symbol"W" shows Inviscid TRANAIR plus flat plate skin friction. Also shown
on the plot are the calculated and experimental increment in drag between W27S
and Ref. H. A positive value is drag reduction. The experimental data show a
drag improvement of 0.2 count at cruise lift. The TRANAIR results
overestimate the drag benefit of W27S. The TLNSMB code is within 0.1 count
of the experimental increment for lifts levels upto 0.15 which includs the cruise
point. The STUFF code has similar agreement as TLNSMB for lift levels upto
0.05, however, at cruise STUFF results overestimate the drag benefit by a count .
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Drag Increment Validation, Cncld.

Prediction of Drag Aeduction
for AMES 704 Configuration
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Drag Increment Validation, concluded

This figure shows the experimental( solid line) and calculated (symbols) drag
polars for Ames 704 and Ref. H for wing/body configurations. The open
symbols are viscous STUFF and the solid symbols are viscous TLNSMB results.
Also shown on the plot are the calculated and experimental increments in drag
between Ames 704 and Ref. H. A positive value is drag reduction. The
experimental data show a drag improvement of 4.9 counts at cruise lift. The
TLNSMB calculated increment is generally within a 0.2 counts of the
experimental value. At lower lift value the agreement deteriorates to one count
at CL of 0.05. At the cruise point, the TLNSMB calculated increment is 4.5
counts. The STUFF calculated increment is generally within 2 counts of the
experimenal value. At cuise, STUFF estimates a 5.3 count drag reduction.
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TRANAIR Calculated Cp, Ref. H

Body

Inboard Upper Surface - CL=.1057

CL=0.120 CL=0.1575

TRANAIR Calculated Cp, Ref. H

The figures show the inboard wing upper surface geometry (top left), where the
side of body and the leading edge have been labeled. The other plots show the
"—Cp" distribution imposed on the planform of the geometry. A section cut of
this surface creates the familiar Cp vs. X plot. The leading edge expansion and
the shock wave are easily identifiable. The shock wave is seen to become
stronger with increasing lift.
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HSCT High Speed Aerodynamics -

TRANAIR Calculated Cp, W27S

a) Inboard Upper Wing Surface " b) Pressures at CI=0.1075

¢) Pressures at C1=0.120 d) Pressures at C1=0.1575

TRANAIR Calculated Cp, W27S

The figures show the inboard wing upper surface geometry (top left). The other
plots show the "~Cp" distribution imposed on the planform of the geometry. A
section cut of this surface creates the familiar Cp vs. X plot. The leading edge
expansion and the shock wave are easily identifiable. At the highest lift level a
strong shock is clearly identifiable. At lower lift levels,a sequence of two weak
shocks is observed. This double shock structure is not present in the viscous
calculation. This suggest that the corner boundary layer and the double shock
wave strongly interact, that led to viscous losses.
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TRANA

IR Calculated Cross Flow

Reference

H -W27s

TRANAIR Calculated Cross Flow

The figures show the ma

gnitude of the spanwise velocity distribution imposed on

the planform of the inboard upper surface wing geometry for Reference H and

W27S geometries. This

component of velocity clearly stands out at the side of

body for the W27S configuration, suggesting that it maybe a suitable candidate
to be limited via a constraint on optimization.
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TRANAIR Calculated Peak Cross Flow

The Streamwise Varkation of Normallzed Cross Flow Velocitles
o.08 for Reference H, W27S, and A704 Conflguraylons
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TRANAIR Calculated Peak Cross Flow

The figures show the streamwise variation of normalized magnitudes squared of
spanwise, vertical, and total cross flow velocities at Wing Buttock Line of 130
inches. This section corresponds to the location of peak cross flow shown in the
previous plot. The data shown are for Reference H, W278S, and Ames 704
configuration. The spanwise velocity for W27S configuration has two maxima,
while the Ref. H and Ames 704 have a single maximum. The magnitude of the
spanwise velocity for W27S at peak locations is higher than the maxima for the
other two configurations. The normal component of velocity shows a well
behaved variation for all configurations. The total cross flow velocity variations
are dominated by spanwise component of velocity. The magnitude of spanwise
component of velocity was chosen to form a constraint.
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HSCT High Speed Aerodynamics

Conclusions, Experiment

* The Unitary 1649 Test Objective Was Met.

* Polar is Repeatable to 0.5 Count of Drag Relative to
Earlier Entries.

* The Lift Curve is Repeatable to within 0.050 jn
Incidence. :

e The Polar is Repeatable to within 0.5 Counts of Drag.

* Sharpening OB L.E, s T.E., and Body Base Shaved g
Count of Drag at Cruise,

* Boeing’s W27S Showed 0.2 Count Drag Reduction at
Cruise for Wing/Body Configuration.

* Ames 704 Showed 4.9 Counts Drag Reduction at
Cruise for Wing/Body Configuration.
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HSCT High Speed Aerodynamics

Conclusions, Computational

« Inviscid Optimization May Lead to Severe
Viscous/Inviscid Interaction at Wing/Body Juncture.

« A Limit on Spanwise Velocity Magnitude may be a
Simple and Effective Viscous Inspired Constraint.

« Viscous Analysis for Wing/Body Configurations
Compares Very Well with the Experiment.

e TLNSMB Predicts the Increments Better Than STUFF.

« Lift Curve is within 0.059 in Incidence of Exp. Data.
~« Drag Polars is within 3 Counts of Exp. Data.

o Drag Increment is Generally within 0.5 Counts of Exp.

Data.
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Supersonic Aerodynamic Design
Improvements of an Arrow-Wing
HSCT Configuration Using
Nonlinear Point Design Methods

Eric R. Unger
James O. Hager
Shreekant Agrawal

McDonnell Douglas Aerospace
Long Beach, California

First NASA/Industry HSR Configuration Aerodynamics Workshop
February 27-29, 1996
NASA Langley Research Center, Hampton, VA

This paper is a discussion of the supersonic nonlinear point design optimization
efforts at McDonnell Douglas Aerospace under the High-Speed Research (HSR)
program. The baseline for these optimization efforts has been the M2.4-7A
configuration which represents an arrow-wing technology for the High-Speed Civil
Transport (HSCT). Optimization work on this configuration began in early 1994 and
continued into 1996. Initial work focused on optimization of the wing camber and twist
on a wing/body configuration and reductions of 3.5 drag counts (Euler) were realized.
The next phase of the optimization effort included fuselage camber along with the wing
and a drag reduction of 5.0 counts was achieved. Including the effects of the nacelles
and diverters into the optimization problem became the next focus where a reduction of
6.6 counts (Euler W/B/N/D) was eventually realized. The final two phases of the effort
included a large set of constraints designed to make the final optimized configuration
more realistic and they were successful albeit with a loss of performance.
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Outline

e Background

* Design methods

* The Opt5 design effort

The Opt5-A and Opt6 design efforts
* Conclusions

The presentation of this material is broken down into five major categories. The
first of these is the background of MDC’s wing design optimization efforts and the
objectives of the efforts as related to the HSR plan. Next there is a quick look at MDC’s
current optimization system (MDO3D) which is similar in format to the various tools
used for the optimization efforts. The next two sections are focused on the results of
the study with the bulk of the material focused on the M2.4-7A Opt5 configuration which
was tested in NASA Langley’s UPWT supersonic 4’ tunnel (the results of which will be
presented later by Robert Narducci). Finally, some conclusions from the study will be
presented that will summarize the optimization results to date.
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Objectives

» Conduct systematic applications of the emerging non-
linear aerodynamic design optimization methods to the
M2.4-7A Arrow-wing configuration

e Conduct performance assessments of the M2.4-7A
Arrow-wing configurations

e Define HSR HSCT g‘eometry for wind-tunnel test
verification

This effort was concerned with the development of methods to be used in
optimization tasks in aerodynamic design and integration studies. The objective of this
HSR effort was to adapt, assess, validate, and select nonlinear CFD methods in the
application of supersonic cruise point design optimization of HSCT configurations. The
results of this study were then to be used to make recommendations on methods most

_suitable for the HSCT design activities along with a configuration to be used for a wind-
tunnel test.
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MDC Arrow-Wing Design History

HSR CA

(ws ) | (mae7aBaseine arowwing) | IMprovements (wrt baseline):

| Opt1: 3.5 cnts (Euler W/B)
Opt2: 5.0 cnts (Euler W/B)

Opt3: 3.5 cnts (Euler W/B/N/D)
L& Agh-Lift Model Opt4: 6.0 cnts (Euler W/B/N/D)

+ LE Radivs Opt5: 2.5 cnts (Euler W/B)

Ort3 4.5 cnts (N-S W/B)

6.6 cnts (Euler W/B/N/D)
High-Speed Mode Opt5-A: 6.0 cnts (Euler W/B/N/D)
Opt6: 6.5 cnts (Euler W/B/N/D)

W/B w/
Nacelle Effects

J

Opts-A

The history of MDC's optimization efforts is shown in this chart. It began as a collaborative effort with
NASA Ames Research Center in the optimization of the W4 configuration which represented the
technology for a high-speed transport developed in the late 1970’s. The outcome of the optimization effort
was the W5 configuration which yielded a significant reduction in supersonic cruise drag over the W4
configuration, verified through wind-tunnel tests. The success of this initial effort provided the confidence
for it to be applied to the HSR Configuration Aerodynamics (CA) design efforts at MDA.

‘The baseline configuration for the new studies was the M2.4-7A arrow-wing which represents a full
configuration, not just a technology demonstrator. Wing/body optimization on this configuration began
early 1994 and yielded the Opt1 configuration. The wing camber and twist were the only design variables
active at this time while camber design for the fuselage had to wait until the Opt2 configuration. The Opt1
design yielded an improvement of 3.5 counts (W/B Euler) and the Opt2 yielded an improvement of 5.0
counts (W/B Euler). Note that a high-lift wind-tunnel model was built utilizing the Opt2 configuration with
the addition of a much larger leading-edge radius.

Early in the Fall of 1994, wing/body optimization with nacelle/diverter effects began. The initial design
for this effort was started from the M2.4-7A baseline while another configuration was initiated with the
Opt2 configuration. The outcome of these efforts was the Opt3 and Opt4 configurations. The Opt4
showed considerably better performance, a 6.0 count drag reduction versus a 3.5 count reduction, despite
the fact that a much larger leading-edge radius was also placed on this design. From the Opt4
configuration, another design optimization was performed (with updated nacelle effects), and the Opt5
configuration was generated and lofted for the high-speed wind-tunnel model. This configuration yielded
about a 6.6 count reduction in drag over the baseline.

The final two configurations generated were the Opt5-A design which tested the impact of realistic
fuselage/cabin constraints, and the Opt6 design which included these new constraints, but also allowed
for some thickness variation on the wing.



Three-View of MDA HSCT M2.4-7A Configuration |

» Cruise Mach no. = 2.4

¢ Range = 5000 n.m.

* 300 passengers I 'ﬁ's'
e MFTF nacelles - —_ —"
 Landing gear fairing ] : =t T ELEL = T L
N
s 8
=3

The MDA M2.4-7A configuration layout is shown. This aircraft is a full configuration
that meets the mission requirements by holding 300 passengers and having a range of
5000 nm. This configuration uses very large mixed-flow turbofan (MFTF) engine
nacelles which dominate the flow characteristics on the lower surface of the wing (the
Boeing Ref. H configuration uses much smaller nacelles). Note that this configuration
does have a significant landing-gear fairing on the lower portion of the wing that was not
included in the optimization efforts due to the optimization analysis capabilities present
at that time. The results of this optimization follow.

1013



MDC M2.4-7A Wing Optimization

Opt5 Configuration Design
* FLO67(WBGRID)/QNMDIFF Euler design code with nacelle
effects, optimization of all variables at once (started at Opt4)

e Camber

— 4 distinct variables per span station, 7 stations on the wing (entire wing)
— 8 distinct design variables on the fuselage
— perturbations linearly lofted between design stations

o« Twist

— 1 design variable per span station, 8 stations on the wing
— trailing edge fixed
— perturbations linearly lofted between design stations

* Constraints

— lift and pitching moment coefficients
— cabin height
— planform nearly fixed

This slide shows the details and background of the previously mentioned Opt5
configuration. This design used the FLO67(WBGRID)/QNMDIFF Euler design code
with optimization of all variables simultaneously. The focus of this particular design was
a second iteration of the wing and fuselage camber optimization with the effects of
nacelles and diverters included. This design used the Opt4 configuration as a starting
point and placed constraints on the cabin height and on the lift and pitching moment (as
was the case with the Opt4 configuration). Note that the constraint of the pitching
moment was not very strict and there was a moderate shift of the Cwmo curve as a result
of the optimization.
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Lift Coefficients for the Baseline and Optimized
M2.4-7A Wing/Body Configurations
CFL3D, M_=2.4, Forces Integrated to FS3280
'l’”!["!![-'"7"[":.,‘!_r’!"_f.f,,,!.“f,,

018 N s M2.4-7A (N-S; Baldwin-Lomax)
[{ - - - - - Opt5 (lofted; N-S; Baldwin-Lomax)
016 H o M2.4-7A (Euler)

[| - - -0 - - Opt5 (lofted; Euler)
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0.10

0.08 |
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Lift curves from CFL3D Euler and Navier-Stokes analysis of the M2.4-7A Baseline
and Opt5 (lofted) wing/body configurations are shown. For both the Euler and Navier-
Stokes analysis, the slope of the lift curve has been for the Opt5. At this time, the
driving mechanism for this phenomenon is still not fully understood, although the
increased leading-edge suction of the optimized configurations may play a significant
role. As expected, the Navier-Stokes analysis on both configurations yielded a lower lift
curve slope than the corresponding Euler analysis.
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Drag Polars for the Baseline and Optimized

M2.4-7A Winngody Configurations
CFL3D, M_=2.4, Re_=4. 1x10°, Forces Integrated to FS3280
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Drag polars from CFL3D Euler and Navier-Stokes analysis of the M2.4-7A Baseline
and Opt5 (lofted) wing/body configurations are shown. With Euler analysis, the
optimized configuration shows a 2.5 count reduction in cruise drag (C.=0.10) over the
baseline M2.4-7A design when the forces are integrated to x=3280" (note that this is
with a flat-plate skin friction estimate of 61.8 counts for each configuration). With
Navier-Stokes analysis, there is an unexpected result that gives a cruise drag reduction
of about 4.5 counts for the optimized configuration. This increase in the drag difference
between the two configurations is due to a reduction in friction drag (see next slide) for
the optimized configuration despite the fact that this configuration has more wetted
surface area than the baseline. Note that a separate flat-plate skin friction estimate for
the Opt5 configuration actually predicts more friction drag (62.5 counts) than that of the

baseline.



Friction Drag for the Baseline and Optimized
M2.4-7 A Wing/Body Configurations
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Friction drag from CFL3D Navier-Stokes analysis of the M2.4-7A Baseline and
Opt5 (lofted) wing/body configurations are shown. As previously mentioned, there is a
reduction in friction drag of about 2 counts for the optimized configuration (although not
shown here, this result also holds true for a Reynolds number of 2.0x1 OB/ft). The
present explanation for this reduction is that the optimized configuration has a
considerably larger region of an adverse pressure gradient (near the wing leading edge)
than the M2.4-7A Baseline configuration. Note that the flat-plate skin friction estimate -
(Res=4.1x1 0°) is considerably higher than the Navier-Stokes predictions.
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Lift-to-Drag Ratios for the Baseline and Optimized
M2.4-7A Wing/Body Configurations
CFL3D, M_=2.4, Re_=4.1x10°%, Forces Integrated to F$3280
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0.08  0.10
Lift Coefficient, C,_

Lift-to-drag ratio cﬁrves from CFL3D Euler and Navier-Stokes analysis of the
M2.4-7A Baseline and Opt5 (lofted) wing/body configurations are shown. Once again
the performance gains in the optimized configuration are clearly shown. Note that the

CL at (L/D)max is somewhat less for both Euler analyses due to the poor estimation of
friction drag from flat-plate analysis.
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Pitching Moments for the Baseline and Optimized

M2.4-7A Wing/Body Configurations
CFL3D, M_=2.4, Re_=2x10°, Forces Integrated to F$3280
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Pitching moment coefficients from CFL3D Euler and Navier-Stokes analysis of the
M2.4-7A Baseline and Opt5 (lofted) wing/body configurations are shown. As previously
mentioned, the constraint on the pitching moment was not strictly enforced and we see
considerable shifting in the curves (although we see very little change in shape). For
both the Euler and Navier-Stokes analyses, the optimized configuration generates more
nose-up pitching moment which is generally considered good as it requires the tail to
produce more lift for trim.

1019



Comparison of Pressure Distributions from CFL3D N avier-Stokes Calculations for the
c M2.4-7A Baseline and the Opt5 Wing/Body Configurations (Rec=4x106, Baldwin-Lomax)
P .

M_=2.4, a=1.9°
= 129

Baseline M2.4-7A
- - - Opt5 Configuration
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12%
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Pressure distributions from CFL3D Navier-Stokes analysis on the M2.4-7A Baseline
and Opt5 (lofted) wing/body configurations are shown. The optimized configuration has
much higher loading at the leading edge and a generally more even pressure
distribution on the upper surface. Note that the optimized configuration also exhibits a
much larger region of an adverse pressure gradient over the inboard portion of the
wing. This adverse gradient has the effect of lowering the local skin friction for the
configuration. Too much of an adverse gradient would lead to flow separation, although
none is present for these cases.
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Local Drag Contours on the Baseline M2.4-7A

Wing/Body Configuration
CFL3D Navier-Stokes, Baldwin-Lomax
M..=2.4; 0=1.9°; Rec=4.1x10%

Top

Side
(wing not shown)

e e T

e A R o s g s Botto

Local drag contours on the M2.4-7A Baseline configuration are shown. The
purpose of this slide is to illustrate regions of the wing/body surface where a large (or
small) amount of drag exists. Of the most interest for these optimization efforts are the
regions of negative drag (thrust) that occur near the leading-edge of the wing. A white
contour line marks the boundary of the thrusting region for this and the following
contour plots. This line indicates that the thrusting region for the baseline configuration
occupies a narrow band very near the wing leading edge that extends from the
wing/body junction to the wing break. This leading-edge thrust is caused by low
pressure flow acting over forward facing surfaces. Generally, any improvements in
leading-edge thrust will increase the overall performance of the aircraft. Therefore, we
would hope that any optimization effort would increase the size and intensity of leading-
edge thrust. Also note that there is a small region of thrust on the body surface near
the wing trailing edge. Please see the next slide for a similar plot of the optimized
configuration.

1021



1022

Local Drag Contours on the M2.4-7A Opt5
Wing/Body Configuration
CFL3D Navier-Stokes, Baldwin-Lomax
M..=2.4; 0=1.9"; Rec=4.1x106

Side
{wing not shown)

Local drag contours on the M2.4-7A Opt5 configuration are shown. This slide is a
follow-on to the previous one and demonstrates that the optimization process did in fact
increase both the size and intensity of the thrusting portion of the wing. One can see
that the leading-edge thrust is even closer to the wing leading edge and extends from
the wing/body junction to beyond the wing break, where a small region extents almost
to the wing midchord. It is also clear that the intensity of the thrust is greater on the
optimized configuration (although this may be difficult to see on a black-and-white
reproduction). The small thrusting region on the body near the wing trailing edge is still
present on the optimized configuration and it is slightly larger than before. If one also
looks at the lower-wing surface on the optimized configuration, it appears that the drag -

on the leading edge (lower surface) has been slightly reduced.




Lift Coefficients for the Baseline and Optimized
M2.4-7A Wing/Body/Nacelle/Diverter Configurations
CFL3D, Euler, M_=2.4, Forces Integrated to FS3280
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Lift curves from CFL3D Euler analysis of the M2.4-7A Baseline and Opt5 (lofted)
wing/body/nacelle/diverter configurations are shown. As with the wing/body analysis
case, the slope of the lift curve is larger for the Opt5. Once again, the driving
mechanism for this phenomenon is still not fully understood, although the increased
leading-edge suction of the optimized configurations may play a significant role.
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Pressure Drag Polars for the Baseline and Optimized

M2.4-7A Wing/Body/Nacelle/Diverter Configurations
CFL3D, Euler, M_=2.4, Forces Integrated to F53280
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Pressure drag polars from CFL3D Euler analysis of the M2.4-7A Baseline and Opt5
(lofted) wing/body/nacelle/diverter configurations are shown. The optimized
configuration shows a 6.6 count reduction in cruise pressure drag (C.=0.11) over the
baseline configuration when the forces are integrated to x=3280".
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Pressure Distributions for the Baseline and Opt5 M2.4-7A

Ce Wing/Body/Nacelle/Diverter Configurations o
-0.15 .
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Pressure distributions from CFL3D Euler analysis on the M2.4-7A Baseline and
Opt5 (lofted) wing/body/nacelle/diverter configurations are shown. The optimized
configuration has much higher loading at the leading edge and a generally more even
pressure distribution on the upper surface. Note that the large expansion that was seen
on the wing/body analysis of the Opt5 configuration on the lower surface near the
trailing edge is not as evident on the inboard section. The strength of the outboard
nacelle/diverter shock was reduced mainly by reducing the diverter height. This
reduced height was possible because the optimized wing/body allowed an improved
nacelle integration. Note that the upper surface flow is unaffected by the presence of
the nacelles and diverters (as it should be) thus preserving the increased adverse
pressure gradient region shown in the wing/body configuration solutions. Therefore,
there is good reason to believe that the reduction in skin friction indicated by the
wing/body Navier-Stokes analysis would also hold true for the
wing/body/nacelle/diverter configuration.
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Pressure Drag Breakdown for the M2.4-7A
Baseline and Opt5 Configurations
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A pressure drag breakdown for M2.4-7A Baseline and Opt5 configuration are
shown. Such a breakdown is useful to determine where the optimization process made
improvements and design trade-offs. As indicated in the slide, the optimizer removed
almost 6 counts of drag from the wing alone, and surprisingly, the body gained about 3
counts of drag. This is clearly a trade-off where fuselage performance was sacrificed
to further improve the wing. The case also illustrates how important it is to optimize the
wing and the fuselage simultaneously. Also shown in the slide is the fact that the drag
on the inboard nacelle and diverter was virtually unchanged while the drag on the
outboard nacelle and diverter decreased by about 3.5 counts. Note that the drag
reduction on the outboard diverter can mostly be attributed to the manual shortening of
that diverter height which was possible due to the favorable modifications of the wing
lower surface.



Optimization of Wing and Fuselage
with Fuselage Constraints

* Opt5-A Configuration Design (Fuselage Deck Modification)

* FLO67(QGRID)/ADS Euler design code with nacelle effects,
optimization of all variables at once (started at Opt5 design)

e Camber

— 5 distinct variables per span station, 7 stations on the wing (entire wing)
— 9 distinct design variables on the fuselage
— perturbations linearly lofted between design stations

e Twist

— 1design variable per span station, 8 stations on the wing
— trailing edge fixed
— perturbations linearly lofted between design stations

* Constraints

— lift and pitching moment coefficients
— deck angles, cabin and cargo bay heights
— spanwise wing surface curvature

Beyond Opt5, the first optimization study, Opt5-A, was focused on studying the
impact of much more realistic constraints on the fuselage deck. The initial design for
this study was the M2.4-7A Opt5 configuration and the optimization took place utilizing
the FLO67-based design code with the QGRID grid generator and the ADS optimizer.
The design variables for this case were wing twist and camber (although only the twist
alone results will be presented here), fuselage camber, deck placement variables, and
wing plunge. The constraints for this case consisted of lift and pitching moment
limitations, fuselage deck angles, cabin and cargo bay heights, and spanwise wing
curvature. The constraints on wing curvature were put in place when initial results gave
unacceptable geometries.
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lllustration of Fuselage Deck Layout Constraints
(M2.4-7A Configuration)

}-——Segment #1 —ste————— Segment #2 % Segment #3 ——-l

Deck Placement #1 > 12"
Cabin Height > 90"
Cargo Height #2 > 92"
Deck Placement #4 > 28"

Dack Placement #2 > 82"
Cargo Height #1 > 92"

Deck Placement #3 > 70"

Wing TE Clearance > 12*

N
A
3
g
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S
&
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© Denotes deck break locations

All deck angles must be < 2.0°
(w.rt. WRP)

Vertical dimensions not to scale

A graphical representation of the fuselage constraints is shown.
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Impact of Fuselage Constraints on Design

_ Initial Configuration (M2.4-7A Opt5)

New Configuration (Opt5-A)

Deck Angle Convergence Histories Cabin and Cargo Clearance Heights

9.55 4.00k :{ —=——Forward Deck Cabin Height
= ¢ ——+——Mid Deck 110.0}— Fore Cargo
8 9.50 2 4 00l —oe— Aft Deck = || —e— AftCargo
o 23 £ k. el
o) _ = o,

To45 < 2.00} £100.0—
5 5o %
59.40 0 1.00 I goo
= 9.35 0.00 o -
. S TR “i 80.0 — - . - N ) -
1 5 6 7 0 1 2 3 4 5 6 7

Cycle Number Cycle Number Cycle Number

The details for the Opt5-A optimization are shown. The lower three plots illustrate
the convergence of the objective function and the most critical constraints. Note that all
of the constraints are satisfied by the fifth cycle and that the objective function (L/D)
smooths out at that point. The upper figure shows the significant impact of the new
fuselage deck constraints on the final design. Unfortunately, a 1% loss of performance
in supersonic cruise L/D was required to meet the constraints on the fuselage.
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Thickness Optimization of Wing and Fuselage

Opt6 Configuration Design (Wing Thickness Modification)

* FLO67(QGRID)/ADS Euler design code with nacelle effects,
optimization of all variables at once (started at Opt5-A design)

e Camber & Thickness

— Used Hick’s functions & polynomial shape functions

— 5 distinct variables per span station, 7 stations on the wing (entire wing)
— 9 distinct design variables on the fuselage

— perturbations linearly lofted between design stations

e Twist ,
— 1 design variable per span station, 7 stations on the wing

- trailing edge modified with 7 design variables along wing
— perturbations linearly lofted between design stations

¢ Constraints
— lift and pitching moment coefficients
— deck angles, cabin and cargo bay heights

~ forward door clearance
-~ spanwise wing surface curvature

The second optimization study in this effort, Opt6, was focused on studying the
impact of allowing the wing thickness to be modified during optimization. The initial
design for this study was the M2.4-7A Opt5-A configuration and the optimization took
place utilizing the FLO67-based design code with the QGRID grid generator and the
ADS optimizer. The design variables for this case were wing twist, camber, and
thickness, along with fuselage camber and area distribution, deck placement, and wing
plunge. The constraints for this case consisted of all the constraints (full deck) for the
Opt5-A configuration plus the addition of wingbox area limitations.



Comparison of Lift Coefficients for the Optimized
M2.4-7A Wing/Body Configurations

FLOG67 Results with Forces Integrated to the Fuselage End; w/ Nacelle Effects; 193x33x33: M_=2.4
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Lift curves from FLO67 Euler analysis for the M2.4-7A optimized wing/body
configurations (with nacelle/diverter effects) are shown. The Opt5 configuration has the
highest lift of the three for a given angle-of-attack while the Opt5-A has the lowest. At
the cruise condition of C, = 0.11, there is a spread of 0.2 deg. between the three curves
although all of them have an angle-of-attack less than 1.9 deg. (the baseline value).
There is no change in lift curve slope between the configurations.
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Comparison of Drag Polars for the M2.4-7A
Optimized Wing/Body Configurations

FLOS67 Results with Forces Integrated to the Fuselage End; w/ Nacelle Effects; 193x33x33; M_=2.4
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Drag Coefficient, C,

Drag polars from FLO67 Euler analysis (with flat-plate skin friction) for the M2.4-7A
optimized wing/body configurations (with nacelle/diverter effects) are shown. The Opt5
configuration has the lowest drag of the three for a given lift coefficient although all
have significantly less drag than the baseline configuration. At the cruise lift coefficient
of 0.11, the spread between the curves is 1.5 counts. The disappointing results for the
Opt6 configuration yielded only a 0.6 count drag improvement over the Opt5-A design.



Comparison of Lift-to-Drag Ratios for the Optimized
M2.4-7A Wing/Body Configurations

FLO67 Results with Forces Integrated to the Fuselage End; w/ Nacelle Effects; 193x33x33; M =24
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40 F
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Lift Coefficient, C_

Lift-to-drag ratios from FLO67 Euler analysis (with flat-plate skin friction) for the
M2.4-7A optimized wing/body configurations (with nacelle/diverter effects) are shown.
As expected, the Opt5 has the highest L/D and the Opt5-A the lowest. All of the
configurations show relatively flat response near (L/D)max Which seems to occurs at a C_
of approximately 0.12.
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Comparison of Pitching Moments for the Optimized
M2.4-7A Wing/Body Configurations

FLOG67 Results with Forces Integrated to the Fuselage End; w/ Nacelle Effects; 193x33x33; M_=2.4
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- Due to the loose constraints placed on the pitching moments during optimization,
there is a significant shift in pitching moment between the three configurations. Note
that only a shift in the curves has taken place between the configurations and the
slopes are maintained.
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X-Cut Comparison of the Baseline and Design Geometries

—— Opt5 Design Geometry
N ----- Opt5-A Design Geometry
N e Opt6 Design Geometry

==,

—————
T ————
e ——
———

L
-
—

X=1700"

Cross-sectional cuts at constant fuselage (X) stations and constant butt-line
stations (Y) are shown in the next several slides for the Opt5, Opt5-A, and Opt6
configurations. The first chart shows the geometries at X=1700". Note that there is a
considerable shift in wing position for the Opt5-A configuration and very little for the
Opt6 (with respect to the Opt5-A).
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X-Cut Comparison of the Baseline and Design Geometries

———— Opt5 Design Geometry
----- Opt5-A Design Geometry
--------- Opt6 Design Geometry
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0 100 200 300 400 500

X =2500"

Once again, there is a significant shift in the wing position between the Opt5 and
Opt5-A configurations. The Opt6 configuration shows only marginal changes in the
wing geometry. The general shape of the wings however appears to be unchanged.



Y-Cut Comparison of the Desi

gn Geometries

—— Opt5 Design Geometry
----- Opt5-A Design Geometry
--------- Opt6 Design Geometry
1 ] L | _ I 1 L
1500 2000 2500
Chord X

P N

Expanded

CutatyY =100"

This slide shows an airfoil cut for the Opt5, Opt5-A, and Opt6 configurations at
Y=100". The differences between the Opt5-A and Opt6 cuts appear to be mostly
camber changes with very little thickness differences apparent. Note a somewhat
awkward leading-edge curvature of the geometries in the expanded scale.
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Y-Cut Comparison of the Design Geometries

——— Opt5 Design Geometry

_____ Opt5-A Design Geometry
e Opt6 Design Geometry
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Y-Cut Comparison of the Design Geometries

——— Opt5 Design Geometry

----- Opt5-A Design Geometry
--------- Opt6 Design Geometry
e
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2850 2900 2950 3000 3050
Chord X
Expanded

CutatyY =700"

As before, this cut has more significant camber/twist differences between the
Opt5-A and Opt6 configurations (especially near the trailing edge). However, the

thickness differences are very small.
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Summary and Conclusions

* The M2.4-7A Opt5 (lofted) wing/body configuration showed a
2.5 count (Euler) and a 4.5 count (N-S) reduction in supersonic
cruise drag over the Baseline M2.4-7A.

* The M2.4-7A Opt5 (lofted) wing/body/nacelle/diverter
configuration showed a 6.6 count (Euler) and 8.6 count
(estimated N-S) reduction in supersonic cruise drag over the
Baseline M2.4-7A.

* Fuselage deck constraints caused a 1.0% reduction in cruise
performance for a highly constrained camber and twist design
(Opt5-A configuration).

* Including the effects of thickness design variables has yet to
produce significant improvements in cruise performance. The
best design to date that includes deck constraints and i
thickness design variables is still 0.5% under the performance
of the Opt5 configuration.

Detailed CFL3D analyses have revealed a 2.5 count (Euler) and a 4.5 count (N-S)
reduction in cruise drag for the Opt5 wing/body configuration along with a 6.6 count
reduction (Euler) for the Opt5 wing/body/nacelle/diverter configuration and an estimated -
8.6 count reduction for N-S analysis. The application of realistic fuselage/deck
constraints had a negative impact on the performance resulting in a 1% loss of
supersonic cruise performance. The inclusion of thickness effects has not significantly
improved the design to date (0.5%) although investigations are currently underway to
rectify this situation.
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Experimental Investigation of a Point Design Optimized
Arrow Wing HSCT Configuration

R.P. Narducci, P. Sundaram, S. Agrawal, S. Cheung, A.E. Arsian, G.L. Martin
McDonnell Douglas Aerospace
Long Beach, California 90807-5309

The M2.4-7A Arrow Wing HSCT configuration was optimized for straight and level
cruise at a Mach number of 2.4 and a lift coefficient of 0.10. A quasi-Newton
optimization scheme maximized the lift-to-drag ratio (by minimizing drag-to-lift) using
Euler solutions from FLO67 to estimate the lift and drag forces. A 1.675% wind-tunnel
model of the Opt5 HSCT configuration was built to validate the design methodology.
Experimental data gathered at the NASA Langley Unitary Plan Wind Tunnel (UPWT)
section #2 facility verified CFL3D Euler and Navier-Stokes predictions of the Opt5
performance at the design point. In turn, CFL3D confirmed the improvement in the lift-
to-drag ratio obtained during the optimization, thus validating the design procedure.

A data base at off-design conditions was obtained during three wind-tunnel tests. The
entry into NASA Langley UPWT section #2 obtained data at a free stream Mach
number, M., of 2.55 as well as the design Mach number, M.=2.4. Data from a Mach
number range of 1.8 to 2.4 was taken at UPWT section #1. Transonic and low
supersonic Mach numbers, M.=0.6 to 1.2, was gathered at the NASA Langley 16 ft.
Transonic Wind Tunnel (TWT).

In addition to good agreement between CFD and experimental data, highlights from
the wind-tunnel tests include a trip dot study suggesting a linear relationship between
trip dot drag and Mach number, an aeroelastic study that measured the outboard wing
deflection and twist, and a flap scheduling study that identifies the possibility of only
one leading-edge and trailing-edge flap setting for transonic cruise and another for
low supersonic acceleration.
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Wind-Tunnel Test Objectives

» Validate the aerodynamic design improvements
predicted by non-linear CFD

» Develop an experimental database for the Arrow
Wing HSCT configuration

» Obtain aerodynamic characteristics for different
wing-flap deflections in the transonic flow regime

The primary objective of the test was to validate the non-linear point-design
methodology used at McDonnell Douglas to obtain the Opt5 configuration from the
linearly optimized baseline M2.4-7A. The methodology was validated by confirming
the aerodynamic improvements predicted by non-linear CFD codes. In addition to
obtaining data at the design point, a database for the Arrow Wing HSCT configuration
was established at off-design Mach numbers. A third objective was to obtain
aerodynamic characteristics for different wing-flap deflections in the transonic flow
regime.

1043



1044

Outline

Model description

* Test log

» Supersonic testing (UPWT)
— Trip drag study

— Comparison to CFD

— Aeroelastic study

Transonic testing (16 ft. TWT)

— Transonic drag rise
— Flap effectiveness

Summary of important findings

This presentation begins with a description of the 1.675% scale Opt5 model used in
the tests. Following this, a general overview of the Opt5 entries into the Langley
UPWT and 16 ft. TWT test facilities will be given. To begin the presentation of data
gathered during the tests, a detailed trip study showing trip drag as a function of Mach
number will be given. Next, CFD comparisons at design and off-design Mach
numbers will be shown. This includes an aeroelastic study showing the effects of
outboard wing deflection and twist on lift. Transonic data from Langley's 16 ft. TWT
facility is presented next. This includes the transonic drag rise and leading-edge and
trailing-edge flap effectiveness. The presentation is concluded with a summary of
important findings of the Opt5 wind-tunnel tests.



Model Description
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The model is a 1.675% scale of the McDonnell Douglas optimized M2.4-7A W/B/N/D
configuration (Opt5). The model, sized for testing in the NASA Langley UPWT section
#2, is 4.578 ft. long and spans 2.149 ft. The fuselage is 2.2 in. shorter than the full
geometry to accommodate the balance and sting within the model. The internal
nacelle geometry is cylindrical to simplify the mass flow assessment and is sized to
match the mass flow at the design condition.

The wing is fabricated from stainless steel and covers an area of 2.511 ft2. lthas a
faired leading-edge break at 70% semi-span and a faired trailing-edge break at 30%
semi-span. The wing has two leading-edge flaps and three trailing-edge flaps. Flaps
are deflected by replacing flap pieces to accommodate the desired flap setting. The
inboard leading-edge flap may be deflected 0° or 10" and the outboard leading-edge
flap may be deflected 0°, 5, 10°, 15°, or 20°. The leading-edge deflections are
smoothly faired from inboard to outboard and thus only certain combinations of the
inboard and outboard leading-edge flap deflections can be made. The trailing-edge
flaps may be deflected 0°,3, 6°, or 10°.

During the tests, 85 static pressure orifices were functional. Fifty-six taps were located
on the leading-edge and trailing-edge flaps and were only functional with 0° flap
defiections.
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Opt5 1995 Test Log

UPWT UPWT 16 ft.
Section #2 Section #1 TWT
Date June 12 - June 30| Aug 3 - Aug 30 Sept 20 - Oct 20
(3 Weeks) (4 Weeks) (4.5 Weeks)
Configurations W/B & W/B/N/D W/B & W/B/N/D W/B & W/B/N/D
Flaps
Mach 24,255 1.8-24 03-1.2
Re¢ 4.12x106 4.12x106 2.0x106 - 4.0x106
Measurements Force, Moment, Force, Moment, Force, Moment,
Pressure Pressure Pressure
Flow Oil flow Qil flow Oil flow
Visualization Sublimation Sublimation Sublimation
Schlieren
Studies Trip drag Trip drag Trip drag
Aeroelastic Flap deflections

Nearly 11 weeks of total testing was done on the Opt5 model at the UPWT and 16 ft.
TWT facilities. Opt5 entry in the Langley UPWT sections #2 and #1 occurred June 12
to June 30, 1995 and August 3 to August 30, 1995, respectively. Testing in the 16 ft.
TWT facility occurred between September 20 and October 20, 1995.

Tunnel experiments obtained force, moment, and pressure data for both wing/body
(W/B) and wing/body/nacelle/diverter (W/B/N/D) configurations. At selected flow
conditions, colored oil flow visualization tests were performed to gain insight into the
flow physics. In addition, sublimation runs were performed to assist in understanding
the boundary layer transition. During the Opt5 entry into test section #1, Schlieren
photographs were taken to visualize the shock structure.
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NASA Langley UPWT Facility
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The NASA Langley UPWT is a fan driven, closed circuit, continuous flow, pressurized
wind tunnel. Tunnel total pressure can be varied from 3 psia to 150 psia. It has two
test sections, both 4 ft. x 4 ft. in cross-section and 7 ft. long. Test section #2 has a Mach
number range from 2.29 to 4.63. Tunnel operation for test section #1 occurs in two
modes. One mode covers a Mach number range of 1.46 to 2.16; the second mode
covers the range from 2.36 to 2.87.
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NASA Langley 16 ft. TWT Facility
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The NASA Langley 16 ft. TWT is a fan driven, closed circuit, single return, continuous
flow atmospheric wind tunnel. The test section is octagonal in shape and is
approximately 15.5 ft. in diameter. The test section is slotted to reduce reflected shock
interference and wall boundary layer effects. For transonic flow the test section is 22 ft.
long; for supersonic flow the test section length is 8 ft. long. The Mach number range
for this tunnel is 0.3 to 1.2.



Trip Drag Study, C,, vs. Trip Height
1.675% M2.4-7A Opt5 Model, W/B Configuration

Langley Test 1651, UPWT, C =0.1, M_=2.4, Re=4x10°/ft
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Tunnel conditions are usually such that the flow over the model is inherently part
laminar and part turbulent. To more accurately model the turbulent flight conditions,
thin, circular disks were used to trip the boundary layer. Along the upper surface and
lower wing surfaces, these disks were placed 0.4" behind the leading edge; a ring of
disks was placed on the fuselage 1" from the nose; on the inner and outer surfaces of
the nacelles, disks were placed 0.875" from the nacelle leading edge. The distances
were chosen to be consistent with previous Reference H wind-tunnel tests.

While these disks are useful to trip the boundary layer, their presence is felt in the drag
measurements. The objective of the trip drag study is to separate the additional drag
due to the presence of the disks from the total drag measurement.

The trip drag variation with respect to the disk height near the cruise condition for
M..=2.4 is shown. The change in drag due to the disks is estimated by fitting a linear
curve through data points measured at different disk heights and extrapolating the
curve to a disk height of 0". The difference between the drag at a particular disk height
and the extrapolated value at height = 0" is the drag due to the disks:.
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Trip Study, Mach Number Effects

1.675% M2.4-7A Opt5 Model, W/B Configuration
Langley Test 1822, UPWT, C =0.01, Re=4x10%t
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Trip drag as a function of Mach number for the three disk heights are shown. Off-
design Mach number data is taken from UPWT section #1. Also included on the chart
are data compiled from section #2 for M.,=2.4. The fit to the data excluded the
information measured at M..=2.0 due to the non-repeatability of the data. The amount
of trip drag subtracted from the recorded data is done according to the fitted line. The
trip drag correction is governed by

ACp =-3.8994 + 2.9824M.., k = 0.0091"
ACp =-4.8842 + 3.6404M.,, k =0.0109"
ACp =-4.7105 + 3.6842M.., k =0.0123"

for 1.8 < M., < 2.4. Much of the data was gathered with a disk height of 0.0123". The
corrections are summarized below.

Mach ACp (cts)
Number
1.8 1.92
2.0 2.66
2.16 3.25
2.4 4.13
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Sublimation Flow Visualization

1.675% M2.4-7A Opt5 Model, W/B Configuration
M..=2.0, a=2.0°, Re=4.0x106/ft., Upper Surface

To check the transition of the boundary layer, sublimation runs were made. For these
runs, a mixture had to be made immediately prior to the runs. The sublimation mixture
consisted of 25 grams of. fluorine powered per 1 quart of Genesolv 2004. The
sublimation material was applied to the model using an airless sprayer yielding a very
even coat. A turbulent boundary layer would cause the material to sublime away.

At M..=2.0 and the cruise angle-of-attack of 2.0°, the material sublimed off the model aft
of the transition disks. Shown above is a close-up near the leading-edge of the upper
surface. A lone disk clearly shows a wedge of turbulent flow transitioned by the disk
(height = 0.0091").
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Shock Impingement Calculation

The 1.675% mode! was originally sized for M..=2.4 flow inside the UPWT section #2.
At lower supersonic Mach numbers, the shock off the nose weakens and
between the shock wave and the model's centerline increases. At M..=1.6 and some
angles-of-attack at M..=1.8, the shock reflects off the wall and strikes the model in the
aft section. Shown above is a schematic of the shock wave reflections. Shock angles

are computed using shock relation tables found in NASA TR 1135.

M..=1.6

M.=1.8

M..=2.0
M..=2.2

the angle



Schlieren Photograph
1.675% M2.4-7A Opt5 Model, W/B Configuration

Mw=1.6, 0=0.32°, Re=4.0x106/ft.

Supersonic flow visualization using Schlieren is an essential aspect of supersonic
wind-tunnel testing. This method of flow visualization provides the shock patterns in
the flow field. The picture above shows a Schlieren photograph of the flow over the

W/B configuration at M..=1.6 and 0=0.32°. Clearly shown here are the shocks from the
nose and wing reflecting off the wall and impinging on the aft section of the model.
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Comparison of Predicted and Experimental Lift Curves

M2.4-7A Opt5, 1.675% Model, W/B Configuration
CFL3D and Langley Test 1651, UPWT, M_=2.4, Re=4x10%ft
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Having established an approximation to trip drag it is now possible to validate the
MDA non-linear design methodology by verifying CFD prediction methods with the
experimental data. While optimization of the M2.4-7A baseline was performed using
FLOG67 as the analysis tool, improvements to the design were quantified using CFL3D.
The following chart shows CFL3D Euler and Navier-Stokes lift predictions closely
matching experimental data from UPWT section #2 for the Opt5 W/B configuration at
the design Mach number and Reynolds number of 4 million/ft. The CFD solutions
slightly over predict the lift-curve slope. The Navier-Stokes calculations were
performed using the Baldwin-Lomax turbulence model. Sublimation runs showed the

boundary layer to be fully tripped.



Comparison of Predicted and Experimental Drag Polars
M2.4-7A Opt5, 1.675% Model, W/B Configuration

CFL3D and Langley
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This plot shows a comparison of CFL3D Euler and Navier-Stokes predicted drag
polars to experimental data taken at the cruise Mach number and Reynolds number of
4 million/ft. The Navier-Stokes solutions, computed with the Baldwin-Lomax
turbulence model, agree very well at the cruise C_ of 0.1 and are within 0.5 counts at
the minimum drag condition. As the trip study showed, the installation of trip dots
(height=0.0122") produced 4.1 counts of drag at M..=2.4. This drag is subtracted from
the experimental data in this chart. A flat-plate skin friction, Cpv, value of 62.5 counts
has been added to the Euler solution. By comparing the Euler drag values with the
Navier-Stokes drag values, it can be seen that the difference occurs in the skin friction

estimation.
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Comparison of Predicted and Experimental L/D Curves

M2.4-7A Opt5, 1.675% Model, W/B Configuration
CFL3D and Langley Test 1651, UPWT, M_=2.4, Re=4x10%t
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Shown above is an excellent agreement between the CFL3D Navier-Stokes solutions
and the experimental data. As in the previous chart, a trip drag value of 4.1 counts has
been subtracted out of the experimental data. The Euler solutions, with 62.5 counts of
flat-plate skin friction added in, under predicts the maximum L/D value by
approximately 5%. Differences between the Navier-Stokes and Euler drag values
occur in the skin friction prediction.
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Comparison of Predicted and Experimental Lift Curves

M2.4-7A Opt5, 1.675% Model, W/B/N/D Configuration
CFL3D and Langley Test 1651, UPWT, M_=2.4, Re=4x10%/ft
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In addition to verifying the Navier-Stokes W/B predictions, Euler W/B/N/D predictions
were compared to experimental data. Navier Stokes predictions for the W/B/N/D are
currently not available. This figure shows that the Euler W/B/N/D solutions slightly

overpredict the lift-curve slope.

In addition, this plot shows a comparison to Euler solutions for the M2.4-7A baseline
W/B/N/D configuration. While the Euler predictions for the Opt5 W/B/N/D show a slight
increase in lift-curve slope over the baseline, experimental measurements show a
slight decrease compared to the CFD predicted baseline slope.
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Comparison of Predicted and Experimental Drag Polars

M2.4-7A Opt5, 1.675% Model, W/B/N/D Configuration

CFL3D and Langley Test 1651, UPWT, M_=2.4, Re=4x10°/t
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This drag polar shows the excellent comparison between CFL3D Euler W/B/N/D
solutions and two short-term repeat experimental runs. The CFD-predicted baseline
M2.4-7A drag polar is included as a reference. Flat-plate skin friction drag was added
to the Euler solutions in the amount of 70.4 and 71.1 counts for the baseline M2.4-7A
and Opt5 configurations, respectively.

This plot also shows the improvement in the optimized W/B/N/D configuration over the
baseline M2.4-7A configuration. At the cruise C_ of 0.11, the total improvement is
approximately 6 counts. However, contrary to flat-plate skin friction predictions,
Navier-Stokes comparisons between the baseline and Opt5 W/B configuration shows
that the Opt5 has less skin friction than the baseline by approximately 2 counts. This
would suggest an even larger improvement between the baseline and the optimized

Arrow Wing.
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Comparison of Predicted and Experimental L/D Curves
M2.4-7A Opt5, 1.675% Model, W/B/N/D Configuration
CFL3D and Langley Test 1651, UPWT, M_=2.4, Re=4x10%t
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This figure shows the improvement in L/D of the optimized M2.4-7A over the baseline
as predicted by CFL3D and verified by experimental data. As in the previous figure,
flat-plate skin friction drag was added to the Euler solutions in the amount of 70.4 and
71.1 counts for the baseline M2.4-7A and Opt5 configurations, respectively.
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Predicted and Experimentally Determined Drag
Reduction of the Opt5 Configuration
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* Comparisons made to CFD predicted drag values of baseline M2.4-7A

CFD predictions of the W/B compared well to force, moment and pressure data
gathered during the Opt5 entry in the UPWT section #2. The data shows an
appreciable drag reduction over the baseline linear design. The experimental
W/B/N/D data shows 6 counts of drag reduction over the CFD-predicted linear theory
design. CFL3D Euler predictions with flat-plate skin friction corrections shows a
similar 6 count improvement. However, as mentioned on the previous page, Navier-
Stokes comparisons between the baseline and Opt5 W/B configuration shows the
Opt5 to have 2 counts less skin friction. The less accurate, flat-plate theory predicts the
Opt5 design to have an additional 0.7 counts of skin friction. We expect the Navier-
Stokes-predicted 2 count reduction in skin-friction to translate from the W/B to the
W/B/N/D configuration. Thus, at best an 8.7 count improvement will be observed
between the baseline M2.4-7A and the Opt5 W/B/N/D. The actual improvement
between the Opt5 and baseline designs will be determined after the experimental
evaluation of the baseline M2.4-7A. Nevertheless, the tests clearly proved that the
present non-linear optimization scheme works well.
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Pressure Distributions from CFD and UPWT Data
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Shown above are pressure distributions that compare CFL3D Euler results to the test

data at M..=2.4 and a:=1.9°. The results are considered fairly good considering that
viscous effects are not modeled in the prediction. The predicted nacelle shocks are
generally upstream and stronger than the measured (which is expected from the Euler
analysis).
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Comparison of Predicted and Experimental Drag Polars

1.675% M2.4-7A Opt5, Model, W/B Configuration
Langley Test 1651 & 1822, UPWT, M_=1,8, 2.0, 2.16, 2.4, Re=4x10°/t
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Wind-tunnel data from UPWT test section #1 was used to validate CFL3D Euler and
Navier-Stokes solutions at off-design Mach numbers. In this figure, Navier-Stokes
solutions using the Baldwin-Lomax turbulence model are compared to experimental
data. The wind-tunnel model had trip dots installed to trip the boundary layer and the
appropriate trip drag has been removed from the experimental data. At M..=1.8 and
2.0, the Navier-Stokes solutions under predict the minimum drag by one count. At
M..=2.16, the Navier-Stokes solutions under predict the minimum drag by 3 counts.
For reference, the cruise Mach number polar is added to the plot.
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CFL3D N-S Streamlines

1.675% M2.4-7A Opt5 Model, W/B Configuration
Me=2.4, 0=4.49°, Re=4.0x1 06/ft.

Pictured above are surface streamlines generated from a Navier-Stokes solution using
CFL3D at M..=2.4 and 0=4.49°. Similar patterns exist between the CFD solution and
the colored oil flow picture taken during the Opt5 entry in test section #1 (viewed on

the next page).
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Oil Flow Visualization

1.675% M2.4-7A Opt5 Model, W/B Conﬁguration
Me=2.4, 0=4.49°, Re=4.0x106/ft.

Surface oil flow visualization is an effective way to understand the overall behavior in
the neighborhood of the model surface. This also provides an easy method to
visualize separated flow, vortex flow and shocks.

For supersonic oil flow visualization, the recommended paint mixture consists of 2
tubes of colored oil paints, 2 to 3 tablespoons of Tempora paint, and a sufficient
amount of 10 to 90 weight motor oil to achieve a consistancy similar to whipped cream.
The oil paint mixture was applied to the model aft of the transition disks with a syringe
in the form of dots approximately 1/8" to 1/4" in diameter.

The picture above maps the streamlines for the condition M..=2.4 and 0.=4.49° on the
upper surface. On the inboard section of the upper wing, we see alarge section of the
wing where the paint had not spread. Here the flow had turned outboard indicating
that a vortex was generated from the W/B junction.



Aeroelastic Study, Wing Tip Deflections, y/(b/2) = 0.961

M2.4-7A Opt5, 1.675% Model, W/B/N/D Configuration

CFL3D and Langley Test 1651, UPWT, M_=2.4, Re=4x10°/t
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An attempt was made to measure the real-time aeroelastic deflections on the wing tips
of the model. A prototype system developed by NASA Langley involves tracking
targets placed on the wings with a digital camera. Two rows of four reflective tape
targets (0.001" thick, 0.125" to 0.25" dia.) were placed on the wing upper surface at
84% and 96% semi-span, equally spaced from 25% to 90% chord. The camera
recorded the position of the disks prior to and during the run. Results indicated a wing
tip deflection of approximately 0.35" at the cruise Ci, Re=4 million/ft., and M..=2.4.
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Aeroelastic Study, Lift Curve

M2.4-7A Opt5, 1.675% Model, W/B Configuration

CFL3D Euler Solutions, M_=2.4, Re=4x10%/t
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The following chart shows an effort to quantify the aeroelastic effects using CFD. In
this comparison CFL3D Euler predictions with aeroelastic deflections are compared to
CFL3D Euler predictions of a rigid model. The Euler solutions represented by the
square symbols in the figure are obtained with geometries having deflected wing tips
representative of the deflections observed in the previous chart. There is a slight loss
of lift noticeable at the higher angles-of-attack since the outboard wing section
provides only a small portion of the lift. A more in-depth study is currently underway at
MDA.
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Data Highlights of Tests in 16 ft. TWT

e Established an Arrow Wing data base at
transonic and low supersonic speeds; captured
drag rise

* Concluded optimal flap settings of 10°/15°/3"* for
M_=0.95 and 0°/5°/3" for Me=1.1

* X'/y*/z° indicates x" inboard leading-edge flap deflection, .
y’ outboard leading-edge flap deflection, and z° trailing-
edge flap deflection

The test began with an assessment of the flow angularity in the wind tunnel. A trip
drag study was performed next using nominal disk height of 0.006", 0.008", and 0.011"
on the W/B/N/D configuration. A transition-free run concluded the trip-drag
assessment. Flow visualization using the sublimation technique was used to identify
fully transitioned flow. Force and moment data were taken next for the W/B/N/D
configuration with several leading-edge and trailing-edge flap settings. The pressure
tubes were then hooked-up to obtain pressure data. Following this, the pressure hook-
ups were removed to obtain accurate force and moment data at the optimal flap
settings for (L/D)max at M.=1.1 and M.=0.95. During the test, colored oil flow
visualization tests were also performed to gain insight into the flow physics.

During the test, the tunnel ran primarily at Mach numbers of 0.6, 0.8, 0.9, 0.95, 1.1, and
1.2. A small number of runs was obtained at Mach 0.3 to compare with future low-
speed wind-tunnel data. In addition, a small number of runs at M..= 0.975, 1.01, and
1.05 was performed to capture the drag rise; however, shock reflection interference
occurred at these Mach numbers. Reynolds number per foot was maintained between

3 and 4 million. The angle-of-attack ranged from -3.0° to 8.0° with Aa=0.5" and from
-1.0° and 1.0° with Ax=0.25".

Highlights from the 16 ft. TWT test include capturing of the drag rise and establishment
of flap settings for the Opt5 design at M..=0.95 and 1.1.
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0.0135

Transonic Drag Rise

1.675% M2.4-7A Opt5 Model, W/B/N/D Configuration
Langley Test 470, 16 ft. TWT, C,_=0., Extrapolated Re=4x10%/ft
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Shown below is the transonic drag rise, Mach number versus drag coefficient. Since
the Reynolds numbers at the lower Mach numbers were less than 4 million/ft., the drag
coefficients at these Mach numbers have been extrapolated to the corresponding drag
value at Re=4 million/ft. based on a flat-plate correction.



Best L/D for Subsonic and Low Supersonic Mach Numbers

1.675% M2.4-7A Opt5 Model, W/B/N/D Configuration
Langley Test 470, 16 ft. TWT, C,=0.21 at Tunnel Reynolds Numbers
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Maximum L/D data, shown above, suggests that only one flap setting may be needed
for subsonic cruise (10°/15°/3"), and one for low supersonic cruise (0°/5°/3°). The Opt5
configuration was tested at transonic and low supersonic Mach numbers with several
leading-edge and trailing-edge flap deflections. At the transonic Mach numbers, the
maximum L/D was obtained with an inboard leading-edge deflection of 10°, outboard
leading-edge deflection of 15° and trailing-edge deflection of 3" (10°/157/3°). At low
supersonic Mach numbers, the optimal setting for the maximum L/D was found to be
0°/5°/3°. At these speeds the inboard leading-edge flap was found to be ineffective.
The maximum L/D data, shown above, suggests that only one flap setting may be
needed for subsonic cruise and one for low supersonic acceleration condition.
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Summary and Conclusions

* M_=2.4 and 2.55 tested in UPWT section #2
M_=1.6 through 2.4 tested in UPWT section #1

* M_=0.3 through 1.2 tested in 16’ transonic wind
tunnel

Good agreement between CFD and test data

* Achieved at least 6 counts of drag reduction for
W/B/N/D configuration in the UPWT section #2

Validated the supersonic cruise point design
optimization methodology used at MDA

The 1.675% model of the M2.4-7A Opt5 geometry was successfully tested at the
UPWT section #2 and section #1 as well as the 16 ft. TWT. Data at a series of Mach
numbers between 0.3 and 2.55 has been obtained. Good agreement between CFD
and experimental data at the design Mach number confirmed that the design
methodology used to obtain the optimized M2.4-7A Opt5 configuration is effective. At
least six counts of drag reduction for the W/B/N/D configuration was obtained over the
linear theory-based design.
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Summary and Conclusions
(Con’t)

» Established a linear relationship between
trip drag correction and Mach number

* Established one flap setting for transonic
cruise and one for low supersonic
acceleration

Experiments in the UPWT test section #1 and 16 ft. TWT also validated CFD prediction
at off-design conditions. A trip drag study was done with the data obtained and a
linear relationship was found between the trip drag penalty and Mach number. At
transonic and low supersonic acceleration, a series of flap settings was investigated. It
was found that only one flap setting for transonic cruise and another for supersonic
acceleration was needed.
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Initial Results of Reynolds Number Testing at LaRC's NTF Using
the 2.2% Reference H Model

Marvine Hamner, Engineer Scientist/Specialist, McDonnell Douglas Aerospace
Lewis R. Owens, Jr., Aerospace Engineer, NASA Langley Research Center
Dr. Richard A. Wahls, Aerospace Engineer, NASA Langley Research Center

To develop full scale flight performance predictions an understanding of
Reynolds number effects on HSCT-class configurations is essential. A wind
tunnel database utilizing a 2.2% scale Reference H model in NASA Langley
Research Center's National Transonic Facility is being developed to assess
these Reynolds number effects. In developing this database temperature and
aeroelastic corrections to the wind tunnel data have been identified and are
being analyzed. Once final corrections have been developed and applied, then
pure Reynolds number effects can be determined. In addition, final corrections
will yield the data required for CFD validation at q = 0.

Presented in this report are the results of seven tests involving the wing/body
configuration. This includes summaries of data acquired in these tests,
uncorrected Reynolds number effects, and temperature and aeroelastic
corrections. The data presented herein illustrates the successes achieved to
date as well as the challenges that will be faced in obtaining full scale flight
performance predictions.
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Initial Results of Reynolds Number
Testing at LaRC’s NTF Using the 2.2%
Reference H Model

Marvine Hamner, Engineer Scientist/Specialist, McDonnell Douglas Aerospace
Lewis R. Owens, Jr., Aerospace Engineer, NASA Langley Research Center
Dr. Richard A. Wahls, Aerospace Engineer, NASA Langley Research Center

With grateful acknowledgment of all the other researchers at NASA, The Boeing
Company, and McDonnell Douglas Aerospace that have contributed to this

testing.

This presentation is the successful result of the collaboration of NASA, Boeing, and
McDonnell Douglas researchers in planning and testing an HSCT-class configuration
under a wide variety of conditions. It focuses on the wing/body configuration. The
full configuration including aftbody and tails is discussed in other papers included in
this conference which specifically address issues such as; aftbody closure, and high
Reynolds number stability and control characteristics. Ongoing seal development
work will enhance the acquisition of high quality performance data on the full
configuration. -
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Presentation Outline

o Overall Test Objectives

« Model/Configurations Definition

« Summary of Tests Completed

 NTF Operating Envelopes and Conditions
« [Initial, Uncorrected Test Results

Data Repeatability
Reynolds Number Effects

» Corrections to Data
Temperature Effects
Aeroelastic Effects
« |nitial, Corrected Test Results
« Summary, Conclusions, and Recommendations
« Appendices: Pressure Data Acquired
Force/Moment Data Acquired
Linear Aeroelastic Data Acquired
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Overall NTF Test Objectives

* Develop full scale performance predictions.
* Obtain data for CFD validation.

* Obtain other data relevant to determining
Reynolds number effects on an HSCT-class

configuration.

To develop full scale performance predictions an understanding of Reynolds number
effects on HSCT-class configurations is essential. A wind tunne! database utilizing a
2.2% scale Reference H model in NASA Langley Research Center's National
Transonic Facility is being developed to assess these Reynolds number effects. In
developing this database temperature and aeroelastic corrections to the wind tunnel
data have been identified and are being analyzed. Once final corrections have been
developed and applied, then ‘pure’ Reynolds number effects can be determined. In
addition, application of these final corrections will yield the data required for CFD
validation at g=0.
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Model/Configurations Definition

Wing: Reference H wing (76/68.5/48)
Flap deflections available:

_LE _TE
Baseline 0/0 0/0
Transonic 0/10 0/3
High Lift 30/30 10/10

30/30 0/20

30/30 20/20
50/50 30/30

Body: Fuselage truncated at station 60.8150
Complete fuselage
Nacelles: Axisymmetric

The 2.2% scale Reference H model used for testing at the NTF includes:

wing - with various flap deflections representing high-speed and high-lift
configurations

fuselage

axisymmetric nacelles

vertical tail - with and without rudder deflection
horizontal tail - with various stabilizer deflections

The truncated fuselage is run on the straight sting and the complete fuselage on the
lower swept strut. Trips normally applied include the forebody ring and nacelle
internals. Wing trips will be developed as part of the boundary layer transition study
during 1996.

HSCT
HIGH-SPEED CIVIL musm&:ﬁ,&
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Model/Configurations Definition
Cont. '

Vertical Tail: Undeflected rudder
Rudder deflected to 30° (TE left)

Horizontal Tail: Undeflected elevator with stabilizer
incidence of i,,=0, +/-2, +/-5, +/-1 0, -15
Elevator deflected to 30° (TE down) :
with stabilizer incidence of i,,=-15

Trips: Forebody ring
Nacelle internal

Sting: Straight sting
Lower swept strut (LSS)
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em——

Test Test Test Configs Objective
Date Type
NTF057 7/93 | W/B: (1) Longitudinal Pressure Data
Baseline
High Lift (a)
NTFO060 12/93 F W/B: (1) Longitudinal Force/Moment
Baseline Data
High Lift (a)
Transonic
NTF063 5/94 P/F W/B/N: (1) Longitudinal Pressure and
) Baseline Force/Moment Data with and
High Lift (®) without Nacelles
Transonic
NTFO067 12/94 P/F W/B/N: (1) Lateral/Directional Data
Baseline (2) Transition and Simulated
High Lift (&) Frost Data
Transonic
- NTF070 4/95 P/F Full Config: (1) Seal Study
High Lift(b) (1) Longitudinal and
Transonic Lateral/Directional De::
NTF073 6/95 F Full Config: (1) Seal Study
High Lift(b) (1) Stability and Conirv. Data
Transonic
NTFO078 1/96 P/F W/B/N: (1) Longitudinal Data on
Baseline Additional High-Lift
High Lift (c) Configurations
Transonic (1) Detailed Aeroelastics Data
(2) Mini-Tufts Data

P = Pressure

F = Force

In order to understand Re
tests have been com
the NTF. These test
these tests has been the 2.2°

A variety of data have been ac

s span a

W = Wing N = Nacelles
B = Body

ynolds number effects on HSCT type planforms. ssven
nic Facility,
el used in

force/moment data, simulated

chemicals. The chord Reynol
configuration/conditions is fro
for the high-lift configuration/

(a) High Lift 30/30 0/20

(1) Primary Objectives

(b) High Lift 30/30 20/20 (2) Secondary Objectives
(c) High Lift 30/30 10/10
High Lift 50/50 30/30

pleted in Langley Research Center's National Transo
period of two and one-half years. The mod
o scale Reference H model.

quired during these tests including: pressure data,
frost effects, and transition data by sublimating
ds number range for the transonic

m 10-120 million. The chord Re
conditions is from 4-90 million.

The conditions required to obtain these chord Reynolds numbers involve

temperatures that range from +120° to -250°

atm. Dynamic pressures range from 150 psf

aeroelastic effects, multiple conditions have

number.

, with total pressures from ambient to 6
to 2700 psf. In order to assess
been run at the same chord Reynolds
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NTF Operating Envelopes:

These figures show the NTF operating envelope for Mach = 0.9 and Mach =0.3.

Rows of numbers across the respective operating envelopes represent conditions at

constant o/E and varying chord Reynolds numbers, where E is Young’s modulus.

Columns of numbers represent conditions at constant chord Reynolds numbers and

varying o/E. It should be noted that at the lower and upper bounds on the Reynolds

number range only a limited number of conditions can be run, thus only a limited
amount of data can be acquired for aeroelastic corrections. No attempt has been
made to run conditions along constant temperature lines.
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2.2% Reference H Flaps Up Configuration (Wing/Body)

Mach=0.9 Reynolds Nr.=30.0 Million
NTF060 Wind Tunnel Data

oo +-

0060 +

q=1005 psf
Runs: 89, 93, 94, 95, 96

0050

Drag Coefficient, CD

q=1753 psf
Runs: 116, 117, 118, 119, 120

0040 T

0.030

~+
6.0 80 X 90 [X] 109

Angle of Attack, «

Data Repeatability:

This set of figures illustrates two things. First the overall data repeatability, including
the degradation in repeatability at low q conditions. Second it illustrates data
repeatability at the end point conditions, that is, at the highest q condition and at the
lowest g condition of the linear aeroelastic correction. As can be seen from these
figures a correction for aeroelastics is required.

This figure is a piot of repeat runs at high q (q = 1753 psf) and low q (q = 1005 psf)
dynamic pressure conditions for Mach=0.9 using the baseline, wing/body,
configuration. The difference between the high q and low q runs is quite evident and
illustrates the need to calculate a meaningful increment for aeroelastic effects.
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2.2% Reference H Flaps Up Configuration (Wing/Body)

Mach=0.3 Reynolds Nr. = 30.0 Million

NTF060 Wind Tunnel Data
007 + :
8 . q=268 psf
K, .. Runs: 43, 52, 57, 66, 69, 70
5 : -,
- 006 T ;
g
<
o
& : Runs: 110, 111, 112, 113, 114
| ™ 005 4 T : «~ 3 ER e
=] ‘ | L :
004 9
003 + } 4 —+ § —- + :
80 s 90 93 0o 103 110 1.3 12
Angle of Attack, o
Data Repeatability:

This figure is a plot of repeat runs at high q (q = 817 psf) and low q (q = 268 psf)
dynamic pressure conditions for Mach=0.3, again using the baseline, wing/bozy.
configuration. The variation in repeatability between the high g and low q runs s
quite evident and illustrates the need to acquire repeat runs at low q conditions

(9 < 600 psf per the HSR NTF Research Guide) in order to calculate a meaningful
increment for aeroelastic effects. A band of approximately 40 drag counts results
from the natural scatter in the data at low q conditions for the baseline configuration.

Low g conditions are run for Mach = 0.3, baseline and high-lift configurations in order
to extend the Reynolds number range to low Reynolds numbers. This is due to the
facility constraints as seen before on the NTF operating envelopes.
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2 29, Reference H Flaps Up Configuration (Wing/Body)

Mach = 0.9 Reynolds Nr. = 30.0 Million

NTF060 Wind Tunnel Data
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Drag Coefficient, CD
Data Repeatability:

This figure is another plot of the same repeat runs for the Mach=0.9 case at high g
(q = 1753 psf) and low q (q = 1005 psf) dynamic pressure conditions. It shows an
expanded view of the drag polars from these repeat runs. Again, the difference
between the high q and low g runs is quite evident in the polar rotation and illustrates
the need to calculate a meaningful increment for aeroelastic effects.
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2.29% Reference H Flaps Up Configuration (Wing/Body)

Mach = 0.3 Reynolds Nr. = 30.0 Million
NTF060 Wind Tunnel Data
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Data Repeatability:

This figure is another plot of the same repeat runs for the Mach=0.3 case at high q
(q = 817 psf) and low q (q = 268 psf) dynamic pressure conditions. It shows an
expanded view of the drag polars from these runs. The variation in repeatability
between the high g and low q runs is quite evident again, illustrating the need to
acquire repeat runs at low q conditions (q < 600 psf per HSR NTF Research Guide)
in order to calculate a meaningful increment for aeroelastic effects. Once again, the
polar rotation apparent indicates the need to understand aeroelastic effects.
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EFFECT OF BALANCE ACCURACY ON COEFFICIENTS
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Data Repeatability:

This figure is a plot illustrating the effect of balance accuracy on balance coefficients.
The cause of the degradation in repeatability for low q conditions is clearly evident.
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Mach=0.9 Transonic Configuration (Wing/Body/Nacelles)
NTF067 Wind Tunnel Data
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0.013

0012 T

Drag Coefficient, CD

oan T
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0009 T

0.008

Chord Reynolds Number, RNc

Reynolds Number Effects without Aeroelastic or Temperature Corrections:

The following figures illustrate Reynolds number effects without any additional
corrections other than the normal corrections applied by the facility. The points
shown are the averages of repeat runs for each condition. The data has been
independently verified to be within the normal repeatability of HSCT testing in the
NTF. No boundary layer control was employed when this data was acquired. Each
point, or condition, represents a different combination of pressure and temperature.

This figure illustrates the uncorrected Reynolds humber effect for the Mach = 0.9,
baseline configuration. At angles of attack ranging from 0° to 3° there is an
approximately 40 count uncorrected increment in drag due to Reynolds number
effects over the Reynolds number range from 10 to 120 million. As the angle of
attack increases the uncorrected increment in drag due to Reynolds number also
increases.
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High Lift Reynolds Number Effects on Drag Coefficient
2.2% Reference H Model
30° Leading Edge Flaps, 10° Trailing Edge Flaps
Mach = 0.3 CL = 0.55 at Alpha = 10.0°

(Wing/Body/Nacelles)

Drag Coefficlent, CD

Reynolds Number Effects without Aeroelastic or Temperature Corrections:

This figure illustrates the uncorrected Reynolds number effect for the Mach = 0.3,
high-lift configuration. Also shown on this figure are the data at various dynamic
pressures for a Reynolds number of 21.6 million. It appears from this data that the
aeroelastic correction could be the same magnitude as the increment due to

Reynolds number effects.

Additionally, the trend in the Reynolds number effects does not appear to be linear.
As has been noted, no boundary layer control was used during data acquisition. As
discussed in “Boundary Layer Transition in the NTF - HSR Experience and Plans,”
there is significant laminar flow at low Reynolds numbers. It has been postulated that
this will account for the non-linear behavior in several trends discussed in this paper.
The ongoing boundary layer transition study and the boundary layer control defined
by that study will be used to assess these ideas and data.
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Data Corrections

Temperature Effects

~ Aeroelastic Effects
To obtain'pure’Reynolds number effects
For CFD validation

Corrections identified to obtain pure Reynolds number effects:

1) Temperature effects.

An assessment of the change in wing area with changing temperature has yielded a
small correction to force/moment data. During the boundary layer transition study
this year an attempt will be made to assess the effect of changing temperature on
boundary layer stability.

2) Aeroelastic effects.

Data has been acquired to assess the aeroelastic, or q, effects on the Reference H
model in the NTF. The changes in force/moment data with increasing q are the result
of the bending and untwisting of the wing with increasing loads. Assessment of q
effects will allow extrapolation of data to q=0 for CFD validation and a correction to
data taken at various dynamic pressures to obtain ‘pure’ Reynolds number effects.
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Temperature Effects:

As the total temperature decreases the model undergoes thermal contraction
resulting in a measurable change in area. This thermal effect has been modeled and

-is shown in the figure above. This figure includes the change in both forces and

moments.
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Aeroelastic Effects:

The next set of figures illustrates data acquired and increments computed for
aeroelastic effects. Initially two conditions were run at constant chord Reynolds
numbers providing a simple linear correction for aeroelastic effects. With the
maturing program, additional data has been acquired to assess the non-linearity of
the aeroelastic effects.

This figure illustrates the variation in drag across the range of dynamic pressures
tested for the Mach = 0.9, transonic configuration. Results from the latest NTF test,
NTF078, are shown in this figure. The points shown in this figure do not include
repeat runs for each condition. The data has been independently verified to be within
the normal repeatability of HSCT testing in the NTF. No boundary layer control was
employed when this data was acquired. Each point, or condition, represents a
different combination of pressure and temperature.

1091



HSCT
==——MCDONNELL DOUGLAS = HIGH-SPEED CIVIL mspm

Raw Data for Aeroelastic Correction to Drag Coefficient

Mach=0.9 RNc=30.0 Million Transonic Configuration (Wing/Body/Nacelles)
NTF078 Wind Tunnel Data )
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Aeroelastic Effects:

At low angles of attack the aeroelastic correction to the high-speed data is within the
normal repeatability of the high-quality, high-speed performance data acquired. As
with Reynolds number effects, aeroelastic effects also increase with increasing angle
of attack. At 4° angle of attack there appears to be approximately 6 counts of drag
difference between 1000q and 1800q.
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Raw Data for Aeroelastic Correction to Drag CoefTicient
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Aeroelastic Effects:

This figure illustrates the variation in drag across the range of dynamic pressures
tested for the Mach = 0.3, high-lift case. Results from the latest NTF test, NTFO078,
will be used to assess non-linearity in the aeroelastic corrections and are shown in
this figure. The linear correction, represented by the solid line from the highest q
condition through the lowest g condition, is 10 to 12 counts at this angle of attack.

All points taken at a each condition are shown in this figure. No boundary layer
control was employed when this data was acquired. Each condition represents a
different combination of pressure and temperature.
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Raw Data for Aervelastic Correction to Drag Coefficient

Mach=0.3 RNc=21.6 Million Flaps Up Configuration (Wing/Body/Nacelles)
NTFO078 Wind Taonnel Data -
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Aeroelastic Effects:

This figure illustrates the variation in drag across the range of dynamic pressures

tested for the Mach = 0.3, baseline case. Results from the latest NTF test, NTFO78,

will be used to assess non-linearity in the aeroelastic corrections and are shown in

this figure. The linear correction, represented by the solid line from the highest q
condition through the lowest q condition, is 16 to 17 counts at this angle of attack. = -
The higher level of drag shown in this figure, compared to the drag level for the high-

lift configuration, reflects the leading-edge separation and vortex formation present at
this angle of attack for this configuration.

All points taken at a each condition are shown in this figure. No boundary layer
control was employed when this data was acquired. Each condition represents a
different combination of pressure and temperature.
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Reynolds Number Effect on Drag Coefficient

Mach=0.9 Transonic Configuration (Wing/Body/Nacelles)
NTF067 Wind Tunnel Data
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Reynolds Number Effects:

An estimate of the Reynolds number benefit for the transonic configuration can be
made using the following assumptions and extrapolating the data as show~ = =
figure above.

Assumptions:
1) The wing is fully turbulent at a Reynolds number of 80 million.

2) The aeroelastic correction is about 6 counts between dynamic pressures
ranging from 1000 psf to 1800 psf.

3) The temperature correction is insignificant from the 30 million Reynolds
number to the 80 million Reynolds number conditions in this case.

Solid lines have been drawn illustrating the Reynolds number effect on drag
coefficient extrapolated from wind tunnel data at 30 million and 80 million Reynolds
numbers with both a 5 count and a 6 count aeroelastic correction applied. A dashed
line has been drawn illustrating the theoretical Reynolds number effect extrapolated
from an anchor point at the 80 million Reynolds number condition. As can be seen in
this figure there is a difference between the Reynolds number effect derived from
wind tunnel data and the effect predicted by theory. It can be seen from the two solid
lines that a very small change in the aeroelastic correction would make a large
change in the Reynolds number effect derived from wind tunnel.
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Reynolds Number Study
2.2% Reference H, W/B Baseline Configuration, Mach = 0.9
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This figure illustrates the study which serves as the basis of the theoretical Reynolds
number effect shown in the previous slide for the Mach=0.9 case. It appears that
theory predicts a slightly larger Reynolds number effect than appears in the wind
tunnel data.
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High Lift Reynolds Number Effects on Drag Coefficient
2.2% Reference H Model
30° Leading Edge Flaps, 10° Trailing Edge Flaps
Mach = 0.3 CL = 0.55 at Alpha = 10.0°
(Wing/Body/Nacelles)
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Reynolds Number Effects:

An estimate of the Reynolds number benefit for the high-lift configuration can be
made using the following assumptions and extrapolating the data as shown in the
figure above. :

Assumptions:
1) The wing is fully turbulent at a Reynolds number above 50 million.

2) The aeroelastic correction is not significant between 800q and 850q so no
correction is required to data at and above the 30 million Reynolds number

condition.

3) The temperature correction is very small at the 90 million Reynolds number
condition.

A solid line has been drawn illustrating the Reynolds number effect on drag
coefficient extrapolated from wind tunnel data between 50 million and 90 million
Reynolds numbers. A dashed line has been drawn illustrating the theoretical
Reynolds number effect extrapolated from an anchor point at the 90 million Reynolds
number condition. Again, this figure shows that there is a difference between the
Reynolds number effect derived from wind tunnel data and the effect predicted by
theory. As before, it should be noted that a very small change in the aeroelastic
correction would make a large change in the Reynolds number effect derived from

wind tunnel.
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Summary

* A significant database exists for the 2.2%
Reference H model, including various
configurations under a wide range of
conditions.

* Data corrections developed and being
assessed include:
— Temperature effects
~ Linear aeroelastic effects
- Non-linear aeroelastic effects

The charts shown before indicate the data that has been acquired to develop data
corrections and ultimately determine Reynolds number effects. This data represents
a substantial wind tunnel database on the 2.2% scale Reference H model acquired in
the NTF. As has been discussed, this data was acquired over a wide range of
conditions.

An initial assessment of fhe Reynolds number effect for the high-speed and high-lift
configurations has been made. ,

1099



1100

——MCDONNELL DOUGLAS HIGH-SPEED CIVIL WNSPC%
Conclusions

» Data corrected for temperature effects and linear
aeroelastic effects shows a smaller Reynolds number
effect than theory predicts for both the transonic and
high-lift configurations.

The initial assessment of the Reynolds number effect on drag coefficient has been
made for the transonic and high-lift configurations. This assessment indicates that
there is a difference between theoretical predictions and fully corrected wind tunnel
data. However, a slight change in the aeroelastic correction to the wind tunnel data
would result in a substantial change to overall Reynolds number effects extrapolated

from this data.

Concems over the boundary layer state, laminar versus turbulent, ultimately leading
to variations in separation and vortex shedding tend to the conclusion that to obtain
Reynolds number effects the model must be adequately tripped. That s, to get
meaningful, understandable data the experiment must be adequately controlled.
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Recommendations

o A significant amount of time is needed to analyze the
existing database including non-linear aeroelastic
effects.

e On completion of the boundary layer transition study
in 1996, select Reynolds number and aeroelastic
conditions should be repeated with boundary layer
control in place to obtain final Reynolds number
effects on performance data.

* On completion of the seal development, select
Reynolds number and aeroelastic conditions should be
repeated on the full configuration including aftbody
and tails, with boundary layer control in place.

A significant effort will be required to analyze the database acquired on this model.
Because of the large effect of small changes to data corrections, and the apparent
non-linearity of the aeroelastic correction, this effort will be an essential part of
understanding the Reynolds number effects that appear in this data.

Results of the boundary layer study during 1996 will include the extent of laminar flow
and free transition on the 2.2% Reference H at a variety of Reynolds numbers. This
information will be used to develop “trip(s)” for the high-speed and high-lift
configurations in order to better control testing of this model.

Ongoing seal development will allow acquisition of “high quality” performance data to
complete the wind tunnel database on the full configuration including aftbody and
tails.
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Pressure Data:

Configuration Mach Reynolds Nr. Test
Baseline wrs 0.20 30 . 57
0.30 4.2, 100 144, 216, 300, 40.0, 500, 80.0, 90.0 57
0.40 30 57
0.50 30 57
0.60 7.7, 100, 218, 300, 6500, 800, 900, 1100 57
0.90 10.3,» 20.0, 30.0, 70.0, 800 57
0.85 10.5, 20.0, 30.0, 80.0 : 57
0.98 0.8, 20.0, 30.0, B80.0 57
’ 1.10 15.0, 20.0, 30.0, 76.8 57
High Lit W/B 4 0.30 4.2, 100, 144, 2186, 300, -, - B0O.O, 900 57
0.60 7.7, 100, -, 300, - , -—, 900, 1100 57
wmB 44 e -
‘W/B/N & 0.30  4.2,4/r10.088 e, 21.6,4r30.0,08f ——, e, -———, 80.005 63, 67
Transonic wB 0.90 10.3, - . 300, - , 80.0 63
W/B/MN 10.3,+ 20.0,42 30.0,98 -, BO0.0% 63, 67
wiB 0.85 105, -—-=, 30.0, 800 : 63
W/B/IN 10.5,44 20.0,45 30.0,¢ 80.0 +# 63, 67
wrB 0.98 10.6, - ., 30.0, 800 63
NOTES:

" with and without conventional wing trip {test 67)
{___"1 run with conventional wing tiip only {test 87}
= with and without forebody trip ring

« no forebody tiip ring

A yawed runs completed for this condition

o Inboard traifing-edge Naps undellected

4 all wailing edge Haps deflected

{ trost runs

» trailing-edqe tiap rake

Data Acquired - pressure data:

The objective in this testing was to obtain performance data leading to Reynolds
number effects for use in extrapolating from wind tunnel test to full scale flight
conditions. This testing is required for a variety of configurations representing
transonic cruise and high-lift flap schedules on an HSCT-class model. The following
figure illustrates the pressure data acquired on configurations without the aftbody and
tails. Chord Reynolds numbers are listed for the data acquired. Dashed lines
illustrate gaps in the database, or configurations/conditions where data has not been
acquired.

For a constant Mach number, Reynolds number can be changed by changing
temperature and/or pressure. Combinations of total temperature, total pressure,
Mach number, and dynamic pressure are referred to as conditions. The chord
Reynolds numbers shown in this figure each have a different condition. These
conditions were shown in the previous slide on the operating envelopes.
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Eorce/Moment Data:

HSCT
HIGH-SPEED CIVIL mmm%

Conliguration Mach Reynolds Nr. Test

Baseline w/B 0.20 e 60
0.30 4.2, 10.0, 14.4, 218, 300, 40.0, $0.0, 80.0, 90.0 60
0.40 —. 80
0.50 — 60
0.60 77, -, 218, 300, -—-, 80.0, -—-, 1100 60
0.80 10.3 80
0.90 10.3, 20.0, 30.0, 70.0, B80.0 60
0.92 10.3 60
0.95 10.5, 20.0, 30.0, B80.0 60
0.98 10.6, 200, 30.0, 80.0 60

W/B/N 0.20 -
0.30 4.2, (104} -——~, 218, (304) — -, -~—~, 90.0 63
0.40 —eeeen
0.50 ——————
0.60 7.7, PR — ¢ e, e, e [R— 63
0.80 10.3 63
0.90 10.3,4 (20, 30.04 —- B0.0 63
0.92 10.3 63
0.95 10.5, - 30.0, 80.0 63
0.98 10.8, - 30.0, 80.0 63
NOTES:

with and without conventional wing teip (test 67)
[___") run with conventional wing trip only (test 87)
# no forebody trip ring

¢ with and without forebody trip ting

# vawed 1uns completed lor this condition

. Inboard trailing-edge flaps undeflected

§ all trailing-edge flaps dellected

Data Acquired - force/moment data for Reynolds number effects:

In addition to pressure data, high quality force and mom

“High quality” refers to data acquired without
when the balance has been properly conditio

The following figure illustrates the high

various chord Reynolds numbers for the baselin
gaps in the database, that is, conditions where data has

tails. Dashed lines illustrate
not been acquired.

ent data has been acquired.
pressure lines crossing the balance and
ned. :

quality force and moment data acquired at

e configuration without aftbody and
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Force/Moment Data:
Configuration Mach
High Uft W/ a 0.30
0.60
wiB 4 0.30
W/B/N 4 0.30
Transonlc wiB 0.90
WIB/N
w/B 0.95
W/B/N
w/B 0.98
W/B/N
NOTES:

HSCT
umu-spgeo cviL mnsm

Reynolds Nr. Test
4.2, -—, 14.4, 216, 300, 400, 500, 80.0, 90.0 60
8.2, ememe, ey, 216, e, e, o , -, 900 63
42 —~——, -——, 2164 3004 40.0- 500.- 80.0,- 30.0» 63, 67
10.3, 200, 300, -—, 800 60,63
10.3.+ 20.0,## 30.0,+8 --—- ., 80.09 /o0 63, 67
10.5, 20.0, 30.0, 80.0 60.63
10.5,94 20.0,72 30.0,24 80.0 2 63, 67
10.6, 20.0, 30.0, 800 60.63
10.6, -, -——, 80.0 63

+ with and without conventional wing trip {test 67)
{___*} run with conventional wing trip only {test 67}

¢ no forebady trip ring
o with and without forebody trip ring

a yawed runs completed for this condition

4 inboard trailing-edge Itaps undellected
& il treiling-edge {laps dellected

Data Acquired - force/moment data for Reynolds number effects:

The following figure illustrates the hi
the high-lift and transonic configurat
.chord Reynolds numbers.are listed for data

gh quality force and moment data acquired for
ions without aftbody and tails. As before, the
acquired. Dashed lines illustrate gaps in

the database, that is, conditions where data has not been acquired.
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HSCT
HIGH-¢ 'EDCVIL mnsm

Force Data Acquired for Aeroelastic Cor' :ction

Configuration Mach

Basefine W/B 0.3

0.8

0.9

0.95

0.98

*Low q conditions with only 1 run

RN(x10e-8}

4.2
10

q {condition nv
153¢1)
159(26)

1601431, 26412

267(42)°, 8041

268{53)*, B17(1
826118)
832(25)
841(45)
843(50]

535(2)

557(34)
5681i461°, 834(29)

1785160/

1800(61)

56613), 893121}
1005{381, 1753115)
1795(62)
1798(51)

1018(4), 104719}
1059(36], 1756(63)
1800¢56)

1047(5], 1076177}
1089{33], 1757(64)
1800(57)

Runs {>800q)

1
110,111,112,113,114
108

82

75

47,49,83.84,85

Data Acquired - force/moment data for aeroelastic corrections:

This figure swsirates the force and moment data acquired for linear aeroelastic
corrections on the baseline configuration. Bold numbers specify q (psf) for the
multiple conditions run at a constant chord Reynolds number. It also lists the high q
data (q > 800 psf) acquired for this configuration in plain type. The asterisks denote
low q conditions (q < 600 psf) where only one run exists. '
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——MCDONNELL DOUGLAS — HIGH-SPEED CIVIL TRANSPORT
Force Data Acquired for Aeroelastic Correction

Configuration Mach  RN(x10e-6} q {condition nt.)} Runs {>800q)
High Litt W/B (a} 0.3 T 4.2 153(1)
10
144 160143)°, 284(23)°
218 267(42)°, B04(7) 145,146,147,148,149,150
30 28B(53)°*, B17{12) 129,130,131,132,133,134
40 826118} 127
50 832(25) 153
B8O 841(45) 177
90 843(50) 168,167,188,1689,175,176
High Litt w/B (b) 0.3 4.2 153(1)
- . 10
14.4
218 267(42)
30
40
50
BO
90
High Lift W/B {b) 0.3 a2 153(1)
10
14.4
21.8 267(42)
30
40
50
80
90 843150/

*Low q conditions with only 1 run
{a] Inboard trailing-edge tiaps undeflected
{b} aif trafing-edge laps deflected

Data Acquired - force/moment data for aeroelastic corrections:

This figure illustrates the force and moment data acquired for linear aeroelastic
corrections on the high-lift configuration. As before, bold numbers specify q (psf) for
the muttiple conditions run at a constant chord Reynolds number. It also lists the
high q data (q > 800 psf) data acquired for this configuration in plain type. Again, the
asterisks denote low q conditions where only one run exists. Data acquired at
Reynolds numbers of 30 million and greater all have dynamic pressures above 800
psf. A plot of this data is included in this presentation.
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Force Data Acquired for Aeroelastic Correction

Configuration Mach  RNix10e-8] q {condition nr.}
Transonic W/B 0.9 103 96613
20 8393121)
30 1005{38), 1753{1%5)
80 1798(51)
0.95 10.5 101814)
20 1047(19)
30 10591386), 1756183)
80 1800(56)
0.98 108 1047(5)
20 107617}
30 1089{33], 1757184)
80 1800157)
Transonic W/B/N ) 0.9 10.3 966(3)
20
30 1005(38)
80 1798(51]
0.95 105 1018(4}
20
30
80 1800¢56]
0.98 10.8 1047(5)
20
30
80 1800157}

Data Acquired - force/moment data for aeroelastic corrections:

This figure illustrates the force and moment data acquired for linear aeroelastic
corrections on the transonic configuration. As before, bold numbers specify q (psf)
for the multiple conditions run at a constant chord Reynolds number. The lowest
dynamic pressures used in acquiring transonic data have been greater than 900 psf.

This high q data is listed in plain type.
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HSCT Ref-H Transonic Flap Data Base:
Wind-Tunnel Test and Comparison with Theory

Paul M. Vijgen
Boeing Commercial Airplane Group
eattle, WA 98124-2207

Abstract

In cooperation with personnel from the Boeing ANP Laboratory and NASA
Langley, a performance test was conducted using the Reference-H 1.675% model
("NASA Modular Model") without nacelles at the NASA Langley 16-Ft Transonic
Tunnel. The main objective of the test was to determine the drag reduction
achievable with leading-edge and trailing-edge flaps deflected along the outboard
wing span at transonic Mach numbers (M = 0.9 to 1.2) for purpose of preliminary
design and for comparison with computational predictions. The obtained drag data
with flap deflections for Mach numbers of 1.07 to 1.20 are unique for the Reference-
H wing. Four leading-edge and two trailing-edge flap deflection angles were
tested at a mean-wing chord-Reynolds number of about 5.7 million.

An outboard-wing leading-edge flap deflection of 8° provides a 4.5 percent drag
reduction at M = 1.2 (CL = 0.2), and much larger values at lower Mach numbers
with larger flap deflections. The present results for the baseline (no flaps deflected)
compare reasonably well with previous Boeing and NASA Ref-H tunnel tests,
including high-Reynolds number NTF results. Viscous CFD simulations using the
OVERFLOW thin-layer N.S. method properly predict the observed trend in drag
reduction at M = 1.2 as function of leading-edge flap deflection. Modified linear
theory properly predicts the flap effects on drag at subsonic conditions (Aero2S
code), and properly predicts the absolute drag for the 4° and 8° leading-edge
deflection at M = 1.2 (A389 code).
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HSCT High Speed Aerodynamics

Ref-H Transonic Flap Data Base *

_—

o DN
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Approach

- Wind-tunnel test in NASA Langley 16-Ft
Transonic Tunnel

- Comparison of wind-tunnel data with theory and
CFD predictions

- Analysis of Reynolds-number effects on
transonic flap data with N.S. method (Dynacs)

* HSR Configuration Aerodynamics FY1995 Contract Deliverable
- Task 3 (Configuration Evaluation, Subtask 4.3.1.2)

HSCT High-Speed Technology {(pmv5727
Ref-H Transonic Flap Data Bac

Approach to Development of Ref-H Transonic Flap Data Base

The approach followed to develop a transonic flap data base for the Reference-H planform is centered
along three complementary paths. Using the Ref-H NASA Modular Model, an experimental data set was
obtained for various flap settings in the Langley 16-Ft transonic wind tunnel. The new data set is
compared with available other Ref-H wind-tunnel tests, mostly for the baseline (cruise) configuration with -
undeflected flaps. As part of the pre-test predictions and the post-test analysis both modified-linear -
theory predictions as well as viscous CFD solutions were obtained at the conditions of the 16-T entry.
Finally, the effect of increasing Reynolds number on the effect of flaps was studied using the Ng.

method.

HSCT High-Speed Technology (pmv5727)
Ref-H Transonic Flap Data Base
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Ref-H Transonic Flap Data Base

Motivation

* Transonic drag rise can be a significant factor in
engine sizing and selection

* For sized airplane, 1 count drag reduction at
transonic / low-supersonic speeds can imply
2,000 Ibs reduction in MTOW

* Previous SST wind-tunnel data indicate
significant drag reduction with leading-edge flaps
at low-supersonic speeds

* At high subsonic speeds, recent Ref-H NTF test
with outboard flaps showed significant drag
reduction with LE10°/TE3° outboard flaps

HSCT High-Speed Technology (prv5727)
Ref-H Transoni¢c Flap Daia Base

Motivation

Reduction of high drag at the transonic "pinch" can faverably affect total weight of the sized aircraft,
among other effects. From previous SST wind-tunnel test, significant drag reduction was obtained with
leading-edge deflections on the outboard wing panel at low supersonic speeds. A recent test in the NTF
(test 63) with the Ref-H geometry showed the potential of large high-subsonic drag reduction with both
leading-edge and trailing-edge flap deflection on the outboard wing panel. Prior to this test, no low-
supersonic data was available on outboard-wing leading-edge flaps effects for the Ref-H geometry.

HSCT High-Speed Technology (pmv5727)
Ref-H Transonic Flap Data Base
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Ref-H Transonic Flap Data Base
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Presentation Outline

« Langley 16-Ft transonic test with outboard flaps

« Comparison with previous tests (baseline and
subsonic flaps)

+ Comparison with CFD and modified-linear theory
e Concluding remarks

HSCT High-Speed Technology (pmv572
Ref-H Transonic Flap Data Bz

Outline of Paper

The paper presents the indicated main topics.

HSCT High-Speed Technology (pmv5727)
Ref-H Transonic Flap Data Base
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Objectives of Ref-H Transonic Flap Test

* Develop outboard flap data base at transonic
speeds using NASA's 1.675% Modular Controls
Model in NASA- Langley 16-Ft Tunnel

* Determine drag reduction achievable with leading-
and trailing-edge flaps deflections on outboard wing

» Verify transition trips and assess possible flap
hinge-line separation due to low-Reynolds number

» Compare new test results with previous Ref-H tests

* Evaluate predictive (design) capability of codes
using the new data set

HSCT High-Speed Technology (prmv8727)
Ref-H Transonic Flap Data Base

Objectives of Ref-H Transonic Flap Test

The objectives of the Boeing-supported performance test with the NASA Modular Controls Model in the
Langley 16-Ft Transonic Tunnel were to generate a data base for design of outboard flaps of an
Reference-H like HSCT configuration to reduce drag in the transonic "drag pinch”, to determine the
magnitude (and sign) of drag reduction and to obtain a sufficient number of repeat polars to assess the
guality of the test and to allow comparison with previous Reference-H tests. If the data base is of
sufficient quality, the set can be used for calibration of existing modified-linear theory methods and
recent viscous CFD overset codes. Since prior to this test no supersonic Ref-H data existed with fiap
deflections, it was desirable to obtain as much flow visualization results as possible to contribute to
understanding of the flow mechanisms underlying the drag reduction.

HSCT High-Speed Technology (pmv5727)
Ref-H Transonic Flap Data Base
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1.875% Ref-A Modular Model in LaRC 16-Ft Tunnel

The picture shows the relative size of the NASA 1.675% Reference-H
Modular Model in the 16-Ft tunnel. (The model is rolled at a 90°
orientation for purpose of recording oil-flow visualization results after

a run.)

The data indicated no discernable effect of the model-wall réflection
shock on the balance forces at Mach numbers exceeding M = 1.07.

HSCT High-Speed Technology
Aei-H Transonic Fiap Data Base
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16-T Testing Requirements and Constraints

*  From 1993 Boeing test of Ref-H cruise geometry in 16-T tunnel, 3
repeat runs were planned to achieve +/- 1.5 counts drag accuracy

* ITD decided two weeks before entry that test time would be restricted
to 25% of total 16-T test with Modular Model

* Allotted test time (7 prime shifts) barely enough to obtain minimum
set of force data assuming 1993 productivity

¢ 16-T competed for power-drive train with NTF and competed for
power with the UPWT during test

e Achieved test matrix smaller than planned

e Adverse balance-temperature effect discovered during present test,
further reducing number of usable polars

¢ Only minimum (oil) flow visualization was obtained. No trip-drag data
and trip effectiveness information obtained

HSCT High-Speed Technology (prmv5727)
Ret-H Transonic Flap Data Base

Testing Requirements and Constraints, Achieved Test Matrix and
Productivity

Not until 2 weeks prior to start of the test was a decision obtained from the ITD on the amount of run time
ailocated for the present performance test using the Modular-Controls model. Assuming the productivity
{(installation, polars per hour and data reduction) achieved in the 1993 Boeing test (T457) with another
1.675% Ref-H model, a pretest matrix was developed. Based on the T457 results, a minimum of three
back-to-back repeat runs was planned to obtained the desired drag accuracy (at least +/- 1.5 counts).

A significant constraint of testing in the 16-Ft tunnel is the competition for power train with the NTF (in
cryogenic mode) for power late at night and in the morning, as well as for power with the Unitary UPWT
complex in day time.

Only a minimal set of force, moment, and colored-oil flow visualization data could be acquired during the
occupancy-fixed test window. The number of repeat runs is smaller than desired for some flap settings.
During this test, it was discovered that a severe temperature gradient existed over the balance beams
during the initial supersonic runs of the day. Inspection of the data affected by this gradient shows that
generally a significant change in drag occurred. In the present analysis, the affected polars have been
discarded, resuiting in a further reduction of available polars.

Finally, limited oil-flow visualization was conducted instead of the originally planned transition
sublimation in an attempt to determine whether hinge-line separation could be the cause for the
observed trend in drag reduction with increasing leading-edge flap deflection. Quality of the oil-flow
visualization achieved in the present test is marginal due to limited time available to adjust the oil/paint
mixture for the present conditions.

HSCT High-Speed Technology (pmv5727)
Ref-H Transonic Flap Data Base
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HeCTHigh Spead ferocynamies 4 675% Ref-H NASA Modular Model Z
Outboard Panels with Flap Deflections

Fixed LE-Flap Deflection
—B 13.029 LE- 00, 4°, 80 and 100

. ’ 2 TE - 0° and 3°
tﬁ% uinge axts / (No nacelles installed

SECTION A-A for transonic-flap
performance test)

& 9.567

HSCT High-Speed Technology {pmv57:
Ref-H Transonic Flap Data B

Model

The model tested in the present performance study was the NASA Modular-Controls Model, a 1.675%
scale model of Boeing's Reference-H Fgreometry with truncated aft body and without nacelles. In the
present Leading-Edge Flap Test (LEFT) supported by Boeing, only leading-edge and trailing-edge
deflections of the outboard wing were investigated. (Normal-to-hingeline flap-deflections angles tested
are indicated) No nacelles were installed during the LEFT test to alleviate CFD modelling requirements
and eliminate nacelle-flow interference scale-effect issues.

A similar 1.675% Reference-H model (Boeing Model 1873) was tested in the same 16-T tunnel in 1993 ~
(Test 457) but in the cruise configuration only. Fairing with dental filler of gaps for interchangeable wing -
tips (with different leading-edge flaps) and trailing-edge flaps was required and the trailing-edge
wing/tuselage junction had a break to allow inboard trailing-edge flap deflections for the Modular Model.

Boundary-layer transition dots were applied to the fuselage and the wing leading-edge surfaces

following standard trip-sizing methods (based on the highest Mach number tested here), and are
identical to the layout in the previous 16-Ft Test 457 with the Reference-H geometry.

HSCT High-Speed Technology (pmv5727) -
Ref-H Transonic Flap Data Base
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16-T Tunnel Conditions, Flap Geometries Tested and
Data Repeatability Achieved

——

e Mach numbers: 0.90, 0.95, 0.98, 1.07, 1.10 and 1.20
* M.a.c. Reynolds number: 5.7 million
* Outboard-wing flap deflections* tested:

- Leading-edge flaps 0°, 4°, 8° and 10°

- Trailing-edge flaps 0° and 3°

* Excluding data affected by balance temperature
gradient, drag repeatability is at best +/- 2.5 counts
hear CL= 0.2 across tested Mach range

* Deflections are normal to hingeline

HSCT High-Speed Technology (prmv5727)
Ref-H Transanic Flap Data Base

16-T Tunnel Conditions, Flap Geometries Tested and Data Repeatability

The figure indicates the tunnel conditions of the present test, and the flap settings tested during the short
entry.

Analysis of the available data, and comparison with the merged and curve fitted (least-squares
approximation) polars for each configuration at each Mach number indicated that the repeatability of the
data is at best +/- 2.5 counts near Cy_ = 0.2 (i.e., approximate operating condition). The polars likely
affected by the balance temperature gradient problem were not included in the data analysis.

In this paper, the curve-fitted data sets are shown in the comparisons with earlier tests and with

predictions. Also, detailed wind-tunnel results are presented here only for M = 0.90 and M = 1.20,
however, the results are intermediate Mach numbers are summarized.

HSCT High-Speed Technology (pmv5727)
Ref-H Transonic Flap Data Base
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Effect of Flap Deflection on Lift and Moment
M= 0.90
0.5 " 7 0.5 4 L3
{ ° Dot o whiee e ¥ / L1 | [ 1 | ﬁ\ y
o LETOTEOFOROT 0. 000104 3672440408 7 Data merged and f11teg !
& —-o—. - (EI0TEXROR0F 0900024 3723114408 y {individusl deta paints not shown) i
0.4 B 0.4 =T T N
7 =T
. Baseling .
|5 L {1
8.2 — ” 6.3 haf ¢ '
X LE-10/TE-0 | [ | |
Trailing-Edge f _4;// Nﬁl i
0.24q Flap Deilected \ // 0.2 ’ +
cLsadl L BT/ TE de< . }’ . [ BalseT?\rle ] L leisac 4 ,1
S0 b b e ) R A i
0.1 ’7?/ L A // ot : )
: LE-10/TE-3 } - -
bl .25 | : ,//\? - -
£ ~ N
; WEavans I
0.0 o CLSAC | \59 - 0.0 y
Eawin b
- 20 7 * ———
A s / [te-tore-0 | | f N
0.1 =2 : 7 Sl i 1 L
7/ nE / s e Bt [ i / { LLE=10/TE-3 ]
/ 0 O YA
-0.2 L L £
-2.00 0.00 2.00 . 4.00 §.00 8.00 10.00 12.00 0.04 _ _ 0.02 0.00 -0.02
ALPHAB CPMSA50D

HSCT High-Speed Technology (prmvE
Ref-H Transonic Fiap Data~

Effect of Flaps on Lift and Pitching Moment at M = 0.90.

At subsonic conditions (M = 0.90), the present results indicate only small reductions in lift and small ~
changes in pitching moment as the leading-edge flap angle is increased from 0° to 10°. As expected, the -
change in camber at subsonic speeds due to deflection of the trailing-edge flap to 3° increases the lift for

given angle of attack, and increases the nose-down pitching moment (leading-edge deflected at 10°). )

HSCT High-Speed Technology (pmv5727)
Ref-H Transonic Flap Data Base
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Effect of Leading-Edge Flaps on Drag
M = 0.90
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HSCT High-Speed Technology (pmv5727)
Ref-H Transonic Flap Data Base

Effect of Leading-Edge Flap Deflection on Drag at M = 0.90.

The effect of leading-edge flap deflection on drag is very significant at subsonic conditions. At C_L=022
drag reduction of 24 counts was measured with the highest flap angle available in this test (10, i.e., a
reduction of about 15 percent compared to the baseline wing. The drag benefit progressively reduces
with reduced flap angle, as well as with reduced angle of attack. The present subsonic data suggests
that the 10° leading-edge deflection provides about the maximum drag reduction at C|_ = 0.2. (The
crossover points between 8° and 10° occurs near CL =0.15.) Athigher CL's, further drag reduction may

be possible with leading-edge deflections above 10°.

HSCT High-Speed Technology (pmv5727)
Ref-H Transonic Flap Data Base
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Effect of Trailing-Edge Flaps on Drag
M = 0.90 (Leading-edge flaps at 10°)
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HSCT High-Speed Technology (pmv57:
Ref-H Transonic Flap Data B:

Effect of Trailing-Edge Flaps on Drag at M = 0.90 (Leading-Edge Flap at
10°)

From previous tests in the NTF with both leading-edge and trailin(?-edge deflections, a significant
increment in drag reduction was expected when the trailing flap is deflected by 3°. AtC_ =0.2, an

additional drag reduction of about 5 counts is achieved in the present test by deflecting the trailing-edge
flap. Note that the crossover point is near CL = 0.15, suggesting that larger drag benefits may be

achieved at C 's above 0.2 with higher trailing-edge deflections.

HSCT High-Speed Technology (pmv5727)
Ref-H Transonic Flap Data Base
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Effect of Leading-Edge Flaps on Lift and Moment
M=1.20
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Effect vi iLeading-Edge Flaps on Lift and Pitching Moment at M = 1.20.

Also at supersonic conditions (M = 1.20}, the present results indicate only smali reductions in lift and very
small changes in pitching moment as the leading-edge flap angle is increased. Note that the normal-to-
the-leading-edge Mach number is still subsonic at M = 1.20 {the highest Mach number tested here).

HSCT High-Speed Technology (pmv5727)
Ref-H Transonic Flap Data Base
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Effect of Leading-Edge Flaps on Drag
M=1.20
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Effect of Leading-Edge Flaps on Drag at M = 1.20.

The eftect of leading-edge flap deflection on drag is different in comparison to the subsonic resuits. First,
the magnitude of the drag reduction at C = 0.2 is smaller, however, a significant reduction of 9.4 counts
{i.e., about 4.5 percent of total drag) is obtained for the 8° flap deflection. Second, in the C\_ range of
interest, the 10° flap achieves the same drag reduction as the 4° flap setting, i.e., about 6 counts. The
rather sharp reduction in drag with a relatively small increase in flap setting (from 8° to 10°) suggested
that possibly flap hinge-line separation contributed to this phenomenon. Available oil-flow visualization
was of too low quality to conclusively exclude hinge-line separation. Post-test OVERFLOW viscous CFD
analyses reveal that hinge-line separation is not expected until higher angles of attack at the Reynolds
number of the test:.

1 M. Kandufa and R. Sheckler, "CFD Methadology Adaptation - Analysis Methods Validation,” Dynacs Engineering,
Renton, in nfiguration Aerodynamics Final Review FY95, Boeing HSCT High-Speed Aerodynamics, Dec.

1995. (See paper in this Session.)

HSCT High-Speed Technology (pmv5727)
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Effect of Flap Deflection on Lift/Drag Ratio
(C, = 0.2, Re = 5.7 million)
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Effect of Flap Deflection on Lift-to-Drag Ratio

The figure presents the measured L/D ratio with the various leading- and trailing-edge deflections tested
at C|_ = 0.2 across the range of test Mach numbers. At M = 0.90, /D is 13.3 for the LE-10°/TE-3°
configuration. The figure illustrates the rather sharp reduction in drag benefit due the higher flap setting
as the Mach number is increased from 0.95 to 0.97 due to the rapid increase in wave drag.

As soon as the freestream Mach number becomes supersonic, the drag benefit with outboard flaps
reduced to order 5 - 10 counts and L/D drops to about 9.2 for the cruise configuration. L/D = 9.6 for the
LE-8°/TE-0° flap setting at M = 1.20. Note that the 10° leading-edge deflection has the same
performance as the 4° fiap at all supersonic Mach numbers tested, whereas the 8° deflection has the
largest benefit at these conditions.

In contrast to the resuits at M = 0.90, a drag penaity occurs due to the trailing-edge flap deflection
compared to a leading-edge deflection only. At C|_ = 0.2, the penalty is about 5 counts due to trailing-

edge flap. However, compared to the baseline undeflected wing, there is still a small net increase in WD
(about 3 counts drag reduction).

HSCT High-Speed Technology (pmv5727)
Rei-H Transonic Flap Data Base
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Relative Effect of Flap Deflection on Lift/Drag Ratio
(C=0.2, Re_ = 5.7 million)
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Relative Effect of Flap Deflection on Lift-to-Drag Ratio

The absolute /D data in the previous tigure are shown here relative to the L/D value for the baseline
geometry at each Mach number. The relative impact of each flap setting across the Mach-number range

tested is apparent.

HSCT High-Speed Technology (pmv5727)
Ref-H Transonic Flap Data Base
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Comparison with Previous Ref-H Wind-Tunnel Tests

¢ Baseline model has been tested at transonic
speeds in several facilities:
- Ames 11-Ft Test ARC198 (2.7% model; Re = 4.8 million)
- Boeing BSWT Test 630  (1.675% model; Re = 10.7 million)
- Langley 16-Ft Test 457  (1.675% model; Re = 5.7 million)
- Langley NTF Test 060 (2.2% model; Re = 30 million used here)

e Model with 10° leading-edge and 3° trailing-edge
flaps has been tested in NTF (Test 063)

e Turbulent flat-plate skin-friction correction is
applied to previous data

HSCT High-Speed Technology (pmv5727)
Ref-H Transonic Flap Data Basa

Comparison with Previous Ref-H Wind-Tunnel Tests

The current data set for the Ref-H Modular-Model is compared with available Reference-H baseline data
obtained in the indicated previous tests. All comparison data are for the nominally identical Reference-H
Wing/Body loft lines.

Because the data with the NTF models were obtained without transition trip dots, NTF data at a chord-
Reynolds number of 30 million (and a dynamic pressure of 1000 psfa) was used. At this Reynolds
number, the flow over the highly-swept wing is expected to become turbulent close to the leading edge.
The NTF drag data used here has been corrected for aero-elastic effects by K. Mejia of Boeing. The lift
and pitching-moment data from the previous test presented here are not corrected for changes in
Reynolds number.

The drag data from previous tests were corrected by applying a constant drag increment across the Ci_
range obtained from comparing the wetted-area skin-friction drag at the conditions of the previous test
{Reynolds number and total temperature) with those of the present test. The skin-friction corrections
were obtained from the fully-turbulent analysis routine in the A389 program. Finally, in the comparisons
shown, the present data as well as the previous results have not been corrected for trip drag.

HSCT High-Speed Technology (pmv5727)
Ref-H Transonic Flap Data Base
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Drag Comparison with Previous Ref-H Baseline Tests at M = 0.90

Drag comparisons are first presented for the non-cryogenic subsonic tests with the Reference-H
baseline wing. Both lift and moment repeat very well in the range of C|_ of interest between the T457 and

the ARC198 tests. Drag comparisons indicate that the present baseline wing is about 3 - 4 counts lower
in drag than the other test at C|_ = 0.2, whereas the zero-lift drag is about 2 counts iower.

HSCT High-Speed Technology (pmv5727)
Ref-H Transonic Fiap Data Base
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Drag Comparison with Previous Ref-H NTF Tests at M = 0.90

The drag results for the baseline wing in the NTF test 60 (cryogenic mode) show the same (corrected)
zero-lift drag coefficient and about a 3 counts higher drag than the present test at C_ =0.2. The drag
results for the flapped wing (leading-edge 10° / trailing-edge 3°) in the NTF test (063) show a much lower
(corrected) zero-lift drag, while the drag coefficient at C|_ = 0.2 is about 8 counts lower than the present
test. As a consequence, the drag reduction with leading-edge 10° / trailing-edge 3° flap is about 11
counts larger in the NTF tests than obtained in the present test.

HSCT High-Speed Technology (pmv5727)
Ref-H Transonic Flap Data Base
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Lift and Moment Comparison with Previous Baseline Tests
M=1.20
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Lift and Pitching-Moment Comparison with Previous Baseline Tests at M
= 1.20

At supersonic speeds (M = 1.20 shown here), good agreement can be observed in lift and pitching-
moment characteristics with the three comparison tests indicated in the Cy range of interest.

HSCT High-Speed Technology (pmv5727)
Ref-H Transonic Flap Data Base
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Drag Comparison with Previous Baseline Tests
M=1.20
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Drag Comparison with Previous Baseline Tests at M = 1.20

The drag comparison at M = 1.20 indicate that at C|_ = 0.2 good to excellent agreement is obtained for the
baseline geometry with the previous tests in the BSWT and Ames tunnels. The drag variation with the
previous 18-T test (T457) is within the experimental uncertaint}/ of the data sets.

Similar to the observation at M = 0.90, the zero-lift drag coefficient is lower in the present test. At M =
1.20, Cpmin is about 3 - 5 counts lower. 1t is possible that the size of the transition-trip dots in the present
test are closer to the lower tolerance estimated from the hand-book method, accounting for a (small)
reduction in zero-lift drag across the Mach range.

The observed agreement between the current data set and previous Ref-H baseline data in the lift range
of interest indicates that the present data is consistent with earlier supersonic results.

HSCT High-Speed Technology (pmv5727)
Ref-H Transonic Flap Data Base
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Summary of Comparison with Previous Ref-H Tests

» Lift and moment data are very similar across Mach
range tested

» Baseline Cp,, is 2 - 5 counts lower than in previous
(skin-friction corrected) tests across Mach range.

- Possible causes are tripping effects, small number
of repeat runs and Modular-Model loft shape

* The present test with LE10°/TE3° flaps has higher
Cpmin than (corrected) NTF063 results

 Drag at C = 0.2 is within 2- 5 counts at M = 0.90
 Drag at C = 0.2 is within 1 counts at M = 1.20

HSCT High-Speed Technology (prmv8727}
Ref-H Transonic Flap Data Base

Summary of Comparison with Previous Ref-H Tests

The slide summarizes the observations made from the above discussion of the comparison with
previous Ref-H tests in different tunnels.

HSCT High-Speed Technology (pmv5727)
Ref-H Transonic Flap Data Base
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Comparison with Theory/CFD Predictions

Approach

« Evaluate predictive capability of analysis methods
for flap design

« Evaluate measured drag trends with leading-edge
flaps at M = 1.20

Methods
+ Modified-Linear Theory

- Aero2S subsonic method (with A389 skin-friction model)
- A389/A080 supersonic method

« CFD
- OVERFLOW N.S. code

HSCT High-Speed Technology {pmv5727)
Ref-H Transonic Flap Data Base

Comparison with Linear Theory/CFD Predictions

The present data set is compared next with results from modified-linear theory as well as with CFD
viscous simulations at the conditions of the 16-Ft wind tunnel. The purpose of the comparison is twofold.
First, the prediction capability of these design and analysis tools can be evaluated for their application to
transonic flap design. Secondly, the prediction tools may allow further understanding of the measured
trends in drag with increasing flap deflection at M = 1.20.

At subsonic speeds, the modified-linear theory method by Carlson et al. (Aero2S) is applied for lift-
dependent drag! . The viscous drag is obtained from the turbulent skin-friction module in A3892 10 allow
buildup of drag polars. At supersonic speeds, the modified-linear theory methods by Middleton et al
(A389/A802) are used. The estimation of attainable leading-edge suction is partly based on previous in-
house wind-tunnel correlations at low supersonic Mach numbers.

Viscous OVERFLOW+ overset-grid flow solutions for several of the present geometries have been
obtained at Boeing by S. Chaney (for the baseline) and at DYNACSs (for the flapped geometries) at both
subsonic and supersonic conditions. Code grid convergence and detailed N.S. flow results are discussed
in detail in the paper by DynacsS.

It is noted that the drag polars obtained from both linear theory and OVERFLOW were curve fitted. (The
acutal OVERFLOW data points are also indicated with symbols.)

1

2

H. Carlson and K. Walkley, "A Computer Program for Wing Subsonic Aerodynamic Performance Estimates Including
Attainable Thrust and Vortex Lift Effects,” NASA CR-3515, 1982.

W. Middieton and J. Lundry, "A System for Aerodynamic Design and Analysis of Supersonic Aircraft,” Parts 1
(Genera! Description and Theoretical Development) and 2 {(User's Manual), NASA CR-3351 and CR-3352, Dec.
1980.

T. Byron and D. Olson, *Zero-Lift Wave Drag Program," Boeing Report D183-10030-1, 1971.

P. Buning et al., "OVERFLOW/F3D User's Manual, Version 1.6ap, NASA Ames Res. Center, Moffett Field, March
1994.

M. Kandula and R. Sheckler, "CFD Methodology Adaptation - Analysis Methods Validation,” Dynacs Engineering,
Renton, in HSR Configuration Aerodynamics Final Review EY95, Boeing HSCT High-Speed Aerodynamics, Dec.
1995. (See also paper in this Session.}

HSCT High-Speed Technology (pmv5727)
Ref-H Transonic Fiap Data Base
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Comparison Lift and Moment Test Data with Predictions
M =0.90, R .= 5.7 million (Baseline and LE10°/TE3° Flaps)
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Comparison Lift and Moment Test Data with Predictions (M = 0.90)

Linear theory generally predicts the lift-curve slope for C's in the operating range properly for the baselin:
and the LE-10°/TE-3° geometry, but lift is overpredicted at a given angle of attack. OVERFLOW properl
predicts C| o for both configurations, and slightly underpredicts lift for the flapped wing. (For o's above 8
the extent of vortex separation on the outboard wing may be underpredicted by the CFD result'). Aero2:
overpredicts the pitching moment, while OVERFLOW properly predicts C) at lower CL. Overall, both code
property predict the shift in lift and moment due to flap deflections at subsonic conditions.

! M. Kandula and R. Sheckler, "CFD Methodology Adaptation - Analysis Methods Validation,” Dynacs Engineering,
Renton, in HSR Configuration Aerodynamics Final Review FY95, Boeing HSCT High-Speed Aerodynamics, Dec.
1995. (See also paper in this Session.)

HSCT High-Speed Technology (pmv5727) =
Ref-H Transonic Flap Data Base -
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Comparison Drag Test Data with Predictions
M =0.90, R .= 5.7 million (Baseline and LE10°/TE3° Flaps)
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N
V

Cdmparison Drag Test Data with Predictions (M = 0.90)

The modified-linear method Aero2S underpredicts drag for the baseline at Ct = 0.2 within 4 counts of the
experimental data. The OVERFLOW calculation at & = 4° (C|_ = 0.165) exactly predicts the measured
drag. The curvefit through the OVERFLOW data points overpredicts drag by 2 count at CL=0.2 and
provides a similar estimate of zero-lift drag in comparison to the flat-plate estimate. (Note that the CFD-
data curvefit probably exaggerates this CDmjn underprediction.) For the LE-10°/TE-3° flap
configuration, Aero2S again underpredicts measured drag at C|_ = 0.2 by about 4 counts. As a

consequence, Aero2S predicts the magnitude of drag reduction due to leading-edge flap deflection with
very good agreement. OVERFLOW overpredicts drag for the flapped geometry by a similar amount as
the baseline, also resulting in proper prediction of the flap effect.

HSCT High-Speed Technology (pmv5727)
Ref-H Transonic Fiap Data Base
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Summary Subsonic Flap Drag Prediction Capability
M =0.90, R = 5.7 million
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HSCT High-Speed Technology {pmv57
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Summary Subsonic Flap Drag Prediction Capability (M=0.90)

The figure summarizes the L/D predictions from Aero2S at CL = 0.2 for all tested configuration an
OVERFLOW results available for the baseline and the LE-10°/TE-3° flap configurations. The measured LT
value of the baseline in the present 16-T test (T469) was used to non-dimensionalize the measured ¢
predicted L/D for the other configurations. The linear method accurately predicts the absolute drag of th,
geometries with only leading-edge deflection. Both methods predict the measured improvement in /D wil
flaps at C|_ = 0.2 to within 2 -3 percent. -
OVERFLOW results' for the LE-10°/TE-3° case at NTF Reynolds number of 30 million show that the -
extent of leading-edge flap hinge-line separation (at CL = 0.2) and lower-surface flap separation (atCL= -
0.1) have a much smaller extent in comparison to the 16-T predictions. Both viscous-flow phenomena
would contribute to the relatively large deviation of the T469 results for LE-10°/TE-3° with the already -
discussed NTF data {with skin-friction correction).

Renton, in figurati r
1995. {See also paper in this Session.}

1 M. Kandula and R. Sheckler, *CFD Methodology Adaptation - Analysis Methods Validation," Dynacs Engineering,
i namics Final Revi Boeing HSCT High-Speed Aerodynamics, Dec.

HSCT High-Speed Technology (pmv5727)
Ref-H Transonic Flap Data Base
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Comparison Lift and Moment Tunnel Data with Predictions
M =1.20, R = 5.7 million (Baseline and LE08°/TEO° Flaps)
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HSCT High-Speed Technology (prw5727}
Ref-H Transonic Flap Data Base

Comparison Lift and Moment Tunnel Data with Predictions (M = 1.20)

Lift-curve slope overestimation by the inviscid linear-theory method A389 is as expected. The
OVERFLOW method properly predicts the slope and magnitude of lift and pitching moment at M = 1.20
near C|_ = 0.2. At higher C's, OVERFLOW overpredicts the pitching moment as well as the ift.
Simulated oil-flow visualization from OVERFLOW at o = 8° indicates a large region of trailing-edge
separation over the outboard wing' . Larger separation than predicted could exptain the differences
o?served)in the figure. (Note that no flow visualization was obtained in the present test at this high angle
of attack.

1 M. Kandula and R. Sheckler, *CFD Methodology Adaptation - Analysis Methods Validation," Dynacs Engineering,
Renton, in HSR Configuration Aerodynamics Final Review FYQS, Boeing HSCT High-Speed Aerodynamics, Dec.
1995. (See also paper in this Session.)

HSCT High-Speed Technology (pmv5727})
Ref-H Transonic Flap Data Base
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Comparison Drag Tunnel Data with Predictions
M =1.20, R = 5.7 million (Baseline and LE08°/TE(° Flaps)
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HSCT High-Speed Technology (pmv5737)
Ref-H Transonic Flap Data Basa

Comparison Drag Tunnel Data with Predictions at M=1.20 (Baseline and
LE-8°/TE-0° Flaps)

Mcdified linear theory overpredicts the baseline-wing drag at C|_ = 0.2 by about 7 counts, but provides a
geod estimate for zero-lift drag. The OVERFLOW simulations underpredicts baseline drag at CL = 0.2 by
about 5 counts. Also at C_ = -0.05, OVERFLOW predicts a lower drag. In contrast to the results for the
baseline, the linear method correctly predicts the drag at CL = 0.2 for the LE-8°/TE-0° flap configuration
(which showed the largest measured drag reduction) to within the experimental scatter. The fact that the
baseline wing drag is overpredicted by A389 explains the larger pre-test expectation concerning flap
benefits at M = 1.20. The OVERFLOW prediction at CL =0.20 is again well within experimental scatter,
whereas the drag near C|_ = -0.05 is again underpredicted.

HSCT High-Speed Technology (pmv5727)
Ref-H Transonic Flap Data Base
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Comparison Tunnel Drag Data with Predictions
M =1.20, R .= 5.7 million (Baseline and LE10°/TEQ° Flaps)
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HSCT High-Speed Technology (prmv5727)
Rel-H Transonic Flap Data Base

Comparison Drag Tunnel Data with Predictions at M=1.20 (Baseline and
LE-10°/TE-0° Flaps)

The experimental results indicate that the increase in leading-edge flap deflection from 8° to 10° result in a
relative large drag increase at M = 1.20. The modified-linear theory prediction underpredicts the drag at C_
= 0.2 by about 8 counts for the 10° deflection. The OVERFLOW computations for the LE-10°/TE-0° flap
configuration predict the absolute drag of the experiment again to within 1 count at C|_ = 0.2. (Excelient
agreement is also obtained at higher lift (C|_ = 0.37), while at C_ = -0.05 the drag is again undermredicted.) In
other words, OVERFLOW properly predicts the adverse drag trend with increased leading-edge deflection

above 8°.

HSCT High-Speed Technology (pmv5727)
Ref-H Transonic Flap Data Base
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Summary Supersonic Flap Drag Prediction Capability
M =1.20, RC = 5.7 million
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HSCT High-Speed Technology (prmvE
Rel-H Transonic Flap Data™

Summary Supersonic Flap Drag Prediction Capability (M=1.20)

The figure shows that the L/D prediction by A389 for the LE-4°/TE-0° configuration is as good as the L
8°/TE-0° geometry. (As before, the measured L/D value of the baseline in the present 16-T test (T469)
used o non-dimensionalize the measured or predicted L/D for the other configurations.) The adverse tre-
in drag with trailing-edge flap deflection at supersonic speed is properly captured by A389. The differenc
between test data and A389 predictions at the present low supersonic conditions for the LE-10° geome
suggest that the modified-linear theory model cannot completely account for the changes as well
magnitudes of the local upflow angles along the outboard wing panel. However, the fact that A389 prope
predicted the drag for the "optimum” LE-8°/TE-0° configuration also suggests that the method can be us
a-posteriori after the optimum flap angle has been determined from experiment or CFD.

The figure reiterates that OVERFLOW properly predicts the measured adverse trend in drag with the 1~
leading-edge flap as compared to the 8° flap. However, the magnitude of L/D benefits with flaps predict
by OVERFLOW is smaller than measured. Analysis of OVERFLOW pressure-distribution data over t
flapped outboard wing shows that for the LE-8°/TE-0° geometry the attachment ling is on the flap low
surface while at LE-10°/TE-0° the attachment line is on the flap upper surface'. The resulting pressure pe
on the LE-8° flap results in a much larger flap normal force and offers a drag reduction through increas
leading-edge suction. OVERFLOW simulated surface oil-streamline results were used to interpret 1
marginal oil-flow visualization obtained during this test at M = 1.20. As OVERFLOW did not predict #l
hinge-line separation at Ci = 0.2, it appears that the reduced performance for LE-10° is not caused
leading-edge flap hinge-line separation, but by the flap pressure distribution as dominated by flap deflect
angle and local upwash angle on the outboard wing panel.

' M. Kandula and R. Sheckler, "CFD Methodology Adaptation - Analysis Methods Validation,” Dynacs Engineering,
Renton, in HSR Configuration Aerodynamics Final Review FY95, Boeing HSCT High-Speed Aerodynamics, Dec.
1995. (See also paper in this Session.)

HSCT High-Speed Technology (pmv5727)
Ref-H Transonic Flap Data Base
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Conclusions - 16-Ft Ref-H Flap Test

« Obtained minimum set of Ref-H performance data
for four LE and two TE outboard flap settings at
transonic speeds. Supersonic data with flaps is
unique for Ref-H geometry

« Subsonic drag reduction with 10° leading- and 3°
trailing-edge deflection is 29 counts
(19% reduction; M = 0.90). (L/D = 13.3 at C =0.2)

« Supersonic drag reduction with 8° leading-edge
deflection is 9 counts (4.5% reduction; M = 1.20).

(L/D = 9.6 at C|= 0.2)

« Present supersonic results are in good agreement
with previous Ref-H baseline data at Cy = 0.2

HSCT High-Speed Technology (prv5727)
Ref-H Transonic Flap Data Base

Conclusions - 16-Ft Wind-Tunnel Flap Test

The main objective of the Reference-H outboard-flap test was achieved. A minimum set of performance
data was obtained for four leading-edge (0°, 4°, 8°, and 10°) and two trailing-edge flap (0° and 3°)
settings at transonic speeds. The supersonic data is unique for the Reference-H geometry.

The 8° leading-edge flap deflection offered a 9 counts reduction in drag (4.5 percent of total drag) atM =
1.20 and C_ = 0.2. In contrast to the pre-test linear-theory prediction, the larger deftection of 10° resulted
in a much reduced benefit than the 8° setting at supersonic speeds.

A large improvement in efficiency is obtained by deflecting the outboard leading-edge flaps at subsonic
speeds. A drag reduction of 29 counts (19-percent reduction) with the 10° leading-edge and 3° trailing-
edge setting was measured. At supersonic speeds, such trailing-edge deflection for the 10° [eading-
edge setting increased drag (at C|_ near 0.2), however, a small net drag reduction relative to the baseline

wing was maintained.

The minimal test time allotted for this performance test, combined with rather low productivity, resulted in
cancellation of planned transition-trip verification, and precluded additional repeat polars and more
extensive oil-flow results. Nevertheless, the supersonic data obtained in this test with the baseline wing
is consistent with previous Ref-H results from tests in others tunnels near C|_=0.2.

HSCT High-Speed Technology (pmv5727)
Ref-H Transonic Flap Data Base
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Conclusions - Comparison with Theory

* Predictive capability of modified linear theory is
good at subsonic conditions (C, = 0.2). Drag levels
and trends are predicted well

* At supersonic conditions, the linear method
properly predicts the drag for smaller flap settings
but overpredicts the optimum flap angle

* Predictive capability of OVERFLOW N.S. method is
good both at subsonic and supersonic speeds.

OVERFLOW properly predicts relative performance -

of LE-8° vs. LE-10° flaps at M = 1.20

* The N.S. method predicts no leading-edge
hinge-line separation at C; = 0.2 and M = 1.20

HSCT High-Speed Technology (prrw577

Aef-H Transonic Flap Data B

Conclusions - Comparison with Theory

Comparison results of the new data set with modified-linear theory and with viscous N.S. simulations wer
presented. The modified linear-theory method Aero2S properly predicted the drag levels as well as th
trend due to flap deflection at subsonic speeds. The supersonic modified linear-theory method A38
overpredicted the drag of the baseline, and underpredicted the LE 10° deflection, resulting in a prete:
expectations biased towards the 10° flap setting. Nevertheless, the A389 method properly predicts the dre
for the LE-4° and LE-8° flap setting in the CL range of interest. '

The N.S. method OVERFLOW properly predicted the measured trends with leading-edge flap deflection :
supersonic speeds. The method captured the larger drag reduction for the LE-8° setting as compared -
the LE-10° configuration at M = 1.20. Finally, the OVERFLOW results indicate that the likely cause for th
measured trend is not leading-edge hinge-line separation at the wind-tunnel Reynolds number but

significant change in pressure distribution over the leading-edge flap between the LE-8° and LE-1(

settings.

HSCT High-Speed Technology (pmv5727)
Ref-H Transonic Flap Data Base
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Final Remarks

» Together with higher Reynolds number CFD
solutions by Dynacs*, current test results provide a
data base on flap effects at transonic speeds for
Ref-H like geometry

« Recommend to use present flap data base to
alleviate drag pinch at low-supersonic Mach
numbers

 Flap surface-pressure measurements and improved
oil-flow visualization data are needed to further
validate CFD predictions at M = 1.20

 Tripping issues of flow over leading-edge flaps on
outboard panels with low sweep need to be verified

»

See Dynacs paper in this workshop session

HSCT High-Speed Tachnology (pmv5727)
Ref-H Transonic Flap Data Base

Final Remarks

Together with higher Reynolds-number OVERFLOW simulations, the present test results provide a data
base on transonic flap effects for Ref-H like HSCT geometries. It is recommended to apply the present
data base to alleviate as much as possible the transonic drag "pinch” at high subsonic and low
supersonic Mach numbers. The data presented here suggest a possible flap schedule to minimize drag
from M = 0.90 to 1.20. Also, it is possible that improved definition of the leading-edge flap design space
can further enhance the drag benefits of outboard flaps at low-supersonic speeds. Based on the present
results, such optimization should utilize CFD methods.
In possible future additional wind-tunnel testing with flaps at low-supersonic speeds, it is recommended
to obtained surface-pressure measurements with deflected leading-edge flaps to validate the CFD
predictions. Particularly, verification of the predicted large changes in leading-edge flap pressure
distribution with small variation in flap angle is of interest.
Additional high-resolution oil-flow visualization is needed to evaluate available detailed computational
%uFr[fDace-flow Tields, particularly at off-design angles of attack were flow separation is predicted by the
method.
Finally, future experimental work needs to address transition-trip effectiveness (and drag) on leading-
edge flaps along low-moderately-swept outboard wing panels.

HSCT High-Speed Technology (pmv5727)
Ref-H Transonic Flap Data Base
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Assessment of Ref. H HSCT Transonic Flap and Reynolds
Number Effects with the OVERFLOW Code

Max Kandula and Ross Sheckler
Dynacs Engineering Company, Inc.
Renton, WA 98058

Transonic flap effects on the aerodynamic performance of Ref. H HSCT wing/body configuration
have been analyzed using the OVERFLOW thin-layer Navier-Stokes code. Flap deflection effects
at freestream Mach numbers M=0.9 (10/3 deg LE/TE at Re=5.8E6 and 30E6 based on the mean
aerodynamic chord, and M=1.2 (10/0 deg and 8/0 deg LE/TE at Re=5.8ES6) for a range of angle
of attack alpha= 0 to 8 deg are investigated. The predictions from the CFD analysis are
correlated with the NTF  (M=0.9 at Re=30E6) and LaRC-16T (M=1.2 at Re=5.8E6) wind tunnel
data. Surface grids are generated using Gridgen-2D elliptic grid generator in conjunction with
GRIDTOOL for database projection. Volume grids are developed with the HYPGEN hyperbolic
grid generator. The volume grid communication is carried out using the PEGSUS code based on
Chimera overlapping scheme. Flow solutions are obtained with OVERFLOW code (central-
differencing option) with the Baldwin-Barth one-equation turbulence model.

Boeing HSCT High Speed Aerodynamics provided the baseline (flaps-up 0/0 deg LE/TE) CFD
results and the wind tunnel data presented here. In general the OVERFLOW Navier-Stokes CFD
computations correlated well with the NTF and LaRC-16T data for forces, drag polar and pitching
moments. The computed drag at low alpha is in general underpredicted, while the computed
pitching moment at high aipha deviates appreciably from the data. Calculations for the 10/3 deg
flaps at M=0.9 and Re=5.8E6 and 30E6 have indicated that the main effect of Re on the 10/3 deg
flaps is seen on the wing upper surface downstream of the the hinge lines. For Re=5.8E6, a
separation is noted on the upper surface downstream of the hinge line whereas no separation is
observed at higher Reynolds number. The OVERFLOW calculations for the 10/0 deg and the 8/0
deg flaps at M=1.2 correlate well with the LaRC-16T data which show that in the range of
alpha=3 to 8 deg, the 8/0 deg flap performs better than the 10/0 deg flaps relative to the baseline

case.

P HSR Configuration Aerodynamics %

HSCT High Speed Aerodynamics
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nacs
ENGINEERING CO. INC
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Obijectives

e Validate Predictions of Transonic Flap Effects with OVERFLOW Code
-~ Generate Surface & Volume grids, and Obtain Solutions
— Correlate with NTF & LaRC-16T Data
» Assess Flap Deflection Effect
» Assess Reynolds Number Effect
— Assess Euler vs. Navier-Stokes Solutions
+ Develop Multi-point Design Capability

The objective of this task is to validate predictions of transonic flap effects on the aerodynamic
performance of Ref. H wing/body configuration using OVERFLOW thin-layer Navier-Stokes code.
In particular the predictions from CFD for flap deflection and Reynolds number effects on forces
and moments will be correlated with NTF (National Transonic Facility at NASA Langley) and
LaRC-16T (pressure tunnel at NASA Langley) data. Also Euler solutions will be assessed with
regard to the lift and pressure drag by a comparison with Navier-Stokes solution, so that the
feasibility of considering a combination of Euler and Navier-Stokes solutions for application to a
muiti-point design capability can be examined.
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Flap & Flow Conditions

» Transonic Flaps 10/3 deg, M=0.9
~ Re=10E6,30E6, 80E6 (NTF)
— Re=5.8E6 (LaRC-16T)

s Transonic Flaps 10/0 deg, M=1.2
~ Re=5.8E6 (LaRC-16T)
~ Re=11E6 (BSWT)

« Transonic Flaps 8/0 deg, M=1.2
— Re=5.8E6 (LaRC-16T)

8 deg LE Flap 0 deg TE Flap

10 deg LE Flap Outboard Wing 3 deg TE Flap

CFD analysis is conducted for the transonic flap and flow conditions at freestream Mach numbers
of M=0.9 (high subsonic) and M=1.2 (low supersonic) for which wind tunnel data are available.
The available data are those from NTF and LaRC-16T wind tunnels. At M=0.9, the 10/3 deg
LE/TE flaps are analyzed at Reynolds number Re=30E6 and Re=80E6 (NTF data, 2.2% scale),
and at Re=5.8E6 (LaRC-16T data, 1.675 % scale). The quantity Re is based on Mean
Aerodynamic Chord (MAC) of 1032.24 in. The NTF data were obtained in 1993 and 1994 (NTF-
60 for flaps up and NTF 63 for flaps down). The LaRC data were obtained in 1995. At M=1.2,
both the 10/0 deg LE/TE and 8/0 deg LE/TE flap deflections are analyzed at Re=5.8E6.
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Approach

»  Surface Grids: GRIDGEN-2D

— Database Projections: GRIDTOOL
* Volume Grids: HYPGEN
»  Volume Grid Communication:

— Chimera Overlapping ('PEGSUQ)

*  Flow Solutions: OVERFLOW
— Baldwin-Barth 1-Eqn. Turbulence Model

— Reynolds Number Restarts

The approach to conducting the CFD analysis using OVERFLOW code is as follows. Existing
surface grids from Boeing are used for components other than the inboard/outboard wing
transition, and the outboard wing with the deflected flaps. Surface grids are generated using
GRIDGEN-2D code (elliptic grid generator). In the surface grids generated using GRIDGEN,
there is found some mismatch between the surface grid and the database. This is primarily due
to the inability of GRIDGEN to constrain the surface grid to the database when elliptic grids are
to be generated when spanning multiple data networks. Thus the surface grids from GRIDGEN
are made to conform to the database by projecting them onto the database using GRIDTOOL.
The volume grids are constructed using HYPGEN hyperbolic code. Volume grid communication
is established by chimera overlapping scheme with PEGSUS code. The flow solutions are
obtained with OVERFLOW thin-layer Navier-Stokes code with Baldwin-Barth one-equation
turbulence model. Reynolds number restarts are also considered.



Surface Grid For Wing/Body Configuration

Wall Conditi
stret. ratio=1.2

y*=0.2 2M=1.2, Re=5.8E6)
=0.8 (M=0.9, Re=30ES6)

Ogtboard
Wing transition

Inboard
wing

Surface Grid Poinf

10/3 deg flaps: 6.6E4 (N-S & Euler)
10/0 deg flaps: 5.4E4 (N-S
8/0 deg flaps: 5.1E4 (N-S

Existing surface grids are used for the fuselage, the collar grid, and the inboard wing. These grids
were obtained from Steve Chaney of Boeing. New surface grids are thus generated only for the
inboard/outboard wing transition region, and for the outboard wing. The database for the
outboard wing geometry for the 10/3 deg flaps is obtained from Boeing in IGES format. For the
10/0 deg flaps, the surface grids are constructed on the basis of an overlap approach, where the
10/3 deg flap grids and the 0/0 deg flap (baseline flaps-up) grids are overlapped to provide the
10/0 LE/TE flap grids. For the 8/0 deg flaps, the outboard wing geometry is generated using
Boeing AGPS software. A C-H grid topology is used for the wing and the wake regions. The grid
is clustered near the leading and the trailing edges, the wing tip, and near the hinge lines to
facilitate flow resolution. The total number of surface grid points are 6.6E4 for the 10/3 deg flaps,
5.4E4 for the 10/0 deg flaps, and 5.1E4 for the 8/0 deg flaps. ‘
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Surface Grid Detail (10/3 deg LE/TE)

inb. wing

hinge lines
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outboard wing

A more detailed view of the surface grid for the 10/3 deg flaps is shown in this figure, indicating
hinge line locations and the web regions.



Volume Grid For Wing/Body Configuration

Volume Grid Point
10/3 deg: 5.0E6 (N-S), 3.3E6 (Euler)
10/0 deg: 4.4E6 (N-S
8/0 deg: 3.5E6 (N-S

outer ellipsoid

This figure shows the volume grid detail for the wing/body configuration. The rectangular box grid
enclosing the wing/body and the outer ellipsoidal grid are obtained from Steve Chaney of Boeing.
For the 10/3 deg flap case, the volume grid dimensions are: fuselage (134x93x71), inboard wing
(289x36x61), inboard/outboard wing transition (281x45x61), outboard wing (306x81x61), collar
(271x23x61), box (217x53x66) and ellipsoid (65x40x31). In general for the Navier-Stokes
solutions, 61 grid points are considered in the surface normal direction. For the Navier-Stokes
solution, the total number of grid points are 5.0E6 for the 10/3 deg flaps, 4.4E6 for the 10/0 deg
flaps, and 3.5E6 for the 8/0 deg flaps. In the case of 10/3 deg flaps, the volume grids for the
Euler grids are built using the same surface grids as for the viscous solution, but with reduced
number of grid points in the surface normal direction (41 for Euer, and 61 for viscous), resulting in

total grid points of 3.3E6 for the Euler solution.

The first grid cell size off the wall is taken as 0.001 in (full scale) for all Navier-Stokes solutions
except for the 8/0 deg flaps. This results in values of y*=0.2 for the case of M=1.2 and
Re=5.8E6, and y*=0.8 for the case of M=0.9 and Re=30E6. The volume grid for the 8/0 deg flaps
is specifically designed for viscous solution at Re=5.8E6 only, and contained the first cell size off
the wall as 0.003 in. Also it has reduced number of points in the wall normal direction for the
inboard wing and the collar grid (about 45 points), thus resulting in a reduced number of total grid
points compared to the 10/3 deg and 10/0 deg flaps. In the case of Euler solution, the first grid
cell distance from the wall is taken as 0.025 in. A stretching ratio of about 1.2 is considered near

the wall in order to minimize truncation errors.
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Ref. H Transonic Flaps (10/3 deg); M=0.9
Surface Pressure Coefficient (OVERFLOW)

Alpha=4 deg
Re=5.8E6

Upper Surface

0.40

0.00
~0.20 Lower surface

-0.40

~-0.60

-0.80

-1.00

-1.20

-1.40

The next several figures illustrate the flap deflection effect on the aerodynamic performance of
the wing/body configuration with the 10/3 deg flaps at M=0.9 and Re=5.8E6 along with
comparisons with the LaRC-16 ft tunnel data. The tunnel dynamic pressure is q=700 psf at
M=0.9. The baseline CFD solutions were obtained from Steve Chaney of Boeing. Paul Vijgen of
Boeing provided the wind tunnel data.

This figure depicts the surface pressure coefficient for alpha=4 deg. At alpha=4 deg, the
aftachment line is on the lower surface of the outboard wing, and a vortex separation of small
extent is noted on the upper surface leading edge. A discrete pocket of high pressure region is
noted in the mid-chord region near the wing tip. The leading edge vortex on the inboard wing

upper surface'is' wider and more clearly visible compared to that for alpha=2 deg. The surface
pressure coefficient distribution on the wing lower surface is seen to be more uniterm.



Ref. H Transonic Flaps (10/3 deg); M=0.9
Surface Streamlines (OVERFLOW)

Alpha=4 deg
Re=5.8E6

Upper Surface

A separation region is noted downstream of the upper surface hinge line. In the case of alpha=4
deg, the chordwise extent of separation is larger than that at alpha=2 deg. The reattachment line
near the upper surface leading edge is evident. Spanwise flow on the outboard wing upper

surface is beginning to appear.
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Ref H Transonic Flaps (10/3 deg); M=0.9
Surface Streamlines (OVERFLOW)

Alpha=4 deg
Re=5.8E6

Outboard Wing
Upper Surface

--- 806 previous page text---
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Ref. H Transonic F'?PSU 0/3 deg); M=0.9
Surface Streamlines (OVERFLOW)

Alpha=2deg
Re=5.8E6

Upper Surface

Lower Surface

Displayed in this figure are the surface streamlines at alpha=2 deg and Re=5.8E6. The flow is
attached near the leading edge, and a significant leading edge vortex separation is noted on the
lower surface of the leading edge flap. A small extent of separation is noted downstream of the
upper surface hinge line along the whole span of the outboard wing. The flow is primarily
streamwise.
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Ref. H Transonic Flaps (10/3 deg); M=0.9
Surface Streamlines (OVERFLOW)

Alpha=8 deg
Re=5.8E6

Upper Surface

Lower surface

At alpha=8 deg, vortex separation is noted on the leading edge fi i ignifi
spanwise flow. g edge flap along with significant
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Ref. H Transonic Flaps (10/3 deg); M=0.9, Alpha=4 deg
Streamlines (OVERFLOW)

Re=5.8E6

Re=30E6

This figure displays a comparison of the streamlines on the outboard wing upper surface for the
10/3 deg flaps at alpha=4 deg for Re=5.8E6 and 30E6. In both the cases, the flow is primarily
streamwise, and a small leading edge vortex region is observed. While a narrow region of
separation downstream of the leading edge flap hinge line is noted at Re=5.8E6, no hinge line
separation is observed at Re=30E6.
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Ref. H Transonic Flaps (10/3 deg LE/TE); M=0.9, Alpha=4 deg
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This figure shows the effect of Reynolds number on the chordwise CP distribution at alpha=4
deg. Reynolds number effects are confined locally to regions downstream of the hinge lines on
the wing upper surface.

In the calculations, the flow over the entire wing surface is considered turbulent, and Baldwin-

Barth one equation turbulence model is employed. The LaRC-16T model (1.675% scale,
Re=5.8ES6) is tripped, while the NTF model (2.2% scale, Re=30E6) is untripped. Referring to the
computed surface streamlines and drag polars for Re=5.8E6 and 30E6, we find that for the 10/3
deg flaps at alpha=4 deg (close to the design CL of 0.25 at M=0.9) OVERFLOW shows hinge line
separation and an overprediction of drag by about 4 counts Re=5.8E6, while at Re=30E6 it
shows no hinge line separation (except near the tip region) and an underprediction of drag by
about 5 counts. The existence of hinge line separation at Re=5.8E6 and the absence of hinge
line separation at Re=30E6 as indicated by OVERFLOW is seen to-signify the effect of Reynolds
number on the computed flowfield. Reynolds number effects on the chordwise CP distribution are
manifest at all angles of attack considered. While Reynolds number effects are confined locally to
regions downstream of the hinge lines on the wing upper surface, global effects of Reynolds
number are observed at alpha=2 deg and 8 deg.
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Ref. H Transonic Flaps (10/3 deg LE/TE); M=0.9, Alpha=2 deg
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Ref. H Transonic Flaps (10/3 deg LE/TE); M=0.9, Alpha=8 deg
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Ref. H Transonic Flaps; M=0.9, Re=5.8E6
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_This figure demonstrates the flap effects on CL-alpha curve at Re=5.8E6. The flap increments
in CL predicted by OVERFLOW are seen to be close to those indicated by the wind tunnel data
in the range of alpha=0 to 8 deg. The incremental CL due to the 10/3 deg flaps relative to the
baseline flaps-up case is seen to be nearly uniform in the range of alpha from 2 to 8 deg. Beyond
about alpha=8 deg, the flap effect on CL tends to decline, which is perhaps due to significant
leading edge vortex separation that results in a diminished effect of camber on CL.
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Ref. H Transonic Flaps; M=0.9, Re=5.8E6
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The flap effect on the drag polar at Re=5.8E6 is presented in the next two figures. The value of
CD.,,, for the 10/3 deg flaps is higher than that for the flaps-up case due to camber drag, and
occurs at CL=0.05 while the CD,,, for the flaps-up case is seen at CL=0. The cross-over of the
two polars due to the polar shift is observed at CL=0.1, beyond which the 10/3 deg flap results
in a reduced drag relative to the baseline case at constant CL.The CFD solutions show good
correlation with the measured polars for both the flaps-up (0/0 deg) and flaps-down (10/3 deg)
cases except at alpha=0 and 2 deg. At low alpha the drag is underpredicted for both the flaps-up
and the flaps-down cases. This inaccuracy is perhaps related to the occurrence of leading vortex

separation on the wing lower surface at low alpha, for which the 1-equation Baldwin-Barth
turbulence model may be inaccurate.

The viscous drag is found to be relatively insensitive to changes in alpha over the range
considered.



Ref. H Transonic Flaps; M=0.9, Re=5.8E6
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For the 10/3 deg LE/TE flap at M=0.9 at alpha=4 deg and Re=5.8E6, the CFD solution
underpredicts the drag by about four counts. At the transonic design CL=0.2, the data show a
drag reduction of 29 counts (19% improvement in L/D) at M=0.9 with the 10/3 deg LE/TE flap.
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Ref. H Transonic Flaps; M=0.9, Re=5.8E6
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A comparison of the flap effect on the CL-CM variation at Re=5.8E6 is reported in this plot. The

“agreement between the CFD result and the data is good, except at alpha=8 deg where we find

appreciable deviation for both the flaps-up and the flaps-down cases. At alpha=8 deg,
OVERFLOW predicts more nose-down pitching moment than the data indicate. The departure

‘between the CFD and the data for CM at alpha=8 deg is perhaps due to the large scale vortex

separation and spanwise flow on the outboard wing upper surface, for which the Baldwin-Barth
one-equation turbulence model may be in error.



Ref. H Transonic Flaps; M=0.9, Re=30E6

0.6
0.5 ..................... . NTF data (q=1°°5 p‘sf)......................-:%- ........................... .?.....-.......'.-’--'-.'..-.;-;o

0.4 |- e NTF data (q=1753 psf) ¢-_ ;
---G-- OVERFLOW
(0.3 . :—

0'2_ ...............

CL

0.1

..........................................

0.0— ..,..........—...-..........z.....,... Feenen

-0. l P PPN ....,... ......................................................... . ‘.
02 . ; :
-2 0 2 4 6 8 10

ALPHA, deg

The next several figures show a comparison of the CFD solution with the NTF data at M=0.9 at a
Reynolds number Re=30E6 (q=1005 psf and 1753 psf). The results for Re=30E6 are obtained
based on a restart from the solution for Re=5.8ES6, rather than starting from a freestream initial
condition. The force coefficients and drag polars will be compared to the NTF data at Re=30E6 at
two dynamic pressures g=1005 psf and 1753 psf to assess aeroelastic effects.

T_his figure shows the CL-alpha variation at Re=30E6. The CFD solution shows values of CL
higher than the data. If a linear aeroelastic correction is applied (extrapolated to q=0 psf), the
agreement would be closer.
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The next two figures display a comparison of the measured drag polar with the CFD result at
Re=30E6. The measured aeroelastic effect on the drag polar is seen to be small. This is due to a
situation where both CL and CD are changed due to aeroelastic effect in such a way (an
increase in CL and a decrease in CD) that the polar shape is relatively less effected. The
correlation at higher angles of attack (alpha=4 and 8 deg) is seen to be better relative to that at
alpha=2 deg, where the drag is off by about 12 counts. This underprediction of drag is similar to
that noted at Re=5.8E6.

The pressure drag is found to be relatively independent of Reynolds number (Re=5.8E6 and
Re=30ES6) except at low alpha (alpha=2 deg).
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Ref. H Transonic Flaps; M=0.9, Re=30E6
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Ref. H Transonic Flaps; M=0.9, Re=30E6
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The pitching moment comparison at Re=30E6 shown in this figure suggests that the CFD values
deviate considerably from the data, although the trends are similar. The agreement would be
closer if aeroelastic corrections were taken into account. The deviation is pronounced at alpha=8
deg. Leading edge vortex and predominant spanwise flow on the upper surface are noted at

alpha=8 deg.



Ref. H Transonic Flaps (10/3 deg LE/TE); M=0.9, Re=30E6 & Euler
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A comparison of Euler solution with the Navier-Stokes solution (Re=30E€) for the drag polar of
the 10/3 deg flaps configuration based on the old grid system (with some geometric mismatch) is
demonstrated in this figure. The resuits show that CL and the pressure drag CD from the Euler
solution are close to those given by the Navier-Stokes solution. This suggests the acceptability of
Euler solutions in predicting the lift and the pressure drag in the range of alpha considered.
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Ref. H Transonic Flaps (10/0 deg); M=1.2
Surface Pressure Coefficient (OVERFLOW)
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- Upper Surface
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OVERFLOW CFD solutions are generated for transonic flaps at M=1.2 for alpha=0, 4, 5 and 8
deg for the 10/0 deg and 8/0 deg flaps at a Reynolds number of 5.8E6. The CFD results for the
flaps up case were generated by Steve Chaney of Boeing. Paul Vijgen of Boeing provided the
wind tunnel data. Qil flow visualization data are available at alpha=4.6 deg corresponding to
design CL of 0.2 at M=1.2.

The next several figures show the effects of flap delection at M=1.2 and Re=5.8ES6, indicating the
results for the 10/0 deg and the 8/0 deg flaps. This figure presents the surface CP for the 10/0

edge. A comparison of this result with the CP distribution for the 10/3 deg flap (M=0.9, alpha=4
deg, Re=5.8E6) provides the following. On the inboard wing upper surface, a leading edge vortex
is observed as in the case of 10/3 deg flaps at M=0.9. Downstream of the leading edge hinge line
on the upper surface of the outboard wing, there is seen a conical band of gradual compression,
with its vertex emanating from the inboard end of the hinge line



Ref. H Transonic Flaps (8/0 deg); M=1.2
Surface Streamlines (OVERFLOW)
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This figure presents the surface CP for the 8/0 deg flap configuration at alpha=4 deg and
Re=5.8E6. The attachment line is at the leading edge.
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Ref. H Transonic Flaps (10/0 deg); M=1.2
Surface Streamlines (OVERFLOW)
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This figure presents the surface streamiine for the 10/0 deg flap configuration at alpha=4 deg. On
the inboard wing , a vortex originates near the leading edge. There appears to be no flow
separation except near the trailing edge. These results are in accord with wind tunnel oil flow
visualization taken at alpha=4.6 deg. The flow is primarily streamwise.



Ref. H Transonic Flaps (8/0 deg); M=1.2
Surface Streamlines (OVERFLOW)
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Upper Surface
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This figure presents the surface streamline for the 10/0 deg flap configuration at alpha=4 deg. On
the inboard wing , a vortex originates near the leading edge. There appears to be no flow
separation except near the trailing edge. These results are in accord with wind tunnel oil flow
visualization taken at alpha=4.6 deg. The flow is primarily streamwise.
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Ref H Transonic Flaps (8/0 deg); M=1.2
Surface Streamlines (OVERFLOW)
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Ref.H Transonic Flaps (8/0 deg); M=1.2
Upper-Surface Streamlines (16-Ft Tunnel Oil-Flow)

Alpha~4 deg
Re~5.8E6

Oil-dot flow visualization for the 8°/0° flap contiguration is shown

at alpha about 4°. Oil dots were applied ahead of the transition trip dots
on the inboard wing. Absence of oil streaklines in the mid section

of the onboard wing indicates the presence of a leading-edge vortex in
th