NASA /CR—2001-210710

Mars Flyer Rocket Propulsion Risk Assessment
Kaiser Marquardt Testing

Kaiser Marquardt
Van Nuys, California

Prepared under Contract NAS3-99198

National Aeronautics and
Space Administration

Glenn Research Center

April 2001



Trade names or manufacturers’ names are used in this report for
identification only. This usage does not constitute an official
endorsement, either expressed or implied, by the National
Aeronautics and Space Administration.

Available from
NASA Center for Aerospace Information National Technical Information Service
7121 Standard Drive 5285 Port Royal Road
Hanover, MD 21076 Springfield, VA 22100
Price Code: A03 Price Code: A03

Available electronically at http: / /gltrs.grc.nasa.gov /GLTRS



TABLE OF CONTENTS

1  INTRODUCTION...ccnrcccsceccsssrecasesrenassssnes 1
2 TEST PROGRAM... 1
D] TEST ARTICLE ..uevveeveriseesseeessessesessaeneesssssssssssssansaesssssssssntssssmasaasasssarntissstsistaattassesesssssinstinne s 1
D9 TEST FACILITIES ...eveeoteesvieseiseeseesessuesserastsssesssanssasssnsasstensssstossssaaastanstostsesuisbtesstiasssssesnestisesnesaee 2
2.3 FACILITY MODIFICATIONS ...veecteireesteesnseeisssesrenasssssssessssssssmassnaesstsasessissiaitsssastasesssensssesussssassess 4
D4 MON-25 PRODUCTION ....vteviereerenressessesseseessmsesssssasaessssessssisnmassssssasssst et tossastsstsssinsesiosninisssisse 8
2.5 INSTRUMENTATION AND DATA ACQUISITION ....coiiiiienieeiiiiniinesiunnscasnsessesssass s st 8
3 RESULTS AND DISCUSSION.... 11
3.1 IGNITION CHARACTERISTICS ..uecveeterteurereesisnessessssestesesstostsmastsnsasassess s et st smsnbsas s st s 12
3.2 PERFORMANCE IMAPPING .....covitenteerutenetsnisseeriesesssssassessesass e s aas s st s bt s sttt 13
3.3 STEADY-STATE CHARACTERISTICS ....cecteiueimtrearernstesstsseestsussbiatssssss s st s sen s san st 18
3.4 PULSING PERFORMANCE ....ccceivereemrercisieiineninessesstesessatessssatesaasssossssastossissmionnassnssassiontesnissnnssssns 20
3.5 PERFORMANCE AT 1.4-KPA CELL PRESSURE.......cccootrieriuiitiniiisnnseseesstesninitnnsissise s s 20
3.6 VIBRATION CHARACTERISTICS ..ccveruerreeeesiisiessrnnessssessnesssessisnsssnssassasssat st innsstsnsssisssssss et s 21
4 NEW TECHNOLOGY 23
5 SUMMARY AND CONCLUSIONS.. 23

NASA/CR—2001-210710 iii



FIGURE 1
FIGURE 2
FIGURE 3
FIGURE 4
FIGURE 5
FIGURE 6
FIGURE 7
FIGURE 8
FIGURE 9
FIGURE 10
FIGURE 11
FIGURE 12
FIGURE 13
FIGURE 14
FIGURE 15
FIGURE 16
FIGURE 17
FIGURE 18
FIGURE 19
FIGURE 20
FIGURE 21
FIGURE 22
FIGURE 23
FIGURE 24
FIGURE 25

TABLE 1
TABLE 2
TABLE 3
TABLE 4

LIST OF FIGURES

KAISER MARQUARDT MODEL R-53 8.9-N BIPROPELLANT THRUSTER ..o 2
R-53 PROPELLANT INJECTION AND FUEL-FILM COOLING SCHEME . .......oeuveeeoeeeeeeeoeeeeeooeooen 2
KAISER MARQUARDT CELL 9 ROCKET TEST FACILITY . ..veeeeeeeeteeeeeeeeee s 3
R-53 THRUSTER MOUNTED ON CELL 9 SMALL ROCKET THRUST STAND. «..eveoeeeveeeoeeoeoe 3
ROOTS BLOWERS AND STOKES PUMPS FOR CELL EVACUATION. «...vvmeeeeeeeoee oo, 4
CELL 9 DATA ACQUISITION AND FACILITY CONTROL CENTER. ...veuveveeeeeeeeeoeeeeeeeeoeeeeeoeoe 4
FTS MoDEL RC10B0 REFRIGERATION UNITS IN PROTECTIVE SHED. ...ueeeeeeoeeoeeooeoeeeoeeo 5
NITROGEN PURGES FOR ENGINE THERMAL CONDITIONING. «...vevveveeereeeeeeees oo 6
FACILITY FLOW SCHEMATIC FOR MARS FLYER TESTING ... .cveevieteeee oo, 7
VAPOR PRESSURE OF THE MIXED OXIDES OF NITROGEN. ....vuveemeeeeeeeeesoee e 8
ENGINE THERMOCOUPLE LOCATIONS. .....cvouviuiitireeeeseeeeeeeeeeeeseeseesesseesssesesseses e s 10
IGNITION DELAY VERSUS THRUST.....veiuiieiiiueeeeeenreeeeneesssessnessesseessssssessssssessseeeees e oo 12
TYPICAL FILTERED THRUST TRACE FOR A 10-SECOND RUN (RUN #693). ...ovoevoeeeeen, 13
TYPICAL POWER SPECTRAL DENSITY VERSUS FREQUENCY OF A RAW THRUST SIGNAL....... 14
TYPICAL THERMAL CHARACTERISTICS OF A 10-SEC HOT FIRE; F = 89N, O/F =2.2. ........ 14
C* EFFICIENCY VERSUS THRUST. ....vevevieeeniiteeeseeeeseneesseesesessseseessesssssessssssess s e 15
C* EFFICIENCY VERSUS PROPELLANT MIXTURE RATIO. ovuviveeeieeeeeeeeeee et 16
SPECIFIC IMPULSE VERSUS THRUST. .....oouvitiiteemeeeeeeeseereseseseeessesessseessses et seeeeeeeeeee o 16
SPECIFIC IMPULSE VERSUS PROPELLANT MIXTURE RATIO. .....cuveueeeeeeeeeeeeeeeeeeesesoeseeoeeeoo 17
CHAMBER TEMPERATURE VERSUS THRUST AFTER 10 SECONDS OF HOT FIRE. ...voouoeono.. 18
QUASI-STEADY-STATE THERMAL CHARACTERISTICS FOR A LONG-DURATION BURN.......... 19
ENGINE CONTROL VALVE AND MANIFOLD TEMPERATURES FOR A LONG-DURATION BURN. 19
SEVERAL PULSES FROM SERIES OF 20 WITH 50% DUTY CYCLE AND A 0.2-SEC PERIOD...... 20
ACCELEROMETER TRACE DURING FIRST 20.48 MS OF HOT FIRE. ...veveoevoeeeeeeeeoeeeeeeoeoeeen 21
POWER SPECTRAL DENSITY FOR THE FIRST 20.48 MSEC OF HOT FIRE. ....evvoeeeeeooeeoeeoeeooeeen 22
LIST OF TABLES

ENGINE TEST SETUP-SPECIFIC INSTRUMENTATION ....evvereeeeeeeeeeeeeeeee e oo 9
ACTUAL TEST MATRIX PERFORMED .....cooutitieeeieeeeeeeeeeeeeeeeeereeseeseees e es oo 11
SUMMARY OF PERFORMANCE AT ELEVATED CELL PRESSURE ......vevoeeeeeeeeeeoeeooeeeeooeeeoe 20
PERFORMANCE SUMMARY DATA FOR 10-SECOND HOT FIRINGS. «..vveveeeeeoeeeeeeoeeeeeeeeeo 26

NASA/CR—2001-210710 v




Symbols
C*

o

F,FT

Nex

I, ISP
N-Oy4

NO

O/F

Pecells PCELL
Pmf» PMF
Pmo» PMO
t

T, TC1
T, TC2
Ten, TCH
T s, TMF
T o, TMO

Loft

ton

Tq, TF1
Tp, TF2
T., TVF
Ty, TVO
Iy, VI

Vv, VV
Wey, WFU
Wox, WOX

Acronyms
ACC1
C-103
CD-ROM
GN2

LN2
MMH
MON-25
MON-3
NASA
RAM
SCXI

LIST OF NOMENCLATURE

characteristic velocity

ignition delay

thrust (vacuum, unless otherwise specified)
C* efficiency

specific impulse (vacuum, unless otherwise specified)
dinitrogen tetroxide

nitric oxide

oxidizer-to-fuel mixture ratio

test cell pressure

fuel inlet manifold pressure

oxidizer inlet manifold pressure

time

injector-chamber interface temperature #1
injector-chamber interface temperature #2
chamber temperature

fuel inlet manifold temperature

oxidizer inlet manifold temperature

valve time off

valve time on

oxidizer-side valve flange temperature
fuel-side valve flange temperature
fuel-side valve temperature

oxidizer-side valve temperature

valve current

valve voltage

fuel flow rate

oxidizer flow rate

accelerometer #1

columbium-metal alloy

compact disc read-only memory

gaseous nitrogen

liquid nitrogen

monomethylhydrazine

mixed oxides of nitrogen, 75% N204 / 25% NO by weight
mixed oxides of nitrogen, 97% N204 / 3% NO by weight
National Aeronautics and Space Administration
random-access memory

National Instruments signal conditioning system

NASA/CR—2001-210710 v






1 INTRODUCTION

The Mars Flyer mission proposed by the National Aeronautics and Space Administration will fly a
miniature airplane in the Martian atmosphere on the centennial anniversary of the Wright brother’s
first powered flight. At the time of proposal, both, an electric motor-driven propeller and a chemical
rocket engine were under consideration for the Mars Flyer propulsion system. As part of a risk
reduction investigation, Kaiser Marquardt was contracted to validate, by test demonstration, the use
of a chemical thruster utilizing mixed oxides of nitrogen and monomethylhydrazine. The objective
was to provide NASA with as much data as possible for the flight system decision.

Preliminary studies performed by NASA showed that a thrust level of 8.9 N would be appropriate for
a rocket-powered Mars Flyer. The Mars Flyer will be power-limited and volume-limited, therefore,
the rocket propulsion system will have to employ storable propellants and be capable of operating in
the Martian environment without thermal management. Without thermal management, the entire
propulsion system, including propellants, will be subjected to extremely low temperatures as the
average diurnal temperature of the surface-level Martian atmosphere is —40 degrees Celsius.

An experimental investigation was conducted to assess the performance of an 8.9-N, bipropellant
thruster operating at —40 °C with monomethylhydrazine (MMH) and mixed oxides of nitrogen
(MON). To facilitate engine operation at low temperatures, dinitrogen tetroxide, N-Qy4, was saturated
with nitric oxide, NO, to lower the freezing point. The freezing point of the industry-standard, 3%
nitric oxide in dinitrogen tetroxide (MON-3) is -15 °C. By increasing the nitric oxide content to 25%
(MON-25), the freezing point was lowered to =55 °C, thus enabling safe operation of the thruster at —
40 °C with sufficient margin for error. The thruster was tested in a near-vacuum environment and
conditioned, along with the propellants, to —40 °C prior to hot firing. Thruster operating parameters
included oxidizer-to-fuel mixture ratios of 1.6 to 2.7 and inlet pressure ranging from 689 to 2070 kPa.
The test matrix consisted of many 10-second firings and several 60, 300, 600, and 1200-second
firings. Measurements included thrust, propellant flow rates, propellant inlet pressures and
temperatures, engine temperatures, system vibrations, and valve control-signal characteristics. Data
obtained from testing were analyzed to determine engine performance characteristics such as ignition
delay, specific impulse, L, versus oxidizer-to-mixture ratio, O/F, I, versus thrust, F, and the
vibration frequency spectrum. Preliminary results indicate that the additional nitric oxide not only
permits lower propellant temperatures, but also compensates for the loss of performance associated
with the lower propellant temperatures by introducing additional chemical energy to the combustion
process. Results exhibited comparable, if not superior, performance as compared to those obtained
with the same thruster fired at normal operating temperatures (~22 °C) using MON-3 and MMH.

2 TEST PROGRAM

2.1 Test Article

The test article used in this investigation was the Kaiser Marquardt Model R-53 8.9-N bipropellant
thruster shown in Figure 1. The thruster consists of three primary components, the control valve, the
propellant injector, and the chamber-nozzle assembly. The engine control valve is a Moog torque-
motor bipropellant type designed to simultaneously control the flow of both oxidizer and fuel. The
injector consists of a single unlike-doublet with two separate injection ports for fuel-film cooling of
the combustion chamber wall. The portion of fuel used for fuel-film cooling was, by design, to be
30% of the total flow. As a result of manufacturing difficulties, however, the cooling fuel was only
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20% of the total flow, which resulted in significantly higher chamber temperatures during hot firing.
The single unlike-doublet is a pair of injection ports designed to impinge a stream of oxidizer with a
stream of fuel inside the combustion chamber and very near the external face of the injector (see
schematic shown in Figure 2). The chamber-nozzle assembly consists of a single piece of forged C-
103 columbium (niobium) alloy with a silicide coating to prevent oxidation. In these tests, the
chamber was operated at temperatures of up to 1500 °C for a total of nearly 10,000 seconds.

Figure 1 Kaiser Marquardt Model R-53 8.9-N bipropellant thruster

Injector

Unlike Fuel-Fiim

Chamber Doublet ! | Cooling Jets

L L

Figure 2 R-53 propellant injection and fuel-film cooling scheme.

2.2 Test Facilities

All testing was conducted in Cell 9 of the Kaiser Marquardt Rocket Test Facility located in Van
Nuys, California and shown in Figure 3. The Cell 9 Rocket Test Facility includes a small thrust stand
(see Figure 4) located within a very large vacuum sphere (see Figure 3). The vacuum sphere may be
evacuated using a large steam ejection system or a series of Stokes pumps and Roots blowers shown
in Figure 5. The facility is fully automated and operated from a remote data acquisition and control
center shown in Figure 6. Data acquisition was performed using a National Instruments SCXI signal
conditioning system controlled by an Intel Pentium II 500 MHz computer having 1 gigabyte of RAM,

|38}
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an 18 gigabyte hard drive, a 53-cm monitor, and a CD-ROM writer. The MON-25 propellant was
produced on-site and analyzed in the Kaiser Marquardt chemistry lab.

ol

Figure 4 R-53 thruster mounted on Cell 9 small rocket thrust stand.
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Figure 6 Cell 9 data acquisition and facility control center.

2.3 Facility Modifications

To accommodate testing of the Model R-53 8.9-N thruster at —40 °C, it was necessary to modify the
existing propellant conditioning system and to make provisions for thermal conditioning of the
thruster hardware. Normally, propellants are conditioned using an Environmental Industries (EI)
Model ME2110 refrigeration system. This system, however, is only capable of conditioning
propellants to —7 °C. Therefore, a Government-supplied thermal conditioning system consisting of
two FTS Model RC10BO, shown in Figure 7, was used in conjunction with the existing system. This
combination system enabled conditioning of the propellants to temperatures below —46 °C.

Conditioning of the propellants was achieved using a system of co-annular plumbing, where the
propellants were passed through an interior passage encased in an outer tube of flowing refrigerant.
This system of co-annular plumbing began at the main propellant run tanks, extended to the engine
valve inlets, and was interrupted only by those transition joints and valves where the system could not
be practically implemented. Conditioning was divided into two stages. The first stage utilized the
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normal EI refrigeration system with ethylene glycol as the refrigerant and the second stage utilized
the FTS refrigeration system with a silicon-based refrigerant. The first stage conditioned the
propellants in the storage tanks and in the lines up to the cell vacuum sphere. The second stage
conditioned the propellants from just inside the cell wall up to the engine inlets. The first stage
temperature was controlled at ~7 °C, while the second stage temperature was set at the desired run
temperature of down to —40 °C.

To provide a stable propellant temperature throughout the duration of hot firings, lasting up to 20
minutes, one-gallon, chilled accumulator tanks were installed serially in-line with the propellant
supply lines. These tanks were located inside the cell vacuum sphere and controlled with the second-
stage thermal conditioning system. This arrangement provided a buffer between the propellant
chilled to the desired run temperature and the higher-temperature propellant entering from outside the
cell vacuum sphere.

Figure 7 FTS Model RC10B0 refrigeration units in protective shed.

The engine hardware was conditioned to —40 °C on the thrust stand through the use of a nitrogen gas
purge. Liquid nitrogen was circulated through a reservoir, which contained a helical heat exchanger
tube through which gaseous nitrogen was passed. The cold gaseous nitrogen was introduced to the
engine hardware through a system of normal impingement jets shown in Figure 8. A ring containing
several jet orifices cooled the engine valve, injector, and chamber. A bar, also containing several jet
orifices, cooled the engine inlets and the short sections of unconditioned, flexible propellant lines.
Figure 9 shows a schematic of the entire setup including the propellant and engine hardware

conditioning systems.
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Figure 8 Nitrogen purges for engine thermal conditioning.
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2.4 MON-25 Production

The required mixed oxides of nitrogen composition, 75% dinitrogen tetroxide (N»Oy) and 25% nitric
oxide (NO) by weight, was produced on-site at Kaiser Marquardt. Production was achieved by
introducing gaseous NO to commercially available MON-3 (3% NO in N,O,) in a controlled
reaction. Production began with a known amount of MON-3 in the run-storage tank. Nitric oxide
was then allowed to flow into the run-storage tank from an external storage cylinder mounted on a
weight balance. Because the saturation of NO into N>Q, involves an exothermic reaction, the flow of
the nitric oxide was carefully controlled so as to preclude thermal run-away. The storage tank was
conditioned to -7 °C to lower the vapor pressure of the mixture and to accelerate the process. For
reference, Figure 10 shows the vapor pressure of the mixed oxides of nitrogen. A tank stirring
mechanism was also used to further accelerate the process. After the required amount of NO had
been transferred and the saturation process was complete, a sample was taken for composition
analysis. The species composition analysis was performed in the Kaiser Marquardt chemistry
laboratory and according to specification MIL-PRF-26539E. After completion of production, the
storage tank was held under pressure (> 700 kPa) to ensure composition continuity. This also
permitted shutdown of the thermal conditioning system during storage.

10°
10— 1 ]
E e p e e %:/;
] [ [ L [N NS
§ 2 4
g | // :
10" 3 r MON-10
102 ST MON-10: log p = 5.4899 - 1352.4 T - 56662 T2 -
F 'MON.30| .| MON-25: log p = 5.4899 - 1236.0 T" - 56662 T*
[ | 7| | MON-30: logp=5.4899 - 1190.7 T" - 56662 T* |
10‘3 ol I llllllLl!llllllllilllllllllliillllilIll

175 200 225 250 275 300 325 350 375 400 425
Temperature, °K

Figure 10 Vapor pressure of the mixed oxides of nitrogen.

2.5 Instrumentation and Data Acquisition

In addition to the standard facility instrumentation, the engine test setup was equipped with
instrumentation to measure thrust, propellant flow rates, propellant inlet pressures, propellant inlet
temperatures, valve control signal characteristics, various engine temperatures, and system vibrations.
All measurements were calibrated in standard (English) units and later converted to metric (System
International) units. Table 1 shows a summary of the engine test setup-specific instrumentation along
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with the ranges of interest. Figure 11 shows the locations of all engine thermocouples. Data
acquisition was performed using a National Instruments SCXI signal conditioning system controlled
by an Intel Pentium I 500 MHz computer having 1 gigabyte of RAM, an 18 gigabyte hard drive, a
53-cm monitor, and a CD-ROM writer.

Table 1 Engine Test Setup-Specific Instrumentation

MEASUREMENT ACRONYM | UNITS | MIN [ MAX CUT
Fuel Flow Rate WFU Ibm/sec | 0.002] 0.01
Oxidizer Flow Rate WOX Ibm/sec | 0.002{ 0.01
Thrust FT 1bf 0 5
Fuel Inlet Manifold Pressure PMF psia 0 300
Oxidizer Inlet Manifold Pressure PMO psia 0f 300
Cell Pressure PCELL psia 0 1.0
Valve Voltage \AY volts 0 50
Valve Current V1 amps 0 1
Fuel Inlet Manifold Temperature TMF °F -60 120
Oxidizer Inlet Manifold Temperature TMO °F -60 120
Chamber Temperature TCH °F 1500 3000 2800 max
Injector/Chamber Temperature TC1 °F -60| 1000| 800 max
Injector/Chamber Temperature TC2 °F -60{ 1000| 800 max
Valve Temperature - Fuel Side TVF °F -60 500| 250 max
Valve Temperature - Oxidizer Side TVO °F -60| 500[ 250 max
Flange Temperature TF1 °F -60| 1000} 250 max
Flange Temperature TF2 °F -60 1000| 250 max
Accelerometer ACC1 g -100| +100
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3 RESULTS AND DISCUSSION

The thruster was tested with propellant inlet pressures ranging from 723 to 2315 kPa, yielding
vacuum thrust levels of 4.5 to 10.6 N with mixture ratios from 1.6 to 2.7. Table 2 shows a summary
of the tests performed.

Table 2 Actual Test Matrix Performed

RUN Pmo mf fon loFF PULSES tprop Peell

kPa kPa sec sec °C kPa
688 1571 1565 10 - 1 -40 <0.15
689 1570 1555 10 - 1 -40 <0.15
690 1567 1586 10 --- 1 -40 <0.15
691 1566 1658 10 --- 1 -40 <0.15
692 1564 1795 10 - 1 -40 <0.15
693 1543 1836 10 --- 1 -40 <0.15
694 1549 1828 10 - 1 -40 <0.15
695 1550 1904 10 --- 1 -40 <0.15
696 1576 2022 10 --- 1 -40 <0.15
697 1522 2076 10 --- 1 -40 <0.15
698 1479 2108 10 --- 1 -40 <0.15
699 1447 2134 10 -—- 1 -40 <0.15
700 1449 2177 10 - 1 -40 <0.15
701 1621 1766 10 -—- 1 -40 <0.15
702 1657 1729 10 --- 1 -40 <0.15
703 1657 1693 10 - 1 -40 <0.15
704 1657 1624 10 - 1 -40 <0.15
705 1695 1559 10 --- 1 -40 <0.15
706 1727 1591 10 --- 1 -40 <0.15
707 1824 1629 10 --- 1 -40 <0.15
708 1553 1835 10 -=- 1 -40 <{0.15
709 1696 1971 10 -~ 1 -40 <0.15
710 1861 2108 10 --- 1 -40 <(.15
711 1967 2248 10 --- 1 40 <0.15
713 2028 2315 10 --- 1 -40 < Q.15
714 1407 1697 10 --- 1 -40 <0.15
715 1306 1555 10 - 1 -40 <0.15
716 1202 1416 10 —-- 1 -40 <0.15
717 1072 1278 10 --- 1 -40 <0.15
718 929 1105 10 --- 1 -40 <0.15
719 792 963 10 e 1 -40 <0.15
720 723 848 10 -—- 1 -40 <0.15
721 1551 1831 10 --- 1 -40 <0.15
722 1544 1828 300 --- 1 -40 <0.15
726 1564 1839 10 --- 1 -7 <0.15
727 1555 1831 10 --- 1 -7 <0.15
728 1607 1758 10 - 1 -7 <0.15
729 1556 1836 10 --- 1 -18 <0.15
730 1553 1827 10 --- 1 -18 <0.15
733 1566 1838 10 -—- 1 -18 <0.15
735 1552 1835 0.1 0.1 20 -40 <0.15
736 1551 1828 0.1 0.1 20 -40 <0.15
737 1551 1825 0.1 0.1 20 -40 <0.15
739 1551 1827 1200 - 1 -40 <0.15
740 1551 1827 1200 == 1 -40 <0.15

741 1547 1826 60 --- 1 -40 1.5
742 1551 1827 1200 --- 1 -40 <0.15
743 1519 1853 1200 - 1 -40 <0.15
744 1528 1827 600 --- 1 -40 <0.15
745 1520 1819 600 == 1 -40 <0.15
746 1533 1820 600 -—- 1 -40 <0.15
747 1536 1820 300 - 1 -40 < Q.15
748 1540 1826 300 --- 1 -40 <0.15
749 1530 1828 300 —-- 1 -40 <0.15
750 1551 1827 300 - 1 -40 <0.15
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Initial tests were performed to ascertain the propellant inlet pressure producing a vacuum thrust level,
Fac, of 8.9 N and an oxidizer-to-fuel mixture ratio, O/F, of 2.1. The engine was designed to produce
these nominal values for equal inlet pressures of 1517 kPa. Improper propellant-flow trim orifices,
however, required oxidizer and fuel inlet pressures of 1551 and 1827 kPa, respectively, to produce
the nominal performance.

Measurements included thrust, propellant flow rates, propellant inlet pressures and temperatures,
engine temperatures, system vibrations, and valve control-signal characteristics. Data obtained from
testing were analyzed to determine engine performance characteristics such as ignition delay, specific
impulse, I, versus oxidizer-to-mixture ratio, O/F, Ly versus thrust, F, and the vibration frequency
spectrum. In each firing, 1 second of pre-fire data was taken to obtain an accurate pre-run thrust tare
and to ensure that all instrumentation was operating properly prior to firing. In each case, 10 seconds
of data was taken after the hot firing to obtain a post-run thrust tare and to observe thermal soak back

trends.

The total firing time for the matrix described in Table 2 is nearly 8600 seconds. Although the amount
of fuel-film cooling was much less than the design value, resulting in very high chamber
temperatures, the engine did survive the entire test matrix. In fact, an additional 2400 seconds of
firing time were put on the engine to dispose of the excess propellants. Record of these final runs
was not possible, because the remaining propellant was downstream of the flow meters.

3.1 Ignition Characteristics

Ignition delay was measured as the time between control signal “ON” and the first instance of
measurable thrust minus the valve response time. Figure 12 shows the ignition delay plotted versus
vacuum thrust level for a constant mixture ratio of 2.1+0.05. As the thrust level was decreased from
approximately 10.6 N to 4.5 N, the ignition delay increased from 7.5 ms to 11.5 ms. Ignition delay
versus mixture ratio, on the other hand, displayed no significant trend. Overall, ignition delay is very
similar to that exhibited by the same thruster fired at normal operating temperatures (~22 °C) using
MON-3 and MMH.

12

- Model R-53 at -40 °C
[ \ MON-25 / MMH
11 \, O/F = 2.1 £0.05

T

-
o

N

| 84 = 0.0803 F* -1.8554 F +18.154 ms ]

6111[llli‘llllllllllllll‘llllllljlllll

4 5 6 7 8 9 10 11 12
Thrust, N

T=T T

T

Ignition Delay, ms
[(s]

LR

T

Figure 12 Ignition delay versus thrust.
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At low thrust levels, roughly less than 6 N, the startup process exhibited a two-stage behavior.
Immediately after ignition, the engine produced very little thrust, less than 1 N, for about 10 ms after
which, the thrust abruptly reached its full steady state value. This delay in full combustion results in
an accumulation of propellants followed by a detonation and a momentary spike in chamber pressure
and thrust. The engine, however, was not damaged as a result of this phenomena.

3.2 Performance Mapping

Thirty-three 10-second hot firings were made at various thrust levels and mixture ratios to map the
domain of performance for a range of inlet pressure with the engine and propellants conditioned to —
40 °C. Initially, several trim runs were made to identify the nominal inlet pressures yielding an
oxidizer-to-fuel mixture ratio, O/F, of 2.1 at a vacuum thrust level, Fy,c, of 8.9 N. The nominal inlet
PresSures, pmo and pye, were determined to be 1550 and 1830 kPa, respectively. Excursions from the
nominal inlet pressures were such that, either the thrust was held constant at nominal while varying
the mixture ratio or, vice versa. Performance data shown in the following plots and listed in Table 4
of the Appendix are averaged over the next-to-last second of each run.

Figure 13 shows a typical thrust trace for a 10-second hot firing. The thrust trace shown in Figure 13
was passed through a digital band-reject filter designed to eliminate both 60-Hz noise and thrust-
stand ringing which would otherwise obfuscate the true engine thrust response. Figure 14 shows the
power spectral density of the raw, unfiltered thrust signal, clearly identifying the 160-Hz natural
frequency of the thrust-stand load cell and the 60-Hz line interference.

16.0 i T

Model R-53 at-40 °C
14.0 MON-25 / MMH 1
B OF =2.151,,= 290 sec

12.0

10.0

LIS IR

Thrust, N
[+ .]
o

6.0F

4.0

™r T Tl Ty

2.0

T

%P‘

omure TIVOITNE VI NN TR T AUAE U U0 TN U NN TR GO S T N T W S e
0'00 2 4 6 8 10 12

Time, sec

Figure 13 Typical filtered thrust trace for a 10-second run (Run #693).
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Figure 14 Typical power spectral density versus frequency of a raw thrust signal.

Figure 15 shows traces of the chamber and the injector-chamber interface temperatures, Te, and T,
and T, respectively. During hot fire, the chamber temperature increases monotonically and reaches
a maximum of 1360 °C. Immediately after engine shutdown, T, decreases exponentially. Chamber
temperatures below 900 °C could not be ascertained using the optical pyrometer and are, therefore,
not plotted. Both injector-chamber interface temperatures increase very quickly over the first two
seconds of hot firing then roll over and increase slowly throughout the entire run, reaching a
maximum of 160 °C. After engine shutdown, both T,; and T., increase and reach a maximum soak-
back temperature of 290 °C after 7 seconds. Other engine temperature were not plotted because they
showed no significant change over the 10-second firing duration.
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Figure 15 Typical thermal characteristics of a 10-sec hot fire; F = 8.9N, O/F = 2.2.
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Figure 16 shows a plot of C* efficiency versus vacuum thrust level for a constant mixture ratio of
2.1+0.05. The C* efficiency is defined as the ratio of actual-to-theoretical characteristic velocities.

*

C,.
nc* — . actual (1)

Clhwlrtiml

The C* efficiency increased with thrust from 80.5% at 4.23 N to 93.0% at 10.2 N. For thrust levels
above 8.5 N, the C* efficiency appears to be relatively constant, however, it drops off sharply for
thrust levels of less the 7 N. The empirical data was used to develop the following analytical curve

fit for 7c~ as a function of thrust at an O/F of 2.1:

Ner = 0.0007630F > —0.02205F * +0.2150F +0.2187; 42N<F <102N; O/F =2.1 (2)

A chemical equilibrium computer code was used to determine the theoretical C* values. The actual
C* values were calculated based on measured vacuum specific impulse, Ispyac, calculated thrust
coefficient, and an assumed nozzle efficiency of 97%. The thrust coefficient along with the
corresponding chamber pressure was determined iteratively using a chemical equilibrium and nozzle

expansion code.
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0.750l1llllll llllllll llll!l'lllilllklkll‘
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Thrust, N
Figure 16 C* efficiency versus thrust.

Figure 17 shows C* efficiency as a function of the oxidizer-to-fuel mixture ratio, O/F, for a constant
vacuum thrust level of 8.9+0.22 N. As the mixture ratio is increased, the C* efficiency initially
increases from 92.6% at 1.61 to a maximum recorded value of 93.3% at 1.99 after which it decreases
to 87.1% at 2.75. The experimental data was used to construct the following analytical curve fit for a

thrust level of 8.9 N:
N =—-0.0755(0/F ) +0.2827(0/F }+0.6629; 1.61<O/F <2.75; F =89N (3)
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Using Eq. 3, the optimal mixture ratio is 1.87 producing an nc« of 92.8%, however, additional data is
necessary to validate these values of regression analysis since the actual data show a maximum closer

to 2.0.
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Figure 17 C* efficiency versus propellant mixture ratio.
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Figure 18 Specific impulse versus thrust.

Figure 18 shows a plot of vacuum specific impulse versus vacuum thrust for a constant mixture ratio
of 2.110.05. Because the thrust coefficient is nearly constant at 1.84, the specific impulse is directly
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proportional to the C* efficiency and therefore shows the same trends. That is, as thrust increases,
specific impulse also increases over the range tested. At 4.46 N of vacuum thrust, the measured /p
was 257.6 sec, while at 10.58 N the [, was 298.1 sec. For thrust levels above 8.5 N, the specific
impulse appears to be relatively constant, however, it drops off sharply for thrust levels of less the 7
N. The empirical data was used to construct the following analytical curve fit for an O/F of 2.1:

I, =02331F" ~6.930F > +69.13F +66.71(sec); 42N<F <102N: OfF =2.1 (4)

Figure 19 shows a plot of vacuum specific impulse as a function of the oxidizer-to-fuel mixture ratio,
O/F. for a constant vacuum thrust level of 8.910.22 N. Again, because the thrust coefficient is nearly
constant at 1.84, the specific impulse is directly proportional to the C* efficiency and therefore shows
the same trends. As the mixture ratio is increased, Isp vac initially increases from 294.1 sec at 1.61 to a
maximum recorded value of 300.7 sec at 1.99 after which it decreases to 271.1 sec at 2.75. The
experimental data was used to construct the following analytical curve fit for a thrust level of 8.9 N:

1,=-41.559(0/F) + 160.58(0/F )+142.84 (sec); 1.61<O/F <2.75; F =8.9N (5)

Using Eq. 3, the optimal mixture ratio is 1.93 producing an Iy, of 298.0, however, additional data is
necessary to validate these values of regression analysis since the actual data show a maximum closer

to 2.0.
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Figure 19 Specific impulse versus propellant mixture ratio.

Figure 20 shows as plot of chamber temperature averaged over the next-to-last second of each ten-
second run versus vacuum thrust for a constant mixture ratio of 2.1+0.05. As thrust was increased
from 4.46 N to 10.58 N, the chamber temperature increased from 993 °C to 1751 °C. This was to be
expected as both the combustion efficiency and amount of total energy increase with thrust over the
range of inlet pressures tested. The empirical data was used to construct the following analytical
curve fit for an O/F of 2.1:
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Figure 20 Chamber temperature versus thrust after 10 seconds of hot fire.

3.3 Steady-State Characteristics

The plot shown in Figure 21 displays the quasi-steady-state characteristics of the Model R-53. The
term quasi-steady-state is used here, because, as indicated in the plot, the mixture ratio decreases with
time and could not be held constant at its initial value of 2.1. The O/F does eventually, however,
reach a steady value of approximately 1.82. For this mixture ratio, the injector-chamber interface
temperatures, T.; and T, reach steady-state values of 145 and 180 °C, respectively. The chamber
temperature reaches a steady-state value of 1420 °C.
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Figure 21 Quasi-steady-state thermal characteristics for a long-duration burn.

Figure 22 shows various temperature traces of the engine control valve and propellants for the same
1200-second burn shown in Figure 21. Note that the engine valve temperatures do not achieve steady
state even after a 1200-sec burn. After 1200 seconds, the valve flange temperatures, T and Tp,, are
approximately 0 °C and the valve body temperatures, T, and Ty, are approximately —12 °C. The
propellant manifold temperatures, Tmo and T, are shown for reference. It was not possible to
maintain T, and T¢ at —40 °C for the entire duration of the run.
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Figure 22 Engine control valve and manifold temperatures for a long-duration burn.
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Figure 23 Several pulses from series of 20 with 50% duty cycle and a 0.2-sec period

3.4 Pulsing Performance

Figure 23 shows several typical pulses from a series of 20 with a 50% duty cycle and a 200-ms period
(ton/tosr = 0.1/0.1 seconds). After 20 pulses, the vacuum impulse bit reaches an average value of 0.22
N-s.

3.5 Performance at 1.4-kPa Cell Pressure

Although the engine was designed to operate in a vacuum environment, a single run was made to
ascertain the performance of the engine at nominal inlet pressures with a cell pressure of 1.4 kPa.
The idea was to simulate the average atmospheric pressure on the surface of Mars. It was expected
that the flow inside the nozzle, designed for a much lower exhaust pressure, would separate and
performance would drop off significantly. If the Model R-53 were to be flown within the atmosphere
of Mars, the nozzle would have to be redesigned and optimized for the 1.5-kPa ambient pressure. In
any event, a sixty-second run was made and results were obtained. Video recordings did indeed
show nozzle flow separation well inside the nozzle. Table 3 shows a summary of the averages over
the last second of the run.

Table 3 Summary of Performance at Elevated Cell Pressure

PARAMETER VALUE | UNITS
Oxidizer inlet pressure 1547 kPa
Fuel inlet pressure 1826 kPa
Oxidizer inlet temperature | -31 °C

Fuel inlet temperature -37 °C
Oxidizer flow rate 2.07 g/sec
Fuel flow rate 1.085 g/sec
Mixture ratio 1.9

Thrust 7.7 N
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Specific impulse 249.0 sec
Cell pressure 1.5 kPa
Chamber temperature 1443 °C

3.6 Vibration Characteristics

An accelerometer was attached to the back of the engine control valve to ascertain the system
vibration characteristics. Figure 24 shows a typical accelerometer trace for the first 20.48 ms of a
nominal 10-sec hot firing. The accelerometer had an accurate response range of up to 50,000 Hz with
a resonant frequency of nearly 90,000 Hz. The data was sampled at 200,000 Hz using an IOTech
high-speed data acquisition system. The highest-amplitude vibrations were experienced during the
first 2 ms of startup after which the vibration was significantly reduced. There are momentary
increases in the vibration amplitude, but they rarely exceed £10 g.

Figure 25 shows the power spectral density versus frequency obtained from the accelerometer

response trace shown in Figure 24.
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Figure 24  Accelerometer trace during first 20.48 ms of hot fire.
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4 NEW TECHNOLOGY

While no new technologies were developed within the scope of this effort, the technology
demonstrated may be applied to other missions besides the Mars Flyer program. Test results show
great promise for any power-limited space application where thermal management of the propulsion
system may be restricted or even eliminated. Such missions include interplanetary travel, planetary
descent and ascent, and intra-atmospheric planetary navigation.

5 SUMMARY AND CONCLUSIONS

An experimental investigation was conducted to assess the performance of an 8.9-N, bipropellant
thruster operating at —40 °C with monomethylhydrazine (MMH) and mixed oxides of nitrogen
(MON). To facilitate engine operation at low temperatures, dinitrogen tetroxide, N.Oy4, was saturated
with nitric oxide, NO, to lower the freezing point. The freezing point of the industry-standard, 3%
nitric oxide in dinitrogen tetroxide (MON-3) is -15 °C. By increasing the nitric oxide content to 25%
(MON-25), the freezing point was lowered to —55 °C, thus enabling safe operation of the thruster at —
40 °C with sufficient margin for error. The thruster was tested in a near-vacuum environment and
conditioned, along with the propellants, to —40 °C prior to hot firing. Thruster operating parameters
included oxidizer-to-fuel mixture ratios of 1.6 to 2.7 and inlet pressure ranging from 689 to 2070 kPa.
The test matrix consisted of many 10-second firings and several 60, 300, 600, and 1200-second
firings. Measurements included thrust, propellant flow rates, propellant inlet pressures and
temperatures, engine temperatures, system vibrations, and valve control-signal characteristics. Data
obtained from testing were analyzed to determine engine performance characteristics such as ignition
delay, specific impulse, I, versus oxidizer-to-mixture ratio, O/F, I, versus thrust, F, and the

vibration frequency spectrum.

Although more data will be necessary to fully characterize the performance of the Model R-53 at
—40 °C fired with MMH and MON-25, the following general statements can be made.

e The engine was successfully operated at a thrust level of 8.9-N and —40 °C when fired with MMH
and MON-25.
Performance is comparable to operation at normal temperatures (22 °C) with MMH and MON-3.
At nominal inlet pressures, the ignition delay is approximately 8 ms, which is comparable to
operation at normal temperatures with MMH and MON-3.

e Based on regression analyses, optimal performance for the 8.9-N thruster will be obtained at an

O/F of 1.93 with an anticipated average specific impulse of 298 sec.

The thruster accumulated nearly 10,000 seconds of operation without failure.

For a duty cycle of 50% with a 200-ms period, the average vacuum impulse bit was 0.22 N-sec

The thruster was successfully operated in an atmosphere of 1.5 kPa.

The thruster exhibits no detrimental vibrations during hot firing.
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