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1.0 INTRODUCTION

The purpose of this report is to describe the results from tests conducted at the Atlantic

Research Corporation/Liquid Prolusion Division (ARC/LP) located in Niagara Falls, NY under

the NASA Glen Mars Flyer Rocket Propulsion Risk Assessment Program. The technical

objectives of this program were to provide test data on the operational characteristics ofa 2 lbf

thruster operating with MMH and MON-25 propellants cooled to -40C to simulate conditions

expected to be encountered during the Mars Flyer mission.

The thruster used in this program was an ARC 10N (2.25 lbf) thruster which had been

used in previous ARC development activities: The thruster was made available to this program

at no cost and is described in Section 2.0. Since MON-25 is not available off-the-shelf, ARC

manufactured a supply of MON-25 for this program and verified the NO content by assay using

an independent company, Vicksburg Chemical. The procedure used to manufacture the MON-

25 and the assay results are discussed in Section 3.0. For this program, ARC developed a

propellant conditioning system which was capable of delivering -40C propellant to the thruster

for tests of any duration. A description of this system is given in Section 4.0. The test plan is

discussed in Section 5.0 and the results from the tests are discussed in Section 6.0. Conclusions

are given in Section 7.0 and Recommendations in Section 8.0

This program can be summarized by indicating the manufacture of MON-25 was

successful with two assays indicating the NO content of the propellant was 25.0 and 25.3%.

After a series of development and calibration tests, the propellant conditioning system

demonstrated the capability of delivering propellant to the thruster at the target temperatures of

21C (70F), -1C (30F), -18C (OF), -29C (-20F) and -40C (-40F) for tests of any run length,

including three successive tests of 1200s duration of-40C. All but three of the tests in the

original plan were conducted with testing being terminated with the depletion of the MON-25.

Most tests were successfully completed including two where the test cell pressure was increased

to 10 torr (0.2 psia) to simulate the Martian atmospheric pressure. The thruster ran well at

NASAJCR--2001-210709 1



Figure 1. ARC 2 IbfThruster

Design

• Propellants: MON-3/MMH
• Materials

• Disilicide Coated C-103 Chamber

• Titanium Injector & Cone
• Area Ratio: 336/1

• Mass: 0.62 kg
• Status

• Flight Qualified
• 210 Delivered

• 50 On-Orbit

Performance

• Thrust: 9.4N

• Feed Pressure: 13.8 bar

* Mixture Ratio:

• Specific Impulse:

• Chamber Temperature:
• Demonstrated Life

• 151,000s

• 587 kg throughput
• 1278 ColdStarts

• 1,120,000 Pulses

1.65

274s

900C
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most conditions with the most notable result being that the cold propellant caused the nominal

mixture ratio to shin from 1.65 to 1.90 as the propellant temperatures were reduced from 2lC to

-40C with a consequent small decrease in specific impulse. Details of the test results are given

in Section 6.0 and Volume 2. These results show that there should be no significant problems

operating this thruster with MMH/MON-25 propellants in the cold --40C environment.

NASA/CR--2001-210709 3



2.0 THRUSTER DESCRIPTION

The 1ON thruster, which was designed for MON-3/MMH propellants, is shown in Figure

1. The thruster is radiation cooled and uses fuel-barrier cooling to maintain chamber wall

temperatures at levels sufficiently low to ensure the thruster meets propellant throughput

requirements. The thruster was designed for stationkeeping on geostationary satellites and has

been fully qualified for this mission using solenoid valves.

The thruster was designed for operation with propellants at a nominal temperature of 21C

(70F). Orifices and flow passages were designed to provide a nominal mixture ratio of 1.65 with

MMH and MON-3 "propellants at 21C. Since propellant densities and viscosities are a function

of propellant temperature, it was expected that operation with-40C propellants would result in

changes in the thruster operational characteristics. These changes will be discussed shortly. It is

important to note that the purpose of the tests described herein was to obtain an understanding of

thruster operation with -40C propellants such that one could design a thruster optimized for

these conditions at a later time.

The thruster is comprised of three major sub-assemblies: the injector assembly, thrust

chamber and expansion cone and the propellant valves. The injector assembly consisting of the

injector, distribution ring, thermal stand-off and oxidizer inlet tube are machined from 6A1/4V

Titanium and electron beam welded together. The injector has three unlike doublets in the core

region and six fuel film coolant holes equispaced on the periphery. Gold plated Inconel 'C' seals

provide the sealing between the valves and the injector assembly..

The thrust chamber is manufactured from Columbium CI03 alloy and is coated with the

Hitemco R512E disilicide coating. The 336:1 area ratio expansion cone is machined from

6AI/4V Titanium and is electron beam welded to the thrust chamber.

NASA/CR--2001-210709 4



ThisthrusterhasnoPc top so chamber pressures could not be measured. Chamber

pressure was estimated by using measured thrust and an assumed value of the thrust coefficient

Cfof 1.77.

The thruster uses two Moog Model 51-178 series redundant normally closed solenoid

valves. The valve is a fail safe design that remains closed through spring pre-load until opened

by electrical energisation. The valve features a teflon seat and no sliding fits. An outlet orifice is

fitted into the valve flange for pressure drop control and there is a provision for an orifice in the

inlet tube for final thruster trimming. The valve also incorporates a 25 micron absolute filter at

the inlet.

2.1 Thruster Heritage

The thruster has been subjected to a very extensive qualification program using two

thrusters. One thruster was used primarily for steady-state testing, while the second was used

primarily for pulse mode testing. The scope of the qualification program included:

• Two thrusters •

• 1400 bums •

• Propellant temperatures: -7 to 54C •

• Feed pressures: 8.3 - 19.8 bar •

• Pulse trains of over 2700 pulses •

Hot restarts

Variable pulse width pulse trains

Thermal stability tests

Gas Ingestion Tests
Thermal Soakback Tests

Some results on the qualification program scope are included in Table 1. The thruster has

successfully performed long burns of 1000s and it was expected that the thruster would be able

to perform the 20 minute (1200s) bums required during this program without any problems.

NASA/CR--2001-210709 5



Table 1. Qualification Test Summary

Parameter Results

Quai Thruster 1 Qual Thruster 2

Total number of pulses 1,123,977 216,863

I Thermal cycles (cold restarts)

Propellant throughput

• Steady State

• Pulse Mode

Propellant temperature range (C)

1,278

417

877

-10 to 59

-20 to 96Injector pre-fire temp range (C)

Mixture Ratio 1.08 to 1.96

Thrust (N) 5.8 to 12.5

Longest SSF duration (s) 1,000

3,600Longest PMF duration (s)

Total on time (s) 151,362

Total Impulse (N-s) 1,428,192

426

645

154

-9 to 57

-I I to 97

1.31 to 1.97

5.8 to 12.0

800

812

99,354

1,030,620

Figure 2 shows the fuel and oxidizer feed pressure envelope for which the thruster is

qualified and the points at which tests were conducted. The qualification range was 8.3 - 19.7

bar (120-286 psia). The nominal operating conditions for the thruster are feed pressures for the

fuel and oxidizer of 13.8 bar (200 psia) and a mixture ratio of 1.65. ARC plans to put trim

orifices into the thruster which will result in a nominal feed pressure of 15.2 bar (220 psia).
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Figure 2. Thruster Feed Pressure Qualification Box
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Figure 3 shows a map of the pulse mode tests which were conducted on the thruster in

terms of the on-time and off-time for the pulses and the propellant temperatures at which these

tests were conducted. The pulse mapping on this thruster was quite extensive and included long

pulse trains (up to 4000 pulses) to demonstrate thermal stability. The thruster demonstrated

successful operation at all conditions and no thermal limitations were discovered during the

qualification tests.

Figure 3. Pulse Mode Operation Box
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Figure 1 provides a brief summary of the operating characteristics of the thruster at the

nominal operating condition. The specific impulse is 274s and the maximum chamber

temperature is only 900C (1650F). This thruster was designed with a high fraction of the fuel in

the barrier in order to produce a thermally robust thruster which could satisfy all high propellant

throughput requirements for very demanding satellite missions. The thruster was designed to

operate at a mixture ratio of 1.65 with MON-3/MMH propellants.

The thruster was designed to provide moderate performance in terms of Isp, but, more

importantly, to operate without any thermal limitations over the entire range of duty cycles

which could be encountered during satellite operation. The nominal mixture ratio for the thruster

NASA/CR--2001-210709 8



is 1.65withMON-3/MMHandthedesignhasahighfractionof the fuel in the barrier. At

nominal conditions, the Rupe Number for the doublet element core is about 1.75, rather than the

more optimum value of 1.00; this is by design to obtain a wide operational envelope rather than a

narrow envelope with higher performance. Rupe Number decreases toward a more optimum

value of 1.0 as mixture ratio decreases below 1.65 and Isp increases slowly as MR decreases as

shown by the data in Figure 4.

Figure 4. Variation of Specific Impulse with Mixture Ratio
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MARS FLYER TEST CONDITIONS

As mentioned earlier, the thruster was designed for operation with 21C propellants and

some changes in operational characteristics were expected at the Mars Flyer conditions due to

the change in propellant properties. The propellant properties which have the largest influence

on thruster operation are density and viscosity.

Figure 5 shows how the density ofMON-3, MON-25 and MMH vary with temperature

over the --46C (-50F) to 49C (120F) range. All three propellants show the same trend of density

increasing slowly as propellant temperature decreases. Note that MON-25 is somewhat less

dense than MON-3 due to the higher NO content.
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In assessing performance ofbipropellant thrusters, one of the most common design

parameters is the Rupe Number given by

R- (Pu2d)°x (I)
(pu2d)fuel

In Eq. (1), p is the propellant density, u is the orifice injection velocity and d is the orifice

diameter; these parameters are for the injector core. Optimum bipropellant combustion is

obtained for R = 1.0. Eq. (1) can be rewritten as

t oJ

where Pc andpo are the fuel and oxidizer densities, dfand do are the diameters of the fuel and

oxidizer orifices in the injector core, MR is the mixture ratio, and B is the fraction of the barrier

fuel injected into the thrust chamber wall. The parameter B is fixed by the ratio of the fuel core

and barrier orifice diameters. Thus, for a given thruster design, R is affected by test conditions

only through the density ratio and mixture ratio.

Figure 6 shows the oxidizer/fuel density ratio for MON-3/MMH and MON-25/MMH as a

function of temperature. For MON-3/MMH at 21C, the density ratio is approximately 1.64

while for MON-25/MMH at -40C, the value is about 1.625. The difference between these two

values in terms of their effect on Rupe Number is negligible. In fact, the variation of the density

ratio for both propellant combinations over the range of temperatures shown in Figure 6 is

sufficiently small that no significant effect on Rupe Number or thruster performance would be

expected. The conclusion then, is that the thruster performance will not be affected to any

significant degree by the propellant density changes associated with operating at --40C.

NASA/CR--2001-210709 11
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Figures 7 and 8 show the variation of viscosity of MMH and MON-3 with temperature.

Note that the MON-3 data extends downward only to 2C (35F). No data is available for the

viscosity of MON-25 so we will use the MON-3 data as an estimate. The data in Figure 7 show

that in going from 21C to -40C, the viscosity of MMH increases by about a factor of 7. Using a

straight line extrapolation of the data in Figure 8, in going from 21C to -40C, the viscosity of

MON-25 would be estimated to increase by about a factor of 2.

For a thruster operating at a given feed pressure, an increase in propellant viscosity will

result in an increase in the frictional pressure drops losses through the thruster flow passages and

consequently, a reduction in propellant flowrate. Since the increase in the fuel viscosity as

propellant temperatures are reduced to -40C is much larger than the increase in the oxidizer

viscosity, the fuel flowrate will decrease more than the oxidizer flowrate. This will cause the

nominal thruster mixture ratio to increase as propellant temperature decreases and as will be

shown in Section 6, this is the trend that is observed in the test data.

The results in Figure 4 show that thruster Isp decreases slowly as mixture ratio increases

and therefore, we would expect Isp to decrease as propellant temperature decreases because of

the mixture ratio shi_. This trend is also observed in the test data.

NASA/CR--2001-210709 13
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3.0 MON-25 PRODUCTION PROCESS

MON-25 is not available either commercially or from Kelly AFB stockpiles. Therefore,

the MON-25 used in this program was manufactured by ARC/LP at our Niagara Falls facility.

ARC/LP had experience in the manufacturing of MON-3 and MON-10 from previous and

ongoing programs. The technique is straightforward as long as proper handling and mixing

procedures are followed.

MON-25 consists of a mixture of 75% nitrogen tetroxide (N204) and 25% nitric oxide

(NO) by weight. The starting constituents for the mixture are MON-3, which is readily available

at our facility from-other programs, and commercially available bottles of NO. The mixing

process involves an exothermic reaction of the NO gas with N204 to create nitrogen trioxide

(N203), which gives MON-25 its characteristic bluish-green color. ARC employed a cooling

chamber during the mixing operation to both limit the oxidizer temperature increase from the

reaction and to lower the vapor pressure of the resulting mixture to better utilize the available

NO from its storage bottle. The initial temperature of the mixing bottle and MON-3 was

approximately -1C (30°F).

Figure 9 shows a schematic of the mixing operation. All hardware associated with the

production of MON-25 was passivated to ensure the minimization of MON-25 leaching excess

iron into solution. This included all mixing vessels, transfer/feed lines and samples bottles. To

minimize the transfer operations required for this test series, a common mixing/storage vessels

was used. The mixing/storage vessel consisted of a standard cylindrical 9-gallon tank with a

stand tube inside along its center axis. The gaseous NO is introduced into the tank through this

perforated stand tube at the bottom of the tank.

NASA/CR--2001-210709 16



I

Figure 9. MON-25 Mixing Operation Schematic

The flow of NO into the tank was controlled by a NO gas regulator which limited the

pressure of the NO to about 1.6 bar (23 psia), which is approximately the vapor pressure of the

final mixture of MON-25 at-IC (30F). Both pressure and temperature were monitored during

the mixing operation. Periodically, the NO flow was turned offto allow the reaction to reach

completion and for the mixing/storage vessel to be recooled. The pressure and temperature of

the NO bottles were monitored during this operation. The NO bottle was allowed to return to

ambient temperature to calculate the mass of NO which has been introduced into the

mixing/storage vessel through the use of the perfect gas law.

After it has been determined that sufficient NO has been added to the oxidizer, the

oxidizer was sampled using an evacuated standard Hoke bottle. The sample was shipped to

Vicksburg Chemical for chemical analysis per MIL-P-26539D to verify the NO content of the

oxidizer. The two samples analyzed showed an NO content of 25.0% and 25.3%.

Approximately 22.7 kg (50 Ibm) of MON-25 was manufactured.

NASA/CR--2001-210709 17



Aftercompletionof themixingoperation,gaseous helium was introduced into the

mixing/storage vessel. This gas pressure blanket insures that the NO does not come out of

solution preferentially at ambient temperatures. The pressure was maintained at about 8.6 bar

(125 psia), which is higher than the vapor pressure of MON-25 at 32C (90F) (a maximum

summer time temperature for the Niagara Falls facility).

NASA/CR--2001-210709 18



4.0 PROPELLANT AND HARDWARE TEMPERATURE CONDITIONING SYSTEMS

To support the Mars Flyer program, ARC developed a propellant conditioning system

with the capability to cool the propellants to -40C for tests of any run duration. A schematic of

the propellant cooling system is shown in Figure 10.

In this system, liquid carbon dioxide (CO2) is used to cool a bath filled with a mixture of

approximately 60/40 ethylene glycol and water. The freezing point for this mixture is about -

50C (-58F). This mixture was chosen as a tradeoffbetween the required temperature capability

of the fluid and the ability to pump it to the propellant heat exchangers. For example, by

reducing the water ha the fluid, the freezing point could be reduced further, however, since the

viscosity of the fluid increases rapidly as the ethylene glycol content is increased and

temperature is reduced, it becomes difficult to pump an adequate supply of the fluid to the heat

exchangers. After some experimentation, the 60/40 mixture was found to be satisfactory for

these tests. The CO2 circulates through the bath inside a set of copper coil tubing. It enters the

coils as a liquid and exits as a gas; most of the cooling capability is, therefore, in the heat of

vaporization of the CO2. A mechanical agitator was also used in the bath to increase the heat

transfer rate between the bath fluid and the liquid CO2.

The glycol bath is located outside of the test cell. The cold bath fluid is pumped through

an insulated line to the propellant heat exchanges inside the test cell. The cooling fluid is split

inside the cell and directed to separate fuel and oxidizer heat exchangers. After leaving the

propellant heat exchangers, the fluid is returned to the bath via a single line.

As shown in Figure 10, the propellant heat exchangers are located in the test cell

downstream of the propellant tanks and flowmeters. Figure 11 shows the thruster mounted in the

test cell with the propellant heat exchangers located just behind the thruster. The distance

between the propellant heat exchangers and the thruster valve was approximately 10 cm.

Thermocouples (FIT, OIT; See Figure 10) were located in the fuel and oxidizer lines just

NASAJCR--2001-210709 19
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Propellant Heat Exchanger

Figure 11. Thruster Mounted in Test Cell
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upstream of the thruster to measure propellants ternperatures as close as possible to the thruster

inlet. The propellant heat exchangers contain copper coils through which the propellants flow.

The cold glycol/water mixture flows around the outside of the coils and cools the propellant.

The heat exchanger is a counterflow design with the cold glycol entering the heat exchanger at

the location where the propellant exits to the thruster. Typically, the propellant enters the heat

exchanger at about 21C (70F) and leaves at a temperature within about l C (2F) of the entering

glycol/water mixture.

Figure 12 shows a high resolution time history of the propellant temperatures for Test

35625 which was a 1200s run at the nominal 15.2 bar (220 psia) feed pressure with nominal -

40C propellants. Except for a short period during the start transient, the propellant conditioning

system maintained the propellants within +IC (+_2F) of 40C for the entire 1200s run. The start

transient is due to the cleaning of the small amount of propellant in the short line between the

propellant heat exchangers and the thruster. Before each test, a short bleed flow is conducted

into a catch tank to clear the propellant in this line, however, bleed flow times on these tests was

kept short due to the limited amount of MON-25 available for these tests.

As noted earlier, the mixture of ethylene glycol and water used as a heat exchanger fluid

becomes very viscous at low temperatures. When conditioning propellants to -40C, it was found

that the heavy load imposed on the pump by this viscous fluid would cause the pump to over heat

and cycle offduring long tests. The two valleys in the propellant temperatures shown in Figure

12 are due to the pump cycling offand then being restarted. Figure 13 shows the time history of

temperatures of the heat exchanger fluid at the heat exchanger inlet and outlet for this test. These

temperatures are quite constant over most of the test except for the two points where the pump

cycles off and is restarted. Note that in cooling the propellant, the temperature increase of the

fluid is only 1C (2F) from heat exchanger inlet to exit. The system was designed with a good

deal of margin in terms of the thermal cooling capability of the propellant heat exchangers and

because of this margin, even when the pump shuts down and is restarted, the propellant

temperatures were maintained within 1C of the target --40C valve for the entire 1200s test.

NASA/CR--2001-210709 22
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Before each test, the thruster and valves were cooled to a temperature which was below

the propellant temperature. It was difficult to cool the hardware with any degree ofprecision,

however, the objective was hardware temperatures equal to or lower than the propellant

temperatures, and this was achieved in all cases. Hardware temperatures were measured by

thermocouples located on the back of the injector. The hardware was cooled by throttling liquid

CO2 through an orifice. In going through the orifice, the liquid flashed to vapor at the test cell

pressure of about 1.5 torr (0.03 psia). This cold CO2 gas was directed at the hardware through

four lines, one at each valve and two at the injector from opposing sides. This cold gas injection

system had independent valves for the valve and injector cooling circuits and they were cycled

ordoffuntil the desired temperatures were obtained. As noted earlier, it was difficult to achieve

precise control of the hardware temperatures using this approach. The data shows that for all

tests, hardware temperatures were below the propellant temperatures and for many tests, the

hardware start temperatures were well below the propellant temperatures which represents a very

severe environment. In any future testing, a system which provides more precise control of

hardware temperatures should be developed.
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5.0 TEST PLAN

The test procedures and test plan for this activity are documented in ARC PP-80704 (Test

Procedure) and ARC PP-80704, Addendum 1 (Hot Fire Test Matrix). These documents were

reviewed and approved by NASA before testing was initiated.

Tables 2, 3 and 4 show the planned tests. Table 2 shows the baseline tests with 21C

(70F) propellants. The test matrix consists of tests a different feed pressures from 6.9 - 20.7 bar

(100-300 psia), three tests to measure the effect of mixture ratio, and one test where the cell

pressure was increased to 10 tort (0.2 psia) to simulate the Mars atmospheric environment.

Shown in the last column is the ARC test number for the planned test. Table 3 shows the matrix

for the tests to map thruster performance as a function of propellant temperature and feed

pressure. Table 4 shows the matrix for testing with -40C propellants. All tests were completed

except for Tests 6, 8, and 9 in Table 4. These tests were not conducted since of the MON-25

supply was exhausted.

Figure 14 shows the thermocouple instrumentation on the thruster. Two

thermocouples (ICBT1, ICBT2) wee located on the backside of the injector. One thermocouple

was located on each valve and valve mount and four thermocouples were located at the nozzle

joint. These thermocouples were used to set pre-test hardware temperature and to monitor

thruster behavior during hot fire testing.
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6.0 TEST RESULTS

Table 5 provides a summary of all the tests conducted during this program. The detailed

test data is given in Volume 2. Most of the tests were of 30s or 60s duration and for these tests,

the results shown in Table 5 are at the end of the run. For the long duration 600s and 1200s runs,

a data slice at 60s and at the end of the run are given in Table 5. Given in Table 5 are results for

thrust, Isp, mixture ratio(MR), propellant flowrates(total, fuel, oxidizer), propellant temperatures

and valve and injector temperatures before the start of the test. Also shown is a value for Pc

which is calculated from the measured thrust, assuming a value for the thrust coefficient(Cf) of

1.770. C* is calculated from this estimated value for Pc. The maximum chamber temperature

measured during the test using the Agema infrared camera is also given in Table 5.

Test 35607 was a 30s test which was terminated at 28s when an excessive amount of fuel

was observed coming from the nozzle. This test was successfully rerun as Test 35610. It was

suspected that there was gas in the oxidizer line during Test 35607 which caused poor

combustion. This thruster has a high fraction of the fuel in the barrier so the chamber runs

relatively cold, however, a consequence of this is that it is difficult to bum all the fuel,

particularly when the feed pressure is low and the propellant is cold. Typically, at the low feed

pressure conditions fuel was observed collecting around and vaporizing from the rim of the

nozzle.

Test 35464 was a pulse test with a 0.500/0.500s duty cycle. This test was terminated

before completion when fuel was observed coming from the nozzle and the strip chart data

showed no evidence that combustion was occurring in the chamber. The previous two pulse tests

with duty cycle of 0.100/0.100s and 0.200/0.200s ran successfully.

Test 35649 was terminated early since the MON-25 oxidizer was exhausted early in the

test. During the test, fuel was observed running out of the nozzle. The test data shows the

mixture ratio decreasing during the test, indicating the oxidizer was being exhausted.
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Figure 15 shows the time history for the propellant, fuel valve, oxidizer valve and injector

temperatures for Test 35625, which was a 1200s test at the nominal 15.2 bar (220 psia) feed

pressure and with -40C propellant. Figure 15 shows that the injector and valve temperatures

were below -40C at the start of the run. Pre-test hardware temperatures for each test are given in

Table 5. The results in Figure 15 show thd valve and injector temperatures rise smoothly during

the run with steady-state valve temperatures being reached after 500s and the injector

temperature after about 300s.

Figure 16 shows the time history of thrust, specific impulse and mixture ratio for Test

35625. Thrust and Isp are relatively constant except for two bumps which appear to be

correlated with the dips in the propellant temperatures shown in Figure 12. Figure 17 shows a

higher resolution chart of the mixture ratio time history. As the injector temperature increases,

the mixtur_ ratio shills downward reaching a steady-state value of about 1.84. The nominal

mixture ratio for the thruster with 21C propellants is 1.65; the changes in propellant viscosity

caused by operation with -40C propellants cause the mixture ratio to shift from a nominal 1.65

to 1.84.

Figure 18 shows the time history of the propellant flowrates for Test 35625. The flows

are quite steady throughout the run. The oxidizer flow shows two small oscillations associated

with the pump cycling off and being restarted. The fuel flow shows a small increase during the

start transient as the injector temperature increases as this is responsible for the decrease in

mixture ratio during the start transient.

Figure 19 shows the effect of propellant temperature on thruster mixture ratio for tests at

the nominal 15.2 bar (220 psia) feed pressure. The data covers the propellant temperature range

of 25C to -42C (77F to -44F). The data trend shows that as propellant temperature decreases,

the mixture ratio increases. As discussed in Section 2, this is caused by the large increase in the

fuel viscosity as the propellant temperature decreases. This thruster was designed for a nominal

mixture ratio of 1.65 with 21C (70F) propellants and as the results show, the mixture ratio shift is
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modest for temperatures above about --,4C (25F), but increases rapidly for temperature below this

level. It should be noted that it would be relatively easy to redesign the thruster by modifying

the orifices and flow passages to provide a mixture ratio of 1.65 with -40C (-40F) propellants

such that optimum performance could be obtained for the Mars environment.

Figure 20 shows how thruster specific impulse is affected by propellant temperature. The

effect is quite modest with Isp decreasing by about 10s as the propellant temperature is decreased

from 25C (77F) to --42C (-44F). Figure 4 shows how Isp varies with MR for 21C (10F)

propellants and these results show that _ MR increases from 1.65 to 1.85 for the 16 bar tests, Isp

decreases by about 5s. This suggests that the decrease in Isp due to operation with cold

propellants is caused about equally by the induced shift in mixture ratio and by the propellant

temperature, itselr.

Figure 21 shows the effect of both feed pressure and propellant temperature on the

thruster mixture ratio. The results show that at all propellant temperatures, except the 21C (70F)

case, mixture ratio is relatively insensitive to feed pressure. With 21C (70F) propellants, the

mixture ratio decreases as feed pressure decreases and falls sharply for feed pressures below

about 10.3 bar (150 psia). This occurs because at low feed pressures, the oxidizer tends to boil in

the injector causing a decrease in the oxidizer flowrate and a downward shift in mixture ratio.

This does not occur with cold propellants since they can absorb the injector heating without

reaching the saturation temperature of the oxidizer.

Figure 22 shows how thruster specific impulse varies with feed pressure and propellant

temperatures. The results show that Isp decreases as feed pressure and propellant temperatures

decrease. The effect of propellant temperature has been discussed. The decrease with feed

pressure is typical for a thruster of this type and is due to a lower combustion efficiency as mass

flowrate and chamber pressure decrease.

ARC's 2 lbfthruster uses a high level of fuel barrier cooling to maintain low chamber

and injector temperatures when the thruster is firing. The chamber temperatures are measured
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using an Agema infrared camera and the data in Table 5 that chamber temperatures are below

about 870C (1700F) at all conditions. At the lower feed pressures, chamber temperatures were

below the infrared scanner measurement threshold of 260C (50OF).

Figure 23 shows how the injector temperatures are affected by the propellant feed

pressure and temperature. Due to the high level of barrier cooling in this thruster, the injector

temperatures are quite low. At the normal operating condition with 21C (70F) propellant, the

injector temperature is about 49C (120F) over the entire range of feed pressures. As shown in

Figure 23, the injector temperature decreases as the propellant temperature is reduced. As

propellant temperature is reduced, the injector temperatures show a greater sensitivity to feed

pressure. The strong influence of propellant temperature on the injector temperature is expected

since the propellant provides the primary cooling for the injector.
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7.0 CONCLUSIONS

ARC's 10N thruster was successfully tested with propellant cooled to --40C and the

thruster and valves cooled below this level. The thruster was operated successfully over the

entire propellant temperature range of 21C to -40C (70F to --40F) and feed pressure range of 6.9

- 20.7 bar (100-300 psia) required by the NASA-approved test matrix. While the thruster was

not designed to operate at these conditions, it did demonstrate the capability to operate

successfully at the temperature conditions expected to be encountered in the Mars environment.

When operating with -40C propellants, the thruster experienced a shift in mixture ratio

from the nominal value of 1.65 with 21C propellants to about 1.85. This shift is caused by the

increase in the MMH viscosity as propellant temperatures are reduced with a consequent

reduction in the MMH flowrate and increase in mixture ratio. The increase in mixture ratio and

the lower energy content of the --40C propellants cause a slight reduction of specific impulse of

about 10s compared to the baseline value with 21C propellants.

During this program, ARC successfully demonstrated the ability to manufacture MON-25

as required to conduct these tests. The procedures are now in place to make this propellant for

any future activities. Further, ARC developed and demonstrated propellant conditioning systems

for the fuel and oxidizer with the capability to deliver propellants to the thruster at -40C with a

tolerance of+lC for tests of any duration. This ability to make propellants and to precisely

control propellant temperatures provides NASA the demonstrated capability to conduct such

Mars environment tests in the future.

The testing conducted on this program was exploratory in nature. The purpose was to use

an existing thruster design to determine if there were any unexpected problems which would be

encountered when operating a thruster with MON-25/MMH propellants at -40C. The

conclusion to be derived from these tests is that no such problems were uncovered and that a

properly designed thruster should have no difficulty operating in the Mars environment.
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8.0 RECOMMENDATIONS

Propellant Properties

There is a lack of data on the properties of MON-25, particularly at the low temperature

conditions of interest for the Mars environment. Data on the thermodynamic and transport

properties o f this propellant over the 100C to -50C range is needed to support thruster design

and performance evaluation activities. It is recommended that NASA compile a database of

MON-25 properties, identify deficiencies in the database, and initiate a program to obtain the

required data.

Thruster Design

The results in this report show that a thruster designed for 21C propellants will operate

somewhat differently when tested with -40C propellants. The reasons for the mixture ratio shift

and specific impulse decrease observed herein are understood. The mixture ratio shift can be

corrected by either modifying the injection orifices in the thruster or possibly, by using a

different set of trim orifices upstream of the valve. Modifying the design will allow one to

recover the Isp lost to the mixture ratio shift. It is recommended that in any future activity to

examine propulsion for the Mars environment, NASA provide a set of design objectives for the

thruster and consider modifying an existing design to meet these requirements before initiating a

test evaluation.
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