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Abstract  

A Constant Volume Combustion Cycle Engine concept 
consisting of a Pulse Detonation Combustor (PDC) followed 
by a conventional axial turbine was simulated numerically to 
determine the attenuation and reflection of a notional PDC 
pulse by the turbine. The multi-stage, time-accurate, turbo-
machinery solver TURBO was used to perform the calcula-
tion. The solution domain consisted of one notional detonation 
tube coupled to 5 vane passages and 8 rotor passages repre-
senting 1/8th of the annulus. The detonation tube was imple-
mented as an initial value problem with the thermodynamic 
state of the tube contents, when the detonation wave is about 
to exit, provided by a 1D code. Pressure time history data from 
the numerical simulation was compared to experimental data 
from a similar configuration to verify that the simulation is 
giving reasonable results. Analysis of the pressure data 
showed a spectrally averaged attenuation of about 15 dB 
across the turbine stage. An evaluation of turbine performance 
is also presented. 

Introduction 
It is increasingly difficult to achieve reductions in specific 

fuel consumption (SFC) within the current architecture of 
turbofan engines. One possible method to lower SFC is to 
fundamentally change the combustion process from deflagra-
tion to detonative combustion. In a detonation the combustion 
occurs coupled to a shock wave (this is the definition of a 
detonation wave). Because the combustion occurs at elevated 
pressure and temperature conditions behind the shock, it 
generates less entropy. This would theoretically lead to a 
combustor with a pressure rise and lower entropy production. 

A hybrid engine configuration has been proposed where the 
conventional combustor is replaced by detonation tubes. 
However the flow presented to the turbine from the detonation 
tubes is highly unsteady in time, contains a strong shock wave, 
and is spatially non-uniform to a much greater extent than a 
conventional combustor exit. At least two concerns arise from 
the non-standard flow into the turbine: (1) How much of the 
detonation wave pressure pulse would survive to the engine 
nozzle and possibly exit as noise? (2) Can a conventional 

axial-flow aircraft engine turbine operate efficiently with the 
non-uniform inlet flow? 

There is a small body of previous work on detonation 
tube/turbine interaction. The Air Force Research Laboratory 
has coupled a single detonation tube to the centrifugal turbine 
of an automotive turbocharger (ref. 1). The turbine produced 
power and survived the relatively short test with no visible 
damage. The turbine was operated over a wide range of 
conditions and its performance inferred from compressor flow 
measurements. Analysis of the measured pressure pulse before 
and after the turbine showed attenuation of 5 dB conserva-
tively (ref. 2). A series of experiments were performed for the 
General Electric Turbine Interaction Program (TIP) (ref. 3). 
The TIP rig consisted of an eight tube pulse detonation 
combustor coupled to a single stage, axial turbine from a 
locomotive turbocharger. An extensive data set was acquired 
which included several tube firing sequence configurations, 
multiple unsteady pressure measurements throughout the 
flowpath, and turbine work output measurements. The turbine 
power was again inferred from compressor flow measure-
ments. Peak pressure reductions of 9 to 10 dB were achieved. 
In another experiment, a six tube pulse detonation combustor 
was coupled to the power turbine from an auxiliary power unit 
(ref. 4). Peak detonation wave pressure attenuation was 
measured for various fill fractions, equivalence ratios, and 
turbine speeds. Peak pressure attenuation of ~15 dB was 
achieved for all operating speeds. For further overview of 
PDE development for propulsion applications see Dean  
(ref. 5). 

The approach for the current work is to use the TURBO 
solver to numerically simulate a notional pulse detonation tube 
coupled to an aircraft engine axial turbine stage. Data from the 
simulation are used to determine the attenuation of the 
pressure wave by the turbine stage.. Details of the problem 
setup are given next followed by a discussion of the pressure 
wave character, attenuation and turbine performance. 

Simulation Setup 
The TURBO code is a 3D, viscous, time-accurate code 

which solves the Reynolds-averaged Navier-Stokes equations 
in a rotating Cartesian coordinate system. The equations are 



NASA/TM—2007-214972 2

spatially discretized using a modified upwind scheme 
(Whitfield, et al. (ref. 6)) based on Roe (ref. 7) and Osher and 
Chakravarthy (ref. 8). Temporal discretization is second-order 
accurate backward differencing. The governing equations are 
time-marched with an implicit scheme based on an iterative 
Newton algorithm with flux Jacobians computed using the 
flux-vector splitting technique of Steger and Warming (ref. 9) 
and analytical viscous Jacobians. Matrix inversion is accom-
plished using a symmetric Gauss-Siedel technique and 
multiple Newton subiterations are performed at each time step 
to minimize linearization error. The effects of turbulence are 
incorporated using a NASA/CMOTT κ-ε turbulence model 
(Zhu and Shi (ref. 10)) with wall functions. TURBO computes 
the flowfields of single or multiple blade passages within 
either a complete blade row or a periodic circumferential 
sector of a blade row, and it is capable of simulating unsteady 
interaction between multiple blade rows using a dynamic 
sliding interface. Further information on the numerical aspects 
of TURBO can be found in Chen and Briley (ref. 11). The 
GUMBO pre-processor (ref. 12) was used to set boundary 
conditions and prepare the necessary input files for TURBO. 

Use of the TURBO code allowed the turbomachinery to be 
coupled with a notional detonation tube in a single simulation. 
The geometry simulated is the first stage high pressure turbine 
from a contemporary, high bypass ratio, turbofan engine. 
Analysis of the base configuration was presented by List et al. 
(ref. 13). An overview of the geometry is shown in figure 1. 
Two modifications of the geometry were done to make the 

simulation more typical of the hybrid engine configuration and 
to reduce the necessary computational resources. First, in a 
conventional engine the combustor flow is very low speed, 
Mach ~0.05. This is unrealistically low for the hybrid engine 
because the detonation tube purge time would be excessive. 
To raise the Mach number to ~0.2 the vane inlet region hub 
radius was increased (flow area decreased). The vane geome-
try was then extended upstream at constant area to produce a 
volume in which the detonation tube could be modeled. 
Second, the rotor blade count was changed from 68 to 64. The 
rotor blade geometry was not altered but the flow path area 
was scaled to account for the change in metal blockage. The 
vane count is 40, thus a periodic sector consisting of 5 vanes 
and 8 rotors, 1/8th annulus, could be simulated. 

The vane has 101 nodes on the chord, 55 nodes hub to case, 
and 45 nodes blade to blade. The rotor has 105 nodes on the 
chord with identical spanwise and tangential node counts as 
the vane. The rotor had 4 equal size cells in the tip clearance 
gap in the radial direction. The clearance gap is modeled as a 
periodic condition across the blade tip. The detonation tube 
volume is modeled by ~1M nodes (200x55x90) with uniform 
cell size in the axial and tangential directions (no stretching). 
The exit of the detonation tube is one vane axial chord 
upstream of the vane leading edge. With upstream and 
downstream extensions, one vane mesh is 915,750 nodes and 
one rotor mesh is 398,475 nodes which yields a total node 
count for the periodic sector of 7.77M nodes. 

 
 

 
Figure 1.—The turbine stage geometry with the detonation tube volume 

embedded in the inlet region of the vane meshes. 
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Figure 2.—Static pressure at the initial condition on a midspan surface. 

Gray dots show numerical pressure probe locations (for clarity, the 
vane domain exit pressure probes are not shown). 

 
Boundary conditions for the simulation are as follows. The 

inlet boundary was low-Mach number, isentropic where a 
radial profile of total pressure, total temperature, and flow 
angle are specified. The properties are uniform in the tangen-
tial direction. Note that this is a reflective type of boundary 
condition. The exit boundary was two-dimensional non-
reflecting with the base flow provided from a steady state 
simulation of the turbine. The detonation tube was ‘con-
structed’ of slip wall boundary conditions on mesh surfaces as 
illustrated in figure 1. Slip conditions were chosen because the 
uniform tangential grid spacing was optimum for preserving 
propagating waves but not adequate to resolve a boundary 
layer. Both the vane and rotor have cooling flows included by 
using source terms. The source terms are steady state and will 
not respond to passage of the shock wave nor will they 
respond if the turbine is off condition. Numerical pressure 
probes are also included at seven axial locations at hub, mid-
span, and casing radial locations. Pressure values are recorded 
at the axial locations of the inlet, tube exit, vane leading edge, 
vane mesh exit, rotor mesh inlet, and rotor mesh exit. The 
pressure probes in the rotor rotate with the blade. 

As stated earlier, the detonation tube was modeled as an 
initial value problem within a volume of cells which were part 
of the vane meshes. The one-dimensional gas dynamic code of 
Paxson (ref. 14) was used to calculate the properties in a 
detonation tube at the instant that the detonation wave was at 
the tube exit. At the beginning of a tube firing cycle, the 
conditions from Paxson’s code were imposed on the volume 
of cells comprising the detonation tube in the 3D mesh. See 
figure 2 for an illustration of the initial condition. The peak 

pressure and temperature of the detonation was set to 8x the 
tube reference values based on peak pressure amplitudes 
measured in detonation tubes operating with hydrocarbon 
fuels. The calculation was started and the detonation wave 
propagated from the tube exit and into the turbine domain. 
This procedure is equivalent to a shock tube calculation. Note 
that TURBO is not calculating any chemical kinetics (combus-
tion); this was strictly a gas dynamic calculation. 

For a fair comparison of turbine performance and for the 
turbine to operate on design the equivalent conditions at the 
vane inlet must be the same in the PDC case as in the conven-
tional combustor configuration. The proper definition of the 
equivalent condition is still uncertain for flows generated by 
the PDC where large excursions of properties in time and 
spatial non-uniformities exist. Additionally, the mixing loss 
experienced by such an unsteady flow is not known a priori. 
Given these uncertainties, the configuration of the detonation 
tube for the simulation was based on the following restrictions 
and assumptions. The goal is to size the detonation tube 
correctly so that the proper enthalpy is added to the flow and 
the turbine operates at its design point. The turbine inlet 
condition is controlled by: 

 

1. The tube firing frequency 
2. The choice of inlet total pressure and total temperature 
3. The detonation tube exit area 
 

For convenience, the tube firing frequency was assumed to 
be 86.925 Hz which is ½ the turbine rotational frequency. 
Therefore, one tube firing/purge cycle required two turbine 
rotor revolutions. This firing frequency is higher than what has 
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been demonstrated in detonation tubes with liquid fuels and is, 
therefore, optimistic. For reference, the turbine first blade 
passing frequency is 11.126 kHz which illustrates the vastly 
different time scales present in the problem. 

The choice of inlet total pressure and temperature must be 
based on the anticipated performance of the PDC. As a 
starting point, the inlet total temperature was set to the 
compressor exit, T3. The choice of inlet total pressure was 
more difficult because of two competing requirements. Firstly, 
assuming limited computing resources, it was desired to have 
the turbine operating nearly on design for the first detonation 
tube firing. This required that total pressure be adjusted to 
match corrected flow based on T3 so that flow angles and 
loading are correct. For a single tube firing the turbine 
aerodynamics would be more representative for calculating 
attenuation. Secondly, if multiple tube firing cycles could be 
calculated, the turbine inlet conditions would reach some 
repeatable state where the PDC is (possibly) generating a 
pressure rise. In this case the inlet Pt should be adjusted to 
account for the pressure rise and maintain some equivalent 
turbine inlet pressure, P4. The final value of inlet total 
pressure was a compromise. The ratio of P4 to inlet Pt was 
1.63 which is slightly higher than what maintains corrected 
flow at T3 and (probably) too low for the PDC to make up in 
its pressure rise. Ideally, the PDC pressure ratio would be 
determined from a simulation and the inlet pressure adjusted. 
Within resource constraints, this was not done for this work 
and the turbine will be somewhat off design. 

The third independent variable is tube area. It is not physi-
cally possible to generate a detonation in tubes that are too 
small or too large in diameter. Many hybrid engine conceptual 
designs also have bypass flow around the tubes for cooling 

purposes. In other words, a small, narrow tube is not a good 
choice and a tube that is the whole annulus is also not realistic. 
Some initial 2D calculations indicated that a tube the width of 
a single vane passage is not large enough to add sufficient 
enthalpy. A tube the width of two vane passages appeared 
adequate and was used for the 3D simulations. 

Tube purge was implemented by changing the boundary 
condition on the head end of the tube from slip wall to 
isentropic inlet. The fraction of cycle at which purge begins is, 
of course, configuration dependent. Purge timings are shown 
in the next section. 

Simulation Convergence 
A small time step is necessary to maintain code stability. A 

1D version of the numerical algorithm implemented in 
TURBO was used for a shock tube problem in order to help 
estimate the maximum time step permissible for the turbine 
calculation. Results from the 1D code indicated that the 
detonation wave cannot advance more than one node in a time 
step or numerical instabilities occur. Based on those results a 
very conservative (small) time step of 1600 iterations per 
blade passing was chosen for the turbine calculation. This time 
step is 10 times smaller than what would be used for a typical 
aerodynamic calculation of a turbine. 

Three complete tube firing cycles were calculated. Figure 3 
shows the static pressure trace from the Probe 12 location at 
mid-span. Probe 12 is located at the vane inlet plane directly 
downstream of the detonation tube as shown in figure 2. The 
start of the tube purge cycles are shown as red lines in  
figure 3. The boundary condition on the head end of the tube  
 

 

 
Figure 3.—Static pressure history at the Probe 12 location, mid span show-

ing the three tube firing cycles calculated. Note that the tube purge was 
started earlier in the 3rd firing cycle to prevent the underpressure that oc-
curred in the previous cycles. 
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was changed from solid wall to isentropic inlet instantane-
ously to purge the tube. For the 3rd firing cycle the tube purge 
was started earlier to prevent the underpressure from occur-
ring. The pressure traces are now analyzed in more detail. 

Pressure Transmission Loss Through the 
Turbine Stage 

In this section the static pressure transmission loss (PTL) 
through the turbine stage is computed using the simulation 
data. While pressure histories have been obtained at hub, mid-
span and casing locations for some 36 “probe” locations in the 
computational domain (see fig. 2), the main interest in this 
section is to determine the average PTL through the turbine 
stage. As such, only the probes immediately upstream of the 
vane (i.e., 11 through 15), those between the vane and the 
rotor (i.e., 16 through 28), and those downstream of the rotor 
(i.e., 37 through 44) are relevant. Furthermore, since we seek 
to find the average pressure transmission loss through the 
stage, the fine details of pressure time histories at the various 
probe locations are ignored. In any case, the basic waveforms 
(and hence, their spectral content) are similar save for 
amplitude differences and some fine scale details in each axial 
plane making the averaging of the spectra a reasonable 
assumption. For example, in figure 4, computed pressure 
histories for locations just upstream of the vane are plotted. In 
the left frame of this figure, the time histories corresponding to 
the hub, mid-span and casing stations are plotted for the probe 
location 13. Except for the amplitude differences, the basic 
waveforms are quite similar. The same is true when compar-
ing the waveforms for the five mid-span probes just upstream 
of the vane, namely 11 through 15. Therefore, in what follows 
the spectra are shown in an average sense. The averaging is 
done in two stages. First, the spectra for hub, mid-span and 
casing stations are averaged for each probe location. Then, the 
average spectra for three regions are computed. These are 
region 1 just upstream of the vane, region 2 between the vane 
and the rotor, and region 3 just downstream of the rotor. 

It should be noted that the pressure time histories at probes 
11 through 20 were extracted from the computational blocks 
in the stationary frame of reference, while those at probes 21 
through 44 were extracted from the computational blocks in 
the rotating frame of reference. While the magnitude of static 
pressure is independent of the frame of reference, its fre-
quency content is dependent on the frame of reference. 
Therefore, the spectra for the “stationary” probes show 
harmonic content at the so-called blade-passing-frequency 
(i.e., multiples of 11.126 kHz) and the spectra for the “rotat-
ing” probes show harmonic content at the vane-passing-
frequency (i.e., multiples of 6.965 kHz). 

This is clearly evident in time-frequency plots shown in 
figure 5. These show spectrally averaged data across the span 
at four probe locations. The top left frame shows the results 
for probe 13, the top right frame for probe 18, the bottom left 
frame for probe 25, and the bottom right frame for probe 44. 

The blade-passing-frequency harmonics for the stationary 
probe 18, and the vane-passing-frequency harmonics for the 
rotating probes 25 and 41 are clearly evident as vertical 
streaks. Note that there is little evidence of the blade-passing-
frequency content upstream of the vane. This is likely a 
consequence of the high speed flow through the vane passages 
impeding the upstream propagation of waves. It is also 
interesting to note the evolution of the spectral content as a 
function of time. Within each detonation pulse period (around 
11.3 msec), as time is advanced (i.e., vertical scale) the 
initially rich spectral content of the detonation wave gives way 
to dominantly harmonic content (driven by the blade row 
interaction) until the next pulse is introduced. It should be 
noted here that while the spectral information exist up to the 
Nyquist limit of one half of the sampling rate (~8.5 MHz), 
frequencies relevant to practical application are limited to  
50 kHz or less. However, in order to establish trends, spectra 
are shown to 100 kHz. 

 

 
Figure 4.—Pressure time series data from the simulation 

shown for select points. The left frame shows the time 
histories for the probe 13 at hub, mid-span and tip locations. 
The right frame shows the time histories for the mid-span 
location for probes 11 through 15 all of which are located just 
upstream of the vane.  
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Figure 5.—Time evolution of the frequency content of the unsteady pressure in the vicinity of the turbine stage at four 

locations. Top left frame is for a point just upstream of the vane, top right and bottom left frames are for points be-
tween the vane and the rotor, and the bottom right frame for a point downstream of the rotor. The top frames show 
simulation pressure histories sampled using stationary “probes” and the bottom frames show simulation pressure 
histories sampled using rotating “probes”.  Note the preponderance of vertical streaks in the top right and two bot-
tom frames. The ones in the top right frame represent the blade-passing-frequency harmonics (multiples of 11.126 
kHz), and the ones in the bottom frames represent vane-passing-frequency harmonics (multiples of 6.965 kHz). 

 
 
In figure 6, the probe-wise average spectra in each region 

are further averaged in groups in order to obtain representative 
spectral pressure levels ahead of the vane, between the vane 
and the rotor, and downstream of the rotor. These averaged 
spectra are represented by the red curve in region 1 (the 
average of the data from probes 11 through 15), the orange 
curve in region 2 (the average of the data from probes 16 
through 20), the black curve in region 2 (the average of the 
data from probes 21 through 28), and finally the gray curve in 
region 3 (the average of the data from probes 37 through 44). 
Note that the red and orange curves are spectra from stationary 
probes, and the black and gray curves spectra from the rotating 
probes. The blade-passing-frequency and vane-passing-
frequency content are clearly evident in these representative 
regional spectra too. 

The final step is to compute the blade row PTLs by sub-
tracting the matched sets of the spectra upstream and down-
stream of each blade row. The stage PTL is then formed by 
adding the individual blade row PTLs. The results are shown 

in figure 7. The red curve is the transmission loss across the 
vane, the black curve the transmission loss across the rotor, 
and the blue curve a straightforward sum of the two represent-
ing a good approximation to the transmission loss across the 
stage. It should be noted that summing the individual blade 
row PTLs is legitimate in the average sense, since we are not 
interested in fine-detail frequency-by-frequency transmission 
loss information in which case it would be necessary to 
appropriately interpret the frequency content in the rotating 
frame in order to do a legitimate frequency-by-frequency 
subtraction of the spectra upstream and downstream of the 
stage thus circumventing the need for the intermediate inter-
stage information. Therefore, accepting this approximation, 
the average pressure transmission loss across the stage is 
estimated to be ~15 dB (note the light blue curve fit through 
the stage PTL). This is substantially more than the simple 
transmission loss estimate obtained in an internal NASA study 
a few years ago, which determined the turbine transmission 
loss to be ~5 dB per stage (ref. 2). 
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Figure 6.—Region-averaged spectra for points upstream of the vane (red curve), 

between the vane and rotor (orange and black curves), and downstream of the 
rotor (gray). The red and orange curves are derived from simulation data ob-
tained from stationary “probes” and the black and gray curves are derived from 
simulation data from rotating “probes”. Note the blade- and vane-passing-
frequency harmonic content. 

 

 
Figure 7.—Pressure transmission loss (PTL) as a function of frequency. Red curve is 

the PTL across the vane, black curve is the PTL across the rotor, and blue curve is 
the combined (spectral sum) of the two representing the PTL across the stage. The 
light blue line through the stage PTL plot is a curve fit to provide estimates of the 
PTL as a function of the frequency. 
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It is worth noting that when the individual blade row trans-
mission loss data is examined, it is clear that while both blade 
rows are effective in attenuating the low-frequency content, 
the rotor is significantly more effective in mitigating the high-
frequency content than is the vane. This is partially due to the 
higher count (smaller pitch) for the rotor compared with the 
stator, but there are likely additional justifications too which 
are not explored in this paper. 

Turbine Aerodynamic Performance 
Determining the efficiency of a cooled turbine is difficult 

due to the need to define the ideal work output with contribu-
tions from the cooling flows (ref. 15). There is no industry 
standard method. With the current simulation there was the 
added complexity of the impulsive inflow to the turbine. The 
analysis began by looking at the time history of some 
averaged quantities that would typically be used to determine 
turbine performance. 

To do the averaging, three analysis stations were defined: 
tube exit, interface, and rotor exit. The tube exit station was 
slightly downstream of the actual tube exit but is in a region of 
where the mesh lines were at constant axial locations. See 
figure 2. The interface station was midway between the vane 
trailing edge and the rotor leading edge. The rotor exit station 
was one cell upstream of the rotor mesh exit plane. Both the 
interface and rotor exit stations were on mesh faces where the 
mesh lines had constant axial positions. 

The averaging was done over the above mesh planes within 
the 3D flow fields. As such, it was impractical to store the 3D 
flow field for every time step. 3D solutions were stored at a 
frequency of 10 per rotor blade passing period for the first  
2.2 msec and 2 per rotor passing period for the remainder of 
the firing cycle. This gave 241 averages during the most active 
part of the firing cycle and 209 averages during the tube purge 
portion of the cycle where the conditions were quasi steady. 
The analysis was done using the linear variable specific heat 
model described by Turner (ref. 16). 

The first quantity analyzed is mass flow. Figure 8 shows 
dimensionless mass flow at the three analysis stations versus 
time. The initial portion of the firing cycle is shown in more 
detail in the lower plot. The detonation tube firing is character-
ized by a strong jet of mass flow as shown by the peak in the 
tube exit curve. The vane passages directly downstream of the 
tube cannot accommodate the mass flow rate. This causes a 
back flow and circumferential spreading of the hot gasses as 
seen in figure 9 and as indicated by the negative mass flow 
from the tube exit station in Fig. 8. Eventually the vane 
passages can accommodate the flow exiting the tube and the 
back flow ceases. Note also the mass addition due to the vane 
and rotor cooling flows is apparent by the offset of the three 
curves during the purge portion of the cycle. The cooling 
flows are a significant portion of the throughflow and must be 
accounted for in any performance calculations. The presence 
of reverse flow at the tube exit station makes the use of the 
typical mass weighted average quantities problematic. 

 

 
Figure 8.—Dimensionless mass flow at the three performance analysis stations. The up-

per plot shows the entire Firing 3 time history. The lower plot is a detailed view of the 
first 1.5 msec of Firing 3. The tube purge begins at 0.6 msec. 
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Figure 9.—Instantaneous view of reverse flow at the inlet of the vane passages directly downstream of the 

detonation tube. This reverse flow appears as a negative mass flow for the tube exit station shown in  
figure 8. 

 

 
Figure 10.—Area average total pressure at the three performance analysis stations. 

 
 
Figure 10 shows the area average total pressure, Pt, versus 

time for the complete cycle and a detail of the initial detona-
tion wave passing. Area weighting is used for illustrative 
purposes because the typical mass weighted average is ill 
defined for reverse flow. The total pressure behaves as 
expected through the turbine. Note that these are area averages 
and the peak pressure amplitude can be much greater for an 
individual region of the flow. Figure 11 shows the focusing of 
the detonation wave by the pressure surface of the vane. Very 
high static pressure is present (~100 atm) albeit for a very 
brief time period. 

Figure 12 shows the total enthalpy flux versus time. The 
backflow at the tube exit shows as a negative flux of enthalpy. 

Based on the mass weighted averages, the curves are inte-
grated in time to yield a 1D performance number for Firing 
cycle 3. First the performance of the pulse detonation 
combustor is given in table 1. The pressure and temperature 
ratio are based on the mass weighted average tube exit Pt and 
Tt divided by the inlet conditions. The PDC performance is 
compared to a conventional combustor. The PDC does 
produce a pressure rise as intended but falls short of reaching 
the pressure ratio necessary (1.60) to achieve the turbine  
 



NASA/TM—2007-214972 10

 
Figure 11.—Instantaneous view of the focusing of the detonation wave by the concave curvature of the vane 

pressure surface. Normalized static pressure is shown. Peak pressure is ~3x reference pressure. 
 

 
Figure 12.—Flux of total enthalpy at the three analysis stations. The upper plot shows the 

entire Firing 3 cycle. The lower plot shows a detailed view of the first 1.5 msec of Firing 3. 
 
 

 
design condition inlet Pt. The enthalpy introduced is also not 
adequate to reach the design Tt. As stated in the introduction, 
this outcome was surmised at the outset of the calculation but 
the exact performance of the PDC could not be known a 
priori. It is now evident that the enthalpy input must be 
increased by 50% to reach the turbine design condition. This 
could be done by increasing the tube area by 50% or by 
increasing the tube firing frequency. 
 

TABLE 1.—PULSE DETONATION COMBUSTOR 
PERFORMANCE COMPARISON. 

 PDC Conventional 
Pressure ratio 1.09 0.95 
Temp. ratio 1.33 2.10 
 
The performance across the turbine stage is given in table 2. 

As stated earlier, the calculation of the performance was not 
straightforward and the analysis was as follows. 
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TABLE 2.—TURBINE STAGE AERO  
PERFORMANCE WITH PDC INFLOW. 

Pressure ratio 
Inlet to exit 

Enthalpy ratio 
Inlet to exit 

Efficiency 

1.72 1.17 ~26.7% 
 
 

The possible advantage of an impulsive inflow is the ability 
to extract more work through unsteady processes. For 
example, in a conventional steady flow turbine the typical 
inlet radial profile of total temperature will always cause a loss 
due to mixing because the steady flow has no method to 
recover the inherent availability in a temperature gradient. In 
an unsteady process there is the possibility of ‘moving’ energy 
from one form to another that is capable of producing useful 
work. The moving shock wave produces a static pressure rise 
but much of its energy is dissipated as heat. However, when 
the shock interacts with the turbine (the shock focusing of fig. 
11) more of the energy may be converted to static pressure 
from which useful work can be extracted by the turbine. 

The H-s diagram of figure 13 indicates that unsteady proc-
esses may be important. The solid curves represent constant Pt 
lines based on the integrated mass-weighted average Pt at the 
three analysis stations. The symbols are integrated mass-
weighted normalized enthalpy and entropy plotted directly. 
For a steady process the symbols would lie directly on the 
curves. The symbols being above the curves indicates that 
more energy is potentially available to do work than what was 
expected. Further investigation is necessary to fully explain 
this result. 

To determine the turbine efficiency the actual work and 
ideal work must be calculated including the influence of 
cooling flows. Figure 14 shows the H-s diagram for the 

efficiency calculation. To determine the turbine stage exit 
condition a constant Pt line based on the integrated H and s 
was constructed. In other words, the constant Pt curves goes 
through the integrated exit H-s point (green diamond symbol). 
For the inlet condition the cooling flows were assumed to 
enter at the inlet integrated mass-weighted Pt (triangle 
symbol). The coolant flow fraction is 41.6% of inlet flow. A 
mixed inlet condition was constructed as the mass weighted 
average of the coolant and powerstream enthalpies (asterisk 
symbol). The ideal exit condition is simply the intersection of 
a constant entropy line with the exit Pt curve. The actual work 
is the difference in the mixed inlet and integrated exit 
enthalpy. This ratio gives an efficiency of 26.7%. For 
comparison, a similar cooled turbine is the E3 HPT. This two-
stage turbine had a thermodynamic efficiency of 88.5% at its 
design condition (refs. 17 and 18). The turbine in the current 
simulation is off design (inlet flow rate is low because Pt and 
Tt are lower than design) and the coolant flow fraction is too 
high (the E3 turbine had 15% cooling flow relative to the inlet 
flow). A true and fair comparison is difficult at this time. More 
work is necessary to understand all of the mechanisms at work 
and to reach a definitive answer for turbine efficiency given an 
impulsive inlet flow. 

Conclusions 
A detonation tube – turbine interaction was simulated using 

the TURBO solver. The numerical results were analyzed to 
determine the spectral average pressure transmission loss 
(PTL) and turbine stage performance. 

The turbine stage very effectively attenuated all frequen-
cies. The total attenuation was on the order of 15 dB per stage. 

 
 
 

 
Figure 13.—Enthalpy- entropy diagram for the turbine stage based on integrated quantities. 
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Figure 14.—Enthalpy- entropy diagram showing the stage efficiency definition. 

 
 

Detailed performance analysis showed some unusual be-
havior when attempting to use standard steady state turbine 
performance metrics. The results seem to indicate that 
unsteady processes play a significant role in the turbine 
performance. Based on assumptions stated in the paper, a 
turbine efficiency of 26.7% was determined. Because the 
turbine was significantly off-design, no definitive conclusion 
is possible at this time regarding the ability of a conventional 
turbine to utilize efficiently the impulsive flow from a pulse 
detonation combustor. 
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